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THE  MISSION  OF  AGARD 


PREFACE 


The  Structures  and  Materials  Panel  of  the  NATO  Advisory  Group  for  Aerospace  Research  and  Development 
(AGARD)  consists  of  engineers,  scientist  and  technical  administrators  from  industry,  government  and  universities 
throughout  the  NATO  nations,  and  is  concerned  with  the  advancement  of  aerospace  research  and  development  and  the 
application  of  the  results  to  the  design  and  construction  of,  and  the  solution  of  problems  arising  during  the  operation 
of  NATO  military  vehicles,  systems  and  equipment.  The  biannual  Panel  Meetings  provide  forums  for  specialist  multi¬ 
national  discussions  of  problems  and  research  information  and  for  initiating  and  monitoring  cooperative  studies  and 
experimental  programmes.  The  Panel  also  provides  a  mechanism  for  the  planning,  preparation  and  distribution  of 
surveys  and  reports  on  the  present  state  of  knowledge  in  technical  areas  within  the  fields  of  Structures  and  Materials 
selected  because  of  their  importance  and  their  relevance  to  current  or  future  problems  facing  the  NATO  aerospace 
community. 

In  recent  years,  fracture  mechanics  became  an  important  factor  in  aircraft  design  and  development.  Even  though 
considerable  progress  has  been  made  with  the  application  of  advanced  calculation  methods  and  computer  programmes 
improving  the  accuracy  of  flight-load  prediction  and  calculated  stresses,  it  has  to  be  envisaged  that  cracks  in  aircraft 
structures  may  occur,  initiated  during  manufacture  or  in  service.  These  initial  cracks  will  propagate  under  service 
loading  and  finally  could  lead  to  a  complete  failure  of  the  part,  i.e.  the  structure.  Therefore,  adequate  measures  have 
to  be  taken  by  the  designer  to  avoid  catastrophic  service  failures. 

With  the  aim  of  ensuring  the  required  safety  in  aircraft  operation,  different  design  philosophies  have  been  developed 
in  the  last  twenty  years.  However,  it  was  learned  by  service  experience  that  the  fail-safe  and  safe-life  philosophies 
applied  in  the  fifties  and  sixties  were  not  satisfactory.  The  progressing  development  of  fracture  mechanics  theory 
opened  new  possibilities  to  investigate  the  fracture  behaviour  of  aircraft  components  and  predicting  crack  propagation 
and  residual  strength  characteristics.  New  testing  techniques  were  developed  to  determine  the  required  material  data 
necessary  for  fracture  mechanical  calculation.  The  application  of  fracture  mechanics  concepts  in  aircraft  design,  the 
theoretical  and  experimental  investigation  of  the  fracture  behaviour  of  complete  aircraft  structures  are  also  reflected  in 
MIL-STD-83444. 

Realizing  the  different  problems  in  the  field  of  aerospace-structures  experienced  with  new  high-strength  materials, 
e.g.  flaw  susceptibility,  stress  corrosion,  crack  detection,  crack  propagation  and  residual  strength  aspects,  the  Panel  was 
of  the  opinion  that  the  existing  knowledge  and  the  experience  gained  by  the  application  of  fracture  mechanics  concepts 
in  aircraft  design  should  be  collected  and  made  available  to  engineers  and  designers  in  a  handbook  on  Practical  Applica¬ 
tions  of  Fracture  Mechanics.  The  Panel  set  up  a  Fracture  Mechanics  Working  Group  to  commission  and  monitor  the 
preparation  of  a  comprehensive  survey  of  the  pertinent  information  presently  available  on  the  application  of  fracture 
mechanics  to  the  fracture  of  metals  and  actual  structures.  In  addition,  this  work  had  to  cover  engine  components, 
built-up  structures,  integral  structures,  joints,  lugs  and  fasteners,  forgings,  effects  of  stress  corrosion  and  problems  of 
scatter  including  fundamentals  of  determining  stress  concentration  factors,  fatigue  crack  propagation  and  residual  strength 
calculations. 

It  was  recognized  that  fracture  mechanics  was  an  inter-disciplinary  growth  area  of  research  of  ever  increasing 
importance  to  those  people  concerned  with  the  design  and  operational  management  of  aircraft,  especially  in  the  light 
of  the  modem  airframe  fail-safe  design  philosophy  and  aircraft  safety.  It  was  therefore  decided  that  the  resulting 
critical  survey  report  should  be  given  a  wide  circulation  within  the  NATO  nations. 

The  Panel  was  very  fortunate  from  the  outset  in  securing  the  services  as  Coordinator  and  Editor  of  Dean  Harold 
Liebowitz,  School  of  Engineering  and  Applied  Science,  The  George  Washington  University,  Washington,  D.C.,  a  world 
renowned  expert  on  the  fracture  of  materials. 

An  essential  feature  of  AGARD  activities  is  the  pooling  of  relevant  knowledge  within  the  NATO  nations  and  the 
bringing  together  of  specialists  for  informed  discussions  and  debate  on  the  subject  concerned.  This  occurred  in  full 
measure  within  the  Fracture  Mechanics  Working  Group  and  the  Panel  is  indebted  not  only  to  Dean  H. Liebowitz,  the 
Coordinator  and  Editor  for  his  outstanding  efforts  but  especially  to  the  many  contributors  to  the  monograph 
“Practical  Applications  of  Fracture  Mechanics"  itself  from  the  nations:  Canada,  Belgium,  France,  Germany,  Italy, 
Netherlands,  UK  and  USA. 


H.J.ZOCHER 

Chairman,  Fracture  Mechanics  Working  Group 
AGARD  Structures  and  Materials  Pjnel 
Munich.  Germany 
January  25,  1980 
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FOREWORD 


The  Structures  and  Materials  Panel’s  Fracture  Mechanics  Working  Group  has  been  working,  since  its  inception  in 
1971,  to  make  available  a  requisite  body  of  knowledge  to  facilitate  an  understanding  of  fracture  and  its  implications 
for,  and  applications  to,  aircraft. 

In  1974,  the  Structures  and  Materials  Panel  published  AGARDograph  176  Fracture  Mechanics  of  Aircraft  Structures, 
to  encourage  the  dissemination  of  fracture  mechanics  work  in  aircraft  design,  materials  selection,  and  nondestructive 
evaluation  as  well  as  provide  a  detailed  survey  of  the  principal  tools,  testing  methods,  and  materials  data. 

Following  this  publication,  the  Panel  decided  to  continue  its  activities  with  a  focus  on  Fracture  Mechanics  Design 
Methodology  to  address  the  following  areas:  practical  applications  of  fracture  mechanics  in  the  design  of  new  aircraft; 
durability  and  damage  tolerance  assessment  in  aircraft  in  service;  design  methodology  for  built-up  sheet  structures; 
selection  of  aircraft  with  forgings,  lugs,  etc.  A  specialists'  meeting  was  set  up  and  the  results  of  this  meeting  are 
contained  in  AGARD  CP-22 1 ,  Fracture  Mechanics  Design  Methodology. 

This  volume  on  fracture  mechanics  has  essentially  been  oriented  to  preseiu  practical  applications  of  all  aspects  of 
aircraft  design,  manufacture,  and  testing.  Although  theoretical  discussions  and  presentations  have  been  included  to 
afford  the  engineer,  scientist,  and  aircraft  designer  an  appreciation  of  the  complexity  of  the  problems  involved,  the 
main  emphasis  has  been  on  practical  examples  of  the  application  of  fracture  mechanics.  It  is  important  to  emphasize 
that  this  undertaking  was  to  be  an  international  effort,  rather  than  being  confined  to  one  country. 

The  Editor,  Professor  H.Liebowitz,  wishes  to  thank  the  Chairman,  Mr  Horst  Zoch.er  (Germany),  and  members  of 
the  Working  Group,  Dr  L.A. Harris  (USA),  Dr  G.Incarbone  (Italy),  Mr  J.B.  de  Jonge  (Netherlands),  Dr  R  Labourdette 
(France),  Mr  E.L.Ripley  (UK)  Mr  J.A.Dunsby  (Canada),  Prof.  A.Salvetti  (Italy),  Prof.  F.A.Deruyttere  (Belgium), 

Prof.  J.W.Mar  (USA),  Mr  G.P.Peterson  (USA),  Dr  N.M.Tallan  (USA),  Mr  F.Niordson  (Denmark),  and  Mr  W.G.Heath  (UK) 
who  also  served  as  Chairman  of  the  Editorial  Committee,  for  their  significant  efforts  and  assistance  in  providing 
guidance  and  direction  during  the  course  of  preparing  this  publication. 

Appreciation  is  also  given  to  the  administrative  and  technical  staff,  especially  to  Mr  John  M.N.Willis  and  Ms.  Alice 
Guerillot,  of  the  Structures  and  Materials  Panel,  Paiis,  for  the  many  helpful  suggestions  and  assistance  rendered.  In 
addition,  the  Panel  Coordinators  from  each  NATO  country  participated  in  obtaining  the  information  to  make  this  a 
truly  international  cooperative  project. 

Special  thanks  are  due  to  Dr  T.Gaymann  (Germany),  and  Dr  R.S.Berrisford  (USA)  and  the  other  members  and 
participants  of  the  Structures  and  Materials  Panel  for  their  interest  and  participation  in  helping  to  achieve  the  objectives 
of  this  study. 

Special  thank.*  are  also  due  to  the  many  contributors  indicated  in  the  List  of  Contributors  for  their  unfailing  co¬ 
operation  and  untiring  assistance  in  providing  the  material  for  the  comprehensive  discussions  and  descriptions  of 
Practical  Applications  of  Fracture  Mechanics  to  aircraft  design,  manufacture,  and  testing. 


H.LIEBOWITZ 
Coordinator  and  Editor 
Washington,  D.C. 

November  1579 
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1.  INTRODUCTION 


by 

Harold  liebowitz 

School  of  Engineering  and  Applied  Science 
George  Waehington  Univeralty 
Washington,  D.C.  200S2 
U.S.A. 


Fracture  Mechanica  principlea  and  their  application  in  the  aircraft  induatry 
have  made  significant  gains  in  the  laat  decade.  The  aaln  reaeona  for  this  advancement 
are  the  requirements  for  damage  tolerant  design  of  the  aircraft  and  the  availability 
of  efficient  computer  methods  to  deal  with  complex  crack  configurations.  Recognizing 
the  importance  of  Fracture  Mechanica  in  aircraft  design,  AGARD  first  published  a 
monograph  on  Fracture  Mechanics  of  Aircraft  Structures  (AG  176)  (Jan.  1974)  and  subse- 
quantly  published  the  proceedings  of  a  conference  on  Fracture  Mechanics  Design  Method¬ 
ology  (CP  221)  (Feb.  1977) .  On  the  basis  of  the  presentations  of  these  publications 
and  subsequent  discussions,  it  was  felt  that  a  manual  on  Fracture  Mechanics  Design 
Of  Aircraft  Structures  would  be  of  great  help  to  both  the  designer  and  the  researcher. 
It  is  expected  that  the  present  design  manual  will  be  useful  to  aircraft  designers 
with  a  background  knowledge  of  Fracture  Mechanics  as  discussed  in  the  publications 
mentioned  above  and  to  researchers  in  this  field. 

Fracture  Mechanics  applications  to  aircraft  structures  can  be  seen  in  the 
design  and  operational  phases,  as  well  as  in  the  maintenance  and  failure  analysis 
phases.  Since  the  damage  tolerance  calculations  require  the  residual  strength  and 
crack  growth  characteristics  to  be  evaluated  during  the  design  phase,  important  trade 
off  etudiea  on  the  choice  of  materials  and  the  optimum  type  of  construction  of  differ¬ 
ent  components  can  be  performed  at  an  early  stage.  Fail-safe  criteria  used  in  damage 
tolerance  anilysis  provide  useful  information  regarding  safe  Inspection  periods  and 
the  required  crack  detection  capabilities,  based  on  the  initial  crack  size  and  shape 
and  the  subsequent  crack  growth.  These  aspects  are  discussed  in  this  manual  with 
regard  to  various  aircraft  components. 

Experience  has  shown  that  practically  all  the  components  of  the  aircraft  are 
vulnerable  to  crack  propagation.  This  manual  considers  fracture  mechanics  appli¬ 
cations  to  the  built  up  structures  of  the  fuselage  and  wing  with  special  attention 
being  paid  to  various  joints  and  holesi  also  the  landing  gear  and  other  forged  com¬ 
ponents  are  treated  in  detail  because  of  their  special  fracture  characteristics.  An 
outline  of  fracture  mechanics  applications  to  the  gas  turbine  disk  and  blades  is 
provided  to  indicate  the  interaction  between  thermal  and  fatigue  cycling  on  crack 
growth,  although  uamage  tolerant  design  concepts  are  not  presently  applied  to  aircraft 
engine  components.  Special  chapters  on  variable  amplitude  loading,  stress  corrosion 
cracking  and  simple  analytical  techniques  to  obtain  stress  intensity  factors  provide 
valuable  background  information. 

Broadly  speaking,  the  various  design  examples  presented  in  this  manual  supple¬ 
mented  by  expert  comments,  indicate  that  care  should  be  exercised  in  modeling  the 
damage  and  in  relating  the  fracture  toughness  ar.d  crack  growth  characteristics  of 
actual  components  to  those  obtained  for  laboratory  specimens.  Where  possible,  the 
fracture  toughness  and  crack  growth  characteristics  corresponding  to  the  cracked 
specimens  from  the  critical  component  locations  should  be  compared  with  the  standard 
laboratory  results.  Also  the  validity  of  the  plane  strain  fracture  toughness  values 
for  a  cracked  component  should  be  checked  ba  sd  on  the  component  thickness  and 
yielding  in  the  uncracked  ligament  of  that  component. 

Design  examples  presented  in  this  manual  can  Be  broadly  classified  into  two 
categoriesi  damage  tolerant  design  of  a  new  component  and  damage  tolerance  study 
applied  to  an  existing  component.  In  the  case  of  a  new  component  many  assumptions 
are  made  regarding  critical  crack  locations,  geometry  and  orientations  and  here  a 
parametric  study  of  the  influence  of  crack  geometry  has  been  recommended.  Also,  crack 
growth  rates  based  on  laboratory  tests  may  be  often  widely  different  from  those 
applicable  to  the  component.  In  the  case  of  an  existing  component  the  critical 
locations,  shape  and  size  of  the  damage  as  well  as  the  crack  growth  characteristic  can 
be  obtained  from  the  actual  component  performance  using  the  techniques  of  NOT  and 
fractography . 

An  outline  of  the  contents  of  this  manual  and  some  significant  findings  are 
discussed  belowi 

Engine  Components 

Continuing  demands  for  Increased  engine  efficiency  and  fuel  economy  in 
aircraft  can  be  satisfied  only  through  improved  turbine  disk  and  blade  durability. 
Fracture  mechanics  principles  and  crack  growth  simulation  techniques  are  presently 
applied  to  turbine  disk  and  blade  airfoil  failure  analysis  although  considerable 
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research  is  needed  to  establish  a  mathematical  model  for  micro-crack  growth  undar 
extreme  thermal  anvlronaenta.  Buried  intrinaic  defects  were  often  the  cause  of  pre- 
aature  disk  failures  though  such  defects  aay  not  be  noticed  in  the  population  of 
fatigue  test  speciaens  because  of  the  smaller  voluae  of  material  in  the  specimen. 
Presently,  Monte  Carlo  simulation  techniques  are  used  to  develop  SN  curves  for  the 
fracture  mechanics  application.  The  defect  site  and  the  applicable  crack  growth 
data  are  treated  as  statistical  variables  while  the  Inspection  liait  and  fracture 
toughness  are  treated  as  deterministic.  It  is  noted  that  a  nonlinear  crack  growth 
equation  provides  better  simulation  of  near  threshold  crack  growth.  An  important 
aspect  of  the  problea  is  that  the  stress  ratio  and  mean  cyclic  stress  are  both  influ¬ 
enced  by  plasticity.  Extensive  modeling  capabilities  of  the  finite  element  technique 
are  applicaole  to  a  number  of  gas  turbine  engine  problems. 

In  the  case  of  turbine  disks,  load  history  and  a  local  model  of  the  cooling 
air  hole  aay  provide  sufficient  information  for  a  thermomechanical  fatigue  analysis 
based  on  fracture  mechanics.  Assuming  an  elliptical  surface  crack  and  the  appropri¬ 
ate  test  data,  crack  growth  profiles  in  a  turbine  disk  are  obtained  at  various  load 
cycles.  Substantiating  test  data  are  often  difficult  to  acquire  in  the  case  of 
engine  components  because  of  the  cost  and  lack  of  proper  instrumentation.  The  complex 
nature  of  these  engine  components  pose  serious  difficulties  for  the  application  of 
fail-safe  design  concepts  in  aircraft  engines. 

Built  Op  Structures  in  Aircraft  Wing  and  fuselage 

In  the  case  of  aircraft  wing  and  fuselage,  the  requirements  of  damage  tolerant 
design  in  terms  of  residual  strength  and  crack  propagation  enable  a  proper  choice  of 
the  material  and  the  structural  elements  to  be  made  in  an  early  stage  of  the  design. 
Very  efficient  computer  techniques  are  presently  available  which  can  account  for  rivet 
flexibility,  yielding  and  friction  as  well  as  crack  tip  plasticity  and  debonding  of 
adhesive  bonded  panels.  Two  different  approaches  are  available  which  are  based  re¬ 
spectively  on  crack  tip  stress  intensity  and  the  global  energy  release  rate.  In  the 
case  of  curved  panels  the  effect  of  internal  pressure  and  load  biaxiality  are  ac¬ 
counted  for  in  recent  studies.  Many  practical  examples  are  presented  here  which  indi¬ 
cate  the  effectiveness  of  modern  computer  programs  to  analyze  built  up  structures. 

Some  important  results  are  indicated  below: 

o  Crack  arrest  properties  cf  panels  with  2024T3  stiffeners  are  inferior  to 
those  with  707S-T73  stiffeners. 

o  Stress  intensity  factor  is  history  dependent  since  load  transfer  takes  place 
to  remote  rivets  during  overload,  causing  an  increase  in  the  stress  intensi¬ 
ty  factor. 

o  cracks  running  into  rivet  holes  experience  a  sudden  increase  in  damage  size 
which  offsets  the  advantages  due  to  the  required  reinitiation  period  for  the 
crack  to  grow  beyond  the  hole. 

0  3nconservati ve  predictions  often  result  when  damage  development  assumptions 
are  too  simple. 

o  Analytical  results  indicate  that  integral  stiffeners  are  more  effective  in 
slowing  down  the  crack  than  riveted  stiffeners. 

Fastened  Joints  in  the  Aircraft  Structure 


This  is  an  important  area  where  complex  crack  locations  and  geometry  often 
pose  difficulties  in  estimating  the  elastic  stress  intensity  factor  and  the  effect  of 
its  variation  on  the  residual  strength.  A  thorough  survey  of  the  analytical  and 
empirical  formulations  and  experimental  studies  is  presented  here.  Many  practical 
suggestions  are  provided  for  m.’eling  the  damage. 

In  general,  through  cracks,  occurring  in  thin  sheets  at  circular  holes,  grow 
to  a  considerable  distance  from  the  hole  before  the  magnitude  of  the  stress  intensity 
factor  approaches  the  plane  stress  fracture  toughness  for  the  material.  Hence,  through 
cracks,  in  thin  sheets  at  circular  holes,  can  be  safely  modeled  using  an  effective 
crack  length  approach.  However,  in  thick  sheets  and  components,  stress  intensity 
factors  of  the  cracks  (quarter  circular,  elliptical  etc.)  at  the  hole  attain  the 
plane  strain  toughness  value  even  when  the  cracks  are  small.  This  calls  for  accurate 
determination  of  the  stress  intensity  factors  for  part  through  cracks  at  structural 
holes . 


Important  results  on  the  effects  of  rivet  interference  and  cold  working  on  the 
crack  growth  at  holes  are  discussed  in  this  chapter.  It  is  shown  that  experimental 
data  can  be  used  to  characterize  stress  intensity  factors  for  complex  crack  shapes 
and  that  the  f ractographic  data  of  actual  components  are  often  useful  to  obtain  their 
crack  growth  characteristics.  Many  of  the  practical  examples  presented  here  include 
expert  comments  on  the  approaches  used.  Examples  discussed  include  corner  defects  at 
holes  of  wing  spans,  damage  tolerance  analysis  of  landing  gear  components,  titanium 
alloy  wing  lugs,  aircraft  horizontal  stabilizers,  and  engine  pylons  of  a  medium 
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transport  aircraft.  Crack  growth  characteristics  and  inapactlon  Ufa  ara  indicated 
in  aost  of  thass  examples. 


Integral  Structures 


In  the  wing  structure  integral  construction  is  often  need  instead  of  sheets 
with  riveted  stiffeners.  Here,  the  residual  strength  of  Integrally  attached  stiffener 
in  a  plate  is  derived  using  Poe's  results  for  riveted  stiffeners.  It  is  shown  that 
for  flat  panels  the  predicted  crack  growth  characteristics  conpara  well  with  expsri- 
eental  results.  However,  wide  differences  were  indicated  betwsen  experimental  and 
theoretical  results  in  tha  case  of  curved  panels  which  are  attributed  to  load 
biaxlality  and  panel  curvature. 

forcings  Including  Landing  Gear 

Forgings  ara  single  load  path  structures  and  hence  can  cause  catastrophic 
failures  due  to  crack  growth.  Here  the  special  fracture  characteristics  of  forgings 
used  in  wing  spans,  root  ribs,  bulkheads,  wing  or  aapennaga  attachment  fittings,  etc. 
are  presented.  It  is  noted  that  the  scatter  of  fracture  toughness  values  of  speci- 
aens  cut  froa  tha  forgings  is  often  aore  than  tha  acattar  seen  in  laboratory  -peci- 
aans.  Also  the  assuaption  that  at  equal  A r  and  R,  tha  crack  propagation  in  tha  sped 
aen  and  the  component  are  equal,  is  not  always  true  in  the  case  of  forgings. 

Interesting  examples  of  teat  results  from  actual  forgings  of  discontinued 
aircraft  components  are  presented.  In  the  case  of  certain  noaa  landing  gear  struts, 
different  struts  having  cracks  of  similar  sizes  and  shapes  produced  widely  differing 
failure  loads.  Also,  a  scatter  of  1:7  or  1)5  was  noticed  in  tha  crack  propagation 
period)  forgings  with  a  long  fatigue  life  often  had  a  very  short  crack  propagation 
period  and  vice  versa.  In  several  load  sequences  the  Hillenborg  retardation  model 
gava  unconservative  results.  Examples  presented  include  forged  wing  attachment 
fittings,  hinge  rib  forgings  and  full  seals  fatigua  teats  on  a  aatn  landing  gear. 

Fatigue  Crack  Propagation  Under  Variable  Asiplltude  Loads 

After  a  brief  review  of  the  fatigue  crack  propagation  under  constant  loads, 
the  different  aspects  of  variable  amplitude  load  fatigue  ara  discussed.  Methods  for 
calculating  crack  propagation  under  variable  loads  ara  given,  including  an  assessment 
of  the  currently  used  calculation  procedure.  Test  results  are  given  for  various  com¬ 
ponents  and  it  is  concluded  that  Hillenborg  and  Wheeler  models  may  not  always  give 
conservative  results)  while  the  Forman  equation  is  always  on  the  safe  side  (when  wide 
fluctuations  in  tha  mean  stress  of  the  load  secusnca  are  taken  care  of  by  providing 
additional  load  cycles)  . 

Accounting  For  Variability  in  Materials  Performance 

Since  the  numerical  values  of  material  properties  such  as  fracture  toughness 
and  fatigue  crack  growth  rate  exhibit  considerable  scatter,  their  appropriate  design 
values  have  to  be  determined  using  statistical  procedures.  Statistical  methods  to 
account  for  variabilities  in  fracture  toughness  data  and  crack  propagation  data  are 
diacussed  in  both  sections  of  this  chapter. 

The  first  section,  "Treatment  of  Scatter  of  Fracture  Toughness  Data  for 
Design  Purposes*  (Schutz)  deals  with  the  treatment  of  scatter  in  fracture  toughness 
values  and  emphasizes  that  a  successful  statistical  analysis  depends  on  a  proper 
choice  of  the  inp;ut  data.  Coefficient  of  variation  in  fracture  toughness  and  the 
statistical  mean  value  for  fracture  toughness  are  evaluated  for  several  alloys  and 
plots  are  given  which  indicate  the  expected  mean  fracture  toughness  values  for 
several  heats  of  the  same  material. 

The  coefficient  of  variation  in  fracture  toughness  for  a  particular 
material  does  net  depend  on  such  factors  as  the  type  of  alloy,  type  of  product 
(plate,  sheet,  extrusions),  specimen  orientation,  temperature  and  cor-osion.  All 
the  statistical  data  given  in  this  chapter  correspond  to  laboratory  specimens  and 
the  designer  implicitly  assumes  that  the  scatter  in  specimen  fracture  toughness  is 
identical  to  the  scatter  in  component  fracture  toughness.  This  assumption  is  not 
always  correct  as  pointed  out  in  chapter  6.  For  designing  a  component  using  prob¬ 
abilistic  fracture  mechanics  the  necessary  probability  of  survival  must  be  selected 
according  to  engineering  judgement. 

The  second  section  "Allowance  for  Varinblllty  in  Crack  Propagation  Data* 
(Anstee)  deals  with  the  statistical  determination  of  variabilities  in  crack  growth 
data  for  constant  amplitude  and  variable  amplitude  loading.  The  standard  deviations 
in  crack  growth  data  (derived  from  several  tests)  are  indicated  to  enable  a  compari¬ 
son  of  variabilities  under  constant  amplitude  and  FALSTAFF  loading  for  different 
materials.  These  results  indicate  that  the  variabilities  in  crack  propagation  under 
random  loading  are  often  more  than  the  corresponding  variabilities  under  constant 
amplitude  loading.  Also  the  effect  of  environment  on  variabilities  is  provided  for 
constant  amplitude  and  random  amplitude  testing  of  different  materials.  There  is 
no  evidence  of  any  systematic  influence  of  environment  on  variability.  Finally, 
results  on  crack  propagation  in  actual  structures  like  aircraft  lugs  and  rotor 
blades  are  used  to  calculate  the  stat'  tical  variabilities  due  to  the  type  of  com¬ 
ponent.  It  is  found  that  there  is  no  significant  difference  in  the  range  of 
standard  deviations  in  actual  coaponants  as  compared  to  simple  specimens.  Develop- 
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transport  aircraft.  Crack  growth  characteristics  and  inspsctlon  life  ars  indicated 
in  aost  of  thssa  examples. 


Integral  Structures 

In  the  wing  structure  integral  construction  is  often  used  instead  of  sheets 
with  riveted  stiffeners .  Here,  the  residual  strength  of  integrally  attached  stiffeners 
in  a  plate  is  derived  using  Poe's  results  for  riveted  stiffeners.  It  is  shown  that 
for  flat  panels  the  predicted  crack  growth  characteristics  coapare  wall  with  sxpsri- 
aer.tal  results.  However,  wida  differences  were  indicated  between  experimental  and 
theoretical  results  in  the  case  of  curved  panels  which  are  attributed  to  load 
biaxiality  and  panel  curvature. 

Forgings  Including  Landing  Gear 

Forgings  are  single  load  path  structures  and  hence  can  cause  catastrophic 
failures  due  to  crack  growth.  Hera  the  special  fracture  characteristics  of  forgings 
used  in  wing  spans,  root  ribs,  bulkheads,  wing  or  empennage  attachment  fittlnge,  etc., 
are  presented.  It  is  noted  that  the  scatter  of  fracture  toughness  values  of  speci¬ 
mens  cut  from  the  forgings  is  oftsn  more  than  the  scatter  seen  in  laboratory  speci¬ 
mens.  Also  the  assumption  that  at  equal  Ak  and  A,  the  crack  propagation  in  the  speci¬ 
men  and  the  component  are  equal,  is  not  always  true  in  the  case  of  forgings. 

Interesting  exaaplas  o*  test  results  from  actual  forgings  of  discontinued 
aircraft  components  are  presented.  In  the  case  of  certain  nose  landing  gear  struts, 
different  struts  having  cracks  of  similar  sizes  and  shapes  produced  widely  differing 
failure  loads.  Also,  a  scattsr  of  Ii7  or  liS  was  noticed  in  the  crack  propagation 
period)  forgings  with  a  long  fatigue  life  often  had  a  very  short  crack  propagation 
period  and  vice  versa.  .  In  sevsral  load  sequences  the  Willenborg  retardation  model 
gave  unconservative  results.  Framples  presented  i:  -lude  forged  wing  attachment 
fittings,  hinge  rib  forgings  and  full  reals  fatigue  tests  on  a  main  landing  gear. 

Fatigue  Crack  Propagation  Under  Variabls  Amplitude  Loads 

After  a  brief  review  of  the  fatigue  crack  propagation  under  constant  loads, 
the  different  aspects  of  variable  amplitude  load  fatigue  are  discussed.  Methods  for 
calculating  crack  propagation  under  variable  loads  are  given,  includlno  an  assessment 
of  th»  currently  used  calculation  procedure.  Test  results  are  given  for  various  com¬ 
ponents  and  it  is  concluded  that  Willenborg  and  Wheeler  models  nay  not  always  give 
conservative  results)  while  the  Forman  equation  is  always  on  the  safe  side  (when  wide 
fluctuations  in  the  mean  stress  of  the  load  sequence  are  taken  care  of  by  providing 
additional  load  cycles). 

Accounting  For  Variability  in  Materials  Prrformsnc 

.Since  the  numerical  values  of  material  properties  such  as  fracture  toughness 
and  fatique  crack  growth  rate  exhibit  considerable  scatter,  their  appropriate  design 
values  have  to  be  determined  using  statistical  procedures.  Statistical  methods  to 
account  for  v»r(«h(llMt#  in  fracture  toughness  data  anu  crack  propagation  data  ars 
discussed  in  both  sections  of  this  chapter. 

The  first  section,  "Treatment  of  Scatter  of  Fracture  Toughness  Date  fot 
Design  Purposes*  (Schutr)  deals  with  the  treatment  of  scatter  in  fracture  vouqhness 
values  and  emphasizes  that  a  successful  statistical  analysis  depends  on  a  proper 
choice  of  the  input  data.  Coefficient  of  variation  in  fractn.s  toughness  and  the 
statistical  mean  value  for  fracture  toughness  are  evaluated  for  several  alloys  and 
plots  are  given  which  indicate  the  expected  mean  fracture  toughness  values  for 
several  heats  of  the  same  material. 

The  coefficient  of  variation  in  fracture  toughness  for  a  particular 
material  does  not  depend  on  such  factors  as  the  ty>  •<  of  alloy,  type  of  product 
(piste,  sheet,  ext  •.  ue  Ion  s )  ,  specimen  orientation,  -emperature  and  corrosion.  Ail 
the  statistical  fat*  given  in  this  chapter  correspond  to  laboratory  specimen*  and 
the  designer  implicitly  assumes  that  the  scatter  in  specimen  fracture  toughness  is 
identical  to  the  scatter  in  component  fracture  toughness.  This  assumption  is  not 
slvayt  correct  as  polntsd  out  in  chapter  6.  For  dsslgning  s  component  using  prob¬ 
abilistic  fractura  mechanics  the  necessary  probability  of  survival  must  be  selected 
according  to  engineering  judgement. 

The  second  section  "Allowance  fnr  Variability  in  Crack  Propagation  Pats* 
(Anstae)  deals  with  the  statistical  determination  of  vsr i ab i 1 1 t *  as  in  crack  growth 
data  for  constant  amplitude  and  variable  amplitude  loading.  The  standard  deviations 
in  crack  growth  usta  (derived  from  ssvsrsl  tests)  ars  indicated  tn  enable  a  compari¬ 
son  of  <arl abi li t ies  under  constant  amplitude  and  fALSTAFF  loading  for  different 
materials.  Theta  results  indicate  that  the  var i ab 1 l i t i e u  in  crack  propagation  under 
random  loading  are  often  more  than  the  corresponding  vsr i sb i  1  1 1 its  under  '-onalant 
amplitude  loading.  Also  the  effect  of  environment  on  var i ab 1 1 i t i ea  is  provided  for 
constant  amplitude  and  random  amplitude  testing  of  different  materials.  There  is 
no  evidence  of  any  systsmst'e  Influence  of  environment  on  variability.  Finally, 
rasulta  on  crack  propagation  in  actual  strcceures  like  aircraft  lugs  and  rotor 
blades  are  used  to  calculate  the  statistical  vs r  iabi  1 1 1  i  as  due  to  the  type  of  com¬ 
ponent.  It  Is  found  that  there  is  no  significant,  difference  in  the  range  of 
standard  deviations  in  actual  components  as  compared  to  simple  spsciasns.  Develop- 


■•at  of  crack  growth  curves  for  design  purposes  poses  a  particular  problaa  due  to 
tha  daaonstratad  greater  variability  in  crack  growth  rata  as  compared  to  the  vari¬ 
ability  in  total  life. 

An  hppandir  on  statistical  tsras  and  aathods  used  in  analysing  aaparlaantal 
data  is  also  included. 

Application  of  Fracture  Mechanics  to  Stress  Corrosion  Cracking 

It  is  indicated  that  a  nuabsr  of  landing  gear  failure  In  aircraft  wars  dua  to 
stress  corrosion  cracking,  asking  this  an  iaportant  field  of  study,  A  aethod  for 
predicting  potential  crack  else  under  stress  corrosion  cracking  is  presented  hare  which 
was  originally  applied  to  assess  the  structural  integrity  of  a  prinary  coaponent  of 
the  Saturn  IB  space  vehicle.  Aleo,  aethods  are  suggested  to  deteraine  the  required 
inspection  period  for  stress  corrosion  cracking.  Typical  valuer  of  stress  corrosion 
cracking  paraaetars  are  given  for  ccaaonly  used  airfraae  aaterials  and  incorporation 
of  these  data  int  ,  daaage  tolerance  analysis  is  discussed. 

Staple  Methods  oi  Deterainlng  Stress  Intensity  fact-  rs 

Rare  various  techniques  to  estimate  the  stress  intensity  factors  of  coaplex 
crack  probleas  froa  siapla  cases  ars  indicated  which  include  a  superposition 
principle,  Green's  function  aethod,  weight  functions  approach,  stress  concentration 
approach,  and  compounding  techniques  specially  applicable  to  stiffened  structures. 

These  aathods  provide  quick  and  accurate  solutions  for  aany  practical  crack  configu¬ 
rations. 

An  overall  view  of  the  information  in  this  AGAADOgraph  strongly  indicates 
that  it  is  tha  product  of  close  collaboration  between  the  practitioners  and  re¬ 
searchers  in  fracture  Mechanics  applicatior  tc  aircraft  structures.  T>>»  advantages 
of  such  closs  col’ eboretion  are  evident  in  jlmoet  all  the  chapters  in  this  AGAAOOgraph. 
It  is  hoped  that  che  publication  of  this  aanual  will  stlaulate  further  cooperation  and 
collaboration  to  advance  tha  state  of  '.a  art  in  the  significantly  vital  area  of 
fracture  aechanics  design  aethodology  in  aircraft  structures. 
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2 .  ENGINE  COMPONENTS 
T.  A.  CRUSE 

StMMtY 

The  chapter  describe!  tom  of  the  major  areas  of  fracture  mechanics  applications  to  aircraft  gat  tur¬ 
bine  engine  coaponent  analysis.  The  rotating  disk  structure  Is  treated  first  due  to  Its  primary  structural 
teportance.  While  crack  Initiation  and  crack  propagation  are  Important  design  concerns  for  disks,  only  the 
propagation  portion  (s  discussed  In  detail.  Disk  crack  problems  which  are  described  include  growth  of  In¬ 
ternal  cracks  due  to  defects  and  growth  of  surface  cracks  following  Initiation.  The  turbine  airfoil  Is  the 
second  most  mature  area  of  fracture  mechanics  analysis  and  Is  briefly  described  In  this  chapter.  Finally, 
a  brief  suamwry  of  a  turbine  disk  fracture  mechanics  problem  Is  presented. 

SYMBOLS 


i.c 

C 

a, A. 

K.dK 
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2.1  INTRODUCTION 

Practical  applications  of  fracture  mechanics  to  engine  components  Is  not  a  widely  developed  topic. 
Generally,  such  applications  have  emphasized  failure  analysis  rather  than  design  activities.  However, 
some  engine  component  design  models  have  been  developed  using  fracture  mechanics  methods.  The  most  fully 
developed  Is  the  critical  engine  disk  structure.  The  second  conponent  Is  the  turbine  airfoil  which 
impacts  performance  and  maintenance  costs.  Additional  components  such  as  coabustor  liners  and  engine 
cases  are  beginning  to  receive  attention. 

The  present  chapter,  therefore,  emphasizes  the  disk  low  c>cle  fatigue  life  prediction  problwi  In 
some  detail.  Following  the  disk  problems  Is  a  description  of  some  fracture  mechanics  methods  for  turbine 
blade  airfoil  life  prediction.  An  example  problem  from  Ref.  (1)  Is  then  sumearlzed. 


2.2  TURBINE  01*  CRACK  GROWTH  SIMULATION 
2.2.1  Crack  Initiation  and  Crack  Propagation 

Fatigue  life  prediction  for  gas  turbine  engine  structures  may  be  simplified  for  most  purposes  Into 
twa  distinct  problem  dasslf fcatlons:  Inltlet'on  of  macrocracks  at  highly  stressed  locations  In  defect 
free  material;  and  propagation  of  macrocracks  In  large  volume,  moderately  stressed  locations  containing 
a  statistical  distribution  of  Inherent  defects.  The  fracture  mechanics  design  problem  for  Inherent  de¬ 
fects  Is  discussed  further  on. 

Crack  initiation  is  generally  taken  to  h»  the  generation  of  a  surface  related  crack  of  sufficient 
size  to  be  reliably  detected  In  service.  In  disks,  this  size  Is  approximately  0.030  Inch  surface  length; 
smaller  Initiation  sizes  may  be  required  In  locations  such  as  certain  disk  rims  where  vibration  stresses 
can  cause  rapid  crack  growth.  Initiation  of  surface  macrocracks  Is  a  complex  problem  which  is  not  fully 
understood.  Some  portion  of  the  initiation  life  Is  required  to  generate  single  or  multiple  microcracks 
by  metallurgical  dissipation  processes.  These  mlcrocraeks  generally  grow  Intermittently  before  one  crack 
dominates  the  others.  The  remaining,  and  often  the  greatest  percentage  of.  Initiation  cycles  propagate 
the  small  crack.  It  Is  not  yet  clearly  established  that  this  microcrack  propagation  phase  follows  the 
standard  elastic  fracture  mechanics  models  of  crack  growth. 

It  hat  been  established  through  experience  that  fracture  mechanics  modeling  can  be  used  effectively 
to  predict  the  subseguent  grwvtb  of  surface  macroeracks  In  disks  after  Initiation.  The  equally  Important 
Initiation  problem  1:  almost  always  treated  on  a  strictly  empirical  basis  (see  Ref.  2).  Considerable 
further  research  Is  required  In  order  to  establish  a  more  mathematical  modeling  basis  for  microcrack 
growth.  Major  Issues  as  to  the  applicability  of  fracture  mechanic?  .methodology,  surface  retardation  due 
to  machining  affects  on  residue)  stresses  and  hardness,  multiple  Inflation  md  cracx  Interaction,  and 
inspection  capabilities  naed  to  ba  addressed.  This  paper  focuses  on  the  design  analysis  or  crack  growth 
In  gas  turbine  engine  structures,  following  th*  crack  Initiation  phase. 


2.2.2  Residual  Llf#  for  Disk  Bores 

Fracture  mechanics  failures  of  disks  for  eerly  coweerclal  gas  turbine  engines  were  experuh  :••)  In 
limited  numbers  and  forced  a  Chang#  In  th#  fatigue  life  prediction  methodology  and  processing  techniques 
for  these  disks.  It  had  been  assueed  that  the  disk  fatigue  life  could  be  characterized  by  the  usual 
specimen-based  fatigue  (initiation)  data  associated  with  surface  stress  Initiated  cracks.  However,  exam¬ 
ination  of  these  early  failures  showed  that  fatigue  crack  growth  associated  with  a  buried  Intrinsic  de¬ 
fect  was  th*  source  of  the  prematura  disk  fractures,  at  shown  in  Figure  1.  Such  Inherent  defects  were 
not  present  in  the  population  of  fatigue  test  specimens  due  to  the  much  smaller  voltaae  of  sampled  mater¬ 
ial. 

It  was  soon  determined  that  the  nature  of  the  internal  defect  wet  that, regardless  of  Its  Initial 
shape  and  orientation,  th#  defect  Initiated  a  circular,  burled  crack  which  gr«w  transverse  to  the  prin¬ 
cipal  normal  stress  direction.  Simp!#  fatigue  life  calculations  for  growing  circular  cracks  confirmed 
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that  the  cracks  were  growing  progressively  through  the  entire  engine  operating  life.  These  earliest  disk 
fractures,  described  briefly  In  Ref.(3),were  associated  with  calcium  alunlnlde  Inclusions  In  the  air- 
melted  AMS  6304  compressor  disks. 

As  a  result  of  these  early  disk  fractures,  Pratt  !■  Whitney  Aircraft  (P&WA)  Initiated  extensive  stu¬ 
dies  to  characterize  the  burled  defects  In  currently  used  tltanlue  and  nickel-base  engine  disks.  The 
problem  of  burled  defect  characterization  Is  particularly  difficult  because  of  the  small  defect  sizes 
associated  with  current  alloys  and  processes,  as  well  as  the  large  quantities  of  material  that  must  be 
sectioned  to  obtain  sufficiently  complete  histograms  of  defect  sizes  for  clean  disk  alloys.  Nickel 
disks,  for  example,  contain  inherent,  process  dependent  inclusions  such  as  carbide  precipitates  (0.001 
Inch),  melt  formed  carbides  (0.003  inch),  oxides  formed  from  dissolved  oxygen  (0.007  Inch),  accidental 
Inclusions  such  as  mold  fragnents  (0.10  Inch),  and  processing  voids  (0.10  Inch)  as  described  In  Figure 
2.  The  population  distribution  of  Inherent  defects  Is  not  unlmodal;  further,  the  role  each  of  these  de¬ 
fect  types  play  In  crack  Initiation  Is  not  unlmodal  due  to  such  Issues  as  whether  a  critical  Initial 
size  exists  for  very  small  defects,  defect  orientation  and  shape,  residual  stresses  around  defects,  and 
other  mlcrostructural  questions. 

The  fracture  mechanics  fatigue  life  prediction  for  Inherent  cracks  Is  based  on  three  elements.  The 
first  two,  described  above,  are  the  specification  of  the  distribution  of  Inherent  defects,  and  the  Iden¬ 
tification  of  the  stress  cycle  based  on  a  mission  analysis.  Major  Idealizations  are  required  for  both  of 
these  elements.  Inherent  defects  are  assumed  to  be  equivalent  to  circular  burled  cracks  of  a  relatable 
size.  Also,  It  Is  assumed  that  the  largest  crack  that  can  occur  In  the  fleet  of  disks  Is  just  smaller 
than  the  detection  limit  of  the  NOI  method  used  (e.g.,  ultrasonic  Inspection).  The  mission  Is  assumed  to 
result  In  a  simple  stress  excursion  ( A<r  )  at  Isothermal  conditions  with  no  rate  effects;  subcycle  dam¬ 
age  Is  taken  to  be  linearly  additive  to  the  major  cycle  damage. 

The  third  element  Is,  of  course,  the  fracture  mechanics  model.  Given  an  Ideal  circular  planform 
burled  crack.  It  Is  possible  to  utilize  linear  elastic  fracture  mechanics  results  for  the  cyclic  stress 
Intensity  factor 
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Further,  the  crack  growth  rate,  da/dN,  Is  assumed  to  be  uniquely  related  to  0  K,  as  characterized  by 
standard  laboratory  testing. 

Crack  growth  prediction  for  a  given  level  of  stress  cycling  defines  the  number  of  cycles  to  grow  an 
Initial  crack  to  Its  unstable  size.  The  fatigue  life  analysis  Is  then  based  on  maintaining  a  disk  stress 
level  below  that  necessary  to  achieve  an  adequate  number  of  flight  cy^  es.  However,  If  the  largest  un¬ 
detectable  crack  Is  assuned  to  be  present  In  each  disk,  the  model  will  be  excessively  conservative.  Thus 
fatigue  design  for  Inherent  defects  requires  the  use  of  statistical  modeling. 

Statistical  variables  In  the  disk  fracture  mechanics  model  Include  the  defect  size  and  material 
crack  growth  rate.  Associated  variables,  such  as  crack  truncation  size  (Inspection  limit)  and  fracture 
toughness,  are  taken  to  be  deterministic  variables,  as  Is  the  cyclic  stress  range.  Monte  Carlo  simula¬ 
tion  techniques  are  used  to  develop  S-N  curves  for  the  fracture  mechanics  problem,  as  shotm  In  Figure  3, 
by  selecting  a  design  level  of  risk. 

The  baseline  simulation  In  Figure  3  Is  accomplished  using  the  Indicated  distribution  coefficients. 
Inherent  crack  size  and  crack  growth  rate  data  are  taken  to  be  log  normal  for  the  Monte  Carlo  simula¬ 
tion.  Assigned  risk  Is  taken  to  be  a  probability  of  fracture  of  one  part  In  one  thousand.  The  additional 

curves  In  Figure  3  have  been  generated  to  show  the  sensitivity  of  the  design  curve  to  sane  of  the  prin¬ 
cipal  statistical  uncertain) ties. 

A  nonlinear  crack  growth  equation  Is  used  for  the  simulation  In  order  to  simulate  the  near-threshold 
crack  growth  rates  more  accurately.  The  accuracy  of  the  fracture  mechanics  model  for  small  cracks  Is 
more  Important  than  accuracy  at  higher  values  of  stress  Intensity  factor.  As  a  result  of  the  growth 
model  used,  the  Influence  of  Kjg  on  the  fatigue  life  curves  In  Figure  3  Is  an  exaggeration  of  reality. 

Even  with  this.  It  Is  seen  that  Kjg  does  not  have  a  major  Influence  on  fatigue  life,  except  for  low 
values  of 

Further,  It  can  be  seen  that  the  effect  of  crack  size  truncation  level  on  the  fatigue  life  Is  limit¬ 
ed  to  those  sizes  near  the  threshold  level  of  a  given  stress  cycle.  Thus,  the  defect  distribution  and 

the  crack  growth  rate  distribution  are  the  principal  statistical  variables  for  fracture  mechanics  life 
prediction  of  disks. 

2.2.3  Life  Extension  for  Notches  in  Disks 

2. 2. 3.1  Fracture-Mechanics  Analysis  for  Surface  Cracks 

The  elastic  fracture  mechanics  analysis  of  surface  cracks  requires  numerical  analysis.  Some  of  the 
ana!>s1s  methods  to  be  used  Include  singularity  finite  elements  (Ref.  4),  alternating  techniques  (Ref. 

5),  and  the  boundary- Integral  equation  (BIE)  method  (Ref.  S).  It  Is  not  appropriate  to  describe  the 
relative  merits  of  each  method;  the  BIE  method  has  been  successfully  used  for  design  purposes  at  Pratt  A 
Whitney  Aircraft. 

For  fatigue  simulation  purposes.  It  has  been  establl-h-d  that  LCF  surface  cracks  In  turbine  disks 
may  be  treated  as  semi-  or  quarter-el 1'pses.  This  has  the  benefit  of  reduc'ng  the  numerical  task  by 
reference  of  the  numerical  results  to  the  analytical  solution  for  the  burled  elllptlcol  crack  given  In 
Ref.  7.  The  BIE-generated  numerical  results  for  elliptical  surface  cracks  are  given  in  Ref.  8,  and 
Illustrated  herein  In  Figure  4  ,  for  the  case  of  simple,  uniform  tensile  stress  normal  to  the  crack  plane. 
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2. 2. 3. 2  Weight  function  Simulation  for  Surface  Crack* 

Design  simulation  of  surface  crack  growth  In  complex  geometries  requires  an  efficient  means  of  ac¬ 
counting  for  local  geometrically-induced  stress  (strain)  variations.  The  weight  function  method  for  two 
dimensional  cracks  (Ref.  9)  has  been  successfully  extended  to  three  dimensional,  surface  cracks  (Ref. 
10).  An  exaaple  problem  concerns  a  corner  crack  at  a  hole,  as  shown  In  Figure  5  taken  from  Ref.  11.  Ex¬ 
perimental  results  for  crack  growth  of  this  geometry  were  reported  In  Ref.  12  for  Plexiglas;  comparison 
of  the  experimental  and  weight  function  data  Is  given  In  Figure  6.  Application  of  this  technique  to 
turbine  disks  Is  shown  In  Ref.  13. 

2. 2. 3. 3  Definition  of  local  Stress  Ratio 

The  local  stresses  at  a  turbine  disk  notch  are  generally  loaded  beyond  the  elastic  limit.  When  this 
occurs  the  effect  of  plasticity  Is  to  cause  a  shift  In  the  mean  cyclic  stress  and  the  stress  ratio,  as 
shown  In  Figure  7.  The  gradient  In  local  stress  ratio  Is  generally  along  the  notch  radial  direction 
wltn  no  gradient  normal  to  the  transverse-notch  plane.  LCF  crack  growth  simulation  can  account  for  this 
through  the  use  of  the  resulting  local  stress  ratio  In  a  modified  stress  Intensity  factor  given  as 

dKeff  ■  {C/(C  ♦  0.1  -  R)}  Ok  (2) 

In  (2),  the  constant  C  Is  determined  by  laboratory  testing  at  appropriate,  constant  values  of  R,  the 
stress  ratio. 


2.2.4  Surface  Crack  Initiation  Simulation 

Inherent  defect  crack  growth  Is  generally  limited  to  regions  of  the  disk  where  large  volumes  of  ma¬ 
terial  are  subjected  to  moderately  high  stresses,  such  as  the  disk  bore  or  thick  web  regions.  Surface 
crack  Initiation  and  propagation  Is  the  Important  fatigue  life  problem  at  disk  notches.  A  major  unre¬ 
solved  research  Issue  Is  the  determination  of  the  amount  of  fatigue  life  for  a  surface  crack  that  Is 
microcrack  Initiation  and  how  much  Is  propagation  that  can  be  modeled  using  standard  fracture  mechanics 
techniques.  Physical  evidence  of  microcrack  Initiation  Is  generally  difficult  to  document. 

Figure  8  shows  a  notched  fatigue  specimen  used  to  simulate  a  fan  disk  bolt  hole,  together  with  a 
photo  micrograph  showing  the  fatigue  fracture  surface.  It  Is  seen  that  multiple  microcracks  were  Initia¬ 
ted  In  a  surface  zone;  one  of  these  microcracks  subsequently  grew  to  critical  size  and  caused  net  sec¬ 
tion  fracture.  Detailed  examination  of  the  crack  origins  supported  the  contention  of  natural  metallurgi¬ 
cal  crack  Initiation  from  a  size  associated  with  thea-phase  of  the  tltanlue  alloy  (0.0003  Inch  typi¬ 
cal).  Unfortunately,  strlatlon  Indlcat  uns  ^ere  very  limited  and  could  not  be  used  to  support  the  use  of 
fracture  mechanics  modeling  of  crack  growth  luring  the  microcrack  phase. 

Surface  crack  Initiation  and  early  qrowth  was  modeled  for  the  bolt  hole  specimen  shown  In  Figure  8  . 
The  variable  stress  field  for  the  K-factor  determinations  and  the  R-ratlo  data  for  the  crack  growth 
models  were  taken  from  the  data  In  Figure  5.  The  Initial  flaw  size  was  taken  to  be  0.0003  Inch,  the  ap¬ 
proximate  size  of  thea-phase  microstructure.  Crack  growth  simulation  results  for  various  stress  analysis 
models  are  sh«*n  In  Figure  9;  no  attempt  was  made  to  adjust  the  Initial  crack  size  In  order  to  correlate 
the  actual  specimen  failure  data.  Use  of  the  elastic  stress  field  at  the  notch  Is  the  most  conservative 
assuaptlan  for  crack  growth  modeling.  The  most  realistic  model  Included  the  variable  local  R-ratlo  for 
the  elasto-plastlc  stress  distribution. 

Microcrack  Initiation  and  growth  are  strongly  influenced  by  surface  residual  stress  and  hardness.  It 
was  shown  In  the  study  reported  In  Ref.  (2)  that  the  plastic  work  hardening  of  the  surface  layer  had  to 
be  accounted  for  In  correlating  crack  Initiation  data.  It  was  further  shown  In  Ref.  (14)  that  this  sur¬ 
face  effect  was  apparently  a  major  problem  In  predicting  the  surface  length  and  aspect  ratio  for  small 
surface  cracks.  Further,  the  applicability  of  elastic  fracture  mechanics  models  to  small  surface  cracks 
In  elastic  stress  fields  has  not  been  established.  Finally,  the  growth  of  surface  macrocracks  may  often 
be  the  result  of  the  Initiation,  Interrupted  propagation,  linkup  and  growth  of  surface  microcracks.  Dif¬ 
ficult  experimental  developments  are  required  In  order  to  resolve  many  of  these  remaining  problems. 

2.2.5  Cuaulatlve  Damage  Problems 

It  Is  generally  recognized  that  a  maxlnue  stress  excursion  may  retard  subsequent  cyclic  crack  growth 
due  to  the  large  plastic  zone  created  by  the  overload.  Sas  turbine  engine  structures  generally  operate 
at  stress  levels  close  to  the  maxlmtaa  safe  ooeratlng  stress  for  tensile  failure  (burst).  Thus,  most  com¬ 
plex  cycle  stress  excursions  Involve  stress  cycles  at  a  nearly  fixed  value  of  peak  stress  with  different 
values  of  mlnimw  stress  (see  Ref.  2).  In  such  cases,  crack  growth  follows  the  usual  linear  damage, 
superposition  models. 

However,  for  exceptional  situations,  the  retardation  effect  of  plasticity,  or  the  acceleration  ef¬ 
fect  of  creep  must  be  Included.  Generally,  these  effects  are  accounted  for  In  the  empirical  crack  growth 
awlel  used,  and  are  considered  beyond  the  scope  of  this  chapter.  Recent  publications  by  researchers 
within  the  gas  turbine  engine  industry  (Refs.  15,  15)  address  the  empirical  modeling  problem. 


2.3  TURBINE  BLADE  AIRFOIL  CRACK  GROWTH  SIMULATION 
2.  Thermo-Mechanical  Fatigue  (TMF)  Cycle  Definition 

Turbine  airfoil  durability  Is  a  co^lex,  multifaceted  problem  due  to  the  extremely  aggressive  ther¬ 
mal  environment  In  modern,  high-powered  gas  turbine  engines.  Ourina  a  typical  flight  cycle,  the  turbine 
airfoil  may  be  subjected  to  maximize  temperatures  In  excess  of  1800®F,  high  rotational  Inertia  loads, 
high  frequency  vibration,  corrosive  and  erosive  products  of  combustion,  and  occasional  tapact  due  to 


hard  carbon  partlc’es.  Continuing  demands  for  Increased  engine  efficiency  and  fuel  economy  will  be  sat¬ 
isfied  through  higher  turbine  Inlet  tenperature  and  rotational  speeds;  these  increases  must  be  satisfied 
with  Improved  turbine  blide  durability  In  order  to  reduce  engine  maintenance  costs. 


/ 
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In  order  to  achieve  the  necessary  turbine  airfoil  durability  In  large  engines,  the  high  pressure 
turbine  (HPT)  blades  are  generally  cooled  by  compressor  air,  as  shown  In  Figure  10.  In  addition,  advan¬ 
ced  nickel-base  superalloys  are  used  for  their  creep  and  fatigue  resistance;  further,  the  turbine  blades 
are  generally  coated  for  corrosive  resistance.  The  two  cooling  schemes  shown  In  Figure  10  are  typical; 
detailed  aspects  of  the  cooling  configuration  result  from  the  trade-off  of  mlnlimm*  cooling  air  for  the 
necessary  turbine  blade  life. 

Many  of  the  turbine  airfoil  durability  problems  are  not  directly  related  to  fracture  mechanics 
modeling.  Host  design  concern  with  structural  life  prediction  Is  associated  with  creep/fatigue  Interac¬ 
tion  crack  initiation,  as  described  In  Ref.  (17).  However,  coated  airfoils  are  sometimes  life  limited  by 
crack  growth,  as  described  In  the  following  sections. 

Structural  life  prediction  for  turbine  airfoils  requires  a  detailed  definition  of  the  local  stress, 
strain,  and  temperature  history  within  the  airfoil  for  various  times  within  the  flight  cycle.  Mission 
analysis  begins  with  detailed  gas  flow  and  heat  transfer  calculations.  Turbine  airfoil  temperatures  are 
computed  from  the  external  hot  gas  flow  and  the  Internal  cooling  gas  flot  using  the  appropriate  boundary 
layer  heat  transfer  models.  The  tenperature  and  rotational  speed  flight  cycle  history  data  form  the 
basis  for  the  theruomechanlcal  fatigue  (IMF)  cycle  definition. 


Tn  those  airfoil  life  prediction  problems  requiring  greater  accuracy,  the  airfoil  Is  modeled  with 
three-dimensional,  elastic  finite  element  tools.  A  series  of  stress  and  strain  calculations  for  various 
time  points  In  the  flight  cycle  are  performed  using  the  temperature  data  and  rotational  speed  for  each 
time  point.  The  airfoil  temperatures  are  nonuniform,  even  If  the  highly  local  temperature  distribution 
at  film-cooling  holes  Is  neglected;  the  resulting  thermoelastic  strains  are  the  major  source  of  the  air¬ 
foil  life  limiting  loads. 

Figure  11  shows  the  variation  In  local  strain- temperature  history  for  a  turbine  airfoil  location. 
Including  the  coating  on  the  outside  and  Inside  of  the  airfoil.  It  Is  seen  that  this  TMF  cycle,  genera¬ 
ted  during  takeoff,  cruise,  and  Idle  engine  operation,  can  be  characterized  by  a  simultaneous  cycling  of 
strain  (Increasing  or  decreasing)  with  cycling  of  temperature.  The  complex  TW  cycle  Is  generally  sim¬ 
plified  to  two  cycle  shapes  characterized  by  the  maxima*  and  minimum  cycle  temperatures,  cycle  slope 
(Increasing  or  decreasing  strain  with  increasing  temperature),  mean  strain  and  strain  range.  These 
cycles  form  the  basis  for  specimen  characterization  of  airfoil  fatigue  life. 

2.3.2  Fracture  Mechanics  Analysis 

2.3.2.1  Convection  Cooled  Airfoils 

Fracture  mechanics  modeling  for  convection  cooled  airfoils  Is  essentially  two-dimensional.  Early  In 
the  fracture  mechanics  life  of  the  airfoil,  surface  cracks  initiate  In  the  coating  transverse  to  the 
maxlmu*  cyclic  strain  direction.  These  cracks  rapidly  develop  a  large  aspect  ratio  (length  to  depth)  and 
then  propagate  Into  the  base  metal.  The  edge  crack  problem  Is  the  simple  plane  strain  solution  using 
local  strains  rather  than  stresses. 
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In  Eq.  (3),  the  crack  depth  Is  denoted  by  'c',  ind  the  local  strain  field  Is  broken  Into  the  transit 
verse  tensile  strain  («t)  and  the  wall  bending  strain  (O.  Finite  thickness  effects  on  (3)  are  easily 
obtained. 

The  crack  growth  rate  data  for  computing  the  fatigue  life  for  Eq.  (3)  Is  generated  using  TMF  cycle 
crack  growth  testing,  as  discussed  under  Crack  Growth  Rate  Data  Generation.  Initial  crack  size  data  can 
be  taken  to  be  the  coating  thickness  for  conservative  design  puposes.  Figure  12  shows  the  general  agree¬ 
ment  between  analysis  and  field  data  that  can  be  achieved  using  this  fracture  mechanics  model. 

2. 3. 2. 2  Film  Cooled  Airfoils 


Unllki  the  convection  cooled  airfoil  crack,  the  film  cooling  hole  Induces  essentially  three-dimen¬ 
sional  cracks  at  the  acute  corner  of  the  cooling  hole.  The  difficult  three-dimensional  fracture  mechan¬ 
ics  problem  Is  further  compounded  by  the  three-dimensional  stress  and  strain  field  near  the  cooling 
hole,  under  complex  TMF  cycle  loading. 

These  modeling  difficulties  preclude  the  development  of  a  cost  effective  fracture  mechanics  analyti¬ 
cal  model  of  reasonable  generality.  Thus,  a  semlemplrlcal  approach  has  been  developed  and  reported  In 
Ref.  (20).  Extensive  testing  of  representative  cooling  hole  geometries  In  flat  plates  with  material 
whose  crack  growth  rate  was  kn cm  forms  the  basis  of  the  empirically  defined  stress  Intensity  factors. 
Analytical  corrections  were  reported  for  the  effects  of  hole  spacing  on  local  strain  and  crack  Interac¬ 
tion,  biaxial  and  bending  loads,  surface  curvature,  and  other  geometrical  terms. 

The  TMF  crack  growth  rate  data  used  for  the  life  prediction  calculation  Is  discussed  In  the  next 
section.  Ref.  (18)  shows  that  cracks  with  Initial  depths  given  by  the  coating  thickness  can  be  analytic¬ 
ally  grown  In  TMF;  the  results  show  good  correlation  with  results  obtained  on  prototypical  airfoil  speci¬ 
mens. 


2.3.3  Crack  Growth  Rate  Data  Generation 


The  results  of  flight  cycle  analysis  of  turbine  airfoils  clearly  establishes  the  need  to  simulate 
the  TMF  cycle  In  crack  growth  testing.  Tubular,  strain  controlled  specimens  are  used  In  the  test  repor 
ted  In  Refs.  (19,  20).  The  temperature  and  strain  cycles  are  Independently  controlled  using  Induction 
heating  «id  a  servohydraullc  test  machine.  Cooling  Is  achieved  using  compressed  air  passed  through  the 
Interior  of  the  specimen. 

TMF  testing  of  the  precracked  specimens  Is  accomplished  using  the  Idealized  cycles  described  above. 
The  cycle  variables  Include  maxlmus  and  minimum  values  of  strain  end  temperature,  cycle  slope,  and  mean 
strain.  Test  data  reported  in  Ref.  (18)  for  Isotropic  airfoil  materials  showed  that  the  crack  growth 
rate  for  fixed  strain  cycles  was  Independent  of  the  mean  strain  and  mean  stress  levels.  Thus,  the  crack 
growth  modeling  reported  above  Is  restricted  to  a  strain  Intensity  factor  approach. 

Since  certain  locations  of  the  airfoil  are  subjected  to  nominal  creep  during  the  airfoil  life,  this 
effect  <as  also  Investigated  In  Ref.  (18).  Creep  was  simulated  by  periodic  Incrementation  of  the  mean 
strain  to  a  level  of  about  one  to  two  parent  during  the  life  of  the  specimen.  The  effect  of  superimpo¬ 
sed  creep  was  to  Introduce  multiple  secondary  cracks,  parallel  to  the  primary  crack.  Some  Increase  In 
crack  growth  rate  was  noted  but  the  results  were  not  conclusive,  as  shown  in  Figure  13. 

Advanced  airfoil  materials  are  anisotropic  Including  directionally  solidified  (DS)  and  single  cry¬ 
stal,  nickel-base  superalloys.  Ref.  (20)  shows  that  the  TMF  crack  growth  rate  Is  strongly  Influenced  by 
grain  wlentatlor  In  OS  alloys.  The  strain  intensity  factor  level  gave  crack  growth  rate  variations  of 
nearly  an  order  of  magnitude  according  to  grain  orientation;  further,  the  cracking  mode  was  seen  to  de¬ 
pend  on  the  level  of  X  together  with  grain  orientation.  However,  It  has  been  possible  to  correlate  the 
various  crack  growth  rate  data  for  the  DS  tests  In  Ref.  (20)  through  the  use  of  the  anisotropic  elastic 
modulus  dependence  and  Its  implications  for  single  crystal  behavior  Is  the  subject  of  ongoing  research. 

2.4  APPLICATIONS  TO  REAL  STRUCTURES 

2.4.1  Example:  Turbine  Olsk  Fracture  Mechanics  Design  Problem 


2.4, 1.1 


1:  Perform  Mission  Stress/Thermal  Analysis  of  Turbine  Olsk 


Fracture  mechanics  models  for  fatigue  life  prediction  correlate  crack  growth  rate  data  for  various 
geometries  based  on  the  cyclic  range  of  the  stress  Intensity  factor  (K),  the  cyclic  stress  ratio  (R  * 
mlnimu*  stress/maxlmun  stress),  and  component  temperature.  Such  a  local  definition  of  operating  condi¬ 
tions  results  from  the  component  mission  simulation  analysis.  An  example  problem  has  been  selected  from 
Ref.  1  for  the  case  of  the  JT80-17  high  pressure  turbine  disk  shown  In  Figure  14. 


The  major  operating  concerns  for  the  turbine  disk  InFIgure  14  Include  centrifugal  stresses  due  to 
rotation,  thermal  stresses  due  to  exposure  to  compressor  discharge  cooling  air,  and  local  stress  concen¬ 
trations,  such  as  the  drilled  cooling  air  supply  hole.  As  a  result  of  the  combined  loading  conditions, 
the  limiting  low  cycle  fatigue  (LCF)  location  Is  at  the  cooling  air  hole  exit  In  the  disk  rim  slot.  The 
detailed  disk  geometry  Is  shown  In  Figure  IS. 


Prediction  of  the  local  disk  operating  conditions  requires  a  thermal  and  aerodynamic  system  analysis 
of  the  engine  for  a  given  flight  profile  and  flight  environment,  as  shown  in  Figure  16. Following  mission 
thermal  cycle  analysis,  the  detailed  disk  temperature  history  may  be  computed  based  on  standard  heat 
transfer  analysis,  together  with  estimates  of  the  aoproprlate  boundary  conditions.  Figure  17  shows  a  map 
of  the  JT80-17  disk  cross-section  that  was  used  In  a  finite  difference  thermal  analysis  computer  pro¬ 
gram.  The  results  of  the  thermal  analysis  for  the  disk  bore  and  rim  locations  are  shown  In  Figure  18. 
Finally,  by  combining  the  mechanical  loads  and  thermal  loads,  the  nominal  disk  stress  history  for  the 
selected  mission  can  be  computed,  see  Figure  19. This  load  history  together  with  a  local  model  of  the 
cooling  air  hole  provide  sufficient  Information  to  undertake  fracture  mechanics  life  prediction. 


2.4. 1.2 


2:  Predict  Crack  Growth  Rate  and  Total  LCF  Life 


Surface  crack  growth  for  the  JT80-17  cooling  air  hole  problem  has  been  taken  as  the  application 
problem,  from  Ref. (1). The  disk  geometry  and  mission  analyses  were  reviewed  In  Figures  15  through  19. Ini¬ 
tiation  of  a  surface  crack  was  predicted  for  the  location  shown  In  Figure  20.  The  present  discussion 
concerns  the  predicted  subsequent  LCF  growth  of  this  surface  crack.  All  necessary  material  properties 
for  the  analysis  are  given  in  Ref.  (1). 

LCF  growth  of  the  surface  crack  was  predicted  using  the  700°k  (800°F)  data  based  on  the  mission 
analysis  results.  A  substantial  subcycle  In  the  hoop  stress  occurs  In  the  rim,  as  shown  In  Figure  19. 
This  subcycle  was  treated  as  being  equivalent  to  a  major  load  cycle  as  the  subcycle  is  within  10  percent 
of  the  major  cycle  range,  thus  giving  two  load  cycles  per  flight. 

The  surface  flaw  was  assueed  to  be  semi-elliptical  In  shape  and  the  orientation  of  the  flaw  was  such 
that  the  plane  containing  the  crack  was  normal  to  the  local  stress  field.  The  growth  of  the  surface  flaw 
was  modeled  as  If  the  disk  was  an  Infinite  width  structure;  this  assumption  Is  viewed  to  be  valid  for  a 
surface  flaw  depth  less  than  or  equal  to  three-fourths  of  the  finite  structural  width.  The  Initial  crack 
aspect  ratio  of  a/c  *  0.48  was  obtained  by  analytically  growing  to  the  0.079  cm  (1/32  Inch)  surface 
length  from  an  0.01  cm  (0.004  Inch)  surface  length  crack.  Local  stress  gradients  define  this  Initial  as¬ 
pect  ratio. 

The  local  stress  concentration  factor  was  3.45  with  a  peak  nominal  stress  of  3.10  *  108  H/a2 
(44.9  ksl).  Stress  variations  In  the  engine  axial  and  rotor  radial  directions  were  estimated  from  finite 
alement  analysis.  LCF  crack  growth  simulation  results  for  R  ■  0  are  shown  In  Figure  20,  based  on  the 
wel^it  function  design  method  In  Ref.  (9). 


2.5  EVALUATION  OF  APPLIED  PROCEDURES  AND  RECOMMENDATIONS 


The  extensive  modeling  capabilities  of  fracture  mechanics  have  been  shown  to  be  applicable  to  a  nwn- 
ber  of  gas  turbine  engine  design  problems.  Further  examples  Include  static  structures  In  engines,  which 
are  just  now  being  modeled  with  fracture  mechanics  methods.  It  must  be  recognized,  however,  that  the 
complex  environment  within  the  engine  not  only  makes  the  use  of  these  models  difficult  for  the  designer, 
but  also  makes  acquisition  of  substantiation  data  expensive  and.  In  some  cases,  beyond  Instrunentation 
capability. 

It  must  also  be  pointed  out  that  the  safe  life  of  rotating  engine  structures  is  generally  based  on 
crack  Initiation  modeling.  Advanced  material  developments  emphasize  high  strength  materials  with  good 
LCF  Initiation  properties,  often  to  the  detriment  of  the  crack  propagation  properties.  Use  of  fall  safe 
design  philosophy  for  these  problems  InvoV'es  potential  performance/cost  risks  that  may  mitigate  against 
Its  application. 
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Figure  2  Hypothetical  Olsk  Material  Defect  Distribution 
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Figure  9  Crack  Growth  Simulation  From  Bolt  Hole  Surface 


•1  CONVECTION  COOLED 


bl  mm  COOLED 
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3.i  ursoductioi 


The  major  part  of  an  aircrafV  structure  consists  of  built-up  panels  of  sheets  and  stringers,  e.g. 
wing  and  fuselage  skin  panels*  spar  webs*  skin  and  stiffener  doublers.  Past  experience  has  shown  that 
despite  all  precautions  cracks  may  arise  in  any  of  these  structural  elements.  Cracks  will  reduce  the 
stiffness  and  the  load  carrying  capacity  of  the  structure,  and  because  in  built-up  structures  any  element 
is  essential  for  the  functioning  of  the  structure  as  a  whole,  the  possibility  of  cracking  must  be  taken 
into  account  early  in  thi  design  stage,  i.e.  the  designer  has  to  make  his  concept  "damage  tolerant". 

Kith  a  view  to  this  the  task  of -the  designer  is  twofold.  On  the  one  hand  he  has  to  ensure  that  the  chance 
of  crack  initiation  will  be  minimized,  and  that  if  cracking  occurs  it  will  do  so  as  late  as  possible  in 
the  service  life  and  the  cracks  will  grow  very  slowly  so  that  repair  will  be  minimized.  This  can  be 
achieved  by  a  well-considered  detail  design  (avo. dance  of  holes,  cut-outs, sharp  angles,  sudden  cross- 
sectional  changes  and  eccentricities  in  components  subjected  to  tension)*  by  a  good  arrangement  of 
structural  elements*  and  by  choosing  material  with  good  fatigue  and  crack  propagation  properties.  On  the 
other  hand,  the  designer  of  a  damage  tolerant  structure  has  to  guarantee  safe  operation  of  the  aircraft 
assuming  a  crack  of  a  certain  size  to  be  present.  To  do  this  he  has  to  be  able  to  predict  the  fatigue  life 
until  final  failure,  starting  with  a  certain  minimum  (-  detectable)  crack  length.  Further,  he  haa  to  be 
able  to  demonstrate  that  a  specified  load  (usually  equal  to  limit  load)  can  still  be  carried  by  the  structure 
with  a  certain  amount  of  damage  being  present  (e.g.  a  two-bay  skin  crack  with  or  without  failure  of  the 
central  stiffener).  In  other  words,  the  crack  propagation  and  residual  strength  capabilities  of  built-up 
structures  have  to  be  demons  rated  to  meet  certain  requirements  early  in  the  design  stage  of  the  aircraft. 
The  foregoing  implies  that  1  :  designer  is  expected  to  have  analytical  and/or  experimental  tools  available 
to  demonstrate  that  his  deal  1  meets  these  damage  tolerant  requirements.  The  present  chapter  deals  with 
the  latter  part  of  the  desig  er's  task,  i.e.  prediction  of  residual  strength  and  crack  propagation  properties. 
In  the  past,  fracture  -enhance  has  proved  to  be  a  valuable  means  to  determine  these  properties.  How 
designers  applied  fracture  mechanics  in  recent  projects  and  how  it  can  be  applied  in  future  designs  will 
be  discussed  here. 

The  reader  of  this  chapter  i>  assumed  to  have  some  knowledge  of  fracture  mechanics.  Background  reading  on 
fracture  and  the  fundamental*  of  fracture  mechanics  can  be  obtained  from  textbooks  published  by  Broek  [1], 
Knott  (2)  or  from  a  special  issue  of  the  Journal  of  Strain  Analysis,  written  by  different  specialists  in 
this  field  (3)  . 

When  a  crack  occurs  in  any  element  of  a  built-up  structure, it  is  characteristic  of  this  type  of  structure 
tnat  it  has  the  ability  to  transfer  load  from  the  cracked  to  the  intact  elements,  thus  relieving  the  moat 
critical  part  of  the  structure.  Conceivably  this  interaction  of  intact  and  cracked  elements  will  be 
essential  for  the  residual  strength  and  crack  propagation  behaviour  of  the  built-up  structure  as  a  whole. 

In  the  literature  a  reasonable  amount  of  information  can  be  found  dealing  with  this  subject.  A  review  of 
that  literature  will  be  given  in  section  3.2  of  this  chapter. 

Following  on  from  section  3.2,  the  residual  strength  and  crack  propagation  behaviour  of  built-up  structures 
are  discussed  in  sections  3.3  and  3.4  respectively.  At  the  end  of  each  section  a  number  of  practical 
examples  are  co"plled  that  illustrate  residual  strength  and  crack  propagation  analyses  of  skin-stringer 
combinations  made  available  by  various  sources.  In  the  heading  of  each  example  the  source  is  mentioned. 

The  axaavlos  are  presented  as  much  as  possible  in  their  original  but  edited  form  to  give  full  cre-lit 
to  the  contributors.  It  is  emphasized  that  the  way  of  presentation,  the  contents  and  conclusions  are  the 
responsibility  of  the  contributors.  Each  example  is  followed  by  some  concise  editorial  comments. 

3.2  IHTHUCTIOH  OP  REIHPORCIHC  AHD  CRACKED  ELOOWTS  IH  A  BUILT-UP  STRUCTURE 

When  a  crack  occurs  in  any  element  of  a  built-up  structure  one  or  more  nearby  intact  elements  will 
usually  take  over  some  load  from  the  cracked  component.  Depending  on  the  type  of  deeign,  this  lc id  transfer 
will  occur  directly  after  initiation  of  the  crack  (e.g.  a  crack  in  one  of  the  layers  of  a  multi-ply 
laminate)  or  after  some  growth  of  the  crack  (e.g.  a  skin  crack  initiating  at  a  stringer  runout  and  propa¬ 
gating  towards  Intact  stiffeners).  In  other  words,  contrary  to  a  monolithic  structure,  the  built-up 
structure  has  the  ability  to  transfer  the  load  from  the  cracked  element  along  an  alternate  load  path, 
thus  reducing  the  severity  of  the  stress  condition  at  the  crack  tip  of  the  severed  element.  In  general 
this  load  transfer  will  result  in  a  higher  failure  stress  of  the  built-up  component  as  compared  to  that 
of  a  monolithic  structure  of  the  same  dimensions  and  with  the  same  crack  sis*.  However,  owing  to  the  local 
overload  in  the  Intact  elements  one  of  these  elements  may  fail  abruptly  and  completely  (owing  to  its 
limited  static  strength)  or  become  cracked  as  well  and  fail  after  some  time.  In  such  cases  the  effect  of 
the  additional  load  carrying  elements  on  the  stress  condition  at  the  crack  tip  will  be  detrimental, 
because  of  the  pulling-open  forces  exerted  by  the  failed  component  on  the  cracked  part.  These  alternative 
possibilities  imply  that  an  accurate  appraisal  of  the  amount  of  interaction  of  the  intact  and  cracked 
elements  in  a  built-up  structure  la  essential  for  prediction  of  the  residual  strength  and  crack  propagation 
properties  of  the  built-up  structure  as  a  whole. 

Because  most  built-up  structures  in  an  aircraft  consist  of  sheet  (skin)  reinforced  by  stiffening  elements, 
and  the  skin  usually  commences  to  crack  first,  tha  configuration  of  s  cracked  ekin  provided  with  an  intact 
stiffener  ia  comnonly  used  as  a  model  for  the  interaction  of  built-up  eheet  etructures.  In  some  cases  the 
effect  of  s  partly  or  completely  failed  stiffener  on  the  stress  condition  at  the  crack  tip  is  considered 
(see  literature  review  further  on  in  this  ssetion), 

3.2.1  Application  of  fracture  mechanics  in  general 

In  elastic  fracture  mechanics  it  is  usually  assumsd  that  ths  stress  condition  at  the  crack  tip 
is  governed  by  the  stress  intercity  factor,  K,  For  an  unatiffsnsd  ctr.trally  cracked  sheet  K  is  defined  by 

K  -  f  (a/w)  .  qv/ira  (l) 

where  o  is  the  gross  stress  remote  from  the  crack,  s  is  ths  half  crack  length,  W  is  the  panel  width 
and  f(a/W)  is  a  factor  accounting  for  limited  panel  size.  Cracks  in  aircraft  structures  are  generally 
limited  to  a  email  fraction  of  the  panel  width,  and  oo  thf  correction  factor  is  close  to  unity.  For  this 
reason  this  factor  will  be  Ignored  henceforth  in  the  expressions  for  the  etrees  intensity  factor.  More 
information  concerning  finite  width  correction  factors  can  be  found  in  textbooks  on  frseturs  mechanics 
(for  example  [1]  ). 
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In  the  literature  the  effect  of  the  etiffener(e)  on  the  etrees  intensity  at  the  crack  tip  ia  usually 
arpreseed  by  the  vtlue  of  the  "etrees  intensity  correction  factor",  C(a),  defined  as  the  ratio  of  the 
stress  intensity  factors  of  the  stiffened  (L_ and  the  unstiffened  panel  at  th® 

ease  crack  length,  or  “  '  '  “* 

C(a)  -  (2) 

TBB'lTPVUttS) 

the  eaount  of  overload  in  the  etiffener(s)  due  to  the  presence  of  the  crack  is  usually  expressed  by 
the  value  of  the  "stiffener  load  concentration  factor",  L(a),  defined  es  the  ratio  of  the  stiffener  loads 
occurring  in  the  region  of  the  crack  (F^^)  and  remote  from  the  crack  (7gggj^)t  or 

lW.pSBL_.  (3) 

'RUfOTE 

In  the  literature  many  publications  dealing  with  sheet-stiffener  interaction  are  available.  Much  less 
nunerous  are  the  publications  dealing  with  the  interaction  in  laminates  and  sandwiches.  A  review  of  the 
various  publications  on  the  cracfc-eurroundings  interaction  in  built-up  sheet  structures  ia  given  in 
the  following  sections.  It  is  emphasized  here  that  it  is  not  the  author's  intention  to  present  quantitative 
results  published  in  the  different  references  reviewed.  The  aim  of  the  review  is  simply  to  let  the  designer 
know  where  and  what  is  to  be  found  in  the  literature  available  on  this  subject. 

3.2.2  First  approaches  to  sheet-stiffener  interaction  problem 

In  this  suVeection  a  historical  overview  of  the  first  approaches  to  eheet-stiffener  interaction 
is  given.  Table  1  shows  schematically  the  configurations  studied  by  various  investigators  together 
with  the  assumptions  made. 

To  the  author's  knowledge  the  first  publication  on  this  subject  ia  from  Romualdi,  Frasier  and  Irwin  (4j. 

Their  work  presents  examples  illustrative  for  the  calculation  of  K  in  a  cracked  sheet  with  riveted 
stiffeners.  Two  crack  locations  are  considered,  viz.  a  crack  symmetrically  located  at  a  stiffener,  and 
between  two  stiffeners.  The  stress  intensity  factor  is  computed  by  considering  the  stress  situation  for 
a  crack  in  a  stiffened  panel  as  that  of  an  unstiffened  sheet  with  superimposed  fields  of  stress  due  to 
the  rivet  forces  (see  Figure  l) .  For  that  purpose  the  magnitude  of  the  rivet  forces  has  to  be  known. 

Romualdi  computed  the  rivet  forces  from  analytical  equations  expressing  ths  consistency  of  displacements 
in  sheet  and  etiffener  at  the  rivet  locations  (see  Pigv.-e  1).  The  stresses  and  displacements  in  the 
cracked  sheet  were  found  with  the  aid  of  a  stress  function  suggested  by  Mestergaard  [5]  .  When  the  rivet 
forces  ars  known,  the  total  K- value  ia  found  by  superimposing  the  K  solutions  for  the  different  stress 
systems.  The  K-values  found  in  [4]  illustrate  that  the  riveted  stiffenere  for  both  crack  locations  serve 
ss  effective  crack  atoppere.  The  calculations  were  checked  experimentally  by  employing  atraingauge 
techniques  for  the  measurement  of  the  total  stress  intensity  at  the  ersek  tip.  Satisfactory  correlation 
between  analysis  and  testa  was  obtained.  The  principles  of  the  work  in  [4)  were  further  developed  in 
later  publications  by  Romualdi  and  Sanders  (6,7, 8]  .  It  has  to  be  noted  here  that  the  work  of  Romualdi 
et  ml,  in  fact  haa  been  the  basis  for  most  of  ths  analytical  procedures  developed  later  by  other  investigators. 
Independently  of  ths  work  of  Romualdi,  reports  and  articles  dealing  with  sheet-stiffener  interaction  were 
published  by  Sanders,  Greif  and  Bloom  (9,10,11]  .  Sanders  [9]  used  in  his  analysis  an  analytical  function 
of  a  complex  variable  to  describe  the  stress-displacement  relations,  whils  Grsif,  Sanders  and  Bloom  [10,11] 
applied  the  complex  variable  method  of  Jfuekheliahvili  [12]  .  Sanders  and  Greif  [9,10]  presented  a  solution 
for  the  stress  problem  of  an  infinite  cracked  sheet  stiffened  by  a  continuously  attached  line  stiffener 
of  constant  croee-sectional  area.  The  crack  extends  perpendicularly  to  the  stringer.  Sandsre  [9]  considered 
ths  cast  of  a  crack  extending  an  equal  distance  on  either  side  of  the  stiffener  (symmetric  crack)  and 
treats  the  cases  of  a  broken  and  an  unbroken  stiffener.  Greif  and  Sanders  [10]  considered  both  symmetric 
and  non-eymmetric  cracks  (i.e.  a  crack  located  on  one  side  of  the  stiffener)  extending  under  or  beside  an 
intact  stiffener.  Bloom  and  Sanders  [ll]  considered  symmetric  and  non-symsetrlc  cracks  extending  under  or 
betide  an  intact  or  broken  etiffener  attached  tc  the  sheet  by  mesne  of  equally  spaced  rigid  rivets  of 
equal  diameter.  Sanders,  Greif  and  Bloom  [9-11]  presented  their  results  in  the  form  of  curves  relating 
C  and  L  (see  equations  (2)  and  (3))  to  crack  length  and  stiffness  parameter*.  In  their  work  C  is  the  ratio 
of  the  etreeeee  Oy(x)  In  the  stiffened  and  unstiffened  sheet  for  x  approaching  xti-  instead  of  the  ratio 
of  stress  intensity  factors.  A  brief  review  of  the  results  obtained  in  [9-ll]  can  oe  found  in  a  report  of 
Vlleger  and  Broek  [13]  . 

While  the  work  of  Sanders,  Greif  and  Bloom  Is  related  to  Infinite  width  sheet  provided  with  only  one 
stiffener,  Iaida  and  hie  co-workers  [14-19]  studied  mainly  the  effect  of  continuously  attached  stiffeners 
on  the  street  intensity  of  centrally  cracked  sheets  of  finite  widths.  Their  analysis  is  based  on  Laurent's 
expansions  of  the  complex  stress  potentials,  where  the  expansion  coefficients  are  determined  from  the 
boundary  conditions.  The  formu' ae  for  the  errek  tip  stress  intensity  factors  are  presented  in  the  form  of 
power  series  of  the  ratio  of  crack  length  to  sheet  width  for  various  combinations  of  the  extensional  and 
bending  stiffness  of  the  stringers.  Numerical  results  for  typical  cases  are  summarized,  in  diagrams. 

The  analyses  performed  by  Sanders,  Greif  and  Bloom  (9-1 1]  and  Isida  [14-19]  were  carried  cut  on  panels  of 
simple  configuration  provided  with  only  one  or  t»ro  stiffeners.  Isida  considered  in  some  of  his  publications 
[15,17]  panels  with  mors  than  two  stiffeners,  but  in  those  caseo  cracks  were  present  in  every  other 
stiffener  bay  to  account  for  finite  panel  width.  Poe  [20,21,22]  published  data  relating  to  infinite  wide 
panels  of  realistic  design.  He  examined  the  effect  of  multiple  stringers  on  the  stresses  in  a  cracked 
sheet  with  crack  lengths  up  to  six  times  the  etiffener  spacing.  The  stringers  were  assumed  to  be  uniformly 
spaced  and  attached  to  the  sheet  by  means  of  uniformly  spaced  rivets.  Poe  determined  the  unknown  rivet 
forces  in  his  analysis  by  requiring  the  displacements  in  the  sheet  and  stringers  to  be  equal  at  corresp¬ 
onding  rivet  location*  (in  fact  the  same  approach  as  proposed  ly  Romualdi  et  al.).  The  stress  intensity 
factor  for  the  cracked  stiffened  sheet  was  determined  by  superimposing  the  solutions  of  the  stress 
lnt«#ity  factor  for  the  rivet  forces  and  for  the  applied  uniaxial  stress.  Two  symmetrical  cases  of  crack 
location  war*  considered,  viz.  a  crack  extending  equally  on  both  sides  of  a  stringer  and  a  crack  extending 
equally  on  both  aides  of  a  point  midway  between  two  stringers. 
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FIGURE  1  SHEET. STIFFENER  INTERACTION  FOR  PANEL  WITH  RIVETED  STIFFENERS 


3-7 


Id  [20,2l]  all  stiffeners  war#  assumed  to  be  intact ,  whereas  in  [223  'the  affect  of  various  numbers  of  broken 
stiffeners  was  investigated.  Poe  presented  his  results  in  the  form  of  deals'  graphs,  giving  stress  Intensity 
factors  and  forces  in  the  most  highly  loaded  rivet  and  stringer  for  a  systematic  variation  of  crack  lengths, 
stringer  stiffness,  rivet  spacing,  and  stringer  spacing.  These  make  Poe's  results  attractive  for  parametric 
studies  in  the  design  stags  of  new  components,  and  his  results  have  been  frequently  used  for  that  purpose 
(see  examples  presented  in  section  3.4) • 

3.2.3  Reviews  of  first  approaches  and  new  solutions 

In  the  early  seventies  a  number  of  handbooks  on  available  solutions  to  crack  problems  were  publish¬ 
ed,  namely  those  of  Rooks  and  Cartwright  [23]  ,  Sih  [24]' ,  and  Tads,  Paris  and  Irwin  [23]  •  These  books 
also  contain  information  about  stiffened  sheets.  Rooks  and  Cartwright  [23]  devoted  a  whole  chapter  of  their 
compendium  to  this  structural  configuration,  in  which  they  reviewed  the  results  of  Sanders,  Creif  and 
Bloom  [9-11]  ,  and  some  results  of  Isida  [17,18]  and  Poe  [2l]  ,  They  presented  these  results  in  graphical 
form.  Sih  [24J  reviewed  in  a  section  on  stiffened  sheets  some  results  of  Isida  [19]  and  Poe  [20]  ,  while 
Tada,  Paris  and  Irwin  only  considered  the  work  of  Isida  [17]  . 

Apert  from  stress  intensity  solutions,  [24]  and  [23]  contain  information  concerning  some  methods  commonly 
used  in  determining  stress  intensity  factors.  A  review  of  the  many  methods  available  has  been  given  by 
Cartwright  and  Rooke  [26]  ,  Baaed  on  this  review  they  came  to  the  conclusion  that  it  will  often  be  time 
consuming  and  costly  to  obtain  stress  Intensity  factors  for  complex  configurations  and  that  there  was  a 
need  for  simple  methods  of  obtaining  approximate  solutions  for  new  configurations.  To  meet  this  need  they 
developed  the  so-called  compounding  method  as  a  quick  and  versatile  way  of  extending  known  stress  intensity 
solutions  to  configurations  for  which  stress  intensity  factors  are  not  known.  In  applying  the  compounding 
method  the  (complex)  configuration  for  which  the  stress  intensity  is  desired  is  separated  into  a  number 
of  ancillary  configurations  which  have  known  joluvi.-s .  The  solution  of  the  original  configuration  is 
then  obtained  by  superposition  of  the  ancillary  configurations  and  correcting  the  results  for  interaction 
of  the  separate  solutions.  The  great  advantage  of  the  compounding  method  is  that  the  importance  of  design 
parameters  such  as  e.g.  type  of  attachment,  flexibility  of  attachment,  and  sheet  curvature  can  be  studied 
using  a  simple  structure  with  a  single  stiffener.  Results  for  a  structure  with  multiple  stiffeners  can 
then  be  compounded  from  those  for  the  simple  structure. 

The  principles  of  the  compounding  method  are  discussed  in  [27]  and  [28]  and  a  detailed  description  of  this 
method  is  g.ven  in  Chapter  10  of  this  handbook.  Applications  to  stiffened  panels  are  presented  in  [29-31]  . 

In  [29]  and  [30]  the  stress  intensity  factor  is  determined  for  a  panel  configuration  with  a  crack  which 
is  located  asymmetrically  between  two  continuously  attached  stiffeners  in  a  periodically  stiffened  sheet. 

The  required  ancillary  configuration  for  this  problem  was  provided  already  by  Creif  and  Sanders  [10]  . 

'Hie  stress  intensity  solutions  for  both  tips  of  the  asymmetric  crack  are  presented  in  [29]  and  [30]  in 
graphical  fora.  In  [31]  the  panel  configuration  with  riveted  stiffeners  and  an  array  of  collinear  cracks 
(not  necessarily  of  equal  length)  ie  considered.  The  practical  significance  of  this  problem  is  argued  in 
[31  ]  by  the  statement  that  multiple  initiation  of  cracks  at  different  stiffeners  can  result  in  such  an 
array  of  cracks. 

3.2.4  Sheet  stiffener  interaction  computations  related  to  fatigue  crack  growth 

A  vast  amount  of  theoretical  ahd  experimental  work,  mainly  related  to  the  fatigue  crack  growth 
behaviour  of  stiffened  structures,  has  been  carried  out  by  Salvetti  and  his  co-workera  [32-38]  .  They 
performed  their  work  on  cracked  riveted  panels  of  realistic  design.  The  panel  dimensions,  stringer 
geometry  and  spacing  were  varied  systematically  in  the  construction  of  the  panel.  Apart  from  crack 
propagation  data,  References'  [32-35]  and  [38]  present  plots  of  C  and  L  versus  crack  lengths  for  various 
stiffened  panel  configurations.  References  [36]  and  [37]  are  especially  devoted  to  the  evaluation  of 
fatigue  endurance  of  the  stringers  as  a  function  of  the  crack  length  in  the  sheet  and  applied  panel  load. 

3.2.5  Modelling  of  the  rivet  connection 

It  was  shown  in  the  foregoing  that  in  the  case  of  cracked  riveted  panels  the  magnitude  of  the 
rlvst  forces  in  the  region  of  the  crack  has  to  be  known  to  allow  computation  of  the  strese  intensity  factor 
of  ths  stiffened  panel  (see  ?igure  l).  The  accuracy  with  which  the  value  of  the  strese  intensity  can  be 
determined  will  depend  on  the  method  of  modelling  of  the  rivet  connection.  In  most  references  dealing  with 
eheet-stif f ener  interaction  mentioned  so  far  [4-34]  it  is  assumed  that  the  attachments  are  infinitely 
rigid  and  so  do  not  deflect  under  load.  This  assumption  allows  a  rather  easy  determination  of  the  rivet 
forces  and  thus  of  K.  However,  in  practice  the  rivet  and  its  surroundings  will  deform  under  bearing  loads, 
thus  making  the  eheet-atiffener  interaction  less  effective.  An  additional  complication  in  this  context  is 
that  loads  will*  also  be  transferred  from  sheet  to  stiffener  by  means  of  friction  forces  arising  from  sheet- 
stiffener  contact  due  to  riveting  pressure.  The  effect  of  rivet  attachment  flexibility  has  been  accounted 
for  by  Swift  [39,40]  ,  Cartwright  and  Dowrick  [41]  ,  Ratwani  and  Wilhem  [42-44]  and  Salvetti  [35-30]  . 

The  effects  of  rivet  attachment  flexibility  and  friction  forces  have  been  discussed  by  Salvetti  in  a  note 
especially  prepared  for  this  chapter  (see  example  problem  3.4. 2. 8). 

3.2.6  Double  rows  of  rivets 

Stiffeners  are  often  attached  to  "the  sheet  with  a  double  row  o£  rivets.  In  such  s  situation  it 
may  ba  unrealistic  to  assume  that  the  etiffener  is  concentrated  along  a  single  line.  The  effects  of  a 
doubly  riveted  stiffener  on  the  stress  intensity  factor  as  compared  with  the  singly  riveted  stiffener  are 
considered  by  Kang  and  Cartwright  [45]  • 

3.2.7  Partial  failure  of  atiffenere  and  debonding  of  adhesive  bonded  panels 

In  practice  partial  failure  of  the  stiffener  may  occur.  Such  a  situation  has  been  observed  by 
Poe  [46]  for  the  case  of  integral  panels.  Poe  observed  simultaneous  crack  growth  in  sheet  and  stiffener, 
st  approximately  the  same  rats,  after  the  crack  tip  had  reached  the  stiffener.  Of  course  such  a  situation 
may  also  arise  when  the  stiffeners  are  riveted  or  bonded  to  the  sheet,  although  it  is  not  expected  then 
that  initiation  of  the  crack  in  the  etiffener  will  occur  at  the  instant  the  ikln  crack  reaches  the  Btiffener. 
An  additional  problem  that  may  arise  in  the  case  of  bonded  stiffeners  is  debonding  of  the  sheet-stiffener 
connection  when  the  crack  passes  under  a  stiffener.  This  problem  implies  that  there  may  be  a  region  of 
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crack  growth  in  tha  skin  that  is  affected  by  a  stiffener  which  is  aithar  partially  crackad  or  partially 
cracked  and  debonded  or  only  debonded.  The  problem  of  partial  stiffener  failure  has  been  studied  by 
Kanazawa  at  al.[47]  and  Miller  and  Cartwright  [43]  for  a  panel  in  which  tha  stiffener  ia  continuously 
attached  to  the  sheet  (see  Figure  2) .  A  combination  of  partial  stiffener  failure  and  debonding  of  the 
skin-stiffener  connection  was  considered  by  Cartwright  and  Miller  [49]  •  Debonding  of  the  ekin-stiffener 
connection,  with  or  without  complete  stringer  failure,  has  been  studied  by  Arln  (50-53]  (eee  Pigure  3) 
and  Hart-Smith  [54]  .  In  [50]Arin  considered  the  effect  of  partially  debonded,  Intact  stringers  on  the 
stress  intensity  factor.  The  stiffeners  were  assumed  to  be  adhesively  bonded  to  an  isotropic  sheet,  but 
the  bending  rigidity  of  the  stiffeners  in  the  plane  of  the  sheet  was  neglected.  In  [51]  Arin  considered 
the  same  stiffener  configuration  but  now  accounting  for  the  stringer  bending  rigidity.  Due  to  high  load 
levels  in  the  stringers, failure  of  one  or  more  of  them  may  occur  in  addition  to  debonding.  Therefore  Arin 
also  studied  the  same  panel  configuration  as  in  [50]  with  the  additional  effect  of  one  or  more  broken 
stringers  [52]  •  In  [53]  the  effect  of  orthotropy  was  investigated  for  the  same  panel  configuration  as 
studied  in  [52]  .  Hart-Smith  [54]  studied  the  affect  of  debonding,  combined  with  a  completely  failed  or 
Intact  stiffener,  for  panels  of  realistic  design  (see  Figure  4). 

3.2.8  Effect  of  crack  tip  plasticity 

Assuming  that  the  crack  is  located  in  a  completely  elastic  stress  field,  then  a  stress  singularity 
will  exist  at  the  tip  of  the  crack.  In  practice,  materials  (especially  metals)  tend  to  exhibit  a  certain 
stress  level  above  which  they  deform  plastically.  This  means  that  there  generally  will  be  a  region  around 
the  tip  of  a  crack  where  plastic  deformation  occurs,  and  hence  a  stress  singularity  cannot  exist.  The 
plastic  region  is  known  as  the  crack  tip  plastic  zone. 

The  effect  of  the  stiffener  on  the  amount  of  yielding  cround  the  crack  tip  and  the  reciprocal  effect  of 
the  crack  tip  yielding  on  the  load  concentration  in  the  stiffener  were  considered  by  Ratwani,  Hilhen  and 
Fitzgerald  [42-44,55]  and  Cartwright  and  Rich  [56]  .  The  analyses  in  [42-44, 55?53]  ar®  baaed  on  a  Dugdale- 
type  atrip  plastic  zone  [57]  .  Cartwright  and  Rich  [56]  presented  computational  results  for  the  magnitude 
of  the  crack  tip  opening  displacement,  the  stiffener  load  concentration  and  the  maximum  attachment  force 
for  a  range  of  stiffness  ratios  and  strip  yield  zone  lengths  for  centrally  cracked  stiffened  panel  conf¬ 
igurations  with  two  or  three  riveted  stiffeners. 

3.2.9  Laminated  and  sandwich  panels 

In  the  foregoing  the  interaction  between  a  cracked  sheet  and  a  discrete  stiffener,  attached  to 
the  sheet  by  means  of  riveting  or  adhesive  bonding,  was  under  discussion.  Another  type  of  built-up  design 
is  a  sandwich  plate  or  laminate,  consisting  of  two  or  more  layers  of  metallic  or  composite  material  connect¬ 
ed  to  each  other  by  means  of  an  adhesive.  When  considering  only  those  laminated  structures  in  which  one 
or  more  of  the  layers  contain  a  through  crack,  with  or  without  a  partly  dsbondsd  adhesive  layer  in  the 
vicinity  of  the  crack,  there  appear  to  be  relatively  few  publications  available  dealing  with  the  inter¬ 
action  aspects  (in  terms  of  stress  intensity)  of  this  type  of  structure. 

The  interaction  of  laminated  structures  has  been  studied  by  Erdogan  and  Arin  [58]  ,  Keer  et  al.  [59]  , 
Anderson  et  al.  [60]  and  Ratwani  [61-64 ]  .  Erdogan  and  Arin  [58)  and  Keer  [59]  considered  a  structure  of 
similar  design,  viz.  a  laminate  consisting  of  two  sheets  bonded  together  by  an  adhesive  of  finite  and 
constant  thickness.  In  [58]  one  sheet  was  of  isotropic  (metallic),  and  the  other  of  orthotropic  (fibre 
reinforced  composite)  material,  whereas  in  [59]  both  sheets  were  isotropic.  In  both  cases  only  one  sheet 
contained  a  through  crack  of  finite  length,  namely  the  metallic  sheet.  A  portion  of  the  adhesive  material 
surrounding  the  crack  was  assumed  to  be  debonded  in  [58]  .  Ia  [59]  no  loss  of  integrity  of  the  adhesive 
layer  was  considered.  In  [58]  and  [59]  a  stress  malysis  was  carried  out,  formulated  by  the  utilization 
of  integral  transform  methods,  to  calculate  the  crack  tip  stre,s  intensity  factor,  and  the  boundary  of 
the  debonded  area  (in  No  comparison  with  experiments  war  given. 

Anueraon  [60]  treated  the  problem  of  two  adhesively  bonded  metalii  ~  sheets  of  finite  size  both  analytically 
and  experimentally.  Again  one  sheet  contained  an  initial  through  crack  while  the  other  sheet  was  nominally 
free  of  defects.  The  finite  element  method  was  used  to  determine  the  stresses  in  the  cracked  sheet,  the 
adhesive,  and  the  uncracked  sheet.  Results  of  the  analysis  were  used  to  predict  the  growth  rate  of  the 
crack,  debond  zones  in  the  adhesive  and  the  number  of  cycles  required  to  initiate  a  crack  in  the  uncracked 
sheet.  The  experimental  programme  was  directed  to  verification  of  the  analytical  results. 

Much  analytical  and  expert  men cal  data  concerning  laminated  structures  can  be  found  in  the  work  published 
by  Ratwani  [61-64]  .  He  studied  a  two-ply  (metallic)  adhesively  bonded  structure,  with  a  through  crack  in 
material  1,  a  debond  or  no  debond  in  the  adhesive  around  the  crack  in  material  1,  and  no  crack  in 
material  2.  Also  studied  was  the  case  for  which  the  width  dimension  of  the  uncracked  ply  was  reduced  to 
that  of  a  stiffener.  Ratwani  used  two  different  methods  of  analysis,  namely  the  finite  element  method  and 
the  integral  equation  approach,  to  obtain  the  stress  intensity  factor  in  the  cracked  laminate.  The  analyees 
were  carried  out  assuming  no  debond  in  the  adhesive,  and  an  elliptical  debond  with  a  minor-to-major  axis 
ratio  of  0.1,  the  end  of  the  major  axis  of  the  debond  coinciding  with  the  leading  edge  of  the  crack.  This 
debond  shape  and  size  was  baaed  on  experimental  observations.  The  presence  of  s  crack  in  only  one  layer 
of  a  bonded  structure  will  give  rise  to  out-of-plane  bending  due  to  lsck  of  sysnetry  caused  by  the  presence 
of  the  crack.  By  comparison  of  computed  and  experimentally  determined  c trees  intensity  factors,  Ratwani 
found  that  neglecting  this  out-of-plane  bending  will  yield  unconservati  ;a  results.  A  method  to  account 
for  the  influence  of  out-of-plane  bending  on  the  stress  intensity  factor  was  therefore  developed  [64]  .  A 
parametric  study  was  conducted  in  [63]  to  evaluate  the  influences  of  debond  size  and  adhesive  and  adherent 
properties  on  K. 

3.2.10  Available  computer  programmes 

In  3ub-eectiona  3.3.2  to  3.2.9  a  review  Is  given  of  publications  available  to  the  designer  to 
evaluate  the  interaction  of  cracked  and  uncracked  elements  of  a  certain  built-up  structure.  Data  obtained 
from  design  graphs  presented  in  these  publications  will  usually  be  helpful  during  the  predesign  stage  of 
an  aircraft  when  the  designer,  on  the  basis  of  parametric  studies,  has  to  make  a  final  choice  from  various 
alternative  design  configurations.  However,  when  that  choice  has  been  mode,  he  has  to  demonstrate  that 
the  design  meets  the  residual  strength  and  crack  propagation  requirements  prescribed  by  the  airworthiness 
regulations.  In  that  stage  of  design  the  analyses  discussed  in  the  previous  sub-sections  will  frequently 
be  inadequate  because  of  the  assumptions  made  in  them  (e.g.  rigid  attachments,  purely  elastic  behaviour 


3-11 


of  attachments  and  stiffeners,  neglect  of  stiffener  eccentricity)  or  because  of  the  fact  that  the  actual 
design  cannot  he  properly  modelled  to  the  available  solution  (e.g.  due  to  its  cor  lex  shape  or  construction). 
What  the  designer  then  needs  ie  a  computer  programs  that  enables  him  to  calcula  t  the  residual  strength 
and  crack  propagation  properties  of  a  certain  built-up  structure.  Such  computer  programs*!  descriptions 
of  which  are  available  in  the  open  literature,  have  been  developed  by  3wift  [39,40,65-71]  ,  Vlieger  [13, 
72-79]  ,  Lehrke,  Huth  et  al.[80,8l]  and  Schwarmaun  [82,83]  .  The  programmes  of  a»ift,  Vlieger,  Lehrke 
and  Huth  et  al.  are  based  on  analytical  solution  of  the  displacement  equations  (see  Pig. 1),  whereas 
Schwarmann  used  the  finite  element  approach. 

The  advantage  of  the  analytical  method  over  the  finite  element  method  is  that  for  the  analysis  of  cracked 
atiffehed  panels  solutions  are  either  available  in  closed  form  or  they  ■•r.n  Vs  obtained  using  numerical 
analysis.  The  numerical  analysis  techniques  generally  require  small  computer  run  times.  This  makes  the 
analytical  method  excellently  appropriate  for  parametric  studies.  However,  a  disadvantage  of  the  analytical 
method  is  .hat  there  is  a  limitation  on  modelling  of  the  structure.  In  tho.ie  locations  of  built-up 
structures  where  many  components  are  interconnected  at  one  point  (e.g.  a  skin-doubler— etifiener  connection) 
the  actual  structure  has  to  be  reduced  to  a  simple  configuration  and  such  an  idealization  nmy  easily 
lead  to  inaccuracies  in  the  computations.  In  this  respect  the  finite  element  method  is  much  more  attractive, 
because  structural  complications  can  be  easily  accounted  for  and  the  results  obtained  have  a  high  degree 
of  accuracy.  However,  here  the  major  disadvantages  are  the  large  computer  run  times  and  the  fact  that 
solutions  are  not  closed  form,  and  therefore  cannot  be  easily  generalized.  If  finite  element  techniques 
were  to  be  used  for  parametric  studies  of  any  nature,  the  cost  would  probably  be  prohibitive.  Hence  thie 
technique  is  unlikely  to  be  suitanle  for  parametric  studies.  In  fact  the  latter  point  was  the  motive  for 
Swift  to  change  to  analytical  computation  methods  (see  [40]  ). 

3.3  residual  strength 

3.3.1  Residual  strength  of  flat  panels  loaded  in  uniaxial  tension 

In  aircraft  construction  built-up  structures  usually  conBiBt  of  one  or  more  shoet  elements  often 
reinforced  by  stiffening  elements,  e.g.  stiffened  sheet  (lower  and  upper  wing  skins,  spar  webs,  fuselage 
skin  structure) |  sandwich  structure)  and  laminated  sheet  (skin  doublers).  In  each  of  these  elements  cracks 
may  occur.  When  cracks  occur  there  will  be  an  interaction  of  cracked  and  uncracked  elements.  Predictions 
of  residual  strength  of  built-up  structures  will  usually  be  based  on  the  residual  strength  properties  of 
the  cracked  element  per  ae,  taking  into  account  the  interaction  of  the  cracked  and  intact  elements. 

Because  the  greater  part  of  built-up  structures  consists  of  sheet  and  sheet  elements  in  which  plane  stress 
conditions  prevail,  knowledge  of  the  behaviour  of  relatively  thin  cracked  sheet  under  tension  loads  is 
essential. 

In  the  literature  many  approaches  to  the  residual  strength  problem  of  cracked  unstiffened  sheets  can  be 
found.  A  review  of  the  literature  on  this  subject  was  given  by  Broek  [84]  .  For  a  more  recent  review 
article,  dealing  with  the  roost  current  approaches  to  both  residual  strength  and  crack  propagation  analyses 
for  aircraft  structures,  along  with  the  assumptions  and  limitations  of  each  method,  the  reader  is  referred 
to  [85]  .  To  the  author's  knowledge  only  two  approaches  have  found  ample  practical  application  id  predicting 
residual  strength  of  built-up  panels,  viz.  the  etress  intensity  factor  approach  and  the  R-curve  approach. 

In  this  section  the  principles  of  both  methods  and  the  application  to  built-up  structures  are  discussed, 
starting  with  the  application  to  unstiffened  panels.  For  information  about  application  of  some  other  methods 
of  analysis  to  stiffened  panels  the  reader  is  referred  to  [74]  . 

Only  cracks  in  plane  panels  and  loaded  in  uniaxial  tension  are  considered.  The  effects  of  curvature  and 
combined  loading  conditions  are  discussed  briefly  In  section  ?.?.2. 

3. 3.1.1  Stress  intensity  factor  approach 
(a)  Unstiffened  panels 

The  behaviour  of  a  sheet  with  a  central  transverse  crack  2a0, subjected  to  an  increasing  tension 
stress  o,  is  illustrated  in  the  upper  half  of  Fig. 5.  The  stress  can  be  raised  to  a  value  0^  at  which  the 
crack  will  start  to  extend  slowly.  This  slow  crack  growth  iB  stable)  it  stops  inmediately  when  the  load  is 
held  constant,  and  increasing  stress  is  required  to  maintain  itB  propagation.  Finally,  at  a  certain  critical 
stress  oc  a  critical  crack  length  2ac  is  reached  where  crack  growth  becomes  unstable  and  sudden  total 
fracture  of  the  sheet  results.  Both  slow  stable  crack  growth  and  fast  fracture  instability  occur  at  lower 
stress  levels  if  t>»  initial  crack  is  longer.  By  testing  panels  with  different  initial  crack  sizes  the 
curves  labelled  a  and  b  in  the  lower  half  of  Pig. 5  are  obtained.  The  shaded  area  between  these  curves  is 
the  region  of  stable  crack  growth.  The  curve  labelled  c  can  be  derived  from  data  points  of  curves  a  and  b 
and  relates  the  failure  stress  directly  to  the  initial  crack  length.  This  curve  is  of  special  interest  to 
the  designer  because  he  wants  to  know  which  peak  load  can  still  be  carried  by  the  damaged  structure  when 
a  fatigue  crack  of  certain  size  (2a^)  is  dotected  during  inspection.  It  is  immaterial  to  him  that  the  crack 
will  show  some  stable  growth  (to  a  total  length  of  2ac)  prior  to  final  failure.  Curve  c  is  denoted  as  the 
residual  strength  curve. 

Tests  have  shown  that  for  brittle  materials  and  for  panels  of  a  given  thickness  and  size  with  an  inter¬ 
mediate  rarge  of  crack  lengths  the  curves  a,  band  c  of  Pig. 5  can  be 
the  stress  intensity  factor,  viz.  by  -  c^'/rta.,  Kc  -  az<J rta  and 
lower  part).  However,  for  the  ranges  of  small  ana  large  crack  length 
the  constant  K-curves  appear  to  overestimate  the  residual  strength  properties.  This  point  is  further 
elucidated  in  Pig. 6a  in  which  a  curve  for  a  constant  K  -  ov/na  is  drawn  (a  curve  of  hyperbolic  shape). 

Also  shown  in  this  figure  is  a  straight  line  representing  the  line  for  net  section  yielding:  at  all  points 
on  this  line  the  net  atresaee  of  the  uncracked  ligament  of  the  specimen  are  just  equal  to  the  yield  stress, 
°yield»  “nterial.  The  cross-hatched  areas  along  the  horizontal  axis  indicate  the  regions  of  crack 

sizes  at  which  net  section  stresses  above  yield  would  be  required  to  cause  fracture  st  the  given  K.  Since 
stresses  above  yield  cannot  occur  in  cracked  components  (except  for  very  small  crack  lengths), fracture  in 
these  regions  will  occur  at  stresses  lower  than  those  predicted  by  the  constant  R-curvs.  Peddersen  has 
shown  [86]  that  the  residual  strength  properties  for  these  crack  lengths  can  be  obtained  ly  drawing  two 
linear  tangents  to  the  8-curve  as  shown  in  Pig. 6b.  One  tangent  is  drawn  from  the  point  0  -  Oyieid  on  the 
vertical  axis)  the  other  tangent  is  drawn  from  the  point  2a  -  W  on  the  horizontal  axis,  where  W  denotes 
the  specimen  width.  According  to  Ref.  [86]  the  left-hand  tangency  point  (point  A  in  Pig. 6b)  is  always  at 
two-thirds  of  the  yield  stress,  independent  of  the  value  of  K,  while  the  right-hand  point  of  tanger.cy 


represented  by  constant  values  of 
Kg  -  oc  Vna^,  respectively  (see  Pig. 5, 
s  as  compared  to  the  panel  dimensions 
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(point  B  in  Pig. 6b)  is  always  at  a  total  crack  length  of  onm-thlrd  of  ths  apscissn  width. 

Mian  tha  approach  propoaad  by  Psddsrasn  la  assumed,  tha  complete  raaldual  strength  curv*  of  a  ahaat  of 
any  width  of  a  given  aatarial  and  thickness  can  be  pradlctad  from  residual  mtrength  testa  on  panels  having 
the  aane  thickness  but  rot  necessarily  ths  sasia  width,  provided  the  test  data  nest  ths  following 
requirement*  (see  Plgurs  6b)  i 

°c<f  V*10  “d  2*<^3  «> 

Pto»  data  points  nesting  these  requirement*  the  K-value  relevant  to  the  aatarial  and  thickness  in 
question  can  bs  computed  and  the  K-curv*  can  be  drawn  in  a  a  versus  ?m  plot.  Tangents  drawn  to  this 
cur”  /”*  if1*!11  *°  2/3  °yield  •ad  fr0*  ary  panel  width  H  to  will  c caplet*  the  residual  strength 
curve  (see  fig. 6b). 

The  foregoing  iapllea  that  ths  validity  requi resents  for  the  test  data  to  yield  useful  I  values  are  set 
'W  require*  wits  (4).  However,  there  is  also  a  limitation  as  to  the  width  of  the  panels  used  in  the  test. 
Panels  should  have  a  certain  minimum  slxe  In  order  to  provide  valid  (l.s.  gscsstiy  independent) 

K  values.  As  can  be  seen  from  Plg.6b  this  sinicusi  panel  site,  ,  is  when  the  two  points  of  tangsnqy 
(points  A  and  B)  coincide.  Por  panels  having  a  width  below  the  residual  strength  for  the  whole 

range  of  crack  lengths  is  detersined  by  ths  net  section  yield  criterion. 

file  KinlBus  panel  site  for  valid  It  data  can  be  determined  in  the  following  wey.  Because  points  A  and  B 
la  Pig. 6b  are  points  of  tangency  to  the  6-curve,  ua'ng  requi r***ents  (A)  the  crack  lengths  at  these  points 
are  found  to  be  equal  to  2 

^A'kfr*— )  (5) 

*  V “yield' 

*•*  -  */l 

The  condition  for  the  two  points  to  coincide  yields 


Plgurs  7  illustrates  the  effect  of  panel  width  for  residual  strength  tests  on  unatlffened  panels  of 
2  sai  thick  clad  202 4-T)  and  707 VT6.  To  investigate  the  effect  of  sheet  width  on  residual  strength  and 
to  be  sure  that  the  panels  in  all  other  respeets  were  identical,  the  following  test  procedure  was  applied. 
Piret,  reel dual  etrength  teate  were  carried  out  on  540  im  wide  paneln.  After  these  teete  a  number  of 
epeeiaen  halves  was  used  to  prepare  epeclssne  of  300  ns  and  120  as  vida  by  aswoutting  lengthwise  sa 
indicated  in  the  sketch  of  Pig. 7.  In  plotting  the  rseulte  of  the  residual  strength  testa  (failure  values 
of  atreaes  and  crack  lengths)  ths  approach  of  Peddersan  was  used. 

It  een  be  observed  free  the  results  in  Pig. 7  that  ths  test  data  of  2024-T3  panels  having  widths  of  100  im 
**•  smeller  are  on  ths  net  section  yield  line,  wtiere-e  two  isle  points  for  the  540  sn  wide  202*-T)  panels 
appear  to  bs  points  on  ths  Kq-cunrs.  Further,  all  7075-T6  results  are  located  on  a  single  X^-curv* 
Independent  of  panel  widths.  Using  equation  (6)  together  with  the  values  round  in  Plg.7,  the  atnlmum 
panel  sites  for  valid  Xr-v*lus«  appear  to  bs  stual  to  74  as  and  *0*  as  for  7075-1*  and  2024-T1, 
respectively.  Appsrwitly,  for  relatively  brittle  materials  like  7075  vary  small  panel  widths  will  yield 
valid  K  vs  1  use,  whereas  for  ductil#  aatsrlsls  llks  2024  even  ths  540  am  width  panels  wars  hardly  wile 
enough  for  this  purpose. 

One  final  remark  has  to  bs  wads  regarding  the  minimum  panel  sit*  found  for  the  2024  panels.  In  the  form, 
going  it  warn  Stated  that  two  data  potnta  for  the  540  mm  wide  panels  appeared  lo  yield  valid  X,-v*lu*s  for 
this  material.  On  the  basis  of  this  assumption  ths  minimum  panel  site  for  valid  X  data  was  founJ  lo  be 
«iusl  to  y>8  nm.  However,  altho’igb  the  two  data  point*  Indeed  meet  the  requirement*  eel  by  equation*  (4), 
they  trs  fairly  clos#  to  ths  nst  sscilon  yield  line  *o  thst  th*  validity  of  ths  I_  valves  It  luesttonmbl ». 
In  such  doubtful  casts  it  la  preferable  lo  istt  addition*!  panel*  with  larger  width  dlarnnsl-m*  to 
chsck  whether  these  panels  Indeed  vleld  the  same  X^  value.  Another  possibility  it  to  add  to  th*  validity 
requirements  given  by  equations  (4),  th*  requirement 


•ns^0-*  ajUM 


(7) 


In  that  css*  th*  boundary  for  valid  teat  data  will  be  modified  a*  shown  in  Plgurs  7*. 

8o  far  it  haa  been  assumed  that  the  residual  strength  curve  is  to  no  determined  fro*  test  results.  Cf 
court*  th#  asm*  procedure  can  be  applied  (and  in  th*  design  stage  often  will  be)  or.  the  taels  uf  handbook 
vmluss  of  X  for  nominally  th*  saw*  malarial  and  thickness.  However,  in  *u>  h  cases  on*  should  pay  special 
attention  to  th*  point  whether  tbs  etresaec  and  crack  length*  rorrespondliw  with  *h*  given  K-value  weet 
th#  requirements  set  by  aquations  (d)  ar.d  (7).  In  principle,  eveiUh.llty  of  *  valid  X  value  allows  th* 
designer  to  establish  th#  residual  strength  for  any  panel  •!**,  including  panel*  ■smaller  than  sine# 

th#  latter  will  full  at  net  section  yield.  This  is  ih*  gleet  attraction  cf  th*  Pedderuen  method,  and  a 
compilation  of  K-valu*a  for  various  structural  setal  alloys  of  particular  Interest  for  aircraft  and  ' 
aerospace  application  can  h#  found  in  ( M 7 3  . 

Finally,  th*  affects  of  shssl  thi.-kn#**  and  twsperslurs  on  residual  strength  suet  be  I'onei  derwd .  However, 
these  points  will  not  b#  discussed  comprehensively  in  this  chapter,  since  detailed  information  as  to 
their  influence  on  fracture  toughness  can  be  'ound  in  testbooks  on  fracture  mediant.  *  (*.*.  (l)  snd  (:>]  ). 
In  general  it  an  b*  said  ‘hat  th#  residual  strength  dec  rear**  with  increasing  thick***#  fre*  *  maxlmim 
value  under  pur*  plan#  stress  rendition*  to  s  certain  minisum  value  (th#  plan*  strain  fracture  toughness, 
*1  )  at  thickneese*  where  plan*  strain  condition#  prevail.  In  th*  transitional  rang#  of  thi  kn*e#  th* 
residual  strength  has  tntsrmedist*  values,  quantitative  Xr  vslue*  foi  almtniun  alloy  sheet  saterisls 
(2024,  7075  snd  7475)  of  various  Ihiikn*##*#  ran  b#  found  in  HefsJ'Vi-q])  . 

••gadding  th#  effect  of  temperature,  there  is  generally  *  deer****  in  reel  dual  strength  with  derremotng 
temperature,  Por  aluminium  alloy  sheet  ssterdsl*  (2024,  '075  and  7475)  quantitative  values  of  m  as  a 
function  of  trmpsratur*  can  be  found  ia  Baf#  (70-92)  . 
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figure  »  behaviour  of  stiffened  panel  due  TO  PEAK  LOAOS  AMO  SHAPE 
OF  RESIOUAI.  STRENGTH  01  AGP  AM  (SCHEMATIC) 


FIGURE  1»  EFFECT  OF  TIE LDING  OF  RIVETS  AMO  STIFFEMERS  ON  REHAVIOUR  OF 
STIFFEMEO  PAMEL  (SCHEMATIC).  COMPARE  WITH  FIGURE  ». 
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(b)  Stiffened  panels  with  fully  elaatic  stiffeners  and  fastening  system  and  nominally  elastic  crack 
tip  stresses. 

In  the  previous  section  the  behaviour  of  an  unatiff ened,  cracked  panel  with  increasing  external 
load  ms  discussed  (ses  Figure  5).  Further,  a  prediction  of  the  residual  strength  diagram  for  such  a  panel 
configuration  was  given  on  the  basis  of  the  stress  intensity  factor  approach.  This  section  deals  with  the 
change  in  behaviour  of  the  panel,  and  thus  the  shape  of  the  residual  strength  diagram,  when  the  unatiff  ened 
cracked  sheet  is  provided  with  stiffeners. 

Comparing  the  stress  distributions  in  the  cracked  regions  of  a  stiffened  and  an  unstiffened  panel  there 
will  be  a  dissimilarity  caused  by  the  sheet-stiffener  interaction  in  that  region.  In  the  case  of  a  cracked 
sheet  the  stiffener  provides  extra  stiffness  that  decreases  the  stress  at  the  crack  tip  by  load  transfer 
from  sheet  to  stiffener.  In  this  connection  two  significant  dimensionless  parameters  were  introduced 
in  section  3.2  of  this  chapter,  vis.  the  "stress  intensity  correction  factor",  C(a)  and  the  "stiffener 
load  concentration  factor",  L(a) .  The  factor  C  was  defined  ae  the  ratio  of  the  stress  intensity  factors 
of  ths  stiffened  and  unstiffened  panel  st  a  certain  crack  length  (see  equation  (2)).  The  factor  L  was 
defined  as  ths  ratio  of  the  stiffener  loads  in  ths  region  of  the  crack  and  remote  from  the  crack  (aee 
equation  (3)). 

It  has  alrsady  besn  shown  in  ssetion  3-2  (ses  Fig.l)  that  quantitative  values  of  C(s)  and  L(a)  can  be  readily 
calculated  when  the  fastener  loads  are  known.  The  fastener  loads  can  be  computed  for  a  certain  panel 
configuration  by  assuming  equal  displacements  of  corresponding  fastener  points  of  sheet  and  stiffener. 

Values  of  C(a)  end  L(a),  obtained  in  this  manner  using  [7*]  ,  are  plotted  in  Figure  8  for  s  panel  configura¬ 
tion  with  five  riveted  strip  stiffeners  containing  a  central  crack j  in  making  these  computations  yielding 
of  rivets  and  stiffeners  was  not  accounted  for. 

In  Figure  8s  tha  central  stiffener  is  intact.  The  results  show  that  the  value  of  L  for  each  stiffener 
Increases  with  increasing  crack  length  and  that  ths  curves  level  off  when  the  crack  tip  has  passed  the 
rivet  line  of  the  adjacent  stiffener.  Further,  C  is  smaller  than  unity  over  the  whole  range  of  crack 
lengths. 

Alternatively,  the  load  increase  in  the  etiffenere  during  a  peak  load  nay  become  so  large  that  f-seture 
of  a  stiffener  occurs.  Hhen  this  happens  the  load  from  ths  broken  stiffener  will  be  transmitted  to  the 
sheet  end  to  the  adjacent  etiffenere.  Thus  stringer  failure  has  an  adverse  effect  on  the  atreea  intensity 
factor,  fliis  is  illustrated  in  Figure  8b  for  tha  same  panel  configuration  as  in  Figure  8s,  but  now  ths 
damage  consists  of  s  combination  of  s  skin  crack  and  a  broken  central  stiffener.  C  is  now  larger  then 
unity  for  cracks  extending  in  ths  stiffener  bays  closest  to  tha  broken  stiffener. 

It  will  be  clear  that  C  and  L  are  important  parameters  for  determining  the  stiffener  effectiveness  with 
respect  to  crack  growth  and  residual  strength.  Ths  affect  of  these  parameters  on  the  shape  of  the  residual 
strength  diagram  of  tha  atlffanad  panel  will  now  be  discussed. 

Combining  equations  (1)  and  (2)  and  Ignoring  ths  finite  width  correction,  it  follows  that 


*STIFrain)  “  <8> 

Assuming  that  unatable  crack  growth  occurs  when  attains  a  value  equal  to  the  plana  atreea 

fracture  toughness  of  the  unstiffened  eheet  material ,  ocv^nac),  then  the  relation  between  ths 

critical  stress  of  tha  stiffened  sheet,  bogg’  and  ac  is  given  by  the  equation 
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C(a)/xi^ 


(9) 


where  a  lc  tha  stress  at  which  fracture  instability  in  ths  unatiff ened  panel  occurs.  Iquatlon  (9)  shows 
that  the  curve  that  gives  ths  relation  between  the  critical  values  of  stress  and  crack  length  of  ths 
stiffened  panel  can  be  obtained  by  raising  all  points  of  the  dc  -  Sj  curve  of  the  unatiffened  panel  by 

a  factor  j-  pertinent  to  the  particular  length  of  crack.  According  to  aquation  (3)  the  maximum  load 
in  tha  stiffener  will  be  equal  to  (ses  also  Fig.l) 


%AX  ■  l(*>  -'rDCTK  ■  L(*>  •tf8T  *3T  (l0) 

where  o__  and  A_T  ere  ths  stiffener  end  stress  and  cross-sectional  area,  rsapsctlvsly.  Ignoring  load 
eccentricity  and  notch  affects  (l.s.  ths  stress  distribution  over  the  stiffener  crone-section  is 
assumed  to  be  uniform),  failure  of  s  stiffener  will  occur  when  the  value  F^r  of  that  stiffener  becomes 
equal  to  the  ultimate  etrength  of  the  etiffemer  material,  F^^Ceo^^.Ajj) .  Thua  the  relation  between 

the  emd-etreec  st  which  the  stiffener  falls,  0cyijf  *ad  the  crack  length  la  given  bf  the  aquation 
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TTts  overall  effect  of  ths  shsst-stiffsnsr  interaction  on  ths  shape  of  ths  residual  strwgth  diagram  is 
illustrated  in  Figure  9- 

Ths  residual  strength  properties  of  ths  stiffened  panel  are  determined  by  equations  (9)  and  (l 1 ) .  From 
equation  (9)  and  Fig. 8a  it  can  be  concluded  that  in  a  atiffenad  panel  with  intact  etiffenere  unstable 
crack  growth  will  occur  at  a  higher  etreaa  level  than  in  the  unstiffened  panel,  the  increase  being 
dependent  upon  crack  alia.  This  mesne  that  curve  b  of  ths  unatiffened  panel  (l.s.  the  upper  curve  of  the 
• .gion  of  stable  ersek  growth  In  Figure  5)  will  be  shifted  upwards  to  curve  b*  in  Figure  9.  Curve  b* 
shows  a  maximum  for  a  crack  length  slightly  larger  than  ths  stiffener  spacing  because  the  maximum  reduction 
in  tip  stress  will  occur  when  the  crack  tip  has  just  passed  ths  stiffener  centre  line  (see  Figure  8s). 
However,  in  a  stiffened  panel  the  possibility  of  stiffener  failure  should  also  be  considered.  Based  on 
equation  (ll)  and  the  results  in  Figure  8a,  curve  d  is  drum  In  Figure  9  os  the  locus  for  failure  of  ths 
central  stiffener  (*  stiffener  that  carries  sost  load  end  thus  can  be  assumed  to  fail  first).  At  ssro 
crack  length  ths  stiffener  will  fail  st  its  ultimate  tensile  etrength.  With  increasing  crack  site  the 
lnoreaeed  load  concentration  in  the  stiffener  oauees  it  to  fell  at  s  lower  panel  end  stress. 


The  diagram  in  Pigure  9  illustrates  four  possible  cases  of  panel  behaviour,  namely 

Ii)  Panel  failure  due  to  central  stiffener  failure,  without  crack  arrest  (point  A) 

ii)  Unstable  crack  growth  followed  by  crack  arrest  (point  B) 

iii)  Panel  failure  due  to  central  stiffener  failure,  after  crack  arrest  (point  C) 

iv)  Panel  failure  due  to  skin  failure,  after  crack  arrest  (point  D) 

The  different  possibilities  will  be  treated  sequentially  on  the  basis  of  ths  curves  shown  in  Pigure  9* 
Consider  the  behaviour  under  peak  loads  of  a  stiffened  panel  with  two  different  crack  lengths.  When  the 
panel  contains  a  snail  crack  cf  length  a^,  after  some  stable  growth  the  crack  will  propagate  unstably  at 
a  stress  level  o..  During  the  propagation  of  this  crack  towards  the  next  stiffener  the  load  concentration 

in  the  central  stiffener  will  become  so  high  that  this  stiffener,  and  consequently  the  total  panel,  fails 

(point  A).  It  the  initial  crack  length  is  larger,  of  a  length  eg,  unstable  crack  growth  due  to  a  peak 
load  will  occur  at  a  stress  03,  tut  this  crack  growth  will  be  stopped  at  the  next  stiffener  (point  B) 
owing  to  the  reduction  in  crack  tip  stress,  After  crack  arrest  the  load  on  the  panel  can  be  increased 
further,  the  tip  stress  is  raised,  and  some  additional  stable  crack  growth  occurs  before  the  ultimate 
load  of  the  central  stiffener  is  reached,  at  point  C.  Por  any  initial  crack  length  between  a  and  a* 
the  behaviour  will  be  essentially  the  same  as  sketched  for  crack  length  ag,  i.e.  fracture  always  occurs 
at  the  stress  level  indicated  by  7.  This  implies  a  predicted  residual  strength  curve  (oc  versus  Sq  for  the 
stiffened  panel)  of  the  shape  drawn  heavily  in  Pigure  9*  The  curve  contains  a  horizontal  part  determined 
by  the  stiffener  strength  (Oult) 1  the  sheet  fracture  toughness  (Kc)  and  the  sheet-stiffener  interaction 
(which  in  turn  is  mainly  determined  by  the  relative  stiffness  of  sheet  and  stiffeners  and  by  the  stiffness 
of  the  attachments).  Por  initial  crack  lengths  smaller  than  the  stiffener  spacing  this  flat  part  of  the 
curve  constitutes  a  lower  bound  of  the  residual  strength  of  the  stiffened  panel  and  hence  a  will  be  the 
fail-safe  stress  of  ths  stiffened  panel. 

It  must  be  pointed  out  here  that  the  stiffener  failure  curve  in  Pigure  9  intersects  the  stiffened  sheet 
crack  resistance  curve  (»  curve  that  relates  oe  and  ac  of  the  stiffened  sheet).  In  that  case,  for  crack 
lengths  in  the  range  from  a  to  a*  panel  failure  due  to  peak  loads  will  occur  only  after  stiffener  failure 
following  crack  arrest.  However,  the  stiffener  failure  curve  need  not  necessarily  intersect  the  sheet 
crack  resistance  curve.  If  the  curvee  do  not  intersect,  failure  of  the  panel  will  occur  afte.  crack  arrest 
by  sheet  failure  at  point  D  in  Pigure  9. 

In  the  foregoing  the  residual  strength  behaviour  of  the  stiffened  panel  was  discussed  on  the  basis  of  the 
relative  locations  of  ths  instability  and  failure  curves  of  sheet  and  central  stiffener.  The  relative 
location  of  these  curves  in  the  residual  strength  diagram  was  based  on  the  fact  that  in  the  cracked  region 
of  a  stiffened  panel  load  will  be  transferred  from  the  sheet  to  the  stiffener  by  the  fastening  system 
(rivets  or  bonding  connection).  But  in  fact  a  third  curve  should  have  been  incorporated  in  the  philosophy, 
relating  failure  of  the  highest  loaded  fastener  to  crack  length.  This  is  because  failure  of  a  part  of  the 

fastening  system  (failure  of  one  or  more  rivets  or  partial  debonding  close  to  the  crack)  will  make  the 

stiffener  leas  effective  in  reducing  the  tip  stress  so  that  ths  sheet  curve  will  shift  downwards,  resulting 
in  a  lower  fail-safe  stress  (see  Pigure  9).  However,  in  general  the  fastening  system  will  yield  prior  to 
failure,  so  that  load  is  shed  from  the  highest  loaded  part  of  the  fastening  system,  close  to  the  crack, 
to  parts  farther  away  and  the  chance  of  fastener  failure  will  be  reduced.  Thie  brings  us  to  a  much  more 

important  aspect  that  has  not  been  diacusaed  so  far,  i.a.  the  effect  of  yielding  of  fasteners  and  stiffsnerS 

on  ths  rssidual  strength  properties  of  the  stiffened  panel. 

(c)  Effect  of  yielding  of  stiffeners  and  fastening  system. 

The  effect  of  yielding  of  stiffeners  and/or  fasteners  is  illustrated  qualitatively  in  Figure  10. 
The  dash-dot  curves  in  this  figure  are  based  on  elastic  computations  of  C  and  L  and  are  the  same  curvee 
as  drawn  in  figure  9.  Due  to  the  high  loads  to  bo  transferred  by  the  fastening  system  and  the  associated 
high  load  concentration  in  the  stiffeners,  yielding  of  fasteners  and/or  stiffeners  may  occur  at  relatively 
low  external  loads.  This  means  that  the  stiffeners  henceforth  will  behave  less  rigidly  than  was  assumed, 
implying  a  leee  pronounced  increase  of  the  stiffened  sheet  curve  and  an  upward  shift  of  the  stiffener 
failure  curve.  Por  the  case  shown  in  Pigure  10  this  signifies  that  the  crack  arrest  and  residual  strength 
properties  of  the  stiffened  panel  will  be  overestimated  considerably  when  they  are  based  on  purely  elastic 
computations  of  C  and  L.  The  effect  of  yielding  on  the  residual  strength  properties  is  appraised  here  only 
on  the  basis  of  qualitative  considerations.  A  quantitative  evaluation  of  the  effect  of  yielding,  baaed  on 
analytical  computations  of  C  and  L,  and  a  comparison  of  ths  calculation  results  with  experimental  data 
can  be  found  in  [77]  and  [78]  .  In  conclusion  it  can  be  said  that,  in  determining  the  residual  strength 
properties  of  stiffened  panels  on  the  basis  of  ths  procedure  discussed  here,  the  effects  of  yielding  of 
fasteners  end  stiffeners  end  the  possibility  of  fastener  failure  (after  yielding)  has  to  bs  accounted  for 
in  the  analysis. 


(d)  Effect  of  crack  tip  plasticity. 

In  ths  foregoing  analysis  it  was  assumed  that  the  residual  strength  properties  of  the  unetiffened 
panel  over  the  whole  range  of  crack  lengths  are  given  by  a  constant  value  of  the  stress  Intensity  factor 
(the  so-called  plane  stress  fracture  toughness,  Kg) .  This  assumption  holds  with  good  approximation  for 
relatively  brittle  materials,  like  the  aluadnium  alloy  7075,  which  show  only  a  negligible  amount  of  crack 
tip  plasticity  (apart  from  the  extrema  crack  length  regions  where  the  tangents  proposed  by  Peddersen  apply, 
see  Pigure  7a) .  However,  in  practice  the  ductile  aluminium  alloy  2024  is  frequently  used  as  skin  material 
and  in  this  material  failure  usually  is  associated  with  s  large  amount  of  plasticity  at  the  crack  tip 
(see  Pig. 7b,  where  even  panels  of  540  m  wide  failed  ly  net  eection  yielding).  In  principle,  for  thie 
material  the  seme  method  of  residual  strength  prediction  as  discussed  before  can  be  applied  as  wall  by 
increasing  the  actual  (visible)  half  craok  length  at  failure  by  an  amount  rp,  *iloh  represents  a  measure  of 
ths  crack  tip  plastic  zone  else.  In  other  words,  ths  actual  stress  in  tbs  elastio-plaatic  material, 
corresponding  to  a  half  crack  length,  a,  is  imagined  to  be  equivalent  to  the  stress  that  would  arise  from 
an  "effective"  half  crack  length 
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in  a  perfectly  elastic  material.  Hell-known  plastic  zona  correction  factors  are  those  of  Irwin  [99] 
and  Ihgdale  [57]  .  Por  plane  etress  conditlona  Irwin  proposed  a  value 
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while  Dugdale  on  the  basis  of  a  "strip-yield"  model  obtained  the  aquation 


In  equations  (13)  and  (14)  represents  the  yield  stress  of  the  skin  material-  Using  these 

equations  the  residual  strength  for  stiffened  panel  configurations  containing  a  skin  of  a  ductile 
material  can  be  predicted  as  illustrated  in  Figure  11.  The  upper  half  of  this  figure  shows  the  residual 
strength  diagram  of  the  unstiffened  panel.  The  net  section  yield  line  is  assumed  to  be  the  locus  of 
sheet  failure  (<jc  versus  a.).  For  point3  on  this  line  the  crack  length  is  corrected  for  plasticity 
according  to  equations  (13)  or  (14)  and  a  curve  is  obtained  relating  cc  to  the  effective  crack  lengthy  * 
in  iterative  procedure  has  to  be  used  because  rp  is  a  function  of  the  stress  intensity  factor,  1C,  which 
has  to  be  expressed  in  terns  of  *9ff  to  allow  an  elastic  analysis.  With  this  approach,  for  any  combination 
of  oc  and  actual  (or  visible)  crack  length,  a,,,  of  the  unstiffened  panel,  a  value  of  the  stress  intensity 
factor  will  be  obtained  that  determines  fracture  of  the  sheet.  The  value  of  this  critical  K  will  be  a 
function  of  the  crack  length.  The  lower  half  of  Figure  11  presents  curves  which  relate  constant  values  of 
the  stress  intensity  factor  of  the  stiffened  panel  to  crack  length  and  stress.  Assuming  that  for  a  certain 
effective  crack  length  in  the  stiffened  panel  fracture  instability  will  occur  at  the  same  stress  intensity 
value  as  found  in  the  unstiffened  panel,  a  fracture  instability  point  of  the  stiffened  panel  will  be 
obtained  from  the  i^rifyESED  *  const,  versus  aeff  curves,  as  shown  in  Figure  11.  This  approach  assumes 

that  at  a  certain  crack  length  the  plastic  zone  sizes  in  the  stiffened  and  the  unstiffened  panel  are  the 
same  (see  equation  (13) ) - 

In  this  section  the  prediction  of  the  residual  strength  properties  of  stiffened  panels  is  explained 
qualitatively.  A  quantitative  determination  of  the  residual  strength,  using  the  approach  discussed  here, 
is  given  in  examples  3.3.3. 6  and  3.3.3. 7  for  bonded  and  riveted  panels,  respectively. 

3.3*1 .2  Energy  balance  concept 
(a)  Principles  of  the  method 

The  fracture  behaviour  of  a  cracked  sheet  under  increasing  tensile  loads  was  illustrated 
earlier  in  Fig. 5.  When  the  load  increases  from  a  certain  stress  level,  oit  slow  stable  crack  growth  takes 
place  before  final  failure  at  the  stress  <J0.  According  to  the  energy  balance  concept,  during  this  slow 
stable  crack  growth  there  is  a  continuous  balance  between  energy  released  from  the  system  owing  to  crack 
extension  and  energy  consumed  for  crack  growth.  This  is  because  if  there  were  no  balance  then  either 
crack  growth  would  stop  (when  the  required  energy  exceeds  the  released  energy)  or  become  unstable  (when 
the  difference  of  both  energy  quantities  yields  an  energy  surplus). 

The  way  by  which  energy  is  released  from  the  system  depends  on  the  loading  conditions  during  crack  growth. 
The  two  extreme  loading  conditions  are  fixed  grips  and  constant  load.  In  practice  the  loading  conditions 
will  usually  lie  somewhere  in  between.  In  the  case  of  fixed  grips  the  external  load  cannot  do  work  because 
the  displacements  of  the  plate  ends  remain  constant.  The  energy  required  for  crack  growth  is  then 
delivered  by  a  decrease  of  the  elastic  energy  of  the  cracked  Bheet  itself.  If  crack  extension  takes  place 
at  constant  load  the  ends  of  the  plate  are  free  to  move  during  crack  growth  and  work  will  be  done  try  the 
external  load.  The  energy  thus  supplied  will  be  used  partly  for  an  increase  of  the  elastic  energy  of  the 
cracked  sheet  and  partly  for  crack  growth. 

The  energy  consumed  by  crack  growth  consists  of  work  required  for  formation  of  a  new  plastic  zone  at  the 
tip  of  the  advancing  crack  plus  the  actual  work  of  fracture.  The  latter  amount  of  work  is  presumably  small 
in  comparison  with  the  energy  contained  in  the  plastic  zone  and  therefore  the  consumed  energy  is  usually 
assumed  to  be  equal  to  plastic  work. 

For  a  plate  of  unit  thickness  the  energy  balance  concept  yields  the  following  condition  for  crack  growth: 


fj  (U  -  T  ♦  W)  -  0  or  ■  fj  (F  -  U)  -  fjf  (l5) 

where  U  is  the  elastic  energy  contained  in  the  plate,  F  is  the  work  performed  by  the  external  force 
and  W  is  the  energy  required  for  crack  growth. 

Usually  the  energy  release  rate,  9_  (F-U),  is  replaced  by 

9a 

0  -  (-  r>  as) 

where  a  ia  the  panel  end  stress,  2a  is  the  crack  length  and  E  <a  Toung's  modulus.  Equation  (16)  comes 
from  Griffith's  criterion  and  applies  to  an  infinits  cracked  plate  of  unit  thickness  with  a  completely 
elastic  stress  field.  0  is  the  so-espied  "elastic  energy  release  rate"  per  crack  tip.  G  is  also  called 
the  "crack  driving  force",  because  its  dimensions  of  energy  per  unit  plate  thickness  and  per  unit  crack 
extension  are  also  the  dimensions  of  force  per  unit  crack  extension. 

TTie  rate  of  energy  consumption  during  crack  propagation,  IS  ,  is  usually  denoted  by  R,  which  is  called 

the  "crack  resistance  (force)".  With  these  notations  the  energy  condition  for  stable  crack  growth  (15) 
can  also  be  written  as 

0  -  R  (17) 

Using  equations  (16)  and  (17)  the  energy  consumption,  R,  can  in  principle  be  found  as  a  function  of 
crack  size.  During  crack  growth  the  energy  release  rate,  G,  can  be  determined  from  recorded  stress  and 
crack  length  values.  Because  both  c  end  "a"  increase  during  crack  growth  (see  Figure  5)  it  follows  from 


equation  (l6)  that  0  increases  more  than  in  proportion  to  "a",  and  thus  B  also  increases  as  the  crack 
proceeds.  According  to  equation  (17)  the  instantaneous  values  of  0  during  crack  growth  will  Indicate 
how  B  depends  upon  crock  size.  B  appears  to  increase  during  slow  crack  growth,  as  is  depicted  schematic¬ 
ally  in  Figure  12.  Also  shown  in  thib  figure  are  lines  indicating  how  0  depends  on  crock  size  for  constant 
stress  values  (the  meaning  of  these  lines  will  be  explained  in  (b)).  It  is  common  practice  to  position 
the  R-curve  as  in  Figure  12,  so  that  the  origin  of  the  co-ordinate  axes  coincides  with  the  tip  of  the 
crack  and  B  is  plotted  as  a  function  of  da.  This  is  based  on  the  suggestion  proposed  by  Krafft  et  al.  [94] 
that  the  R-curve  is  a  function  of  da  only  and  independent  of  a^,  i.e.  the  R-curve  is  invariant  and  is 
the  sane  for  any  initial  crack  length.  The  O-lines  in  Figure  12  are  drawn  from  the  centre  of  the  initial 
crack  so  that  their  location  with  regard  to  the  R-curve  depends  on  the  value  of  the  initial  crack  length. 

It  was  shown  above  that  the  R-curve  can  be  determined  experimentally  from  successive  values  of  0  during 
slow  crack  growth  using  the  relation  R  «  0  -  no^a/E.  typical  R-curves  as  determined  in  this  way  for  centre- 
cracked  panels  of  aluminium  alloys  of  different  thicknesses  can  be  found  in  [95]  •  The  disadvantage  of 
this  method  of  R-curve  determination  is  that  in  centrfr-cracked  panels  slow  crack  growth  occurs  only  over 
a  limi*ed  range  of  crack  lengths,  and  so  only  a  small  part  of  the  R-curve  will  be  obtained,  the  results 
obtained  by  Heyer  and  McCabe  [96,97]  suggest  that  the  use  of  a  tapered  cantilever  beam  specimen  or  a 
compact  tension  specimen  (or,  in  general  crack-line  loaded  specimens)  has  advantages.  Since  instability 
is  postponed  due  to  a  different  8  versus  "a"  relation,  it  is  possible  to  determine  the  R-curve  over  much 
greater  lengths.  This  will  give  a  better  idea  of  its  shape. 

A  review  of  R-curves  for  different  materials  as  obtained  from  a  variety  of  specimen  types  and  test 
techniques  is  given  in  [98]  .  R-curves  especially  applying  to  aluminium  alloys  can  be  found  in  [99-101]  . 

A  standard  test  method  for  R-curve  determination  is  given  in  [102]  . 

(b)  Application  to  unstiffened  panels 

According  to  the  diagram  given  in  Figure  13,  the  behaviour  with  increasing  load  of  a  sheet 
containing  a  crack  of  length  2a^  will  be  as  follows.  Suppose  the  specimen  is  loaded  to  a  stress  0^.  If 
the  crack  were  to  extend,  the  available  energy  release  rate  would  be  given  by  point  A  in  the  diagram. 
However,  this  value  appears  to  be  too  low  for  crack  growth  to  occur.  The  stress  can  be  further  increased 
to  0,,  where  the  available  energy  release  rate  is  given  by  point  B.  Suppose  this  value  is  sufficient  for 
crack  growth.  If  the  crack  were  to  propagate  under  constant  stress,  0  would  increase  according  to  line  R-C. 
This  line  is  lower  than  the  R-curve  and  therefore  crack  growth  under  constant  stress  cannot  occur.  When 
the  stress  is  further  increased  to  03, both  0  ard  R  follow  tha  R-curve  from  B  to  D  according  to 
aquation  (17)  and  crack  extendion  Aa^  will  occur.  Finally,  at  0C  the  crack  length  has  become  ac  and  both 
Q  and  R  are  at  point  E  in  the  diagram.  Crack  growth  at  constant  stress  0C  gives  an  increase  of  0  according 
to  the  line  B-P.  Because  this  line  is  above  the  R-curve,  and  the  increase  in  stress  intensity  as  the  crack 
grows  is  greater  than  the  increase  in  resistance,  final  fracture  will  occur  at  point  E.  That  is,  the 
fracture  condition  is  the  point  of  tangency  (point  E)  or 
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liquation  (18)  is  the  energy  criterion  for  fracture  instability. 


(c)  Application  to  stiffened  panels 

The  behaviour  of  a  stiffened  panel  will  be  illustrated  for  two  extreme  cases  of  crack  Bize, 
viz.  a  large  crack  that  extends  between  two  stringers,  and  a  short  crack  with  its  tips  recite  from  the 
stringers .  ' 

The  first  case  is  shown  in  Figure  14.  As  usual  the  R-curve  is  positioned  at  the  crack  tip.  In  a  stiffened 
panel  the  stress  intensity  factor  is  reduced  by  a  factor  C  (see  equation  (2)).  Since  0  ■  K2/E  the  O-line 
for  the  stiffened  panel  will  be  given  by  0  »  C‘.no2a/E>  This  line  is  no  longer  straight,  since  C  is  a 
function  of  crack  length  (Figure  8) .  The  deviation  from  straight  line  will  be  largest  in  the  vicinity  of 
the  stringer.  Slow  crack  growth  will  commence  at  a  stress  for  which  at  point  A  there  is  an  energy- 
balance  0  «  R.  If  the  stringer  were  absent,  failure  would  take  place  at  the  stress  0^  (at  point  B). 

Owing  to  the  curved  0-line  for  the  stiffened  panel,  however,  the  stress  o^,  will  only  cause  slow  crack 
growth  to  point  C.The  stress  can  be  raised  further  to  0CB  (with  simultaneous  slow  growth  to  D)  before 
final  failure  takes  place.  At  oCB  the  energy  release  rate  for  constant  stress  remains  larger  than  R 
(line  D-E) . 

The  situation  is  more  complicated  for  a  short  crack  with  its  tips  remote  from  the  stringers.  This  case 
is  depicted  in  Figure  15-  It  has  to  be  noted  that  the  same  R-curve  as  in  Fig. 14  should  be  used,  but  it 
baa  to  be  displaced  to  the  tip  of  the  short  crack.  Slow  stable  crack  growth  will  start  at  a  stress  0^. 

The  part.OA  of  the  C^-curve  is  still  straight,  since  the  stringer  is  remote.  This  means  that  slow  crack 
growth  conaenceo  at  the  same  stress  0^  as  in  the  unstiffened  panel.  At  the  stress  0^  unstable  crack  growth 
occurs,  since  the  line  Qcu  is  tangent  to  the  R-curve  in  point  B.  The  part  OB  of  the  curve  0,^,  is  also 
straight  and  hence  unstable  crack  growth  occurs  at  the  same  stress  ocu  as  in  the  unstiffened  panel.  But 
in  the  stiffened  panel  crack  arrest  will  occur  at  C,  since  the  G- curve  bends  downwards  in  the  vicinity 
of  the  stringer  and  dips  under  the  R-curve.  Further  slow  crack  growth  from  C  to  D  occurs  if  the  stress 
is  raised  to  0q  and  eventually  at  oCB  final  fracture  will  occur,  since  the  0-curve  is  tangent  to  the 
R-curve  at  E  and  0  remains  larger  than  R  for  constant  stress. 

lfte  foregoing  illustrates  that  when  the  R-curve  of  the  skin  material  of  a  stiffened  panel  configuration 
is  known  the  crack  arrest  properties  and/or  the  stress  and  crack  length  at  final  failure  can  be  predicted 
by  drawing  0-curves  (for  0  -  constant)  in  an  0,R  versus  "a"  plot.  The  O-curves  of  a  stiffened  panel  can 
be  drawn  when  the  C-values  are  known  as  a  function  of  crack  length  (see  Fig. 8) .  However,  in  a  stiffened 
panel  final  failure  may  be  due  to  skin  failure  (skin- critical  case)  or  stiffener  failure  (stiffener- 
critical  case)  and  the  possibility  of  stiffener  failure  has  not  been  considered  so  far.  Further,  failure 
of  the  fastening  system  has  not  been  allowed  for.  A  problem  in  this  respect  is  that  to  account  for  these 
effects  the  possibility  of  failure  of  stiffeners  and  fasteners  has  to  be  incorporated  in  the  analysis  as 
a  function  of  crack  length.  This  is  because  a  small  initial  skin  crack  in  a  panel  that  originally  is  not 
stiffener-critical  may  show  unstable  growth  followed  by  arrest.  After  crack  arrest  the  stiffener  will 
have  to  carry  more  load  than  initially  (because  the  crack  is  larger  )  so  that  panel  failure  may  now 
be  induced  by  stiffener  failure.  Because  the  possibilities  of  Btiffener  failurs  and  fastener  failure 
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FIGURE  M  R-CURVE  CONCEPT  FOR  STIFFENED  PANEL,  CRACK  EXTENDING  TO  STIFFENERS 


FIGURE  15  R-CURVE  CONCEPT  FOR  STIFFENED  PANEL.  SHORT  CRACK  WITH  CRACK  ARREST 
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are  not  easily  incorporated  in  a  0,R  versus  "a"  plot,  for  the  time  being  the  prediction  of  residual  strength 
by  means  of  the  R- curve  approach  only  holds  for  skin-critical  configurations  (it  has  to  be  emphasized  that 
skin-critical  refers  here  to  the  condition  at  final  failure  of  the  panel). 

(d)  Use  of  the  R-curve  approach  for  structural  applications 

tte  crack  growth  resistance  curve  (or  R-curve)  approach  to  fracture  was  originally  Introduced 
by  Irwin  [103]  and  later  modified  by  Krafft,  Sullivan  and  Boyle  [94]  .  To  obtain  crack  growth  resistance 
data  in  terms  of  linear  elastic  fracture  mechanics  Heyer  and  McCabe  [96,97]  developed  a  new  specimen  type, 
viz.  the  crack-line  loaded  specimen.  This  specimen  type  enabled  determination  of  the  R-curve  over  a  much 
greater  range  of  crack  lengths  and  allowed  the  use  of  much  smaller  specimens  than  the  large  centre-cracked 
tension  specimens  that  were  originally  required  to  maintain  net  section  stress  below  material  yield. 
Recently,  McCabe  and  Landes  [104,109]  modified  the  original  test  technique  to  accomodate  R-curve  determina¬ 
tions  on  structural  materials  showing  large  scale  plasticity. 

The  first  use  of  the  resistance  curve  approach  to  structural  applications  was  by  Creager  and  Liu  [106]  to 
predict  the  residual  strength  of  simple  strap-reinforced  sheet  panels.  However,  the  use  of  the  resistance 
curve  was  restricted  due  to  the  lack  of  a  suitable  elastio-plaatic  analysis.  The  application  of  Rice's 
path  independent  J-integral  [107]  has  proved  to  be  a  very  suitable  parameter  in  this  respect.  The  application 
of  the  J-integral  to  structural  problems,  in  combination  with  a  v/Jp  versus  da  curve  was  proposed  by 
Verette  and  Milheni  [108]  and  Wilhem  [109]  •  (Mote:  Due  to  the  relationship  between  the  J-integral  and 
stress  intensity  factor  (K)  in  the  elastic  case  [107]  ,  (J  -  K^/E) ,  it  is  better  to  speak  of  '/j  rather 
than  J.  The  3uffix  R  is  used  to  distinguish  the  resistance  curve  of  the  material  from  the  stress  intensity 
curve  of  the  specimen).  Verette  and  Wilhem  [108,109]  assumed  in  their  analysis  a  Dugdale  [57]  plastic 
zone  behaviour  and  employed  the  method  of  Hayes  and  Williams  [110]  to  compute  crack  opening  displacements 
using  finite  element  techniques  for  a  series  of  assumed  plastic  zone  lengths  at  fixed  physical  crack 
lengths  [110]  .  J-integral  values  could  then  be  computed  from  the  relationship  J  -  Oyield-6  [ill]  ,  where 
6  is  the  crack  opening  at  the  physical  crack  tip  and  byieii  is  the  material  yield  stress.  Since  the  original 
publications  in  references  [ 108]  and  [109]  ,  much  effort  has  been  devoted  by  Wilhem  and  Ratwani  [42,43,55, 
112,113,44]  to  further  develop  this  approach.  In  recent  publications  [114,115]  they  studied  the  early  crack 
extension  portion  of  the  crack  growth  resistance  curve  in  an  attempt  to  apply  the  R-curve  concept  to 
fatigue  crack  growth. 

By  their  studies  and  publications  Wilhem  and  Ratwani  have  given  an  enormous  impetus  to  a  further  development 
of  the  R-curve  concept  with  regard  to  its  application  to  residual  strength  predictions  of  stiffened  panels. 
The  designer  who  intends  to  use  the  R-curve  concept  for  residual  strength  predictions  iB  strongly  recommend¬ 
ed  to  acquire  the  large  amount  of  information  contained  in  the  various  publications  of  Wilhem  and  Ratwani 
on  this  subject  [42,43,44,55,109,112-115]  .  To  illustrate  the  application  of  resistance  curves  to  residual 
strength  prediction  of  a  realistic  structural  configuration,  an  example  problem  was  prepared  by  Wilhem  as 
a  contribution  to  this  chapter  (example  problem  3. 3.3.4). 

3.3*2  Residual  strength  of  curved  panels  subjected  to  pressure  cabin  loads 

In  the  foregoing  sections  residual  strength  predictions  for  flat  panels  loaded  by  uniaxial  tension 
were  discussed.  Such  panels  and  loading  conditions  are  present  in  e.g.  a  wing  structure  (apart  from  a 
slight  curvature  and  a  small  amount  of  torsional  shear  loading) .  However,  when  considering  a  fuselage 
structure  the  conditions  will  be  quite  different.  In  that  case  the  panels  are  curved  and  subjected  mainly 
to  biaxial  tension  loading  due  to  cabin  pressure.  The  effects  of  curvature  and  biaxial  loading  on 
residual  strength  will  be  discussed  briefly  in  the  following. 

3.3.2. 1  Effect  of  internal  pressure 

Consider  a  fuselage  shell  containing  a  akin  crack,  the  tips  of  which  are  not  close  to  a  frame  or 
stringer.  Owing  to  the  internal  pressure  the  unsupported  fuselage  akin  in  the  vicinities  of  the  crack 
tips  will  bulge.  This  bulging,  caused  by  loss  of  hoop  tension  reaction  to  the  pressure  loading,  in  turn 
causes  local  bending  at  the  crack  tips.  This  implies  that  there  exist  both  bending  and  extensional  stress 
singularities  at  the  crack  tips,  or  in  other  words  the  stress  intensity  factor  in  the  pressurized  shell 
will  be  larger  than  that  in  a  flat  panel  subjected  to  the  same  extensional  loads.  Therefore  residual 
strength  properties  of  a  fuselage  structure  cannot  simply  be  derived  from  the  flat  panel  data.  In  this 
respect  one  has  to  distinguish  between  circumferential  and  longitudinal  cracks.  The  bulging  at  a 
circumferential  crack  will  usually  be  smaller  because  (l)  the  spacing  of  the  stringers  is  less  than  that 
of  the  frames,  (2)  the  skin  has  additional  bending  stiffness  due  to  curvature  and  (3)  the  hoop  tension 
loads  suppress  the  bulging. 

The  foregoing  implies'  that  to  relate  flat  panel  data  to  curved  panels  a  bulging  coefficient,  3,  has  to  be 
applied  to  the  stress  intensity  factor  of  the  flat  panel  carrying  the  same  in-plane  load  as  the  curved 
shell,  or 
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In  the  literature  various  proposals  for  the  functional  form  of  0  can  be  found  [ 116-129]  ,  mostly 
applying  to  longitudinal  cracks  in  unstiffened  pressure  vessels.  The  expressions  in  [116-118]  are  based 
on  experiments,  while  the  others  are  derived  from  theoretical  analyses.  A  summary  of  expressions  for  3 
can  be  found  in  [ 127]  ,  derived  from  publications  before  I967,  together  with  suggestions  for  improvements. 
Much  effort  has  been  devoted  to  this  subject  by  Polias  [121-123,126,128]  .  He  analysed  cracked  spherical 
shells  [121]  and  cylindrical  shells  with  longitudinal  [122]  or  circumferential  cracks  [123]  •  In  [126] 

Polias  gives  a  survey  of  existing  solutions  and  discusses  methods  for  estimating  approximate  stress 
intensity  factors  for  other  more  complicated  crack  and  shell  geometries  (e.g.  an  arbitrarily  oriented 
crack  in  a  cylindrical  shell|  a  circular  conical  shell  with  a  longitudinal  or  circumferential  crack). 
References  [121-123,126]  treat  elaatic  crack  tip  conditions,  while  in  [ 128]  the  effect  of  crack  tip 
plasticity  is  considered. 

Almost  all  publications  except  [125,129]  consider  unstiffened  pressure  vessels.  Of  these  latter, 
reference  [129]  uses  an  energy  approach  in  conjunction  with  the  finite  element  method  to  determine  K. 

It  has  to  be  noted  that  in  a  fuselage  structure  with  frames  and  stringers  the  applied  bulging  coefficient 
must  be  a  function  of  the  distance  of  the  crack  tip  to  one  of  theBe  elements:  3  will  be  a  maximum  when 
the  crack  tip  is  midway  between  two  frames,  and  reduces  to  unity  when  the  crack  tip  is  at  a  frame.  To 
account  for  this  effect  Swift  suggested  applying  a  cosine  function  in  combination  with  3  [71]  • 
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3. 3. 2. 2  Kffsct  of  biaxial  loading 

Moat  studies  of  biaxial  loading  hava  bean  \lmitsd  to  unstlffensd  panala  [13^.138]  •  Refs  [  130-134] 
ara  mainly  axparlnantal ,  whil#  Hafa  f 135-1 30]  ar«f  Analytical  atudiaa.  It  haa  baan  point ad  out  by  Brdogas 
and  liblsr  {  139]  that  analytically  tha  affact  of  tfiaxial  atraaa  in  unatlffanad  a t rue t urea  la  of  aacond 
order  and  la  negligible  if  purely  alaatic  analyaia  la  considered.  However,  Hilton  [136]  showed  by  an 
slastio-plaatlc  analysis  that  tha  stress  intensity  factors  ara  reduced,  and  thus  tha  residual  strength 
increases,  by  applying  a  positive  biaxial  load  (i.e.  the  load  components  in  both  directions  ara  positive). 
Tha  sane  study  also  indicated  that  the  plastic  zona  size  decreases  with  an  increase  in  positive  biaxial 
load  ratios.  Similar  effects  have  been  found  by  Smith  [137]  . 

Lass  numerous  are  the  publications  dealing  with  the  influence  of  biaxial  loading  on  cracked  stiffened 
panels.  In  Ref.  [I40j  Beck  investigated  experimentally  the  effect  of  biaxial  loading  on  crack  growth  in 
stiffened  and  unatiffened  panels.  Analytical  studies  of  the  effects  of  biaxial  loading  on  the  stress 
intensity  factor  were  performed  by  Swift  [40]  and  Ratwanl  and  Wilhea  [43,141]  .  Swift  [40]  found  that  the 
elastic  stress  intensity  factor  increased  due  to  the  application  of  positive  biaxial  loads  and  that  the 
influence  was  not  negligible.  He  explained  this  behaviour  [39]  by  the  fact  that  in  pressurized  shellr, 
where  the  skin* is  biaxlally  loaded  and  the  stiffeners  are  uniaxially  loaded,  the  skin  works  at  a  higher 
stress  than-the  stiffeners  owing  to  strain  compatibility.  Ratwanl  end  Wilhem  [43<14l]  considered  the 
influence  of  biaxial  loading  on  stiffened  sheets  using  both  elastic  and  elastio-plastic  analyses  (in  terms 
of  y/J)  and  compared  their  analytical  results  with  experimental  data.  Both  their  elastic  and  elastio- 
plastic  analyses  showed  trends  similar  to  those  observed  by  Swift  [39,40]  .  further,  they  found  that  the 
plastic  zone  size  ahead  of  the  crack  tip  decreases  with  an  Increase  in  positive  biaxial  load  ratios. 

A  similar  reduction  in  plastic  zone  size  was  observed  by  Hilton  [36]  for  unstiffened  panels.  Finally, 
Ratwanl  and  Wllhen  [141]  obtained  excellent  agreement  between  analytical  and  experimental  data. 

3.3*3  Application  of  fracture  mechanics  principles  to  real  structures 
(a)  Information  available  from  literature  (see  section  3*3) 


In  the  literature  a  large  number  of  applications  of  fracture  mechanics  to  the  prediction  of  residual  strength 
of  real  structures  can  be  found.  Thews  applications  either  deal  with  actual  designs  or  arc  more  general  in 
nature.  In  a  number  of  casee  the  applications  concern  case  studies.  Without  intending  to  give  the  impression 
of  completeness,  a  list  of  relevant  references  is  given  here: 

(a.l)  Applications  to  actual  designs  or  projects 


Crichlow,  Wells 
Bcvall,  Brussat,  Liu,  Creager 
Heath,  Ificholls,  Kirkby 
Handurl,  Radzina 
Songs 

Stone,  Swift 
3wift 

Swift,  Wang 
Thrall 

Toor  * 

(a. 2)  General  studies 
Creager,  Liu 
Crichlow 

Kids 

Hart  Smith 

Hunt,  Banka,  Bide 

Schwarmaim,  Bauer 

Smith,  Porter,  ftigstrom 

Sorensen 

Ratwanl,  Wilhem 

Verette,  Wilhem 

Tlieger 

Wang 

Wilhem 

Wilhem,  '’itzgerald 
(a. 3)  Case  studies  and  textbooks 
Rich,  Cartwright  (Editors) 
Broek 

Rolfs  and  Baraom 
Wilhem 


119] 

143.145] 

[147] 

*1461 

144] 

63] 

39.66,67,69-71] 


65 

156 

85 


106] 

149] 

151] 

54] 

150] 

154] 

!53] 

148] 

42-44,113] 

108] 

13,72-79] 

152] 

109] 

55] 


155 

1 

181 

180 


(b)  Practical  examples 


A  number  of  investigators  closely  concerned  with  the  application  of  fracture  mechanics  to  actual  designs 
were  found  willing  to  write  up  reeults  of  some  of  their  recent  residual  strength  computations  as  examples 
in  this  handbook.  These  examples  are  presented  in  this  section.  They  were  left  as  much  as  possible  in 
their  original  but  edited  form,  to  give  full  credit  to  the  contr  butors.  The  way  of  presentation,  the 
contents  and  the  conclusions  are  the  responsibility  of  the  contributors.  Each  example  is  followed  by  some 
editorial  comments. 

It  has  to  be  noted  that  the  examples  must  be  consider'd  as  self-contained  texts,  i.e.  they  have  their  own 
cumbering  system  of  figures  and  references. 


BUMPLI  PROBLEM  3. 3.3.1 

R  BIDUAL  STOHBTH  Of  T075-T73  PANELS  KITH  8  INCH  STUTOHS  SPACIKI 


T.  Swift 

McDonnell  Douglas  Corporation 
Douglas  Aircraft  Company 
Long  Beach,  Calif.  90846 
(Literal) 


1.  S  TAT  WHIT  cr  me  PRCBUH 

The  fuselage  of  a  aodera  jet  transport  aircraft  la  designed  to  sustain  daasge  consisting  of  two  beys 
of  akin  with  a  broken  central  atiffener  in  alther  a  longitudinal  or  circuBferential  direction.  During  the 
development  of  juat  such  a  fueelage,  aeveral  stiffened  panels  were  designed  and  tested  to  determine  their 
residual  strength  characteristics.  The  panels  with  clrcvaferential  cracks,  aeaeurlng  60  inches  wide  bjjr 
12C  Inches  long,  were  aade  from  707^— T73  sheet  aaterial  C.071  inches  thick.  They  were  stiffened  bgr 
7079-T65H  extruded  stiffeners,  placed  at  8  inch  centers  to  siaulate  fuselage  longerons.  Lateral  i,tlffenere, 
representing  clrciaferentlal  freae  members,  were  also  Included.  The  priaa ry  objective  of  the  test  program 
was  to  determine  the  effects  of  atiffener  conf iguration  and  cross  sectional  area  on'  resid'ial  strength. 

Pour  different  atiffener  configurations  were  included  as  shown  in  Pigurs  1.  This  sxaapls  describee  the 
analysis  and  testing  of  these  panels  and  also  shows  analysis-test  correlation. 

2.  ANALYSIS 


The  residual  strength  of  a  stiffened  panel  containing  a  skin  crack,  fro*  a  akin  fracture  standpoint, 
can  bs  Oat  trained  from 

«e  •  lj[  0v£a(  tsc  ^  )  (1) 


where  tc  «  plans  atrses  fracture  toughness 
a  •  half  crack  length 
W  »  panel  width 

9  •  geometrical  parameter  (function  of  a) 

In  this  case  the  geometrical  tana  9  was  determined  bgr  "Lumped  Parameter  Pinto  Berner  t  Analysis^  1,2  J. 
This  method  uses  the  Fortran  Matrix  Abstraction  Technique,  POMUT  (  J  )  to  eolve  the  neeeesary  matrix 
operstlone.  The  structural  ldsallaation  uasd  priaarily  for  ths  aircraft  is  shown  in  Pigurs  2.  The  crack 
Is  simulated  by  successive  disconnection  of  reactions  from  ths  centerline  of  ths  panel,  Ths  idealisation 
shows  In  Pigurs  2  represents  one  quarter  of  ths  actual  structure.  The  crack  tip  stress,  o>ct,  is  defined 
as  ths  stress  in  ths  horiiontsl  bar  adjacent  to  ths  simulated  crack  tip.  Analysis  is  performed  on  both 
unetl'fened  and  stiffened  panels  having  ths  asms  grid  configuration.  The  term  9  it  calculated  as  follows 
for  each  crack  length  oonaideredi 

0¥pt  9tif f ened  Panel 

®  "  0  p  '  Unet  iff  ened  Panel  ^ 

where  oyfrt  is  the  slmulstsd  crack  tip  stress.  Ths  flexibility  of  ths  fastening  system  which  attache#  the 
stiffeners  to  the  eklne  la  an  important  consideration.  An  empirical  aquation,  representing  fastener 
displacement  &,  was  used  for  this  analysis  as  followmi 


6  •  15.0  ♦  .8  (1-  ♦  (3) 

where  P  •  fastener  load 

1  •  sheet  modulus 

d  •  fastener  diameter 

tj  and  tj  •  thickness  of  joined  sheets 

This  equation  represents  fastener  dleplarerent  for  aluminium  rl.ete  In  aluminium  sheet.  The  thickness  of 
the  ehear  panel  representing  the  fasteners  as  indicated  in  Pigurs  2  is  calculated  to  have  the  same 
flexibility  as  the  rivets.  The  ares  Of  ths  idea'iati  bars,  representing  skin  in  the  emulated  etructure 
shown  in  Figure  2,  is  determined  using  akin  width  halfway  between  adjacent  hare.  The  bare  carry  only 
axial  load  and  the  panels  carry  shear  load.  Stiffener  ideal  teat lone  for  the  four  cease  considered  hers 
era  shown  in  Pi  gars  2. 

Ths  strength  of  the  stiffening  elements  plays  in  important  role  in  ths  residual  streiurth  of  stiffened 
panels.  Stiffen sr  etreseea,  as  s  function  of  creek  length,  ere  an  output  frem  ths  analysis.  The  outer  cap 
ol  ths  stiffener  la  the  aoet  critical  due  to  bending  caused  by  transfer  of  load  from  the  cracked  eheet  to 
the  stiffener  at  the  shear  face  of  the  fattening  system,  which  la  offset  from  the  stiffener  neutral  axle, 
A  unit  street  of  100C  pel  was  applied  to  the  top  of  the  panels  and  reactione  ileccnnectsd  one  et  e  tine. 
The  resulting  v»]u»«  of  0  for  the  four  cases  considered  are  ehovn  in  Figure  J.  It  can  be  seen  that  9  le 
hl#»r  than  In  ths  unstlffsnsd  panel  sees  for  total  eiaok  lengths  up  to  about  fourteen  Inches  due  to  toad 
input  from  the  b-oken  central  stiffener.  For  creek  lengths  longer  than  fourteen  inches  the  outer  lntert 
stiffeners  start  tc  pick  up  load  and  the  street  intensity  at  the  crack  tip  it  reduced  below  that  fur  an 
unetiffened  panel.  Stiffened  stress  concentration  factor#  for  the  etlffaner  outer  cap  ere  .-hewn  plotted 
in  Figure  4. 


3.  TOT  1B01B 


Ths  panel i  war*  Mounted  In  •  universal  testing  ftae  and  uniaxial  load*  were  applied  at  the  bottoe 
of  the  panel  through  a  whiffletre*  aystaa  by  six  hydraulic  jacks.  Two  testa  were  conducted  on  sack  panel. 

The  daaage  created  by  the  first  test  was  repaired  as  indicated  in  Figure  1.  The  second  teat  was  conducted 
to  failure.  In  each  case,  a  half  inch  long  saw  cut  was  Bade  in  the  skin  over  a  cut  stiffener. 

Ubi axial  constant  aaplituds  cyclic  loading  was  applied  to  propagate  a  skin  crack  and  then  static  load  was 
applied  in  increaents  to  cause  fast  fracture.  The  prixary  objective  was  to  determine  if  a  fast  fracture 
could  be  arrested  by  adjacent  stiffeners. 

CABB  1  (See  Figure  5) 

In  the  case  of  the  panel  represented  by  case  1  of  Figure  1,  constant  saplltuds  cyclic  loading  was  applied 
to  a  aaxl wo*  stress  of  15. 5  kai  (R-om.>/o,.f,  «0.05) .  The  crack  wts  propagated  to  a  total  length  of  1.95  inches 
and  static  load  was  then  applied  in  lncreaente  up  to  a  gross  area  stress  of  28.15  ksi  without  fast  fracture. 
Slow  stable  tear  was  observed  starting  at  20.73  ksi  as  indicated  In  Figure  5«  Slow  stable  tearing  took 
place  froa  a  total  crack  length  of  1.95  to  2.17  inches  during  static  loading.  Cyclic  loading  was  continued 
at  a  aaxiaua  gross  stress  of  13.0  ksi  with  It  •  0.05  until  the  crack  total  length  was  3*5  inches.  Static 
load  was  again  applied  up  to  28.62  ksi  without  fast  fracture.  Slow  stable  tear  started  to  occur  at 
18.87  ksi  and  the  crack  grew  to  a  total  length  of  4.14  inches.  It  has  been  the  contention  [dj  that  slow 
stable  tear  will  not  occur  until  at  least  the  stress  level  has  been  reached,  which  was  used  to  propagate 
the  crack.  These  results  conflm  this  contention.  Cycling  was  continued  at  a  aaxiaua  gross  street  of 
16.0  ksi  with  R  •  0.05.  Static  load  was  applied  and  fast  fracture  occurred  at  a  grots  stress  of  28.6  ksi. 

The  crack  was  arrested  in  rivet  holes  at  the  inner  attachaent  row.  Cycling  was  continued  until  the  crack 
had  propagated  out  of  second  rivet  row  at  a  aaxiaua  gross  area  stress  of  15.5  ksi  with  R  •  0.05.  Static 
load  was  again  applied  and  the  panel  failed  at  a  grots  area  stress  of  29.61  ksi.  The  analytical  fracture 
curve  shown  on  Figure  5  was  plotted  froa  equation  (l)  using  the  value  of  Kc  obtained  froa  the  fast 
fracture  together  with  the  ()  values  plotted  in  Figure  3.  Analysis-test  correlation  then  aw  acconpliehed 
by  predicting  the  correct  residual  strength  for  the  full  two  bay  crack.  The  stiffener  strength  curve  in 
each  case  was  deteralned  using  the  analysis  results  shown  in  Figure  4  together  with  Material  properties 
obtained  froa  the  failed  parts.  It  can  bs  ssen  froa  Figurs  5  then  that  failure  etreee  was  predicted  with 
good  accuracy.  The  crack  arrested  earlier  than  the  analysis  predicted  due  to  its  arrest  in  rivet  holes. 


CIBB  2  (gee  Figurs  6) 

In  the  case  of  ths  panel  represented  by  case  2  the  akin  crack  was  propagated  to  a  total  length  of  2.0  inchee 
at  a  aaxiaua  oyclie  atresa  of  15.5  ksi  with  R  •  ,05.  Static  load  was  applied  end  faat  fracture  occurred  at 
24.8  kal  after  1.21  inchee  of  alow  stable  growth  aa  shown  in  Figure  6.  Slow  stable  teer  in  this  case  started 
et  16.3  ksi.  The  crack  waa  arrested  in  rivet  holes  et  the  inboard  row  of  rivets.  During  the  previous  test 
oa  this  panel  the  creek  had  been  arrested  between  rivets  et  the  inboard  row  of  rlvata  in  each  stiffener. 
Cycling  was  continued  until  the  crack  started  out  of  one  of  the  inboard  rivet  rowe.  Static  load  waa  applied 
up  to  23-59  kai  and  the  crack  Jiaiped  into  a  hole  in  the  outboard  rivet  row.  Cycling  was  continued  at  a 
aaxiaua  gross  stress  of  18.0  ksi,  R  -  0.05  until  the  crack  had  started  out  of  the  outboard  rivet  row. 

Static  load  was  applied  and  fast  fracture  occurred  et  27.8  kal  on  one  eide  and  ths  crack  waa  arrested 
between  rlveta  in  the  inboard  row  of  the  adjacent  stiffener  foralng  a  3  bay  crack.  Loading  waa  increased 
and  fast  fracture  occurred  again,  and  the  crack  waa  again  anrssted  between  rivets.  Ihe  configuration  et 
this  point  waa  e  four  bay  crack,  aysaetrlcel  about  a  saw  cut  central  stiffener,  with  crack  tips  between 
rivets.  Final,  failure  occurred  et  a  gross  stress  of  38.05  kel  which  is  higher  than  ths  predicted  failure 
rtrees  for  two  bays  of  skin  shown  by  Figurs  6.  Figurs  6  doss  howsvsr  predict  the  faat  fracture  strses  to 
the  next  stiffener  very  accurately.  Analysis  wee  not  conducted  for  the  4  bay  case. 


The  pauel  for  case  3 


peuel  for  ease  3  was  subjected  to  uniaxial  cyclic  loading  to  a  aaxiaua  stress  of  22.0  kel  with 
R  *  0.20.  The  skin  crack  was  propagated  to  e  tots)  lsngth  of  4.98  inches.  Static  loading  wee  then  applied 
la  increaents  up  to  e  aaxlsua  gross  stress  of  26,0  ksi  without  faat  fracture.  Ihirlng  static  loading  the 
crack  extended  in  total  length  by  0.23  inches.  Slow  stable  growth  in  this  cage  started  at  22.0  kel,  the 
aaxiaua  (trees  at  which  ths  creek  wee  propagated.  This  procedure  was  repeated  four  tines  as  indicated  by 
ths  tsst  and  analysts  results  shown  on  Figurs  ’.  Fast  fracture  oecurrsd  on  ths  fourth  atteapt  at  26,54  ksi 
with  a  total  creak  length  of  8.2*5  1  no  her  indicated  by  point  R  of  Figure  7.  The  a  rack  wa  e  arrested  between 
rivets  at  ths  edjacsnt  stiffeners  at  point  F.  Static  loading  we*  reapplied  and  further  slow  stable  growth 
occurred  to  a  total  orack  length  of  16,31  lnehee  <dien  total  failure  occurred  at  a  groes  stress  of  31.2  ksi. 
This  value  was  higher  than  ths  intersection  of  the  stiffener  strength  end  skin  fracture  curves  illustrated 
by  point  H  la  Figure  7. 


£J6i 

flie  1 


4  (gee  Figure  8) 


he  panel  representing  case  4  wax  subjected  to  uniaxial  cyclic  loading  up  to  e  aaxiata  gross  etreee  of 
22.0  ksi  with  R  -  0.20.  The  tkln  crack  wax  propagated  to  a  total  length  of  4.10  inchee  when  the  cyclic 
aaxiaua  (trees  wee  reduced  to  18. 0  kei.  This  stress  ms  used  to  propagate  the  crack  to  e  total  length  of 
5.3  inchee.  Static  load  wax  applied  end  feat  fracture  orruorad  at  a  groos  stress  of  23.1  ksi  alter  1.95 
inches  of  slow  growth.  Slow  stable  growth  started  at  18.0  ksi,  the  laet  peak  value  of  cyclic  stress. The  crack 
waa  arrested  between  rivets  et  the  adjacent  stiffeners.  Static  load  was  reapplied  and  the  panel  failed  at 
a  gross  strata  of  29.6  ksi  at  a  total  crack  length  of  16.7  inches  after  1.5  inches  of  slow  stable  growth 
ex  shown  in  Figure  8.  It  will  be  noticed  froa  Figure  8  that  slow  stable  growth  started  et  18.0  k*t ,  the 
stress  at  which  the  latter  portion  of  crack  growth  had  been  propagated.  The  previously  higher  stress  of 
22.0  kai  did  not  lnflusncs  this.  An  sxplanatlon  of  this  is  ss  follows  [4]  1  when  the  etreee  level  wax 
reduced  froa  22.0  kei  to  18.0  kel  at  a  total  crack  length  of  4.1  inches, the  value  of  S  at  thl*  point  was 
1.41  froa  Figure  3.  The  radius  of  the  plastic  sons  at  ths  crack  tip  can  be  calculated  froa  the  following 
classical  equation  for  plane  atreeai 

v  k  (4) 

Therefore  at  a  total  craok  length,  2a,of  4.1  inches  and  a  stress,  0,  of  23  0  ksi,  X  is  squsl  to  78.72  ksl^n. 


lb*  yield  strength  of  the  skin  nstsrlsl  was  61.844  ksl  f roe  coupon  tests.  The  plastic  sons  radius  at  the 

crack  tip  was  therefore  0.26  inches  and  the  resulting  value  of  a  ♦  rp  was  2.31  inches.  At  the  tiae  of 

static  load  application  the  total  crack  length  was  5.3  Inches  and  6  at  this  point  was  1.35  from  Figure  3. 

The  plastic  sons  else  using  the  lower  cyclic  stress  of  18.0  ksl  was  therefore  0.2  inches  and  the  result¬ 
ing  value  of  a  ♦  rp  was  2.85  inches.  Since  this  value  is  greater  than  the  value  of  a  ♦  rp  for  the  higher 

stress  of  22.0  ksl  it  can  be  seen  that  the  crack  tip  is  out  of  the  influence  range  of  the  higher  stress 

and  therefore  slow  stable  growth  would  start  to  occur  at  the  lower  stress  of  18,0  kai.  Further  explana¬ 
tion  of  this  phenomenon  can  be  found  in  the  literature  [4]  . 

4.  conclusion 

It  has  been  shown  that  reasonable  accuracy  can  be  expected  in  the  calculation  of  residual  strength  for 
stiffened  panels  using  elastic  finite  elenent  techniques.  Because  of  non-linear  fastener  load  displacement 
behaviour,  this  accuracy  ie  not  always  possible,  particularly  when  skin  aateriala  having  higher  fracture 
toughness  are  used.  In  this  case,  it  nay  be  necessary  to  reeort  to  non-linear  methods  (See  example  3.3. 3.3). 
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6.  rxaocnrTAjrr 


This  example  la  a  good  illustration  of  the  application  of  the  approach  discussed  in  section  5. 3. 1.1 
of  this  chapter.  Contrary  to  what  was  proposed  in  that  section,  in  this  example  the  residual  strength 
properties  of  the  stiffened  skin  ere  determined  from  fast  fracture  date  of  the  stiffened  panel  Itself 
Instead  of  from  unstiffened  panel  date.  However,  this  is  not  a  fundamental  point  of  difference.  The 
behaviour  of  the  panel  after  fast  fracture,  l.e.  stresses  and  crack  lengths  at  crack  arrest  after  fracture 
instability  and  at  final  panel  failure,  agrees  very  well  with  the  behaviour  predicted  by  the  calculated 
akin  and  stiffener  curves. 

This  example  clearly  demonstrates  that  the  applied  set hod  la  to  be  recommended  in  the  design  etage. 

Because  the  method  generates  both  the  ekln  and  stiffener  curves,  the  effects  of  modifications  la  the  design 
on  the  residual  strength  properties  can  easily  be  predicted  on  the  basis  of  diagrams  aa  shown  la 
figures  5-8, 
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FIGURE  7  ANALYSIS  AND  TEST  RESULTS  FOR  CASE  3 


FIGURE  8  ANALYSIS  AND  TEST  RESULTS  FOR  CASE  4 
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1.  STATBCHTT  OF  TOE  PROBLM 

During  the  early  development  phases  of  a  large  cosmercial  transport  aircraft,  a  study  was  undertaken 
to  deteraine  the  residual  strength  of  panels  simulating  typical  fuselage  construction.  Panels  with  cracks 
in  either  a  longitudinal  or  circumferential  direction  were  designed  and  tested  for  that  purpose.  The 
panels  were  made  from  7075-773  sheet  material  having  a  thickness  of  0.071  inches.  The  panels  with 
longitudinal  cracks  measured  120  inches  wide  by  73  inches  deep  and  were  stiffened  by  frtnes  at  20  inch 
spacing,  parallel  to  the  loading  direction.  Four  different  frame  configurations  were  included  as  shown 
in  Figure  1.  Analysis  and  testing  was  performed  on  panels  with  and  without  titanita  crack  stopper  straps. 
Lateral  stiffening  was  provided  by  hat  section  longerons.  The  panels  were  intended  to  be  used  to  gain 
information  which  would  be  useful  in  assessing  the  strength  of  a  fuselage  containing  a  two  bay  longitudinal 
crack.  This  example  describes  the  analysis  and  testing  for  four  of  the  panels  and  also  shows  analysis-test 
correlation.  These  four  panels  are  described  by  Figure  1. 

2.  AB ALTS IS 

For  the  aethod  of  analysis  the  reader  is  referred  to  section  2  of  example  3.3. 3.1.  Just  as  in  that 
example, the  geometrical  term  0,  in  the  case  of  the  four  panels,  was  determined  by  finite  element  analysis 
of  an  idealized  structure  representing  the  panels.  A  typical  idealization  of  the  panels  la  shown  in 
Figure  2.  The  idealizations  for  panels  1  and  3  were  assumed  to  be  the  same  even  thou£i  the  frame-to-skln 
shear  clip  was  slightly  different.  Different  idealizations  were  used  for  panels  2  end  4. 

Stresses  in  the  stiffening  elements  are  an  output  of  the  finite  element  analysis.  In  the  case  of  panels  1, 

2  and  3,  the  most  critical  stiffeners  are  the  frames  ct  the  center  of  the  crack.  The  outer  crack  stopper 
is  the  most  critical  ctlffenlng  element  for  panel  4  since  the  center  crack  stopper  is  assumed  failed. 

The  stress  concentration  factor  for  the  stiffeners  is  given  by  a  j  ,  where  o  ^  is  the  stiffener  stress 
and  a  la  the  gross  area  stress  applied  to  the  top  of  the  panel.  *  ' 0  The  analysis  results  are  shown  in 
Figure  3. 

3.  TEST  RESULTS 


The  panels  were  mounted  in  a  teat  rig  and  uniaxial  loads  were  applied  through  a  set  of  whiffle  trees 
attached  to  the  top  and  bottom  of  the  panels.  Saw  cute  were  made  in  the  skins  over  a  central  frame  and 
cracks  were  propagated  to  prs-datermined  lengths  under  uniaxial  loading.  Loading  was  then  increased 
statically  in  increments  with  a  view  to  causing  fast  fracture  in  the  skins.  The  objective  was  to  cause 
fast  fracture  at  the  highest  stress  which  could  be  arrested  by  the  adjacent  frames.  One  of  the  reasons 
for  this  was  to  assess  the  dynamic  effects  of  crack  arrest. 


PAMEL  1  (3ee  Figure  4) 

In  the  case  of  panel  1,  constant  amplitude  cyclic  loading  was  applied  to  a  maximum  stress  of  14.04  ksl 
(R  •  o.t  Ja...  »  0.03).  The  akin  crack  was  propagated  to  a  total  length  of  27.03  Inches.  Static  load  was 
applied  in  increments  up  to  a  gross  area  stress  of  17.0  ksi  without  fast  fracture.  The  crack  tips  extended 

during  static  loading  by  a  total  of  0.45  inches.  Cycling  was  continued  until  the  total  crack  length  was 

29.0  Inches.  Static  load  was  again  applied  without  fast  fracture.  In  this  case,  the  slow  stable  crack 
growth  was  0.40  Inches.  Slow  stable  growth  in  both  cases  did  not  start  until  the  static  stress 
was  higher  than  the  maximum  cyclic  stress.  An  explanation  of  this  phenomenon  has  already  been  given [  1  ]  . 
Cycling  was  continued  at  a  maximum  stress  of  17.0  ksi  (R  •  .05).  Fast  fracture  occurred  at  a  total  crack 
length  of  35*0  Inches  and  the  crack  was  arrested  in  rivet  holes  at  the  adjacent  frames.  Cycling  was 
continued  to  rs-lnitiate  cracks  in  the  holes  and  static  load  was  again  applied.  Failure  took  place  at  s 
gross  area  stress  of  16. 1  ksl  with  a  total  crsok  length  of  41.93  inches.  The  results  of  this  test  are  shown 
in  Figure  4.  The  skin  fracture  toughness  was  calculated  from  the  etrese  and  crack  length  st  fast  fracture 
through  the  use  of  equation  (l)  ttiven  in  mmol#  1.3. 3.1  end  (1  value#  ehown  in  Figure  3.  The  reeulting 
value  wse  92.76  ksl  VTrT.  Tbs  skin  fracture  curve  ehown  in  Figure  4  wsa  plotted  using  this  value.  It  can 
ba  seen  from  Figure  4  that  ths  peak  of  the  tkin  fracture  residual  strength  curve  it  predicted  very  closely 

by  the  finite  element  analysis  when  the  actual  fast  fracture  data  is  used. 

The  dynamic  effects  of  crack  arrest  in  this  case  can  be  no  more  than  about  6  %  tines  the  static  failurs 
stress  was  only  1.1  kai  higher  than  the  stress  at  crack  arrest.  If  the  dynamic  effects  had  been  any  higher 
than  this,  the  crack  would  not  have  been  arrested. 

Figure  4  illustrates  the  fact  that  the  center  frame  strength  criterion  was  almost  ths  same  as  ths  skin 
frseturs  criterion  with  a  2  bay  crack  (40.0  inches).  In  view  of  this,  ths  center  frsme  of  panel  2  wsa 
reinforced  since  the  primary  objective  of  ths  test  was  to  fail  ths  panel  due  to  skin  fracture. 


PABH.  2  (See  Figure  5) 

The  test  procedure  for  panel  2  was  essentially  identical  to  that  for  panel  1.  Again,  the  finite  element 
enalysia  was  able  to  predict  the  failure  stress  from  a  skin  fracture  standpoint  very  closely  as  Indicated 
by  the  failure  stress  of  18.48  ksl  being  very  close  to  the  peak  of  the  residual  strength  curve.  The 
strength  of  the  reinforced  center  frame  is  ehown  to  be  much  higher  than  the  unreinforced  center  frame  of 
panel  1  and  yet  the  failure  streeaes  are  almost  the  same.  This  illustrates  that  the  skin  fracture  and 
stiffener  strength  criteria  can  be  independent  of  each  other  as  far  as  failure  is  concerned. 

The  dynamic  effect  for  panel  2  can  be  no  higher  than  6.8  %  for  th<»  case  for  the  reasons  previously 
described. 


PAHS,  3  (See  Figure  6) 

In  this  cate,  the  analysis  would  predict  failure  due  to  center  frame  failure  if  XIL-HDBK-5  B  values  were 
used  for  frame  strength,  as  used  for  panels  1  and  2.  Tensile  coupons  cut  from  the  frames  of  another  panel 
for  the  same  material  batch  used  for  the  frames  of  panel  3  indicated  a  typical  average  ultimate  strength 
value  of  79.64  ksi  for  the  7075-T6  frame  sheet  material.  If  the  frame  strength  is  based  on  the  typical 
value,  Figure  6  indicates  the  failure  criterion  would  be  skin  fracture. 

In  the  case  of  panel  3,  the  dynamic  effect  would  be  no  higher  than  3  %• 

PAHS,  4  (See  Figure  7) 

This  panel  was  fitted  with  titanium  crack  stopper  straps.  A  4  inch  long  saw  cut  was  made  in  the  skin  over 
a  crack  stopper  strap.  Cyclic  loading  was  applied  to  give  a  maximum  gross  area  stress  of  15. 0  ksi  with 
R  »  0.05.  After  13,125  cycles  a  1.0  inch  long  crack  was  detected  in  the  crack  stopper  and  the  4  inch  saw 
cut  had  extended  to  a  total  length  of  6.6  inches.  It  was  decided  to  increase  the  cyclic  stress  to  a 
maximum  of  16.4  ksi  (R  »  .05)  to  compare  crack  growth  with  a  previously  tested  panel.  The  skin  crack  was 
propagated  to  a  length  of  18.02  inches  at  which  time  the  total  number  of  cycles  was  14,866.  By  this  time 
the  crack  stopper  was  completely  failed.  The  center  frame  was  reinforced  as  in  the  case  of  panel  2,  but 
the  center  crack  stopper  was  left  failed.  Static  load  was  applied  to  attempt  to  fast  fracture  the  skin  up 
to  a  gross  area  stress  of  20.14  ksi.  During  this  application  of  load,  slow  stable  growth  started  to  occur 
at  about  16.2  ksi.  The  amount  of  growth  was  0.32  inches.  Fast  fracture  occurred  on  the  second  static  load 
attempt  and  the  crack  was  arrested  at  adjacent  frames  in  rivet  holes.  Cycling  wis  continued  to  reinitiate 
the  cracks  and  static  load  was  applied  to  25.12  ksi  when  failure  occurred.  Sections  of  the  outer  crack 
stoppers  were  removed  and  tested  in  tension.  The  straps  were  tested  as  a  whole,  including  the  rivet  holes. 
The  average  failure  stress  was  158.75  ksi  for  the  Ti-SAl-IMo-IV  material*  The  residual  strength  curve 
using  this  value  is  shown  in  Figure  7.  It  can  be  seen  that  the  finite  element  analysis  would  predict  this 
failure  very  well. 

The  benefits  of  the  titanium  crack  stopper  straps  can  be  seen  when  comparing  the  allowable  stresses  for 
the  2  bay  crack  case  with  the  results  of  panels  1,  2  and  3. 

4.  C0HCLIBI01E 

It  has  been  shown  that  the  residual  strength  of  stiffened  panels  containing  large  cracks  can  be 
predicted  with  reasonable  accuracy  using  elastic  finite  element  methods  provided  skin  material  Cq  and 
stiffener  material  Ftu  values  are  known.  For  the  type  of  construction  described  herein  the  dynamic 
effects  of  crack  arrest  are  small. 
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6.  COMMENT  AFT 

The  same  commentary  as  given  in  example  3.3.3. 1  applies. 


0.873 

If 

0.071  -e. 


1.01 


Ust 

.07T 


4.5 


PANEL  1 

G=t) 


PANEL  3 


UJ=o 


43 

PANEL  2 

G=n 


PANEL  4 


iM 


"■°4e3 


CRACK  STOPPER 
STRAP  (Tl) 


FIGURE  1  TEST  PANEL  DESCRIPTION 


eL  APPLIED  LOADS 

mm  mmmi  ♦♦♦♦♦♦ 


FIGURE  2  FINITE  ELEMENT  IDEALIZATION 


FIGURE  3  FINITE  ELEMENT  ANALYSIS  RESULTS 


STIFFENER  STRESS  CONCENTRATION  FACTOR  c^,/a 


GROSS  RESIDUAL  STRENGTH  (KSI)  GROSS  RESIDUAL  STRENGTH  (KSI) 


30 


FIGURE  4  TEST  AND  ANALYSIS  CORRELATION  RESULTS  FOR  PANEL  I 


■a 


I 


i 


i 

i 

} 

I 
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1.  IHTRODUCTIOH 

The  residual  strength  of  a  riveted  structure  containing  cracks  can  be  determined  using  elastic  finite 
element  methods.  These  methods  have  been  shown  to  give  reasonable  results  when  the  skin  material  fracture 
toughness  is  comparatively  low[l].  In  these  methods,  the  simulation  of  rivet  flexibility  is  essential  to 
obtain  reasonable  analysis-test  correlation.  When  material  fracture  toughness  i3  high  and  when  the  crack 
tips  extend  beyond  the  crack  arresting  stiffeners,  it  is  often  necessary  to  consider  nonlinear  shear 
displacement  characteristics  of  the  rivets.  If  this  is  not  considered,  one  can  easily  be  misled  by  the 
elastic  analysis  results.  Certain  difficulties  exist  with  non-linear  finite  element  analyses.  These 
difficulties  are  mainly  associated  with  computer  operational  coBts.  Displacement  compatibility  methods 
offer  considerable  reductions  in  computer  running  time  and  the  use  of  this  approach  together  with  non¬ 
linear  fastener  displacement  characteristics  becomes  economically  feasible.  This  example  briefly  describes 
just  such  an  analysis  which  correlated  with  testing  extremely  well. 

2.  STATEMENT  OF  THE  PROBLEM 

During  the  development  test  phase  of  a  large  transport  aircraft,  a  stiffened  panel  containing  a  2  bay 
skin  crack  with  a  saw  cut  central  stiffener,  was  tested  for  its  residual  strength.  The  panel,  measuring 
120  inches  long  by  60  inches  wide,  was  made  from  2024— T3  sheet  0.071  inches  thick.  Stiffeners,  spaced  at 
8  inches,  were  made  from  "hat"  section  7075-T6  extrusions,  0.5471  square  inches  in  cross-sectional  area. 

A  skin  crack  was  propagated  into  two  skin  bays,  normal  to  the  longitudinal  stiffening  and  equally  spaced 
about  a  central  saw-cut  stiffener.  Static  loading  was  applied  to  failure  after  the  skin  crack  tips  had 
propagated  beyond  the  crack  arresting  adjacent  stiffener. 

Failure  of  the  panel  was  precipitated  by  rivet  failure  over  the  entire  length  of  the  crack  arresting 
stiffener  at  a  gross  area  stress  of  39.7  ksi  with  a  half  crack  length  of  9-88  Inches.  Elastic  finite  element 
analysis  would  predict  the  failure  mode  as  being  rivet  critical  but  the  allowable  gross  stress  at  failure 
would  be  too  low  by  a  factor  of  3.5  to  1  .  This  analysis  indicates  that  the  load  in  the  first  rivet, 
adjacent  to  the  crack  in  the  crack  arresting  stiffener,  is  extremely  high.  In  fact,  considerable  non¬ 
linear  displacement  of  this  rivet  occurs  causing  adjacent  rivets,  progressively  further  away  from  the 
crack,  to  accept  more  load.  When  this  occurs  the  stiffener  becomes  less  effective  in  reducing  the  crack- 
tip  stress  intensity  factor  and  the  panel  gross  allowable  stress,  from  a  skin  fracture  standpoint,  iB 
reduced.  This  effect,  of  course,  cannot  be  assessed  by  elastic  analysis. 

3.  ANALYSIS 

The  analysis  uced  to  correlate  the  results  of  the  panel- test  was  based  on  the  displacement 
compatibility  method.  The  details  of  this  method  are  presented  in  the  literature  [2)  .  Figure  1 
illustrates  the  method  and  as  can  be  seen  from  the  figure,  either  adhesively  bonded  or  riveted  structures 
can  be  considered.  Correlation  of  an  adhesively  bonded  test  panel,  using  this  approach,  appears  in  the 
literature  [3]  •  The  approach  is  based  on  equating  displacements  in  the  cracked  sheet  with  displacements 
in  the  stiffening  elements  after  taking  account  of  fastening  system  flexibility.  Displacements  in  the 
cracked  sheet  are  calculated  at  discrete  points  using  the  Hestergaard  Complex  Stress  Function  approach. 
Fastening  system  flexibility  and  stiffener  bending  are  both  accounted  for.  The  number  of  effective  rivets 
on  each  side  of  the  crack  in  each  stiffener  is  usually  15*  ThiB  was  determined  by  obtaining  solutions  with 
different  number  of  effective  rivets  assumed  and  then  plotting  crack  tip  stress  intensity  factor  as  a 
function  of  number  of  effective  rivets.  H1I3  plot  becomes  asymptotic  at  approximately  15  rivets  for  the 
2  bay  crack  case  with  a  broken  central  stiffener.  A  matrix  of  influence  coefficients  is  inverted  to  obtain 
all  the  rivet  loads.  Crack  tip  stress  intensity  factor  in  the  sheet  is  then  determined  from 
Mu8khelishvili ’s  methods  [4]  .  The  elastio-plastic  load  displacement  characteristics,  obtained  from  simple 
lap  splice  tests,  wes  simulated  by  the  tri-elastic  model  shown  in  Figure  2  for  the  test  panel  under 
consideration.  The  computer  program,  developed  for  tnis  case,  first  generates  an  elastic  solution  based 
on  the  elastic  3lope  of  the  rivet  load  displacement  curve.  All  rivet  loads  are  then  compared  to  the  tri- 
elastic  model  and  the  rivet  flexibility  matrix  is  then  re-generated  and  a  second  solution  produced.  This 
procedure  continues  until  the  crack  tip  stress  intensity  factor  difference  between  successive  iterations 
is  less  then  a  specified  value.  The  final  Btress  intensity  factor,  for  the  specific  applied  gross  area 
stress  and  crack  size,  is  printed  out  together  with  all  rivet  loads  and  stiffener  stresses. 

4.  AN  ALTS  IS  RESULTS 

The  analysis  results  for  the  first  elastic  iteration  of  the  test  panel  configuration  are  shown  in 
Figure  3.  The  akin  fracture  curve  is  plotted  using  (3  values  (see  analysis  in  example  3.3. 3.1)  obtained 
from  the  program  together  with  a  skin  fracture  toughness  value  K0  of  197.87  kei  VTrTJ  obtained  from  fast 
fracture  of  a  previously  tested  stiffened  panel  of  different  configuration  from  the  one  considered  here. 

At  the  failure  half  crack  length  of  9.88  inches,  it  can  be  seen  from  Figure  3  that  the  gross  allowable 
stresses  are  11.5  ksi,  32.5  ksi  and  53.6  ksi  from  rivet  failure,  stiffener  failure  and  skin  fracture 
criteria  respectively.  Actual  failure  took  place  at  39 - 7  ksi.  It  can  be  seen  therefore  that  one  could  be 
misled  by  the  results  of  an  elastic  analysis.  The  elastio-plastic  computer  program  has  the  ability  to 
consider  the  effects  of  rivet  failure  and  Figure  4  shows  rivet  displacement  as  a  function  of  gross  area 
stress  for  various  number  of  rivets  failed  starting  adjacent  to  the  crack.  As  can  be  seer,  from  the  ,'igure 
there  is  considerable  difference  between  elastic  and  plastic  solutions.  With  all  the  rivets  intact  the 
first  rivet  yields  at  a  gross  area  stresB  of  only  6.808  ksi.  Yielding  continues  as  the  gross  area  stress 
is  increased  until  point  J  is  reached  on  line  CD,  when  failure  of  the  first  rivet  occurs. 


Lin*  CD  repraeente  the  average  failure  displacement  of  the  rivet.  Lines  AB  and  V  represent  lower  and 
upper  bounds  of  rivet  failure  displacement  respectively.  The  crack  tip  stress  intensity  factor  as  a 
function  of  gross  area  stress  is  shown  in  Figure  5.  The  upper  curve  oonslders  that  all  rivets  are  intact 
and  the  other  curves  are  for  different  number  of  1  Iveta  failed.  When  the  first  rivet  fails  at  constant 
gross  area  stress  the  stress  intensity  factor  increases  as  can  be  seen  in  Figure  $.  The  vertical  line  AB 
represents  the  critical  stress  intensity  factor  of  197*87  ksl  VTn . ,  obtained  from  s  previous  test.  The 
vertical  line  CD  represents  a  value  of  21$  ksl  V$n7  used  for  illustration  purposes  later. 

Figure  6  shows  a  cross  plot  of  the  intersection  of  vertical  line  CD  of  Figure  4  with  the  rivet  displace 
sent  curves.  This  cross  plot  is  titled  Blvet  Failure  Curve.  Slmllarlyi  vertical  lines  AB  and  CD  of 
Figure  5  are  cross  plotted  in  Figure  6  and  are  titled  Skin  Fracture  Curve  K,.  »  197.97  ksl  VTn.  and 
Skin  Fracture  Curve  ^  -  215  kei  vlnT  respectively.  Figure  6  represents  a  residual  strength  diagram  for  a 
half  crack  length  of  9.88  Inches.  To  illustrate  how  this  diagram  works,  assume  for  the  time  being  that  the 
skin  fracture  toughness  -  215  ksi  v'in.  loading  is  appl.jd  slowly  and  the  first  rivet  adjacent  to  the 
crack  fails  at  point  A  of  Figure  6  corresponding  to  grosr  area  stress  of  39*5  ksi.  The  panel  allowable 
from  a  akin  fracture  standpoint  immediately  drops  from  point  B  to  C.  Total  failure  does  not  however  take 
place  because  the  panel  allowable  based  on  second  rivet  failure  has  increased  to  point  D  since  this 
rivet  is  further  away  from  tha  crack  and  therefore  less  critical.  The  load  is  still  only  at  39.$  ksi 
represented  by  point  S  and  therefore  lower  than  C  or  D.  Total  panel  failure  would  now  occur  if  the  load 
is  lncrsased  to  point  C  due  to  akin  fracture.  In  tha  case  of  the  panel  under  discussion  the  fracture 
toughs  sea  K«.  is  only  197.87  ksi  v!n7  When  the  first  rivet  fails  at  39*3  ksi  gross  stress,  represented  by 
point  A  of  Figure  6,  the  entire  panel  fails  due  to  fracture  instability  in  tha  akin,  since  the  panel 
allowable  from  a  skin  fracture  standpoint  drops  from  point  F  to  point  0,  which  is  below  the  applied  stress. 
This  value  is  less  than  1  %  lower  than  the  actual  panel  failure  stress  of  39*74  ksi.  Variation  in  rivet 
failure  displacement,  represented  by  the  lower  bound  line  AB  and  the  upper  bound  line  EF  of  Figure  4, 
would  give  variation  of  panel  failure  between  points  0  and  7  of  Figure  6.  The  explanation  here  is  that 
at  the  lower  bound  point  Q  of  Figure  4,  failure  of  the  first  rivet  would  occur  at  37.5  ksi.  This  is  lower 
than  point  0  of  Figure  6  so  the  load  could  be  increased  to  39  ksi,  represented  by  point  0  of  Figure  6. 
Consider  the  unper  bound  point  H  of  Figure  4,  where  the  first  rivet  would  fail  at  42  ksl.  In  this  case 
the  panel  failure  stress  would  be  limited  to  41  ksi  represented  by  point  F  of  Figure  6.  This  then  repre¬ 
sents  a  spr~*d  in  allowable  between  59-0  and  41.0  kal  equivalent  to  minus  1.86  and  plus  3.17  per  cent  of 
the  actual  failure  stress. 

5.  C0NCLUBI0N3 

It  has  been  shewn  that  when  crack  tips  extend  beyond  the  crack  arresting  stiffeners  of  a  panel 
containing  a  two  bay  crack  that  elastic  analysis  will  not  predict  the  true  gross  stress  at  failure. 

For  the  configuration  discussed,  consideration  of  the  elastio-plastlc  rivet  load-displacement 
characteristics  gave  excellent  correlation  with  teat  results.  This  elastio-plastic  analysis  was  made 
economically  feasible  with  the  displacement  compatibility  method  whereas  non-linear  finite  element  nethods 
would  have  been  extremely  costly. 
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7.  CdMEFTART 

This  ia  an  excellent  exam-1-  of  the  application  of  fracture  mechanics  techniques  to  predict  the 
behaviour  of  stiffened  panels  as  a  function  o*  applied  load.  By  performing  analytical  studies  as 
described  in  this  example,  even  during  the  design  stage  of  an  aircraft  the  designer  can  find  out 
which  structural  elements  will  precipitate  failure.  If  the  results  do  not  meet  hie  requirements,  on 
the  haaia  of  such  an  analysis  ha  is  able  to  modify  his  design. 

Finally,  this  example  clearly  demonstrates  that  on  the  basis  of  purely  elastic  computations  one  may 
easily  coma  to  wrong  conclusions  when  the  prediction  of  residual  strength  behaviour  of  a  structure 
is  involved.  In  this  respect  analytical  methods  are  preferable  to  finite  element  methods  because 
yielding  of  one  or  more  elements  can  easily  be  incorporated  in  the  computation  procedure. 
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1.  stATaorr  cv  is*  pro  bum 

Slneo  tho  loot  foraal  symposium  on  the  development  of  crack  growth  roaiatanco  data  [l]  ,  several 
atudiaa  bar*  boon  raportad  on  materials*  raaiatanca  to  fracture  [2,3]  •  The  uae  of  these  data  on  real 
life,  atructural  problems,  however,  haa  been  liaited.  Ratwani  and  Hilhaa  [4]  pree anted  a  euaewry  of  the 
predictive  reeulto  of  an  eztenaive  reel dual  atrength  study  given  in  [2]  .  lheee  prediction*  were  aad* 
using  a  J-lntegral  baaed  reeietanc*  curve  which  account*  for  the  aeteriala*  elaatio-plaatic  behaviour. 

Thia  ezaapl*  will  describe  the  analysis,  predictive  techniques  and  fracture  test* 
of  a  representative  cracked  aircraft  structure,  nesely  an  angle  stiffened  wing  panel.  The  geometry  of 
these  alualnua  teat  panel*  is  shown  in  Figure  1 .  Thee*  panels  represented  a  29  <  stiffening  ratio, 
typical  of  large  transport  aircraft  lower  wings.  Two  conditions  war*  examined;  a  crack  at  an  intact 
oentml  stringer  and  at  a  broken  central  stringer. 

2.  nffiOD  CP  HALTS  IS 

Ten  step*  are  involved  In  the  analytic  procedure.  Thee*  are  euaaarieed  below  and  have  thia 
typical  pattern  for  all  predictions.  Details  of  each  step  are  given  in  [2]  . 

Step  1  -  Model  the  structure  for  finite  elenent  analysis  or  use  existing  finite  eleaent  aodeling. 
Special  consideration  aust  be  given  to  fastener  noddling  to  aooount  for  flexibility. 

Step  2  -  Select  a  crack  length  of  interest  end  five  other  lengths  baaed  on  the  ratio  of  half 
crack  length,  a,  to  atlffenar  spacing,  a,  e.g.  a/s  up  to  1.1. 

Step  3  “  Proa  steps  1  and  2,  perform  note-linear  calculations  assuaing  Dugdal*  plastic  son*  behaviour. 

Step  4  -  Proa  step  3,  calculate  stiffener  stresses  as  a  function  of  applied  stress. 

Step  5  -  Proa  the  coaputed  creek  opening  data  of  step  3,  plot  tha  versus  applied  panel  stress 
to  yield  stress  ratio,  o/o^^,  r°r  various  crack  lengths. 

Stsp  6  -  Cross  plot  tho  data  from  stop  5  as  VwT versus  crack  length  for  specific  applied  stresses. 

"lt*p  7  -  Determine  gross  panel  stress  for  a  eel  acted  crack  alia  at  ultlaata  stiffener  stress. 

Step  9  -  Obtain  crack  growth  resistance  data  for  the  ekln  aatarlal  in  barms  of  versus  alow  crack 
extension,  ha. 

Step  9  -  Plot  the  data  from  step  8, 

Step  10-  Overlay  the  v5~ versus  crack  ail*  curve  of  step  $  on  the  data  of  step  9  at  the  crack  length 
of  interest.  Determine  the  amount  of  predicted  slow  tear.  If  greater  than  0.25  inch,  the 
structure  will  prote.bly  be  skin  critical.  If  lee*  than  0.25  Inch  of  slow  tasr  is  Indicated, 
then  a  conservative  estlaat*  of  residual  strength  will  be  sed*  using  step  7  date.  The 
predicted  instability,  i.e.  fracture  stress  will  be  the  point  of  tangency  between  Vj  curve 
and  V3|. 

*If  *  skin  critical  fracture  is  anticipated,  this  step  esn  be  eliminated. 

Using  the  above  ten  steps,  the  residual  strength  diagram*  were  developed  as  shown  In  figure  2  for  the 
intact  stringer  case.  Predictions  will  be  sad*  of  fracture  and  clow  tear  using  this  diagram. 

On  the  VJ  versus  crack  size  plot  for  the  panel,  the  /7r  versus  dap^y  material  reeietanc*  curve  Is 
overlay ed  at  the  Initial  physical  crack  length,  am  ,of  Interest.  The  applied  etrena  et  which  VJ-  v«r*ua 
Aapfly  v.d  Vj  vareua  a^y  curve*  become  tangential  will  determine  the  itrey  at  which  instability  occur* 
and  the  crac^. propagates  rapidly.  After  this  point  of  instability,  if  the  VJ  curve  for  the  panel  dips 
below  the  Vj-  resistance  curve  of  the  material,  the  creek  will  be  arrested,  otherwise  It  will  propagate 
catastrophically.  The  stresses  In  tha  etrlngar  which  ere  oMalnsd  from  tha  elaatln-plastic  analysis  and 
the  ultlaat*  strength  of  the  stringer  aeterlal  ere  used  Initially  to  uetermina  if  e  stringer  critical  cats 
prevails.  The  ultiaate  strength  of  the  stringer  material  (7075-T6  extrusions)  was  found  to  bs  9?. 2  kei 
from  tensile  teat  data.  Using  this  ultlaat*  stress  value  end  the  Dugdale  type  elastto-plestlc  analysis, 
the  failure  of  the  central  stringer  (angle)  at  e  half  crack  length  of  2.775  Inches  (initial  half  crack 
length  In  the  tested  penal)  ie  predicted  at  '’/'’yteig  *  0.7.  Superimposed  on  the  plot  of  Figure  2  1*  the 
v'jJJ  versus  dewy  reeietanc#  curve  of  the  7075-V73  ekln  aeterlal  plotted  et  the  see*  physical  half  creek 
length  of  2 . 77 .  Inch#*.  It  is  seen  from  thi#  figure  that  at  the  stringer  critical  atreea  o/oyleld  *  0.7, 
there  will  be  considerable  slow  tear  In  tha  skin.  Therefore  the  computed  failure  stress  of  the  central 
etrlngar  for  a  half  crack  length  of  2.775  Inch##  will  not  be  valid  due  to  thl*  extensive  alow  crack  growth. 
Failure  In  a  panel  with  thl#  initial  crack  length  will  be  skin  critical.  A  failure  of  e  skin  critical  type 
structure  will  be  given  by  the  point  of  tangency  between  vT  vareua  "*•  curve*  for  the  panel  and  the  VJg 
reeietanc*  curve  of  the  material.  P-om  Plgura  2  the  reel  etanc  y_  curve  of  tha  aatarlal  plotted  (daahed  Una) 
at  a  half  crack  length  of  2.775  Inches  i*  tangential  to  tha  VJ  versus  crack  length  curve  of  the  panel 


art  am  applied  stress  of  a/°yield  ”  0.545  ( point  A  in  Figure  2).  The  first  point  of  crack  1  notability 
occurs  (after  a  sloe  crack  growth  of  Aa,  see  Figure  2)  at  this  stress  and  the  crack  starta  a  rapid 
advenes.  However,  from  Figure  2 ,  it  is  noted  that  at  a  half  crack  length  of  4.45  inches,  the  VT  curve 
for  the  panel  drops  lower  than  the  resistance  curve  of  the  material  (point  B),  i.e.  beyond  this  point 
the  resistance  of  the  material  is  higher  than  V?  developed  in  the  stressed  panel,  and  hence  the  running 
crack  will  become  arrested.  The  crack  was  arrested  at  the  rivet  hole  in  the  intact  stringer  panel  where 
the  stringer  is  connected  to  the  skin.  The  resistance  curve  of  the  skin  material  is  now  replotted  at  a 
half  crack  length  of  5*5  inches  (distance  from  c interline  of  the  stringer  to  panel  centerline),  where  the 
crack  became  arrested.  For  this  crack  length  the  VT  curve  of  the  panel  becomes  tangential  to  the 
resistance  curve  at  an  applied  stress  of  o/oyi  eld  “  0.645*  Hence  crack  instability  occurs  at  that  stress 
and  the  a  rack  starts  running  catastrophically.  Beyond  this  point  of  instability  the  V~3  values  In  the 
panel  are  higher  than  the  resistance  curve  of  the  skin  material  and,  therefore,  no  possibility  exists  for 
crack  arrest.  The  VJ  curve  of  the  panel  will  continue  to  rise  under  increasing  load  until  the  Influence 
of  the  next  stringer  on  panel  stress  is  folt  (ll  inches  from  the  centerline  of  the  panel),  and  the  Vj 
value  will  once  again  have  a  decreasing  trend  and  reach  a  second  minimus  at  that  point.  From  the  trend  of 
VT  curve  in  Figure  2  it  is  evident  that  at  an  applied  atreea  of  0/° yield  “  0.645  the  VT  value  of  the 
panel  will  he  higher  beyond  a  half  crack  length  of  7.5  inches.  Therefore,  no  poeeihility  of  crack  arrest 
is  possible  at  the  second  stringer,  i.e.,  11  inches  from  the  centerline  of  the  crack,  under  increasing 
load  conditions. 

3.  TH3T  RESULTS 

The  test  panels  wars  mounted  in  a  500  kip,  electro-hydraulic  load  frame.  Loading  was  accomplished 
through  a  slotted  clevis  attached  directly  to  boltad-on-grlp  ends.  Twenty  strain  gauges  were  plaoed 
at  various  locations  on  the  angles  and  skin,  and  data  recorded  continuously  to  failure. 

From  the  Initial  Jeweler's  saw  slot,  both  panels  were  loaded  to  stress  levels  which  would  produce  a 
maximum  stress  intensity  level  (for  fatigue)  of  15  kei  vlnch  at  a  street  ratio  (R)  of  0.1.  This  fatigue 
cycling  produced  an  overall  crack  length  of  5*55  inches  for  the  Intact  central  stringer  case  and  5*46  for 
the  broken  stringer  case. 

The  intact  stringer  panel  was  then  tested  to  failure.  Slow  tear  started  at  a  load  of  60  kips 
(o/oyleld  of  0.32).  At  this  applied  load,  slow  tear  at  eaoh  crack  tip  was  about  0.02  inch.  The  first  point 
of  instability  (rapid  crack  extension)  occurred  after  an  applied  load  of  60  kips  and  before  a  load  of 
111.7  kips.  At  111.7  klpe  the  crack  had  already  reached  the  angle  stiffeners  and  was  arrested.  The  analysis 
predicted  the  first  point  of  instability  -*t  an  applied  ttrees  of  0.545  °yiald  (1Q4  kips,  see  Figure  2). 

After  the  crack  had  advanced  to  the  angle  stiffeners,  the  panel  was  able' to  withstand  a  load  of  111.7  klpe 
(e/<3yi0l&  ■  0. 53)  without  any  further  slow  tear.  At  this  applied  load,  the  alow  tear  analysis  from 
Figure  2  ia  approximately  0.05  Inches.  This  la.laaa  than  the  radius  of  the  rivet  hole.  The  measured 
residual  strength  of  the  penal  was  116.1  klpe  oompared  to  the  predicted  load  of  123. A  kips  (o/oyiald  * 

»  0.645),  a  6  %  difference  in  predicted  load. 

Since  the  broken  stringer  panel  was  identical  in  geometry  to  the  previous  panel,  an  alaatlo-plaatlc 
analysis  was  computed  only  for  the  tested  crack  length  of  approximately  5*5  inches.  The  elastic  and 
alaatlo-plaatlc  V?  values  for  the  brokan  central  stringer  case  are  higher  in  both  analyses.  Bence,  the 
VT  values  will  be  higher  at  the  same  crack  length  and  applied  stress.  Thus,  in  the  case  of  the  broken 
stringer,  the  flret  point  of  instability  will  be  at  some  stress  lower  then  o/o_.# 14  -  0.545  end  crack 
arrest  will  occur.  Since  the  testsd  crack  lengths  for  the  broken  and  intact  stHnger  panels  were  similar, 
the  VT„  values  at  failure  for  these  two  panels  should  also  be  expected  to  be  similar.  Using  the 

Predicted  value  o/oyield  “  O.645  *gd  the  elaatlo-plaatic  analysis  for  a  half  crack  length  of  2.75.  inches 
Figure  2,  intact  stringer)  the  VJ  value  at  failure  is  31.7  (in.  -  lbe./in.2)1/2,  Using  this  Vj  value 
and  the  alaatlo-plaatlc  analysis  for  the  broken  stringer  panel  with  a  half  crack  length  of  2.75  inches 
(Figure  2  ),  the  predicted  failure  stress  is  9/°Yield  •  0.55V  or  106. 7  H]»,  Th»  set"*!  failure  load  wee 
107.2  kips.  Thu a,  the  predicted  load  was  within  0.44  percent  of  the  actual  failure  load. 

4.  COFCLUJIOIO 

The  procedure  outlined  here  and  described  in  more  detail  in  Referencs(^  can  be  used  to  predict  the 
residual  strength  of  typical  aircraft  structure  loaded  in  uniaxial  tension.  The  slow  tear,  crack  arrest, 
end  elaetlo-plaetlo  fracture  can  be  predloted  using  a  oraok  growth  res! stance  approach  and  suitable  Dugdale 
type  plastic  ions  assumptions. 
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l.  STATararr  cr  thk  prqbloi 


The  fail-aafa  integrity  of  aircraft  primary  structure  la  uaually  shown  to  ba  adequate  by  conducting 
Damage-Tolerance  testa  on  stiffened  panels  and  full  scale  airplane.  Several  methods  of  analysis,  vis. 
Finite  Kliment  Method  and  Analytical  Methods  are  used  at  various  stages  of  the  design.  One  of  the  methods 
that  provided  reasonable  correlation  with  test  data  can  be  useful  in  the  preliminary  design  stage.  This 
simple  method  originally  proposed  by  Figge  [l]  will  be  illustrated  by  considering  narrow  tvat  panels 
similar  to  the  lower  surface  of  a  transport  aircraft  wing,  (Figures  1,  2,  3  and  4). 

2.  NRHOD  CP  15 ALTS  13 


The  cracked  stiffened  panel  under  consideration  le  assisted  to  be  a  composite  material  with  the  akin 
and  stiffeners  representing  tho  matrix  and  fibers  respectively.  The  application  of  the  law  of 
mixtures  along  with  (l)  the  notch  strength  analysis  of  Kuhn  [2]  for  sheet  failure  and  (2)  the  proportional 
limit  of  the  stress-strain  curve  as  the  limiting  stress  for  the  stiffeners,  provides  the  net  section  stress 
for  total  panel  failure  as 


id)  ere 


a0  -  initial  semi-crack  length 

A^  ^  -  net  section  area  of  akin 
A _ _  •  total  area  of  intact  stiffeners 

"  *b-eh  +  *n-st 

CB  -  material  constant  for  ths  skin  of  specific  thickness 

^  -  static  notch  strength  factor 

«  proportional  limit  of  th»  stiffener 

3  -  net  eectlon  failure  stress 

n 

SQ  -  ultimate  strength  of  skin  materiel 

H  •  panel  width 

The  above  aquation  expressed  as  gross  failure  stresv  of  the  penal  ia  given  by 


where 

t  —  akin  thickness 

A _ .  -  total  area  of  intact  plua  broken  stiffeners 

re> 


The  choice  of  the  parameter  CB  la  an  important  one.  Analysis  of  data  from  reported  unstiffened  panel  teats 
on  2024— T 3  indi  ated  that  lower  Cn  values  as  obtained  from  tests  with  buckling  guides  may  not  be  suitable 
in  a  design  situation.  Por  panels  described  here  Cg  -  0.129(am)~V2  was  assumed  [l]  . 

3.  CCMP  IRIS  Off  CP  AM  ALTS  13  AMS  TTBT 

The  residual  strength  of  panels  1,  2  end  3  (Figures  2,  3  end  4)  calculated  as  per  the  above  equation 
and  the  test  results  are  given  in  Table  1.  From  the  table  it  esn  be  teen  that  the  analysis  and  test 
results  ere  in  reasonable  agreement  for  panels  1  and  2  (analysis  is  slightly  unconservstivs) .  Ths  failure 
mode  for  panel  3  is  due  to  fastener  failure  aa  opposed  to  complete  failure  of  panels  1  end  2  (Figures  5 
and  6)  and  hence  ths  lack  of  correlation  between  test  and  analysis.  Configurations  such  as  that  of  panel  3 
will  have  to  ba  analysed  for  fastener  failure  by  the  more  rigorous  cathode  such  as  that  eg  Tlisger  (3]  . 
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5.  CCUDSNTAH7 

The  method  for  the  prediction  of  residual  strength  of  stiffened  panels  as  applied  in  this  example 
and  based  on  the  notch-strength  analysis  of  Kuhn  and  Flgge  [l,2]  ,  is  a  very  simple  and  approximate 
engineering  method.  In  spite  of  its  simplicity  it  provides  a  reasonable  estimate  of  the  panel  failure  load. 
This  method  can  be  useful  in  the  preliminary  design  stage  of  an  aircraft.  In  a  later  stage  of  design  the 
approaches  proposed  by  Swift  and  Vlieger  ^Stress  intensity  approach)  and  Wilhem  (R-curve  approach)  are  to 
be  re co  ran  ended,  because  these  methods  provide  more  information  to  tne  designer.  Apart  from  the  failure 
load,  the  latter  methods  predict  the  behaviour  of  a  stiffened  panel  with  increasing  load,  including  the 
crack  arrest  capabilities,  as  a  function  of  crack  length. 


TABLE  1:  CORRELATION  OF  ANALYSIS  ANO  TEST  FOR  NARROW  PANELS  (1  kit  -  6.8947  MPa) 


FIGURE  1:  SCHEMATIC  VIEW  OF  WING  BOTTOM  SURFACE  (ALL  DIMENSIONS  IN  MILLIMETERS) 


SKIN; _ 2G24-T3  Aluminum  Clad 

Sy  -  485.87  MPa  (Coupon  Test  Resultsl 

STRINGER: _ 2024  T4  Aluminum  Extrusion 

2- Rows  of  4.76  mm  Dia.  Rivets  at  31.75  mm 
for  Stringers  3  and  4;  All  other  stringers 
similar  but  3.97  mm  dia.  Rivets 
Pj_ '  394.24  MPa  (Coupon  Test  Results) 
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FIGURE  2:  DETAILS  OF  THE  NARROW  7-STRINGER  PANEL  (ALL  DIMENSIONS  IN  MILLIMETERS) 


SKIN: _ 2024-T3  Aluminum  clad 

Sy  «  482.83  MPa  (Coupon  Test  Results) 
STRINGER:_2024-T4  Aluminum  Extrusion 

Bonded  with  FM123-2  Glue;  In  addition 
2  rows  of  3.97  mm  dia.  rivets  at  31 .75  mm 
pitch 

Pj_  «  424  MPa  (Coupon  Test  Results) 
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FIGURE  3:  DETAILS  OF  THE  NARROW  6-STRINGER  PANEL  (ALL  DIMENSIONS  IN  MILLIMETERS) 
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FIGURE  5  FAILURE  OF  6 -STRINGER  PANEL  DURING  RESIDUAL  STRENGTH  TEST 
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EXAMPIJ  PB0BLB1  3.3. 3.6 

RESIDUAL  STRENGTH  CP  BONDED  PANELS  WITH  2024-T3  SCI  AND  7075-T73  08  2024-T3  STIFFUaa 


B.  Tlisger 

National  Aerospace  Laboratory  BLR 
Anthony  Fokkerweg  2,  1059  CM  Amsterdam 
Tha  Batharlanda 


X.  STATEMENT  OF  TOE  PROBLEM 


During  tha  predeaign  stage  of  a  new  aircraft  sons  residual  strength  taata  vara  carried  out  on  lower 
wing  panels  consisting  of  2024-T3  skin  and  7075-773  stiffeners.  The  stiffeners  ware  bonded  to  the  akin. 

Two  bonding  materials  were  investigated,  viz.  Redux  and  PM  123/5*  Bore  details  about  the  structural  design 
are  presented  in  Figure  1.  To  avoid  an  expensive  clamping  arrangement  in  connection  with  the  prevention 
of  initial  bending,  the  actual  configuration  was  Idealized  to  a  configuration  with  bonded  strip  stiffen¬ 
ers  having  approximately  tha  same  cross-sectional  area.  Owing  to  this  investigation  being  performed 
primarily  to  study  the  behaviour  of  the  bonding  layer  (and  particularly  the  possible  occurrence  of  debonding 
of  such  heavy-sized  cracked  panels)  this  idealization  was  considered  to  be  allowable  because  such 
idealization  is  conservative  with  respect  to  tha  load  transfer  via  the  adhesive  layer,  i.e.  the  load 
transfer  ray  be  expected  to  be  greater  than  that  in  the  actual  structure.  The  teats  showed  in  a  few  cases 
that  some  small-scale  debonding  of  the  sheet-stiffener  connection  occurred  in  the  region  of  the  crack. 
Further,  the  panels  proved  to  be  skin-critical,  i.e.  fracture  instability  in  the  panels  was  induced  by 
failure  of  the  cracked  skin. 

Because  the  panels  were  skin-critical  it  was  a  point  of  interest  to  investigate  whether  and  by  how  much 
the  residual  strength  of  this  panel  configuration  would  degrade  if  the  stiffeners  were  made  from  2024-T3 
Instead  of  7075-773  (in  view  of  a  possible  improvement  of  the  fatigue  properties  when  using  2024-T3) . 

This  point  has  been  studied  analytically  using  a  computer  programme  that  allows  determination  of  sheet- 
stiffener  interaction  in  cracked  panels  with  bonded  stiffeners  [l]  ,  In  doing  so  the  following  procedure 
was  applied.  Firstly,  the  residual  strength  was  calculated  for  the  panel  configuration  with  2024-T3  skin 
and  7075-773  stiffeners.  These  computational  results  were  compared  with  the  test  results  to  see  whether 
the  bonding  connection  wae  modelled  properly.  After  that,  using  the  same  stiffener-bonding  layer 
Idealization  computations  were  carried  out  for  the  panel  configuration  with  2024-T3  skin  and  stiffeners. 

The  present  example  gives  the  results  of  the  computations  and  the  analysis-test  correlation. 

2.  METHOD  OF  AN ALIBIS 


2.1  Prerequisites 

The  analysis  is  based  on  the  stress  Intensity  factor  approach,  as  applied  to  ductile  materials.  The 
principles  of  this  method  are  discussed  in  section  3. 3.1.1  (d)  of  this  chapter.  It  was  found  that  a 
residual  strength  prediction  for  stiffened  panels  with  a  ductile  skin  material  like  2024-T3  requires  the 
following  data: 

(l)  a  relation  between  the  critical  stress,  o  ,  and  the  effective  crack  length,  a  ■  a.  +  r_,  of  the 
unatiffened  panel. 

(il)  curves  of  K  *  const,  of  the  stiffened  panel  in  a  plot  of  stresses  versus  crack  lengths. 


(i)  Residual  strength  data  of  the  unstiffened  panel  (oc  versus  ac)  are  shown  in  ths  upper  half  of 
Figure  3*  The  teat  data  appear  to  obey  the  net  section  yield  failure  criterion  (from  coupon  tests  cn  the 
akin  material  Cyield  *  318  MPa  was  found,  while  the  panel  width  equals  370  mm).  From  the  net  section 
yield  line,  labelled  ©  in  Figure  3,  relatione  between  oc  and  aBff  were  determined  (see  curves  labelled  © 
and  ©  in  upper  half  of  Figure  3)  for  two  well-known  plastic  zone  correction  factors,  r_,  viz.  that  of 
Irwin 


and  Dugdale 


‘PI 


rP2 


(v  J 

(1) 

fc) 2 

(2) 

In  equations  (l)  and  (2)  the  stress  intensity  factor,  K,  has  also  to 
allow  an  elastic  analysis  (see  section  3.3. 1.1  (d)  of  this  chapter), 
level  the  rp- values  have  to  be  determined  by  an  iterative  procedure, 
given  by  the  net  section  yield  line. 


be  expressed  in  terms  of  a^ff  to 
This  implies  that  for  a  certain  stress 
starting  with  the  cc  and  ac  values 


(ii)  To  determine  the  K  *  const,  curves  of  the  stiffened  penel,  the  in-house  developed  analytical  programs 
BOND  was  used  [l]  .  This  programs  computes  the  sheet-stiffener  interaction  for  cracked  panels  with  bonded 
stiffeners  as  a  function  of  the  panel  end  stress,  a,  and  accounts  for  yielding  of  stiffeners  and  bonding 
material.  The  elastic  and  plastic  extension&l  and  shear  stiff nesses  of  stiffener  and  adhesive  are  incorp¬ 
orated  in  the  programs  by  uairg  linearized  versions  of  the  o-e  and  t— y  disgraamof  stiffener  and  adhesive 
reap actively. 

To  compute  the  eheet-stiffener  interaction  for  the  present  panel  configuration  the  stiffener  and  bonding 
lay  Jr  were  idealized  as  shown  in  Figure  2.  Eeoh  stiffener  was  divided  widthwise  in  three  strips  and  each 
strip  was  imagined  to  be  connected  to  the  sheet  at  "n"  points  each  side  of  the  crack  line.  The  number  of 
elements  and  the  length  of  each  element  was  adjusted  to  the  expected  stress  gradient  in  the  stiffener.  For 
the  present  problem  "a"  was  chosen  to  be  equal  to  9*  The  element  lengths  ere  given  in  Figure  2.  The  load 
transferred  by  each  element  wae  assumed  to  be  uniformly  distri luted  over  the  (lament  (see  Figure  2). 

The  computation  procedure  operates  broadly  as  follows.  The  programme  starts  for  a  certain  crack  length  and 
a  panel  end  stress  a  equal  to  unity  with  the  computation  of  the  interacting  forces  on  each  element  based 
on  eheet-etiffaner  compatibility  at  the  element  ends. Using  the  calculated  element  loads  the  (trees  intensity 
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factor  and  the  maximum  load  are  determined.  At  the  termination  of  thie  first  step  the  panel  stress  level 
is  determined  at  which  yielding  of  a  stiffener  or  bonding  element  will  start  anywhere  in  the  structure. 

That  stress  level  is  used  as  the  o-value  for  the  second  step.  After  the  second  step  the  panel  stress  is 
increased  with  predetermined  stress  increments  after  having  modified  the  stiffness  of  the  stiffener  or 
bonding  element  that  started  to  yield.  After  each  increment  the  stress  intensity  factor  and  the  maximum 
stiffener  load  are  determined.  The  procedure  of  increasing  stress,  checking  whether  other  elements  start 
to  yield  andif  so,  modification  of  the  relevant  stiffness,  is  continued  until  a  predetermined  stress 
level  is  readied. 

Hy  applying  this  cal  -illation  procedure  for  a  number  of  crack  lengths  the  stress  intensity  factor  (correct¬ 
ed  for  yielding  of  stiffener  and  bonding  layer)  can  be  found  as  a  function  of  panel  stress  and  crack 
length.  In  this  meaner  the  K  •  const,  cuives,  plotted  in  the  lower  half  of  Figure  3>  were  found  for  the 
panel  configuration  with  a  2024-T3  skin  and  7075-T73  stiffeners.  In  this  case  all  the  stiffeners  were 
intact. 

2.2  Computation  of  stiffened-skin  curve 

The  confutation  of  the  stiff ened-skin  curve  (c0  versus  ac)  is  illustrated  in  Figure  3  for  a  panel 
configuration  with  five  intact  c+lffeners  containing  an  effective  crack  length  a,eff  »  75  mm.  The  failure 
stress  levels  of  the  unstiffened  sheet  corresponding  with  this  crack  length  are  given  in  the  upper  half 
of  Figure  3  by  points  A  and  B  for  the  Irwin  and  Dugdale  plastic  zone  corrections,  respectively.  Using  the 
K  and  the  r— values  belonging  to  these  points  (see  Table  1),  and  plotting  those  in  the  lower  half  of 
Figure  3,  appoint  on  the  stiffened  skin  curve  (cc  versus  ac)  will  be  found.  By  applying  thiB  procedure 
for  a  number  of  a^ff  values  (see  Table  1)  the  stiffened-skin  curves  labelled  @  and @  in  Figure  3  will 
be  obtained. 

In  the  same  way  the  stiff ened-skin  curve  of  the  Bame  panel  configuration  but  with  a  broken  central 
stiffener  was  obtained.  The  results  are  shown  in  Figure  4. 

3.  TEST- ANALYSIS  CORRELATION 

A  comparison  of  the  computational  results  with  residual  strength  test  data  is  shown  in  Figures  5 
and  6.  Concerning  the  tests  it  has  to  be  remarked  that  the  plotted  crack  lengths  at  panel  failure  are 
rather  doubtful.  During  the  final  p”rt  of  the  test,  just  before  panol  fsilure,  the  panels  showed  a  large 
amount  of  stable  crack  growth  at  approximately  the  same  stress  level. 

Comparing  the  analytical  results  with  the  tes+  data  it  can  be  concluded  that  the  predictions  according  to 
both  the  Irwin  and  Dugdale  approaches  agrse  fairly  well  with  the  test  recults.  The  predicted  residual 
strength  values  as  given  by  the  top  of  the  respective  curves  arc  within  10  %  accuracy.  Apparently  the 
behaviour  during  stable  crack  growth  of  the  psnels  with  a  broken  central  stiffener  is  best  predicted  by 
the  Dugdale  corrected  curve  (see  panel  3  in  Figure  6). 

4.  PREDICTION  OF  RESIDUAL  STREW5TH  FOR  2024-T3  PANEL 

Applying  the  same  procedure  as  described  in  section  2  the  stiffened-sheet  curves  were  determined  for 
the  same  panel  configuration  but  now  provided  with  2024-T3  stiffeners  instead  of  7075-T73.  In  doing  so, 
only  the  Irwin  plastic  zone  correction  was  considered.  The  computational  results  are  shown  in  Figures  7 
and  8  for  panels  with  intact  and  bruken  central  stiffeners  together  with  the  results  of  the  panels  with 
7075-T73  stiffeners.  The  residual  strength  appears  to  be  reduced  by  approximately  17  %  when  changing  from 
7075-173  to  2024-T3  stiffeners.  Further,  it  can  be  noted  that  in  considering  the  shape  of  the  stiffened- 
sheet  curves  for  half-crack  lengths  of  the  order  of  the  stiffener  pitch  the  panels  with  2024-T3  stiffeners 
show  a  less  pronounced  rise  in  the  curve  than  those  with  7075-T73  stiff enerB.  In  fact,  for  the  2021-T1 
panels  with  intact  stiffeners  (see  Figure  7)  there  is  only  a  horizontal  part  in  the  stiffened-sheet  curves 
instead  of  a  rise.  This  implies  that  these  panels  will  not  show  crack  arrest  properties  (see  section 
3. 3.1.1  (b)  of  this  chapter). 

5.  CONCLUSIONS 

(i)  1110  residual  strength  properties  of  panels  with  ductile  skin  materials  like  2024  ,can  be  predicted 

with  sufficient  accuracy  using  the  stress  intensity  factor  approach  (see  section  3. 3. 1.1  of  this  chapter). 

(ii)  For  the  present  panel  configuration  the  residual  strength  was  reduced  by  approximately  17  %  when  using 
f02*V-T3  stiffenera  instead  of  7075-T73  stiffeners.  This  reduction  was  independent  of  the  condition  of 
the  central  stiffener  (intact  or  broken) . 

(iii)  The  crack  arreet  properties  of  panels  with  2024-T3  stiffeners  are  inferior  compared  to  those  of  panels 
with  7075-T73  stiffeners. 

6.  HEFEREXCES 

1.  Vlieger,  H.,  "BOND,  a  computer  programme  for  the  prediction  of  residual  strength  of  cracked  panels 
with  bonded  stiffeners",  NLR  report  to  be  published  shortly. 
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STIFFENER  MATERIAL:  7075-T  73 
SKIN  MATERIAL:  2024-T  3 
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FIGURE  2  STIFFENER  ANO  BONOING  LAYER  IDEALIZATION 
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FIGURE  5  TEST- ANALYSIS  CORRELATION  FOR  PANEL  WITH  INTACT  STIFFENERS 
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^  OP  PANEL 


SKIN:  2024-  T  3 
STIPPENERS:  707S-T  73  OR 
JBM-T  3 


2024-T  3  SKIN4.707S-T  73  STIPPENERS 
'  ^EE^PIGURES  3  A4©  5) 

3034 -T  3  SKRI  ANO  STIPPENERS 


P (CURE  7  COMPARISON  OP  RESIDUAL  STRENGTH  OP  PANELS  WITH  2034. T  3  SKIN  ANO  2034. T  3  OR 
TOTS-T  73  STIPPENERS.  ALL  STIPPENERS  ARE  INTACT 


PIOURE  I  COMPARISON  OP  RESIOUAL  JTRENOTM  OP  PANELS  WITH  3034.  T  3  SKIN  ANO  3034 -T  3  OR 
7075- T73  STIPPENERS.  CENTRAL  STIPPENER  IS  BROKEN 


EXAMPLE  PROBLiM  3. 3.3.7 


RESIDUAL  STRENCTO  CP  RIVETED  PANELS  WTO  7075-16  OR  2024  SKINS  AND  7075-16  STIFFENERS 


H.  Vlieger 

National  Aerospace  Laboratory  NLR 
Anthony  Fokkerweg  2,  1059  CM  Amsterdam 
The  Ketherlasde 


X.  STAT3ENT  CP  THE  PROBLEM 

Residual  strength  calculations  were  carried  out  for  centre-cracked  panels  with  2024-T3  or  7075-16 
skins  cf  2  mm  thickness  and  provided  with  2-stiffeners  of  7075-T6.  The  stiffeners  were  riveted  to  the  skin. 
More  details  about  the  structural  configuration  are  given  in  Figure  1. 

The  panels  contained  skin  cracks  extending  across  the  panel  central  stiffener.  The  cracks  were  ayszastrical 
with  regard  to  the  stiffener  rivet  line  and  passed  through  rivet  holes. 

The  residual  strength  calculations  are  compared  with  test  data  published  earlier  [ij  . 

2.  METHOD  OF  ANALISIS 

The  analysis  applied  is  based  on  the  stress  intensity  factor  approach.  The  principles  of  this  method 
as  appliod  to  stiffened  panels  are  discussed  in  detail  in  sections  3. 3. 1.1  (b),(c)  and  (d)  of  this  chapter. 
The  panels  with  a  2024-T3  skin  require  a  special  treatment.  ThlB  point  is  discussed  comprehensively  in 
section  2  of  example  problem  3. 3.3.6. 

The  analysis  requires  the  residual  strength  properties  (o0  versus  ac)  of  the  unstiffened  skin  materials 
(2024-T3  and  7075-T6).  These  data  can  be  found  in  Figure  7  of  this  chapter  for  a  panel  width  of  300  as. 

The  2024-T3  residual  strength  data  are  on  the  net  section  yield  line  (oyield  »  357  MPa),  while  the  7075-T6 
data  are  on  a  Kg  «  67  MPa  vST  curve. 

To  allow  an  elaetic  analyeis  for  the  2024-13  material  (eee  eection  3.3.1.1(d)  of  this  chapter),  a  relation 

between  cf  and  aeff  («  ac  +  rp,  where  r_  ie  a  plaatio  zone  correction)  waa  determined  using  the  Irwin  and 

Dugdale  plastic  zone  corrections.  From  thece  relationships  values  of  K  and  rp  were  determined.  The  reeults 
are  presented  in  Table  1.  The  required  K  -  const,  curves  in  a  stress  versus  crack  length  plot  were  found 
by  using  the  analytical  computer  programme  ARREST  [2]  ,  which  enables  the  computation  of  the  sheet- 
stiffener  interaction  coefficients  C  and  L  as  functions  of  stress  and  crack  length  for  panels  with 
riveted  stiffeners,  taking  into  account  the  yielding  of  rivets  end  stiffeners.  From  the  stress  intensity 
correction  factors,  C,  curves  of  K  -  const,  in  a  stress  versus  crack  length  plot  were  determined.  A  set 
of  these  curves  is  plotted  in  Figure  2.  Using  these  curves  together  with  the  K  and  r-  values  presented  in 
Table  1.  the  stiffened-eheet  curves  of  the  2024-T3  skin  can  be  found  (see  section  2.2  of  exair.pl  eprobl  am 
3. 3. 3. 6).  These  curves  are  plotted  in  Figures  2  end  3  of  the  present  example  (labelled  @  and  ©). 

The  etiffened-eheet  curve  of  7075-16  can  be  found  directly  because  for  this  material  K  is  not  a  function 

of  crack  length  (at  leaat  not  for  a  certain  range  of  crack  lengths,  eee  section  3.3.1.1(a)  of  this  chapter). 

The  stiffened-eheet  curve  of  7075-T6,  l.e.  K  -  67  *>a  Vim  ( »  K,,  of  unatlffened  7075-16  material),  is 
plotted  in  Figure  4. 

From  the  load  concentration  factors,  L,  the  stiffener  failure  curves  were  determined  assuming  that  failure 
occurs  when  the  maximum  stiffener  strain  attains  the  fsilure  strain  of  the  stiffener  material.  The  stiffener 
failure  curves  of  the  7075-16  stiffeners  are  also  plotted  in  Figures  3  and  4. 

Itie  calculations  showed  that  for  stres»-crack  length  combinations  corresponding  with  the  region  under  the 
stiffener  failure  curves  none  of  the  rivets  reached  the  maximum  allowable  rivet  load.  This  means  that  with 
respect  to  residual  strength  prediction  the  possibility  of  rivet  failure  can  be  ruled  out  for  these 
configurations. 

3.  TPST-AKALISIS  CORRELATION 

The  residual  strengths  for  ths  panels  with  2024-T3  end  7075-16  skin  are  given  in  Figures  3  and  4 
respectively.  Also  given  in  these  figures  are  residual  strength  test  date  for  panels  of  ths  same  configura¬ 
tion  [l]  .  For  those  panels  that  showed  unstable  crack  growth  followed  'ey  crack  arrest  the  crack-tips  were 
arreeted  in  rivet  holee  of  the  adjacent  stiffeners.  Kith  increasing  external  load  the  crack  tipe  remained 
in  the  rivet  holes  until  final  panel  failure.  For  this  reason  a  vertical  line  has  been  drawn  at  a  half 
crack  length  equal  to  the  etiffener  pitch  plus  half  the  rivet  diameter.  The  intersection  of  this  vertical 
line  with  the  central  etiffener  failure  curve  (point  B  in  Figures  3  snd  4)  was  taken  as  the  predicted 
panel  failure  stress.  In  other  words,  it  was  assumed  that  the  arreeted  crack  tips  would  remain  In  the 
rivet  holes  until  failure  of  ths  central  stiffener  led  to  total  panel  failure.  Without  this  assumption 
any  point  on  the  vertical  line  between  A  and  B  (see  Figures  3  end  4)  could  have  been  taken  as  the  panel 
failure  stress,  because  (l)  crack  re-initiation  from  the  rivet  holes  would  inesdiately  lead  to  panel 
failure  (eee  shape  of  stiffened-eheet  curve  for  creek  lengths  larger  than  s  ♦  *  d)  and  (2)  a  criterion 
for  crack  reinitiation  after  crack  arrest  is  not  available.  The  assumption  that  the  pane’s  were  stiffener-. 
critical  ia  Justified  by  ths  fact  that  all  panels  that  showed  crack  arrest  failed  at  approximately  ths 
same  stress  level,  irrespective  of  the  choice  of  skin  materiel. 

Comparing  the  analytical  results  with  the  test  data,  it  can  be  concluded  that  the  failure  stresses  were 
predicted  within  5  %  accuracy  for  both  panel  configurations.  Because  the  investigated  panel  conf igurstions 
appeared  to  be  stiff enei—critical ,  this  result  does  not  give  an  estimate  of  the  accuracy  of  the  predicted 
etiffened-eheet  corvee .  However,  considering  tho  str;ssss  and  crock  lengths  »t  which  unstable  crack  growth 
occurred  (see  Figures  3  «nd  4)  it  can  be  concluded  that  the  observed  instability  points  are  all  fal-ly 
close  to  the  calculated  curves. 

4.  CONCLU3I01C 

(i)  Ths  residual  strength  of  panels  with  a  707  5-16  or  2024-T3  skin  and  provided  with  riveted  stiffeners 
can  be  predicted  with  sufficient  accuracy  using  the  stress  intensity  factor  approach  (see  section 
3.3* 1.1  of  this  chapter). 


(ll)  The  stress  levels  at  which  unstable  crack  growth  in  7075*46  and  2024-T3  akina  occurs  ara 
pradictad  /airly  wall  with  tha  uii  approach. 
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SKIN  MATERIAL:  2024 -T  3  OR  707J-T  «  (SEE  FIGURE  7  Of  THIS  CHAPTER  FOR  RESDUAL  STRENGTH  PROPERTIES) 
STIFFENER  MATERIAL:  7U75-T  i  («ry,.|d  -  443  M  Pa,  ou|,-S35  M  Pe) 

STIFFENER  SPACING:  40  m* 

RIVETS:  4-4J  ess,  PROTRUDING  HEAD 
RIVETS  SPACING:  20  m. 

PANEL  WIDTH:  200  mm 
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FIGURE  3  RESIDUAL  STRENGTH  DIAGRAM  Of  PANELS  WITH  2034-T  3  SKIN  ANO  7075-T  6  STIFFENERS 


FIGURE  4  RESHXIAL  STRENGTH  DIAGRAM  Of  PANELS  WITH  7073- T  *  SKIN  ANO  STIFFENERS 


ittJMi 


m 


3-62 


■s 


3.4  FATIGUE  CRACK  PROP AG ATI OH  (D.  BROEK) 

3.4.1  Fatigue  crack  propagation  in  built-up  skin-etringer  atructurea 

3.4. 1.1  Introduction 

Aa  in  the  case  of  all  atructurea  and  components,  the  damage  tolerance  analysis  of  skin- 
atringer  combinations  consists  of  three  parts,  viz.  (l)  the  3 tree 9— intensity  analysis,  (2)  the  residual 
strength  analysis,  and  (3)  the  crack-growth  analysis.  The  unique  residual  strength  characteristics  of 
skin-stringer  combinations  are  the  justification  for  devoting  an  entire  chapter  of  this  handbook  to  this 
type  of  structure.  By  the  same  token,  the  larger  part  of  Chapter  3  is  devoted  to  the  analysis  of  these 
unique  residual  strength  properties  and  to  the  derivation  of  the  stress  intensity.  Fatigue-crack  growth 
behaviour  of  skin-stringer  combinations  lacks  this  uniqueness  and  can  be  dealt  with  in  relatively  short 
space.  Some  of  the  difficulties  encountered  in  crack-growth  analysis  of  built-up  structures  are  associated 
with  the  presence  of  holes.  These  difficulties  are  reviewed  in  the  chapter  on  fastened  joints  (Qiapter  4)| 
they  will  not  be  discussed  here. 

After  determination  of  the  stress  intensity  as  a  function  of  crack  size,  fatigue-crack-growth  analysis 
is  performed  by  a  numerical  integration  of  da/dS-AK  data.  The  problems  germane  to  this  integration,  such 
as  retardation,  integration  routines,  data  variability,  and  crack-tip  similitude  requirements,  will  not 
be  discussed  here,  because  they  are  not  different  to  crack-growth  analysis  of  any  other  type  of  structure. 
Remaining  problems  are  generally  associated  with  damage  development  assumption.  These  will  be  the  subject 
of  this  section. 

3.4. 1.2  The  crack  propagation  curve 

In  previous  sections,  it  was  shown  that  the  stress  intensity  is  strongly  affected  tjy  nearby 
broken  or  intact  stringers.  Clearly,  this  will  be  reflected  in  the  crack— propagation  curve  as  is  illustrated 
in  Figure  16.  Complete  arrest  of  a  fatigue  crack  at  a  stringer  should  not  be  anticipated.  A  fast  running 
crack  can  be  arrested  there  if  the  stress  intensity  drops  below  the  critical  value.  This  is  a  go-no-go 
situation,  which  does  not  exist  in  fatigue.  If  the  crack  approaches  an  intact  stringer,  the  stress  intensity 
decreases  which  merely  results  in  a  deceleration  of  fatigue-crack  growth  (Figure  l6b).0f  course,  this  will 
automatically  follow  from  the  crack-growth  integration  and  it  presents  no  particular  difficulty. 

Naturally,  in  the  case  of  decreasing  stress  intensity  some  retardation  may  occur.  The  decrease  in  stress 
intensity  is  slow,  however,  and  retardation  will  likely  be  negligible.  Moreover,  if  a  retardation  model 
is  used  during  integration  any  retardation  resulting  from  the  stress  intensity  decrease  will  be  automatic¬ 
ally  accounted  for. 

In  the  case  of  a  broken  stringer,  the  stress  intensity  will  be  increased  and  a  higher  crack-growth  rate 
will  result  (Figure  l6e) . 

It  was  shown  in  the  foregoing  sections  that  a  proper  residual  strength  analysis  requires  that  fastener 
plasticity  and  stringer  plasticity  have  to  be  accounted  for  in  the  calculation  of  the  stress  intensity. 
Usually,  fatigue-crack  propagation  will  take  place  at  stresses  substantially  below  the  residual  strength 
level.  Consequently,  these  plasticity  effects  play  only  a  minor  role  and  the  stress  intensity  for  the 
crack-growth  analysis  can  be  determined  from  simple  elastic  K-analysis.  One  complication  arises  here. 

During  some  of  the  higher  fatigue  loads  in  the  spectrum  some  plasticity  may  occur  in  the  high  load-transfer 
fasteners.  This  means  that  load  transfer  during  subsequent  cycling  may  be  shifted  somewhat  to  more  remote 
fasteners,  which  may  increase  the  stress-intensity  factor.  Hence,  the  stress-intensity  factor  becomes 
history  dependent.  Since  it  is  not  known  in  advance  when  these  higher  loads  occur  in  actual  service,  it 
is  difficult  to  account  for  this  effect.  The  consequence  is  that  crack-growth  predictions  that  ignore  this 
effect  will  tend  to  be  unconservative. 

When  a  crack  reaches  a  stringer,  it  may  run  into  a  fastener  hole.  In  the  chapter  on  joints,  it  is  shown 
that  cracks  running  into  holes  in  general  do  not  show  a  longer  crack  growth  life,  because  the  reinitiation 
period  is  offset  by  increased  growth  rates  when  the  crack  approaches  the  hole  and  by  the  increased  damage 
size  due  to  the  hole.  Experimental  data  supporting  this  are  provided  in  Reference  Cl74]  and  an  example  is 
shown  in  Figure  17.  Therefore,  it  seems  prudent  not  to  count  on  any  beneficial  effects.  In  this  respect, 
the  U5AF  airplane  damage  tolerance  requirements  of  MII/-A-83444  can  be  considered  realistic  in  that  they 
assume  continuing  damage  at  the  other  side  of  the  hole. 

3.4.1. 3  Damage  development  assumptions 

The  most  obvious,  and  ad  so  most  dangerous  damage  assumption  is  that  of  continuous  crack  growth 
in  the  skin.  It  is  very  likely  that  an  undetected  service  crack  will  show  discontinuous  growth  at  some 
point  close  to  the  minimum  in  the  skin-crack  propagation  curve.  This  is  illustrated  in  Figure  18. 

Although  the  residual  strength  of  the  stiffened  skir  is  generally  as  high  as  limit  load,  unstable  crack 
growth  can  occur  at  much  lower  loads.  When  the  crack  remains  undetected  until  a  size  at  which  the  minimum 
in  the  skin  crack  propagation  curve  is  reached,  'unstable  crack  growth  can  occur  at  loads  encountered  quite 
often  during  normal  operation.  Of  course,  arrest  will  occur  (A  to  B  in  upper  half  of  Figure  18) ,  but  at 
the  expense  of  a  much  shorter  crack  growth  life. 

It  cannot  be  anticipated  whether  instabilities  will  occur}  or  what  the  magnitude  of  these  instabilities 
would  be  (C-D  would  be  more  serious,  but  less  likely  because  of  the  higher  required  load,  than  A-B) . 
Obviously,  dangerously  unconservative  crack  growth  lives  are  obtained  if  continuous  crack  growth  is 
assumed.  Rote  that  the  absence  of  instabilities  in  a  full-scale  flight-by'-f light  test  is  no  guarantee 
that  they  will  not  occur  in  service,  since  they  depend  upon  the  load  history  and  upon  whether  high  loads 
occur  at  smaller  or  larger  damage  sizes. 

More  complex  damage  development  assumptions  may  be  necessary  at  a  crack  initiating  at  a  stringer.  No  general 
rules  can  be  given  here,  but  the  problem  may  be  illustrated  by  a  particular  example  shown  in  Figure  19. 

The  problem  is  one  of  cracking  of  a  frame,  frame  tie  clip,  crack  arrester  strip,  and  skin.  The  cracking 
sequence  is  not  known  in  advance,  nor  is  it  known  what  the  initiation  times  in  the  other  components  will 
be,  once  the  first  component  cracks.  Therefore,  it  seems  prudent  to  conduct  the  analysis  with  assumed 
initial  damage  in  the  uncracked  components.  Formally,  it  would  then  be  possible  to  calculate  how  stress- 
intensity  factors  vary  in  the  relevant  components  and  to  assess  the  development  of  the  damage. 

Obviously,  any  assumption  on  damage  development  in  a  complex  case  as  in  Figure  19  is  arbitrary.  It  might 
bo  necessary  to  analyze  which  assumptions  would  lead  to  the  shortest  crack-growth  life.  Since  this  would 


FIGURE  16  CRACK  GROWTH  IN  STIFFENED  PANELS  (•)  STRESS  INTENSITY  (SCHEMATIC);  (fc)  CRACK  BETWEEN  STRINGER; 
(c)  CRACK  ACROSS  STRINGER.  (TEST  DATA  FROM  REFERENCE  074]) 
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FIGURE  17  CRACK  GROWTH  THROUGH  AND  BETWEEN  RIVET  HOLES -(a)  CRACK- GROWTH  CURVES 


(h)  CRACK- GROWTH  RATES.  (DATA  (-"OM  REFERENCE  [174]) 
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FIGURE  18  EFFECT  OF  INSTABILITY  ON  CRACK -GROWTH  LIFE 


be  a  monumental  task,  it  la  Dora  practical  to  raly  on  damage  development  observed  Is  tha  full  a  cal «  or 
ooapones*  taata  and  on  engineering  Judgement. 

An  attempt  haa  bean  made  to  illuatrate  tha  complexity  of  crack-growth  analyaia  in  eki»-string*r  comblnatlona. 
Tha  cone lua ion  that  can  ba  drawn  from  thaaa  example*  la  that  un conservative  prediction*  are  likely  when 
too  aimpl*  aaaumptlona  ar*  made.  Some  intereating  reaulta  of  teata  with  different  damage  development  are 
given  in  Reference  [182]  . 

3.4*1 .4  Integral  Panala 

Crack  growth  in  integrally  etiffened  panel*  ia  aomewhat  eaaier  to  deal  with.  Aleo  in  thia  case, 
damage  development  aaaumptlona  are  the  major  problem.  A  crack  in  the  akin  1*  usually  aaaumed  to  be  aemi- 
circular,  aa  a  matter  of  convenience.  Clearly,  elliptical  crack3  with  high  aapect  ratio  would  exhibit 
oonaldarably  faater  growth. 

Tha  main  damage  development  problem  ia  encountered  whan  conaidering  crack*  at  the  fastener*  of  tha 
longitudinal  apllca*  between  plank*,  Ibis  problem,  however,  i*  no  different  from  that  encountered  in  built- 
up  structure* .  So  general  rule*  can  be  given  and  the  analyaia  has  to  '  i  based  on  natural  damage  development 
observed  in  tests  and  upon  aound  angii  string  Judgement. 

3*4.2  Application  of  fracture  mechanics  principle*  to  real  structures 
(a)  Information  available  from  literature  (sea  section  3*5) 

In  the  literature  a  large  number  of  examples  can  be  found  which  illustrate  the  application  of  fracture 
mechanics  principles  to  crack  propagation  predictions  for  real  structures.  These  applications  either  deal 
with  actual  designs  or  are  more  general  in  nature.  Applications  to  case  studies  are  also  available. 

Without  intending  to  giv*  the  impreasion  of  completeness,  a  Hat  of  relevant  references  ia  given  herei 


(a.l)  Applications  to  actual  designo  or  projects 

•172]  , 

174-176] 
164] 


(a.2) 


(*.3) 


Anderson,  Chu,  Mai luck 
Anon. 

Barrois 

Casalagno 

Conley,  Sayer 

Crlchlow,  Wells 

Derail,  Bruaaat,  Liu,  Creager 

QSkgdl 

Heath,  Hlcholla,  Kirkby 
Hedrick,  Wehle,  Bell 
Impellizserl 
Kaplan,  Reiman 
Lalli,  Sergio 
Lehmann 

McHenry,  Hensley 
Mumane,  Strongs,  Davenport 
Heleon,  Melcon,  Simona 

Ssnga 

Stone,  Swift 

Swift 

Threli 

Troughton,  McStay 
Toor 

Various  authors 
Wood 

General  studies 
Anderson,  Chu,  McGee 
Cartwright,  Do wrick 
Heller,  Liu,  Swift 
Hunt,  Denke,  Bide 
Poe 

Salvetti  et  al. 

Schwarmann 

Schwarmann,  Bauer 

3mith,  Porter,  Ebgatrom 

Sorensen 

Ratwanl 

VI  lager 

Wang 

Casa  studies  and  textbooks 
Rich,  Cartwright  (Editors) 
Broak 

Rolfs,  Bareom 

Wilheo 


170 

169, 

119, 

145, 

171, 

147, 

161, 

160. 

167 

158! 

162 

163, 

166. 

159, 

144, 

68] 

,  39.65,67] 
fl56 
157J 
85] 

£l68] 

165] 

ns; 

41. 

m, 

150, 

46] 

32-38] 

82,83] 

154,179] 

[153] 

148] 

61,62] 

75,77,79] 

152J 


155. 

l8l] 

180. 


(b)  Practical  examples 


A  number  of  investigators  cloeelv  concerned  with  the  application  of  fracture  mechanics  to  actual  designs 
were  found  willing  to  write  up  results  of  some  of  their  recent  crack  propagation  computations  as  examples 
in  this  handbook.  These  examples  ar*  presented  in  this  section.  They  were  left  as  much  aa  possible  in  their 
original  but  edited  form,  to  give  full  credit  to  the  contributors.  The  way  of  presentation,  the  contents 
and  tha  conclusions  are  the  responsibility  of  the  contributors.  Each  example  is  followed  by  some  enneiae 
editorial  coments. 

It  haa  to  be  noted  that  the  examples  must  bs  considered  as  self-contained  texts,  i.e.  they  have  their  own 
numbering  system  of  figures  and  references. 
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EXAMPLE  PROBLEM  3. 4. 2.1 

stiffened  wing  panel  at  spar-panel  joint 


L.  Casalegno 
Aeritalia,  Turin 
Italy 
(Literal) 

1.  STATEMENT  CF  THE  PROBLEM 

The  viing  panel  considered  (Figure  l)  has  integral  stiffeners  and  is  fastened  to  the  IE-shaped  spar 
with  Hi—  loks.  The  material  of  'Doth  the  panel  and  the  spar  is  2024— T351  ■  Two  quarter-circular  corner  flaws 
in  a  hole  are  considered,  with  an  initial  length  of  2.5  mo. 

2.  STRESS  INTENSITY 

The  stress  intensity  was  derived  on  the  basis  of  the  solution  by  Poe  [l]  for  a  cracked  sheet  with 
riveted  stringers.  However,  some  important  differences  have  to  be  taken  into  account,  namely: 

•  The  spar  is  riveted,  the  stringers  are  integral 

.  The  stiffening  ratio  is  different  for  the  stringers  to  panel  and  for  the  spar  to  panel  details 
.  The  crack  is  not  a  central  crack  but  tends  to  become  an  edge  crack 

•  The  crack  starts  as  a  comer  crack,  not  a  through  crack. 

In  this  particular  example,  however,  it  is  found  that  the  tip  of  the  critical  crack  cc  is  still  close  to 
the  spar,  so  that  the  integral  stringers  play  no  role.  Also,  it  is  believed  that  considering  the  crack  as  a 
central  crack  in  an  infinite  plate  does  not  introduce  a  significant  error.  The  spar  area  contributing  to 
the  stiffening  was  assumed  to  be  the  U-leg  plus  half  the  web  area;  the  resulting  stiffening  ratio 
is  |i  -  0.33.  For  this  stiffening  ratio  Poe  [l]  gives  the  stress  intensity  as  a  function  of  the  a/b  (ratio 
between  crack  size  and  stringer  spacing) ,  and  with  p/b  as  a  parameter  (p/b  is  the  ratio  between  rivet 
spacing  and  stringer  spacing) .  The  curve  with  p/b  «  l/6  describes  the  reduction  of  the  stress  intensity 
factor  due  to  the  spar  presence,  relative  to  an  unstiffened  panel.  It  was  assumed  that  a  comer  crack  is 
equivalent  to  a  through-crack  by  dividing  its  length  by  vT  (see  [2]  ),  i.e. 

Kh.c>eq.  - 

In  the  range  from  a  »  2.5  to  7  m  (the  through  the  thickness  range  of  the  comer  crack,  see  Fig.l), 

C  C#c 

this  results  in  (— )  *  0.025  to  0.048  (see  Fig.l)  and  the  spar  effect  is  on  the  average  a  3  percent 

D  ©4  • 

reduction  in  K  [l]  ,  which  was  conservatively  ignored.  The  propagation  of  the  comer  crack  to  a 
through-the-thickness  crack  can  then  be  studied  as  a  comer  crack  in  a  hole  in  an  unstiffened  plate, 
using  for  example  the  Liu  solution  [2]  .To  study  the  propagation  from  7  mm,  the  curve  with  p/b  »  X/6  was 

K  a 

approximated  by  steps  with  constant  values  of  — -p— ■  in  r  intervals*  these  values  were  input  to  a  crack 

o  Vita  & 

propagation  computer  program  for  centre  cracks  in  unstiffened  plates  with  the  same  correction  factors,  i.e. 


3.  RESULTS 


A  critical  crack  length  of  (2c  )  ,  > 140  mm  and  a  life  greater  than  450  blocks  (Figure  2)  was 

found  for  a  panel  stress  0  "187  Jfari-2  and  Kp  ■  2400  Nran~  .  However,  the  overload  in  the  spar  and  in 
the  fasteners  due  to  the  crack  are  also  to  be  considered.  The  spar  will  fail  when  the  stress  reaches 
»  398  Ifam2,  (the  material  strength),  so  the  maximum  overload  it  can  take  is  L  »  398/187  »  2.13. 

From  Poe  [l]  j  (£)c  »  .68,  i.e.  cc  *  .68  x  140  »  95  mi,  and  (2cc)  ”  190  mo.  The  criterion  for  the 

stiffener  failure  could  be  the  yield  strength  instead  of  the  tensile  strength,  because,  for  instance,  of 
possible  aerodynamic  consequences  of  appreciable  deformations.  In  this  case,  L  ■  »  1.55  and 


(2cc> stiff.  *  95 

The  fastener's  ($  »  5*0  mm  Hi-loks)  strength  is  F 
P  12800 

TbtJcT  *  700  x  l37  *  Assuming  that  this  load  has  to  he  carried  entirely  by  the  rivet  closest  to  the 

47*6  mm. 


12800  N,  or,  in  terms  of  panel  load, 


crack,  thi3  corresponds  to  (^)c  *  0.17  [lj  ,  i.e.  (2cc)f 
So  the  fasteners  are  the  weakest  item  in  the  design.  The  critical  crack  length  is  then  2cc 
and  the  life  (unretarded)  to  failure  from  an  initial  flaw  of  2.5  mm  is  350  blocks. 


47.6  urn 


4.  REFERENCES 


1.  Poe,  C.C., "Stress  intensity  factor  for  a  cracked  sheet  with  riveted  and  uniformlv  spaced  stringers" 
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2.  Liu,  A. F., "Stress  intensity  factor  for  a  corner  flaw",  Engng.  fract.mech.,  Vol.4  (1972),  pp  I75-I79 
5.  COHOSTART 

Practically  everything  discussed  in  Section  3.4.1  (Fatigue  crack  propagation  in  built-up  skin- 
stringer  structures)  of  this  chapter  can  be  considered  ao  comnentary  on  this  example. 
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EXAMPLE  PROBLEM  3. 4. 2. 2 

CRACK  PROPAGATION  AND  DECELERATION  IN  STIFFENED  PANELS 


J.H.  Thomaa 
S.N.I.  Aerospatiale 
Toulouse 
France 
(Literal) 


1.  STATEMENT  CF  THE  PROBLEM 

The  problem  of  crack  propagation  arises  in  the  choice  of  design  concepts  of  aircraft  structures. 

It  is  a  fundamental  problem  for  stiffened  panels,  where  it  directly  affects  inspection  frequencies  and 
the  means  of  crack  detection  used. 

A  comparative  study  has  been  made  to  measure  the  influence  of  Integral  or  separate  stiffeners  and  the 
contribution  of  fail-safe  strips  or  reinforcements.  The  calculations  were  made  using  the  finite-element 
method.  Special  crack  tip  elements  directly  provided  the  stress  intensity  factor.  The  crack  propagation 
curve  was  calculated  using  the  Forman  equation  associated  with  a  Wheeler  retardation  model.  The  same 
constants  were  used  in  the  Forman  equation  for  all  the  comparative  calculations,  al though  in  reality  the 
thick  plate  (integral  panel)  and  thin  plate  (separate  stiffener  panel)  had  slightly  different  propagation 
properties. 

The  panel  material  was  AU2G1W6  with  a  thickness  of  2.2  nm  in  the  pockets.  The  structure  studied  was  a 
panel  stiffened  with  nine  stiffeners  at  a  pitch  of  133  nm  (see  Figure  1).  In  all  cases  the  centre 
stiffener  was  assumed  cracked,  and  the  crack  propagated  on  both  sides  of  this  stiffener. 

The  stiffener  configurations  studied  are  shown  in  Figure  2.  In  the  case  of  separate  stringers,  the 
attachment  can  be  considered  to  be  either  infinitely  rigid  or  of  finite  stiffness  to  account  for  the 
fasteners.  These  two  alternatives  were  both  considered.  In  the  case  of  rigid  attachment ,  a  point  in  the 
stiffener  was  rigidly  coupled  to  a  point  in  the  skin  in  the  finite  element  model.  In  the  case  of  a 
flexible  coupling,  the  two  corresponding  points  were  coupled  by  two  sets  of  hinged  bars,  one  set  in  the 
longitudinal,  the  other  in  the  transverse  direction. 

2.  RESULTS  CF  COKPUTATIOtE 

The  results  are  shown  in  the  following  figures: 

Figure  3  -  Comparison  of  propagation  for  separate  stringers  if  the  crack  propagates  between,  or 
through  infinitely  rigid  attachments  (arrest  . v  the  hole  iB  not  taken  into  account). 

Figure  4  -  Comparison  of  propagation  for  separate  stiffeners  if  the  crack  propagates  through  either 
elastic  or  infinitely  rigid  attachments  (arrest  by  the  hole  is  not  taken  into  account). 

Figure  5  -  Comparative  study  of  an  integrally  stiffened  panel  under  the  same  load  Bpectrum. 

A  study  was  made  of  the  effect  of  the  introduction  of  titanium  or  AU4G1  fail-safe  strips  in  the  center  of 
the  pockets  of  the  integral  panels,  in  order  to  slow  down  crack  propagation.  These  strips  were  4.5  nj 
thick  and  36  mm  wide.  The  strips  were  connected  to  the  sheet  by  means  of  adhesive  bonding.  The  results 
obtained  are  shown  in  Figures  6  and  7. 

In  the  case  of  heavily  loaded  areas,  or  for  repair  schemes,  one  could  envisage  the  addition  of  reinforcing 
plates  under  which  the  crack  would  pass.  Two  types  of  reinforcements  were  considered,  viz.,  a  very  thick 
local  plate  (to  act  a3  a  crack  stopper)  or  a  thinner  but  larger  plate  (to  slow  down  the  crack  propagation) . 
In  both  cases,  the  reinforcement  was  riveted  to  the  skin.  This  calculation  exercise  was  made  with: 

•  A  5-0  mm  thick  crack  stopper  fitted  in  the  vicinity  of  the  second  stiffener  (the  centre  stiffener 
was  already  cut). 

e  A  3-2  nm  thick  plate,  joining. five  stiffeners  (with  the  centre  stiffener  cut)  to  slow  down  the 
crack  growth. 

The  various  results  are  shown  in  Figures  8  and  9 . 

3.  COMPARISON  OF  CALCULATIONS  WITH  TEST  RESULTS 

A  comparison  of  calculations  and  test  results  was  carried  out  for  a  1.6  mm  thick  integrally  machined 
panel.  The  geometric  characteristics  of  the  panel  are  shown  in  Figure  10.  The  panel  was  subjected  to 
three  different  load  spectra.  The  results  of  the  comparisons  are  shown  in  Figure  11. 

4.  CONCLUSION 

In  general  the  integral  stiffener  is  more  effective  in  slowing  down  tne  crack  than  the  separate 
stringer.  For  heavily  loaded  areas,  the  crack  propagation  can  be  limited  by  fail-safe  strips  or 
reinforcing  plates.  The  results  are  very  beneficial,  but  -these  schemes  are  impractical  as  they  are  heavy 
and  costly. 
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5.  conossTiurr 

This  is  a-i  excellent  example  of  the  use  of  damage  tolerance  analysis  to  usees  design  alternatives. 
Unfortunately,  many  examples  deal  with  the  problem  of  inspection  and  operational  safety.  For  such 
applications  damage  tolerance  analysis  is  often  discredited  for  its  inaccuracy  (sines  there  is  no  other 
way  to  get  the  desired  answers,  the  objections  are  somewhat  naive).  However,  the  greatest  strength  of 
damage  tolerance  analysis  is  not  in  such  applications,  but  in  trade-off  studies  during  design  u  in  the 
present  example.  Analytical  trade-off  studies  for  options  damage  tolerance  are  much  more  economical  than 
component  tests.  With  regard  to  skin-stringer  combinations,  the  analytical  tools  developed  by  Tlieger  and 
Swift  provide  an  expeditious  means  for  such  trade-off  studies. 
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FIGURE  3  DIFFERENCE  BETWEEN  CRACK  GROWTH  THROUGH  ANO  BETWEEN  ATTACHMENTS  FOR  PANEL 
WITH  SEPARATE  STIFFENERS.  LEFT  STRESS  INTENSITY,  RIGHT  CR/CK  GROWTH. 
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FIGURE  4  EFFECT  OF  ATTACHMENT  STiFFNESS  FOR  PANEL  WITH  SEPARATE  STIFFENERS 
LEFT  STRESS  INTENSITY,  RIGHT  CRACK  GROWTH 
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FIGURE  5  PANEL  WITH  INTEGRAL  STIFFENERS,  LEFT  STRESS  INTENSITY,  RIGHT  CRACK  GROWTH. 


FIGURE  7  EFFECT  OF  TITANIUM  CRACK  STOPPER  STRAP.  LEFT  STRESS  INTENSITY,  RIGHT  CRACK  GROWTH 
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FIGURE  8  INTEGRALLY  STIFFENED  PANEL  WITH  CRACK  STOPPER  PLATE.  LEFT  STRESS  INTENSITY,  RIGHT  CRACK  GROWTH 
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FIGURE  9  INTEGRALLY  STIFFENED  PANEL  WITH  CRACK  RETARDATION  PLATE.  LEFT  STRESS  INTENSITY, 
RIGHT  CRACK  GROWTH 


FIGURE  10  PANEL  CONFIGURATION  USED  FOR  INVESTIGATION  OF  CALCULATION-TEST  CORRELATION 


FIGURE  II  COMPARISON  OF  CALCULATIONS  WITH  TEST  RESULTS  FOR  PANEL  CONFIGURATION  SHOWN  IN  FIGURE  10 
(CONTINUED  NEXT  PAGE) 
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EXAMPLE  PROBLEM  3.4.2. 3 
CRICK  PROPAGATION  IN  WING  STOBCER-SKIN  PANEL 


M.  Bradley 
British  Aerospace 
Manchester  Division 
U.I. 

(Literal) 

1.  STATOEST  CP  THE  PROBLUt 

1%e  results  of  crack  propagation  tests  on  stringer-ekin  panels  [l]  were  compared  with  theoretical 
predictions  made  for  the  sene  configuration.  The  panels  represented  the  lower  wing  surface  of  a  medium 
transport  aircraft  in  the  region  of  the  engine  rlhe,  details  of  which  are  shown  <n  Figure  1.  The  crack 
sises  investigated  were  within  the  range  0.5  to  8.0  inches.  The  loading  was  of  constant  amplitude  with 
a  mean  stress  of  8800  psi  and  an  alternating  stress  of  ♦  4000  pei.  The  skin  material  was  L72  (2014-T3)| 
the  stringer  material  was  L65  (2014-T6) . 

2.  AM ALTS IS 

The  stress-intensity  solution  employed  was  that  by  Poe  [2]  for  a  stiff ener-ekin  combination  with  all 
stiffeners  Intact.  The  solution  is  based  on  an  elastic  analysis  which  does  not  account  for  stiffener 
attachment  flexibility  and  stiffener  offset.  The  solution  assumes  a  crack  in  an  infinite  sheet  with  an 
array  of  equally  spaced  identical  stiffeners.  The  crack  is  positioned  symmetrically  either  at  midbay  or 
across  a  stiffener.  In  addition,  a  correction  was  included,  item  1.1.1  of  Reference^],  to  allow  for  the 
panel's  finite  size,  since  the  solution  is  for  an  infinite  panel.  To  utilize  the  Poe  solution,  the 
structure  was  idealized  as  follows. 

For  the  predictions  relating  to  tip  A,  the  solution  for  a  crack  originating  at  a  stiffener  was  utilized 
(Figure  2). 

K  .  0  vG  (x/K0  ,trin^r)(K/Ko  „) 

where  o  -  gross  stress,  k/Kq  strln_er  ie  a  function  of  a^/b  and  p/b  and  t/lg  ^  is  the  finite  width 
correction  • 

For  the  prediction*  relating  to  tip  3,  the  solution  for  a  crack  originating  at  mid  bay  Mae  utilized 
(Figure  3). 

K  -  O  V^a  (t/to 

where  t/Xg  is  a  function  of  a^b  and  p/b. 

The  baseline  propagation  data  used  were  obtained  from  Reference^].  Basically,  the  predictive  calculations 
consisted  of  determining  the  atrees  intenaity  at  the  tip  under  consideration  from  the  approach  outlined 
above  and  then  obtaining  the  corresponding  propagation  rate  from  the  baseline  data.  Plots  of  da/dN  as  a 
function  of  crack  size  were  made  for  both  the  predicted  and  teat  data. 

3*  RESULTS 

Comparison  of  the  teat  results  with  the  predictions  show  that  on  average  the  latter  are  low  by  a 
factor  of  3.  The  results  are  shown  in  Figure  4  and  5i  where  a  factor  of  3  ie  applied  to  the  prediction. 

The  discrepancy  can  be  attributed  to  either  scatter  between  the  test  panel  naterial  and  material  used  for 
the  generation  of  baseline  data,  or  to  the  solution  not  adequately  modelling  the  configuration,  or  a 
combination  of  both.  Failure  to  cater  for  stiffener  attachment  flexibility  and  stiffener  offset  in  the 
solution,  both  lead  to  undereetimations  of  the  stress  intensity  [5]  ,  which  in  turn  would  yield  the  low 
predictions  of  propagation  rates.  The  rate  data  used  were  baeed  on  the  mean  of  the  data,  thus  this  aleo 
could  contribute  to  the  error.  The  predicted  curves  are  drawn  for  clarity  with  a  factor  of  3.  It  can  he 
seen  that  with  the  exception  of  the  final  portion  of  the  curves,  the  correlation  between  the  two  is  quite 
reasonable.  The  divergence  over  the  final  portion  ie  probably  due  to  errors  arising  from  the  difficulty 
in  determining  rates  from  the  curves  of  cycles  against  crack  sizs,  at  the  end  of  the  test. 

A  program  was  written  for  integration  of  the  rate  data.  For  reasons  of  expediency  both  crack  tips  were 
assumed  to  grow  as  the  one  under  the  most  ss\„e  conditions.  Crack  propagation  curves  so  obtained  are 
shown  in  Figures  $  and  7.  A  conservative  result  would  be  ensured  if  an  additional  factor  is  taken  to 
cover  scatter. 

Mote  -  the  divergence  between  predicted  and  experimental  curves  beyond  M  ■  10,000  cycles  ie  believed  to  be 
due  to  unequal  growth  at  the  two  crack  tips. 

4.  APPLICATION 

The  method  was  applied  to  the  engine  rib  area  of  a  full-scale  fatigue  test  specimen  of  an  aircraft 
at  stringer  7.  The  structure  is  shown  diagrammatically  in  Figure  8.  The  0.144  inch  reinforcement  ie  an 
extension  of  a  larger  plate  around  an  inspection  hole  between  the  engine  riba.  The  loading  waa  as  shown 
in  Figure  9-  The  stresses  were  obtained  from  strain  gauge  measurements.  The  flight  loading  was  idealized 
to  one  cycle  A-B-A  at  R  •  0  and  19.3  cycles  B-C-B  at  R  -  0.44. 

The  crack  was  assumed  to  grow  from  the  nearest  rivet  hole  to  the  large  hole  to  stringer  7,  and  then  from 
the  other  side  of  the  hole  \o  stringer  8.  Reasonably  accurate  test  data  were  available  for  a  large  part 
of  the  second  stage  of  crack  growth.  This  second  stage  was  analysed  in  two  parte  (see  Figures  8  end  10) : 
(i)  From  rivet  hole  to  stringer  8. 

Up  to  stringer  8,  when  the  crack  is  inside  the  reinforcement,  the  stress  level  waa  reduced  by  the  ratio 
of  the  cross  sectional  areas  without  and  with  reinforcement. 
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The  parameters  influencing  the  Poe  factors  were  also  calculated  using  a  skin  thickness  equal  to  the  skin 
and  reinforcement.  The  crack  length  used  in  calculating  the  factor,  which  was  for  a  broken  stringer  case, 
was  ae. 

In  place  of  the  edge  correction,  a  correction  for  a  crack  approaching  a  sudden  change  in  section  was  applied 
using  2.1.4  of  Reference^  The  effect  of  the  large  hole  was  taken  into  account  by  using  the  well-known 
Bowie  factor  which  expresses  (k/Kq)  ae  a  function  of  a/D.  The  factor  used  was  that  for  a  hole  with  a  crack 
at  each  aide.  The  overall  expression  was  therefore: 

*  "  ^Poe'^change  of  section'^Bowie”3 

The  major  error  in  this  idealization  is  the  assumption  of  equal  cracks  at  each  side  of  the  large  hole. 

In  this  case,  however,  the  crack  does  not  become  large  compared  with  the  diameter  of  the  hole  and  the 
error  is  not  great.  As  the  error  is  always  pessimistic  the  method  should  serve  for  design  purposes  in 
all  cases. 

(ii)  Prom  stringer  8  outwards. 

The  method  was  basically  the  same  as  above  with  the  exceptions  that  the  stress  and  Poe  parameters  were 
calculated  for  the  basic  structure  (no  reinforcement)  and  no  edge  factor  was  needed.  When  the  crack  passed 
through  rivet  holes,  it  was  assumed  that  a  .05  inch  crack  already  existed  on  the  other  side  of  the  hole 
(.05  inch  had  been  found  by  experience  to  be  large  enough  to  cover  MIL -SPEC  requirements  in  all  cases). 

5.  RESULTS 

The  graph  shown  in  Figure  11  shows  the  comparison  between  theoretical  prediction  and  test  results 
for  the  starboard  wing  at  the  inboard  and  outboard  engine  riba.  It  can  be  seen  that  there  is  a  reasonable 
correlation  in  both  cases  when  the  beneficial  effects  of  rivets  have  been  removed.  It  is  important  that 
these  effects  are  ignored  as  their  presence  cannot  be  guaranteed. 

6.  COBOL US I OR 

Compared  with  methods  now  beginning  become  available  in  the  form  of  sophisticated  computer  programs 
a  method  based  on  the  Poe  curves,  which  assumes  elastic  structures  and  rigid  stringer  corrections,  seems 
relatively  crude.  It  can  be  seen  from  this  example,  however,  that  provided  a  factor  can  be  derived  from 
a  panel  of  similar  structure  and  material,  a  reasonable  prediction  may  be  made  even  when  the  details  of 
the  structure  and  the  loadings  are  changed  to  quite  a  large  degree. 

The  possible  beneficial  effects  of  the  rivets  are  also  illustrated.  It  is  unfortunate  that  they  cannot  be 
relied  on. 
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8.  COMMENTARY 

As  mentioned  in  the  example,  more  sophisticated  computer  programs  than  the  Poe  analysis  are  presently 
available.  Closed  form  solution  programs  (Vlieger  and  Swift)  are  fast  and  cheap  to  run  and  eliminate  the 
need  for  finite-element  analysis. 

The  example  is  a  good  illustration  of  the  calibration  of  the  analysis  of  a  complex  structure  by  means  of 
test  data  for  a  simpler  configuration.  The  waviness  of  the  calculated  crack-growth  curves  is  puzzling. 


FIGURE  1  PANEL  DIMENSIONS.  RIVET  PITCH- 1.0  Inch.  PANEL  LENGTH-48  inehe. 
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FIGURE  2  CRACK  DIMENSIONS  FOR  CALCULATIONS 
RELATING  TO  CRACK  TIP  A 


FIGURE  S  COMPARISON  OF  COMPUTATIONAL  AND  TEST  RESULTS  FOR  FORWARD  CRACK  TIP 
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FIGURE  9  FLIGHT  LOADING 


FIGURE  10  CRACK  AND  REINFORCEMENT 
(SEE  ALSO  FIG.  t) 


>0—0-  COMPUTED  CURVE,  USING  (4)  WITH  A  FACTOR  OF  3 
-0-0  INBOARD  ENGINE  RIB 
-A— A-  OUTBOARD  ENGINE  RIB 
—  —  INBOARO  ENGINE  RIB,  ADJUSTED  TO  TAKE  OUT 
RIVET  EFFECTS 

— • —  DIRECTION  OF  CRACK  GROWTH 


TEST  RESULTS 


CRACK  LENGTH  V  FROM  LARGE  HOLE  (INS) 


FIGURE  11  COMPARISON  BETWEEN  CALCULATED  RESULTS  AND  RESULTS  OF  FULL-SCALE 

FATIGUE  TEST  SPECIMEN.  CRACK  GROWING! FORWARD  FROM  STRINGER  7  (SEE  FIG.8) 
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EXAMPLE  PROBLEM  3.4.2 .4 
UKJIHE  P7L0N  CF  MEDIW  TRARSPORT 


D.  Grants 
British  Aerospace 
Manchester  Division 
U.K. 

(Literal) 


1.  STATEMENT  CF  THE  PROBLEM 

The  structure  is  shown  in' Figure  1.  The  etructure  is  basically  a  box  section  of  fabricated  skin  and 
stiffener  configuration.  Crack  growth  and  residual  strength  predictions  were  required. 

2.  ANALYSIS 


The  structure  was  modelled  as  a  stringer-skin  panel  using  the  Poe  [l]  closed  form  solution  for  a  panel 
of  infinite  width  with  an  array  of  equally  spaced  equal  stiffeners.  Although  there  was  a  physical  break  in 
the  skin  at  the  corners  of  the  box  section,  it  was  considered  reasonable  to  assume  an  infinite  size  since 
continuity  was  maintained  with  the  adjoining  side  panels  by  the  corner  angles.  Since  the  solution  does  not 
permit  stiffeners  of  differing  section,  the  panel  was  considered  to  have  the  light  gauge  stiffeners  of  the 
side  under  consideration.  This  is  a  conservative  assumption. 

The  damage  configuration  considered  was  a  crack  growing  equally  about  a  stiffener.  The  Poe  solution  for 
this  case  is  given  as  a  function  of  p/b,  p,  and  a/b,  where  p  »  stiffener  attachment  pitch  (i.e.,  bonded) 
b  ■  stiffener  pitch  (»  5*7  inches),  and  p  is  the  stiffening  ratio  (0.32).  The  value  of  p/b  was  taken  as 
l/l2  (bonded  stiffener) .  A  p/b  of  zero  would  be  appropriate  but  the  minimum  value  of  p/b  for  which  data 
were  available  was  l/l2. 

The  propagation  predictions  were  based  upon  a  loading  spectrum  which  covered  both  flight  and  ground  loads. 
Preliminary  calculations  showed  the  flight  loadings  contribution  to  be  insignificant,  thus  only  the  taxi 
spectrum  and  a  ground-to-air  cycle  were  considered.  The  spectrum  was  divided  up  into  increments,  for  each 
of  which  ths  average  value  of  stress  range,  Ac,  was  obtained,  together  with  the  respective  stress  ratio, 

R,  and  the  number  of  occurrences,  n.  The  procedure  adopted  to  evaluate  the  propagation  of  the  crack  under 
the  spectrum  loading  is  outlined  diagramatically  in  Figure  2.  An  example  of  the  calculation  for  one 
increment  of  crack  growth  is  given  in  Table  1.  A  plot  of  crack  length  against  flights  is  given  in 
Figure  3.  It  has  to  be  noted  that  no  allowance  was  made  for  crack  retardation. 

3.  RESULTS 

The  residual  strength  requirement  was  2/3  of  the  design  ultimate  loading.  The  stress  distribution 
across  the  section  varies,  thus  to  be  conservative  the  peak  value  was  taken,  giving  the  residual  stress 
level  as  a  »  21.920  lb/in2  thus  at  a  -'5  inches  one  finds  K  »  (k/Kq)  .ovS a  -  O.654  x  21.920x  3.97  - 
»  56900  lb/in2  VtiT.  On  the  basis  of  handbook  values  of  K0  [2]  it  was™  considered  that  at  this  level  of 
stress  intensity  the  crack  would  be  stable.  The  crack  growth  curve  is  shown  in  Figure  3. 

4.  RHTEHTCB5 

1  Poe,  C.C.,  "Stress  intensity  factors  for  a  cracked  sheet  with  riveted  and  uni  formal ly  spaced 

stringers" 

HASA  TR  358.  1971. 

2  Anon., "Damage  Tolerant  Design  Handbook  -  A  compilation  of  fracture  and  crack-growth  data  for 

high-strength  alloys." 

MCIC  HB-01,  Part  1,  1972. 

3  Anon., "Fatigue  crack  propagation  in  thin  sheet  aluminium  alloy" 

EEDU  Vol.4,  Sheet  73021,  Fig.l 

5.  COMKENTART 

This  example  is  a  good  illustration  of  the  idealization  of  a  complex  structure  to  a  much  simpler 
configuration  for  which,  on  the  basis  of  existing  solutions  for  the  stress  intensity,  a  residual  strength 
and  crack  propagation  analysis  can  readily  bu  carried  out.  Both  the  modelling  of  the  structure  and  the 
analysis  applied  were  kept  simple,  ensuring  the  achievement  of  a  conservative  result. 


FIGURE  1  STRUCTURE  AND  IDEALIZATION 
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FIGURE  3  CRACK  PROPAGATION  CURVE 
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TABLE  1  EXAMPLE  OF  CALCULATION  PROCEDURE 


DAMAGE  T0LS1AHCE  OP  A  PRESSURE  BULKHEAD 


D.  Orange 

British  Aerospace 
Manchester  Division 
D.K. 

1.  STATBCBT  CP  THE  PROBL2X 

The  calculations  in  this  example  formed  part  of  the  preliminary  analysis  of  the  pressure  cabin  rear 
bulkhead  of  a  light  civil  transport.  The  bulkhead  is  ot'®herieal  form  having  a  radius  of  90  in.  Its 
construction  is  built  up  skin  and  stiffeners  consisting  of  riveted  top  hat  sections  radially  and  bonded 
straps  circumferentially  (see  Figure  1).  The  skin  and  stiffener  material  is  L72  (equivalent  to  2014— T}) . 
Initially  the  skin  thickness  was  20  swg  (.036  inch).  On  the  basis  of  crack  propagation  calculations  the  skin 
thickness  was  changed  to  18  swg  (.048  inch). 

2.  DAMAGE  SIZE,  LOADING  AMD  IKSPSCTICM  RBJUIRDtENTS 

The  initial  damage  considered  is  a  circumferential  crack  of  2a  •  4  inches,  originating  at  a  failed 
radial  stiffener  (see  Figure  1).  The  maximum  crack  length  considered  is  2a  •  14  inches.  Up  to  this  length 
comparison  with  an  R- curve  [4]  shows  the  condition  to  be  stable,  but  above  this  length  negligible  addition¬ 
al  life  will  result.  The  foregoing  implies  that  the  inspection  interval  will  correspond  with  crack  growth 
from  2a  -  4  inches  to  14  inches. 

The  only  loading  on  the  bulkhead  is  that  of  pressure.  This  is  made  up  of  two  components,  internal  cabin 
pressurization  and  external  suction.  Fo"  the  fatigue  calculations,  loading  applicable  to  normal  operations 
Is  required,  i.e.  a  maximal  cabin  operating  pressure  of  6.5  psi  end  an  external  suction  under  normal 
conditions  of  1.25  pal.  This  results  in  a  combined  differential  pressure  of  7.75  psi*  One  preesurization 
per  flight  was  assumed. 

For  the  residual  strength  calculation,  the  following  loading  is  applicable  with  a  factor  of 
1  33,  viz.  a  cabin  relief  valve  pressure  of  7.0  psi  end  an  external  suction  due  to  air  brake  deployment 
of  2.0  psi.  This  yields  a  combined  differential  pressure  of  12.0  psi.  Owing  to  the  spherical  curvature  the 
differential  pressure  will  create  hoop  stresses  of  equal  value  in  both  the  radial  and  circumferential 
directions.  The  hoop  stress  will  be  equal  to 

^  AP*BC 

°hoop  “  2t 

where  ip  is  differential  pressure,  Rc  is  bulkhead  radius  (-  90  inches)  and  t  is  akin  thickness  (-  0.036  inches). 
With  the  respective  differential  pressures  it  follows  that 

°hoop, fatigue  " 

end 

°hoop, residual  strength  "  p,i 

The  annual  inspection  will  be  based  on  s  utilization  of  3670  flights  par  year  end  a  scatter  factor  on 
propagation  of  3-0,  resulting  in  a  factored  value  of  11010  flighte  per  yea r. 

3.  STRESS  IMTE3BITT  SOLUTION 

The  eolution  used  is  that  of  Poe  [l]  for  a  built-up  skin  stiffener  construction  having  a  skin  crack 
originating  at  a  failed  stiffener  location.  The  solution  is  a  function  of  stiffener  pitch  (or  bay  width), 
cross  sectional  area,  attachment  pitch  and  skin  thickness,  but  does  not  cater  for  the  flexibility  of  the 
stiffener  attachment.  In  fact  Poe  provides  stress  intensity  values  for  s  certain  crack  size  as  a  function 
of  the  attachment  pitch  to  bay  width  ratio  (p/b)  and  the  stiffening  parameter  u.  The  latter  parameter  is 
defined  as  the  ratio  of  stringer  stiffness  to  total  stiffness  per  stiffener  bay. 

The  bay  width  was  taken  here  as  27  in.  This  represents  the  mean  value  of  the  outer  bay.  It  was  considered 
unreasonable  to  take  the  maximum  width,  since  considerable  restraint  can  be  expected  from  the  edge  member. 
Using  this  bay  width  value,  It  follows  for  the  bulkhead  dimensions  shown  in  Figure  1  (the  attachment 
pitch  is  equal  to  1.0  in.)  that 


In  the  analysis  the  curve  p/b  -  l/l2  is  used  since  this  is  the  minimum  p/b-curve  provided  by  Poe. 

Since  the  pressure  loading  on  the  skin  will  cause  s  bulging  effect  on  the  crack,  the  correction  ae 
deeerlbed  by  Kuhn  is  applied  [2]  .  The  bulging  correction  factor  as  given  by  Kuhn  reads  (1+k  ®  \  where 
a  is  semi-crack  length,  R  is  radius  and  k  is  a  constant  (■  5.0).  (Kuhn  uses  the  total  crack  "  length 
in  his  correction  factor  (see  (2]  ),  instead  of  the  semi-crack  length  as  applied  here,  editor).  However, 
the  presence  of  a  stiffener  was  observed  by  Swift  to  reduce  the  bulging  to  unity  [3]  .  Thus  the  distribu¬ 
tion  derived  from  this  expression,  is  assumed  to  be  fully  effective  at  mid-bay,  reducing  to  unity  st  the 
stiffener.  For  this  particular  configuration,  where  the  stiffener  is  failed,  the  h«y  width  will  be 
considered  effectively  doubled.  With  these  assumptions  it  follows  for  the  stress  intensity  factor  in  the 
curved  panel 

*  CURVED  *  1+  IT  *7LAT 
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It  has  to  be  noted  finally  that  in  calculating  the  value  of  K  in  the  bi-axial  stress  field  existing  in  a 
spherical  bulkhead,  it  was  assumed  that  the  stresses  parallel  to  the  crack  do  not  influence  K. 

4.  RESULTS 

The  computation  of  the  stress  intensity  factor,  K,  as  a  function  of  crack  size  and  of  the  number  of 
flights,  N,  it  takes  to  grow  the  crack  from  2a  *4  inches  to  14  inches  are  carried  out  in  Table  1  for  a 
skin  thickness  of  0.036  inch.  The  computed  values  are  plotted  in  Figures  2  and  3.  The  R-curves  of  [5] 
appear  not  to  be  tangential  to  the  K-curve  plotted  in  Figure  2  over  the  crack  size  region  considered. 

Thus  the  residual  strength  properties  are  adequate.  However,  as  can  be  seen  from  Figure  3,  the  crack 
propagation  life  from  a  -  2  inches  to  7  inches  provided  an  inadequate  inspection  interval  (viz., 

325  flights  instead  of  the  required  11010  flights).  Therefore  the  same  computations  as  presented  in 
Table  1  were  repeated  but  now  for  a  skin  thickness  of  0.048  inch.  These  calculations  are  not  given  in  this 
example,  but  the  computed  data  are  plotted  in  Figures  2  and  3.  The  0.048  inch  thickness  yielded  a  life 
of  12800  flights  (see  Figure  2),  i.e.  an  inspection  interval  of  1.14  years,  which  was  considered  adequate. 
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6.  COMMENTARY 

An  aircraft  pressure  cabin  bulkhead,  built  up  of  skin  and  stiffeners,  is  a  type  of  design  that  is 
pre-eminently  suited  to  fracture  mechanics  analysis,  because  its  loading  is  well-defined  and  simple,  viz., 
one  cycle  per  flight  and  of  a  constant  amplitude.  The  present  example  clearly  demonstrates  both  the 
benefit  and  necessity  of  carrying  out  a  fracture  mechanics  analysis  on  such  a  type  of  structure  already 
in  the  design  stage.  From  the  analysis  it  turned  out  that  by  applying  a  30  f  thicker  skin  in  the  design 
the  crack  propagation  life  associated  with  the  defined  crack  size  range  increased  by  a  factor  of  40 
(viz.,  from  325  flights  to  approximately  13,000  flights).  This  enormous  increase  in  crack  propagation  life 
is  due  to  the  sensitivity  of  da/dn  to  4K  variations  (da/dn  is  a  power  function  of  dK) .  This  implies  that 
in  general  the  reliability  of  a  predicted  life  will  strongly  depend  on  the  accuracy  with  which  the  stress 
intensity  is  determined.  With  a  view  to  this  it  has  to  be  remarked  that  the  calculation  of  K  as  a  function 
of  crack  size,  as  applied  in  the  present  example,  is  on  the  one  hand  unconservative  (the  Poe  solution  does 
not  account  for  attachment  flexibility)  and  on  the  other  hand  conservative  (the  p/b  »  1/12  curve  was  used, 
while  the  actual  p/b  is  equal  to  1/27) •  Which  of  both  effects  (i.e.  fastener  flexibility  and  attachment 
spacing)  prevails  in  the  present  design  cannot  be  determined  without  carrying  out  a  more  refined  analysis  . 


DIMENSIONS  IN  INCHES 


FIGURE  1  CONSTRUCTION  DETAILS  OF  PRESSURE  CABIN  REAR  BULKHEAD. 
MATERIAL  OF  SKIN  AND  STIFFENERS:  L  72  (2014 -T  3) 
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STATEMENT  OP  THE  PROBLEM 


Crack  propagation  results  obtained  from  constant  amplitude  tests  on  panels  with  riveted  stiffeners 
are  compared  with  corresponding  analytical  results.  The  influence  of  the  stiffeners  on  the  stress  intensity 
factor  has  been  calculated  by  using  a  semi-closed  form  solution.  The  crack  propagation  rates  have  been 
calculated  by  using  the  Forman  equation.  The  constants  in  this  equation  were  derived  from  test  results  of 
an  unstiffened  centre-cracked  panel. 

2.  TESTING  DETAILS 

Details  of  the  tested  panel  configurations  are  shown  in  Figure  1  and  Table  1.  Gross-sectional  areas  A 
of  stiffeners  were  varied  in  order  to  obtain  different  values  of  the  stiffening  ratio,  p,  which  is  defined 
as  the  ratio  of  stiffener  cross  section  to  total  cross  section  per  stiffener  bay.  The  panels  were  subjected 
to  constant  amplitude  loading  with  anax  »  90  MPa  (R=0.l).  The  frequency  was  4.2  Hz,  and  testing  was  done 
in  a  laboratory  environment.  All  cracks  (total  length  2a)  were  cut  in  the  sheet  under  the  panel  central 
stiffener.  Tests  and  calculations  started  at  an  initial  crack  length  of  2  aj  *  24  mm.  After  applying  cyclic 
loads  the  cracks  were  measured  visually  as  a  function  of  the  applied  load  cycles  N.  The  results  of  these 
measurements  were  the  a  »  f  (N)  curves.  Two  different  conditions  of  the  central  stiffener  were  considered, 
viz.,  intact  and  totally  broken. 

3.  ANALYSIS  METHOD 

3.1  Crack  propagation  law 

Hie  crack  length  "a"  as  a  function  of  the  applied  load  cycles  N  wa3  calculated  using  the  following 
equation 


W  8 


The  required  analytical  procedure  was  incorporated  in  a  VFW-Fokker  in-house  computer  programme  w. 

For  the  determination  of  crack  propagation  rates,  da/d N,  the  so-called  Forman  equation  [2]  was  used, 
which  is  defined  by 

dN  (l-RJKcy-dK  '  ' 

In  equation  (2)  the  symbols  C-,  ,  tu  ,  Kc  are  the  so-called  Forman  constants,  which  were  derived  by 
the  following: 

from  the  measured  "a"  versus  N  curve  of  the  unstiffened  panel  (panel  1A  in  Table  1,  width  >  440  mm)  the 
crack  propagation  rate  (^  Ar  ^2)  and  the  range  of  the  stress  intensity  factor 


AK  -  (o 


/aec  it  jy 


were  calculated.  The  crack  propagation  test  was  completed  at  a  crack  length  of  2a  -  286  mm  and  the 
panel  had  been  loaded  to  failure.  The  maximum  load  for  this  case  was  F  •  94333  N.  From  these  data 
the  Forman  constant  "  "a" 


/tj. 143. sec  it 

440 


3143  Nm 


was  derived.  On  log-leg  paper  the  values 


((l-RjKej,  -  AK)  versus  AK 

obtained  from  test  results  were  plotted,  see- Fig. 2.  These  data  were  approximated  by  a  straight  line, 
which  can  be  described  by  the  two  other  Forman  constants  n-,,  C_  (see  Fig. 2) .  The  accuracy  of  the 
Formar  equation  for  the  unstiffened  panel  was  cross-checked.  For  results  see  Fig.J. 

3.2  Stiffener  influence 

For  the  stiffened  panels  the  influence  of  the  stiffeners  on  the  stress  intensity  factor  and  its 
range  haa  to  be  taken  into  account 


_  stiffened  /  , 

Y  A  v  14/ 

unstiffened 

The  correction  factor  T  contains  the  Influence  of  the  intact  or  broicen  central  stiffener  on  the  stress 
intensity  factor.  In  order  to  obtain  these  correction  factors  a  special  computer  programme  has  been 


developed  [3]  ,  in  which  the  fundamental  works  by  Poe  [4]  and  Swift  [$}  have  been  Incorporated. 

The  computed  correction  factors  for  the  stiffened  panels  are  shown  in  Pig. 4. 

The  calculation  of  the  crack  propagation  for  the  stiffened  panels  has  been  carried  out  by  using  the 
correction  factors  from  Pig. 4  and  applying  equations  (l)-(4). 

4.  tet-ahaltsis  coma  ati  oh 

Comparing  the  experimental  results  [6]  with  the  corresponding  analytical  results  (eee  Figure  5), 
one  observes  that  crack  arrest,  which  occurs  when  the  crack  reaches  a  rivet  hole,  cannot  be  predicted 
by  the  analysis.  However,  for  all  stiffened  panels  a  good  correlation  between  test  and  calculated  crack 
life  results  has  been  obtained. 

5.  COHCUEIO® 

The  crack  propagation  behaviour,  due  to  constant  amplitude  loading,  can  be  predicted  satisfactorily, 
provided  that  proper  Forman  constants  (material  behaviour)  uid  a  correction  factor  on  AX  for  the  presence 
of  the  stiffeners  (specific  far  the  structure)  are  available, 
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7.  COWHITAHT 

The  present  example  shows  that  the  crack  propagation  life  of  centers  racked  panels  with  riveted 
stiffeners  is  to  be  predicted  satisfactorily  when  the  crack  growth  to  the  next  stiffener  is 
considered.  Generally,  the  calculated  results  are  then  conservative.  When  the  crack  tips  reach  the  rivet 
rows  of  the  adjacent  stiffeners,  the  crack  path  has  two  alternatives,  via.,  through  or  between  rivet  holes. 
In  the  former  case  the  crack  tips  will  be  arrested  in  the  rivet  holes  for  a  certain  number  of  cycles, 
until  a  new  crack  initiates  from  the  hole.  The  present  analysis  does  not  account  for  this  possible  crack 
arrest.  However,  because  in  the  actual  structure  crack  arrest  in  rivet  holes  is  not  guaranteed  (see  for 
example  results  of  panels  11.3  and  12.3  in  Figure  5),  it  is  not  allowable  to  account  for  this  possible  delay 
when  predicting  the  crack  propagation  life  of  riveted  structures  for  crack  lengtns  extending  beyond  the 
next  stiffeners.  By  ignoring  this  delay,  in  the  present  example  in  almost  all  cases  a  conservative  estimate 
of  the  total  crack  propagation  life  (until  fracture  instability)  was  obtained. 
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TABLE  1  PANEL  CONFIGURATIONS  INVESTIGATED 
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FIGURE  4  CORRECTION  FACTOR  Y.  COMPARISON  OF  RESULTS  FROM  0)  ANO  [4l 
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1.  STATEMENT  OP  TOE  PROBLEM 

Crack  propagation  teat  results  of  a  pressurized  fuselage  structure,  in  which  different  artificial 
cracks  had  been  mads,  were  compared  with  corresponding  analytical  results.  The  crack  propagation  rates 
have  been  calculated  by  using  the  so-called  Forman  diagram,  which  has  been  derived  from  test  results  of 
a  flat,  centre-cracked  panel. 

2.  DESCRIPTION  OF  STRUCTURE  AND  TESTING  DETAILS 

The  fuselage  structure  consists  of  a  curved  sheet  (radius  of  curvature  -  1435  an,  sheet  thickness  - 
«  0.8  no)  with  riveted  frames  and  bonded  stringers,  see  Fig.1.  The  fuselage  structure  was  manufactured 
from  2024-T3  tad  material.  Three  different  crack  configurations  have  been  considered  (see  Figure  l),  viz., 

(i)  Crack  A  (the  crack  is  located  in  the  sheet  between  two  intact  frames) 

(ii)  Crack  B  (the  crack  is  located  in  the  sheet  below  a  frame.  The  strip  and  part  of  the  clip  have  been  cut). 

(iii) Crack  C  (the  crack  is  located  in  the  Bheet  below  a  stringer). 

The  fuselage  structure  was  loaded  by  constant  amplitude  internal  pressure  of  4P  »  470  mbar  under  laboratory 

conditions. 

All  cracks  have  been  made  in  the  shell  in  the  longitudinal  direction.  Tests  and  calculations  start  at  total 
initial  crack  lengths  of  2a^  ■  50  mm.  The  cracks  were  measured  visually  after  applying  internal  pressure. 

3.  ANALYSIS  METHOD 

3.1  Crack  propagation  behaviour 

The  crack  length  V  as  a  function  of  the  applied  load  cycles  N  was  calculated  by  the  following 
equation  [l] 

a 

*  -  ai  *  I  §  (V 

ai 

The  material  behaviour,  as  far  as  crack  propagation  was  concerned,  was  measured  from  constant 
amplitude  tests  of  flat  panels,  the  results  of  which  are  shown  in  Fig. 2.  The  crack  propagation  rates 
for  the  fuselage  structure  can  be  found  from  Pig. 2,  provided  that  the  range  of  stress  intensity  factor 

&K  •  dP  i/rta  •  Ty  .  Tc  (2) 


for  the  fuselage  structure  is  known. 


3.2 


Correction  factors 


The  correction  factors  in  equation  (2)  have  been  determined  as  follows: 

•  Influence  of  frames  -» 

This  correction  factor  has  been  calculated  by  using  an  existing  computer 
programme  M  ,  which  haa  been  developed  based  on  the  investigations  of  Poe  [3) 
and  Swift  [4]  .  The  results  of  the  calculations  are  given  in  Flg.3. 


•  Influence  of  curvature  Yc 


The  influence  of  curvature  and  internal  pressure  has  been  taken  into 
by  applying  the  following  equation  [5]  : 


T„  -  ?£■  ^+1.61 


50  tanh 


50  t 


account 


(3) 


where  R_  ia  radius  of  curvature  and  t  is  shell  thickness* 

G 


4.  TEST-ANALYSIS  CORRELATION 

From  the  comparisons  of  measured  [*]  and  calculated  crack  propagation  behaviour,  see  Fig.4-6,  the 
following  statements  cun  be  made; 

•  Crack  A  (aee  Figure  4) 

The  analytical  and  test  results  conform  with  each  other  extremely  well. 

•  Cracks  B,  C  (see  Figures  5  and  6) 

The  analysis  yields  conservative  crack  propagation  results  as  compared  with  test 
results.  Taking  into  account  possible  scatter  of  material  behaviour,  as  far  as 
crack  propagation  is  concerned,  one  can  conclude  that  the  recommended 


analytical  procedure  enables  the  stress  engineer  to  predict  crack  propagation 
rates  of  fuselage  structure  loaded  by  constant  amplitude  internal  pressure. 
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6.  COWHITARr 

This  example  demonstrates  that  the  growth  of  longitudinal  cracks  in  a  pressurized  fuselage  structure 
(spacing  of  riveted  frames  is  approximately  500  m)  can  be  predicted  in  a  conservative  (and  not  too 
conservative)  way  by  applying  fracture  mechanics  principles.  The  cracks  in  this  example  appear  to  become 
unstable  at  a  total  length  of  approximately  140  no,  so  that  possible  arrest  of  the  stably  growing  crack  at 
the  next  frames  (see  the  previous  example )  plays  no  part. 

The  crack  propagation  rates  in  the  stiffened  curved  structure  have  been  determined  using  the  AK— da/dn 
relation  of  an  unstiffened  panel  and  correcting  the  stress  intensity  for  the  influences  of  frames  and 
curvature.  The  correction  due  to  the  presence  of  the  frames  has  been  calculated  ty  means  of  a  computer 
pro  grannie  especially  developed  for  that  purpose  earlier  [2]  .  This  procedure  is  preferable  to  determihing 
the  effect  of  the  stiffeners  on  the  stress  intensity  using  curves  published  in  the  literature,  because 
these  curves  generally  do  not  completely  apply  to  the  problem  to  be  solved.  Further,  the  effects  of,  for 
example,  eccentricity,  attachment  flexibility,  yielding  of  stiffeners  and/or  attachments  are  usually  not 
accounted  for  in  available  stress  intensity  curves. 


FIGURE  1  FUSELAGE  STRUCTURE.  CRACK  CONFIGURATIONS 
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FOREWORD 

Although  this  note,  strictly  speaking,  does  not  represent  an  example  of  application  of  fracture 
mechanics  in  design,  it  has  still  been  included  as  a  contribution  to  this  handbook  because  it  deals  with 
the  significant  problem  of  the  effects  of  fastener  connection  flexibility  on  the  stress  intensity 
factor  (Editor) . 

1.  INTRODUCTION 

Recent  developments  in  military  specifications  concerning  safety  with  the  introduction  of  "damage 
tolerant"  structures  as  well  as  the  contractual  requirement  on  the  use  of  sophisticated  crack  control 
techniques  in  spacecraft  design  have  spurred  research  into  cracked  structure  behaviour  by  favouring  its 
growth  out  of  the  already  large  field  of  commercial  aviation.  Within  that  field  of  research  the  problem 
of  fatigue  crack  propagation  in  stiffened  structures  is  of  particular  importance  because  of  its  role  in 
the  structural  design  of  air-  and  spacecraft.  A  correct  solution  of  the  problem  is  quite  difficult  even 
with  constant  amplitude  loading  because  of  the  uncertainty  connected  with  evaluation  of  the  stress 
intensity  factor. 

In  fact  the  value  of  the  stress  intensity  factor  relative  to  a  given  crack  length  depends  mainly  on  the 
value  of  the  mutual  forces  between  stiffeners  and  skin  and  therefore  it  is  possible  to  evaluate  K 
correctly  only  when  those  forces  can  be  determined  with  reasonable  accuracy.  This  accurate  theoretical 
determination  is  not  easy  because  of  the  difficulty  of  representing  the  behaviour  of  the  joining  elements 
properly.  In  the  case  of  a  riveted  joint,  the  rivet  is  considered  as  rigid  element  so  there  can  be  no 
relative  displacement  between  the  center  of  the  holes  in  the  akin  and  in  the  stiff enerj  this  assumption 
allows  a  rather  easy  determination  of  mutual  forces  and  then  of  K  [1,2]  . 

Comparison  with  experimental  data  C3]  has  shown  that  the  assumed  pattern  may  betoo  unconservative  for 
skin  cracks  (while  being  the  opposite  for  stiffener  cracks)  since  it  giveB  too  large  rivet  forces.  In 
order  to  assume  a  better  model  the  rivet  was  considered  as  an  elastic  element  which  allows  some  relative 
displacement  between  the  centers  of  the  holes;  the  value  of  rivet  flexibility  was  also  estimated  by 
generalizing  experimental  results  relative  to  riveted  jointB[4,5]  and  then  fitting  the  experimental 
formulae  into  numerical  models  developed  to  evaluate  K.  The  results  which  were  obtained  in  such  a  way  ..ere 
not  checked  with  the  measured  values  of  rivet  forces  for  cracked  stiffened  structures.  Therefore  the 
proposed  formulae  do  not  seem  to  offer  the  same  reliability  in  the  different  structural  situations  found 
in  design  practice. 

Ibis  conclusion  also  stems  from  the  intrinsic  difficulty  of  formulating  a  reliable  scheme  of  stiffener 
skin  joint  behaviour.  Actually  the  mechanism  of  the  so-called  rivet  flexibility,  which  depends  upon  the 
deformation  of  both  rivet  and  hole  is  not  fully  understood.  The  global  deformation  (which  also  depends 
upon  rivet  type  and  setting)  has  different  characteristics  depending  on  whether  it  works  in  the  elastic 
domain  or  shows  local  plastic  regions  around  rivet  holes  due  to  the  contact  of  the  rivet  on  the  hole  edge. 
In  the  latter  case  characteristics  are  hard  to  determine.  Friction  forces  which  arise  from  skin  stiffener 
contact  because  of  rivet  pressure  further  increase  the  difficulty  of  the  problem. 

In  such  a  situation  it  is  obvious  that  developing  reasonably  reliable  methods  for  the  prediction  of  crack 
growth  rate  in  stiffened  structures  by  theoretical  evaluation  of  K  requires  research  into  the  behaviour  of 
those  structures  based  on  a  set  of  experimental  data  covering  the  different  structural  situations  of 
technical  interest.  On  that  ground,  the  Institute  of  Aeronautics,  University  of  Pisa,  as  part  of  a  wider 
research  on  the  fatigue  behaviour  of  cracked  stiffened  structures,  has  taken  up  the  problem  of  defining 
the  influence  of  structural  configuration  (stiffener  geometrical  shape,  rivet  type,  crack  starting  point) 
upon  crack  growth.  With  this  aim  many  fatigue  crack  propagation  tests  have  been  completed  on  stiffened 
panels  of  different  configuration,  and  results  have  been  processed  using  theoretical  formulations  of  the 
K  factor  baaed  on  increasingly  sophisticated  models  (rigid  rivet,  flexible  rivet,  taking  friction  into 
account).  Through  this  work  it  has  been  possible  to  reach  a  classification  of  the  behaviour  of  stiffened 
panel  configurations  explaining,  at  least  qualitatively,  the  role  played  by  the  joint  in  the  crack  growth. 

2.  RESEARCH  AIMS  MID  METHODOLOGY 

The  need  to  evaluate  da/dn  in  stiffened  structures  with  the  same  accuracy  as  in  plates  requires  a 
knowledge  based  on  experimental  data  of  the  mechanism  through  which  the  load  is  transferred  from  plate  to 
stiffener  (Fig. 1,2).  ThiB  knowledge  can  be  gained  essentially  in  two  ways:  a  direct  one  based  on  measuring 
the  forces  which  are  exchanged  between  the  two  elements  of  the  stiffened  structure}  an  indirect  one  based 
on  comparing  results  of  crack  propagation  tests  in  stiffened  structures  and  flat  specimens  and  using  for 
the  stiffened  structure  a  value  of  K  given  by  increasingly  sophisticated  models  of  the  riveted  joint. 

The  first  way  is  very  accurate  since  it  allows  an  evaluation  of  each  rivet  contribution  to  a  K  factor  and 
also  shows  the  dietribution  of  mutual  forces  between  rivets  and  the  magnitude  of  the  friction  forces. 
However,  it  requires  a  large  experimental  effort  in  order  to  acquire  all  the  meaningful  data  even  for  a 
single  stiffened  panel.  Considering  also  the  influence  of  random  variables  on  the  problem,  it  follows  that 
a  rigorous  use  of  the  direct  way  would  cause  a  large  waste  of  time  and  money. 

The  second  method,  which  is  based  upon  the  relationship 

E  '  p  (ilc’R) 

can  only  give  global  information  showing  the  kind  and  the  magnitude  of  the  error  affecting  K  [9]  | 
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however,  it  has  the  advantage  of  requiring  reduced  test  time  and  costs  if  an  efficient  technique  for 
testing  and  data  evaluation  has  been  oreviously  developed.  Therefore  this  method  offers  the  possibility 
of  gaining  with  reasonable  experimental  effort  sufficiently  wide  information  on  the  influence  of  different 
parameters  concerning  the  geometrical  shape  and  the  type  of  joint. 

At  present  both  those  methods  are  being  developed  at  the  Institute  of  Aeronautics,  University  of  Pisa, as 
part  of  a  wider  research  concerning  the  fatigue  behaviour  of  cracked  stiffened  structures . 

The  first  method,  based  on  strain  gauge  measuring  [7]  has  been  used  with  some  panel  configurations  with 
the  multiple  aim  of  setting  up  the  method,  getting  an  early  picture  of  the  force  scattering  among  similar 
rivets  relative  to  a  given  panel  shape  and  comparing  the  force  variation  induced  by  crack  growth  with  the 
different  theoretical  forecasts.  The  results  of  that  early  investigation,  given  in  [7]  ,  showed  the 
variation  in  behaviour  of  the  joint  depending  upon  stiffener  and  rivet  shape  and  emphasized  the  importance 
of  the  randon  effeots  induced  by  rivet  setting. 

Prom  that  point  on  the  second  method,  which  is  employable  on  a  wide  range  of  structural  configurations  and 
required  reasonable  technical  times,  has  been  used  to  probe  further  into  the  problem.  The  first  method  may 
be  used  again  for  refinements  and  quantitative  evaluations  found  at  a  later  stage  of  the  research. 

In  particular  the  research  has  followed  both  a  theoretical  and  an  experimental  direction  which  interact 
and  complete  each  other  in  reaching  the  desired  aim.  First  of  all,  a  modular  numerical  program  has  been 
prepared  in  order  to  process  rationally  and  innediately  the  results  of  crack  propagation  testB  on  stiffened 
panels  under  constant  amplitude  loads.  The  first  module  of  the  program  gives  K  as  function  of  semi-crack 
length  "a"  for  a  given  panel  on  the  basis  of  increasingly  sophisticated  models!  rigid  joint,  flexible  joint, 
joint  with  friction.  The  flexible  joint  wa3  modelled  using  the  results  of  a  stress  and  strain  elastic 
analysis  of  the  rivet  hole  contour  taking  simplifying  assumptions  like  "hole  wall  free  to  warp  and  loaded 
with  a  given  force  distribution"  [10]  .  The  hole  edge  deformation  given  by  this  approach  is  much  larger 
than  that  of  the  rivet,  which  is  assumed  to  behave  like  a  short  beam,  and  may  be  considered  as  the  only 
cause  of  joint  flexibility.  This  approach,  even  though  it  is  based  on  very  strong  simplifying  assumptions, 
may  give  an  acceptable  size  order  of  flexibility  value  and  than  of  K.  This  analysis  is  meaningful  since  it 
gives  a  rational  starting  point  for  analysing  experimental  data  on  crack  propagation  towards  more  accurate 
formulation  of  the  flexibility  problem  based  on  empirical  corrections  suggested  by  comparing  the  variation 
of  da/dn  as  function  of  AK  given  by  equation  (l)  with  the  one  found  using  experimental  values  of  da/dn  and 
computed  values  of  AK. 

The  evaluation  of  the  friction  effect  on  transferring  forces  from  skin  to  stiffener  is  done  at  a  preliminary 
stage,  by  replacing  the  continuous  distribution  of  forces  on  the  contact  area  by  concentrated  forces  acting 
on  chosen  points  and  imposing  strain  consistency  at  those  points  as  long  as  friction  forces  are  less  than 
dislocation  limit  values,  while  imposing  constant  friction  forces  beyond  the  dislocation  limit  condition. 
Evaluating  the  limit  condition  also  depends  upon  the  friction  coefficient  and  the  normal  pressure  between 
contact  surfaces.  In  the  absence  of  better  experimental  knowledge,  K  is  calculated  as  a  function  of  that 
pressure.  About  the  meaning  of  those  evaluations  obviously  the  same  considerations  as  in  the  case  of  the 
flexibility  program  hold. 

The  second  module,  using  experimental  a-n  data,  computes  da/dn  and,  using  the  data  from  the  first  module, 
computes  log  da/dn  »  F  (AK) .  With  that  processing  technique  and  using  the  experimental  results  explained 
in  the  next  section,  curves  da/dn  =■  F  (AK)  were  obtained  for  plain  sheets  (in  this  case  they  are  supposed 
to  give  the  correct  trend  of  F)  as  well  as  for  stiffened  panels  u3ing  in  the  latter  case  three  different 
approaches  in  order  to  obtain  K.  By  comparing  the  two  kinds  of  data,  those  referring  to  plain  sheets  and 
those  relative  to  stiffened  panels  with  the  rigid  joint  approach,  the  correction  which  must  be  given  to  K 
in  order  to  regularize  F  for  the  stiffened  panel  can  be  evaluated.  Afterwards  that  correction  is  interpreted 
in  terms  of  flexibility  and  friction  effects.  Results  which  can  be  obtained  by  this  methodology  are 
discussed  later. 

3.  EXPERIMENTAL  PROGRAMME 

The  experimented  side  of  the  research  consisted  of  a  set  of  crack  propagation  tests  on  panels  with 
and  without  stiffeners  under  an  axial  constant  amplitude  pulsating  load.  Tests  are  aimed  at  obtaining  the 
propagation  curve  a  »  f  (n),  that  gives  for  each  crack  length  the  number  of  load  cycles  which  is  necessary 
to  produce  it. 

The  specimens  used  for  testing  were  panels  of  different  geometry,  with  and  without  stiffeners,  made  of 
2024— T 3  and  707 5-T6  alloys.  They  can  be  subdivided  according  to  their  geometrical  shape  into  (see  Table  l): 

—  stiffened  panels  with  £  -shaped  stiffeners 

—  stiffened  panels  with  strip  stiffeners  on  one  side 

—  stiffened  panels  with  strip  stiffeners  cn  both  sides 

—  unstiffened  panels. 

The  joint  between  skin  and  stiffeners  was  made  by  hand  clinched  rivets.  It  was  also  necessary  to  differ¬ 
entiate  joint  geometry  3ince  both  universal-head  and  countersunk-head  rivets  were  used. 

In  each  panel  a  crack  is  started  by  a  notch  artificially  made  with  a  thin  small  saw  normal  to  the  direction 
of  the  applied  load.  In  the  stiffened  panels  the  crack  was  introduced  between  two  joint  rivets  starting 
from  the  junction  line  (see  Table  l). 

Table  1  gives  the  panel  configurations  investigated  with  the  main  dimensions.  Full  details  of  test  results 
can  be  found  in  [11]  .  All  the  panels  were  tested  at  the'  fatigue  laboratory  of  the  Institute  of  Aeronautics, 
University  of  Pisa  following  procedures  given  in  [6]  .  All  the  results  were  processed  according  to  the 
method  described  before  [11]  and  they  are  sumoarized  in  the  next  section. 

4.  AN  ALIBIS  OF  FATIGUE  TEST  PROCESSING  RESULTS 

The  results  of  the  comparison  of  52  da/dn-K  curves,  42  of  which  are  relevant  to  the  stiffened  panels 
(see  [ll]  ),  are  given  in  thi3  section. 

The  analysis  was  divided  into  consecutive  stages.  At  a  first  stage  all  the  curves  da/dn-K  relevant  to 
stiffened  panels,  with  the  assumption  of  rigid  riveted  joint,  were  divided  into  groups  according  to  panel 
material  and  were  compared  with  average  curves  (obtained  as  "Best— Fit"  of  da/dn-K  data)  of  plates  of  the 
same  material.  Such  a  comparison  (summarized  in  Fig. 3)  was  used  for  an  early  check  on  the  applicability 
of  equation  (l)  to  stiffened  panels  with  the  assumption  of  a  rigid  joint  for  evaluating  K.  The  situation 
appears  to  be  extremely  scattered  as  can  be  seen  on  comparing  the  typical  scatter  band,  showing  confidence 
levels  of  95  and  99  %  reached  by  a  statistical  analysis  of  sheet  data  made  with  the  linear  regression 
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technique  [3]  ,  and  the  scatter  hand  for  stiffened  panels  given  by  simply  enclosing  all  the  data  between 
two  lines  parallel  to  the  plate  average  curve  (it  was  neither  easy  nor  reasonable  at  that  comparison 
stage  to  process  statistically  da/dn-X  data  relative  to  stiffened  panels).  The  scatter  band  of  stiffened 
panels  is  approximately  in  the  ratio  of  3/2  to  the  scatter  band  of  sheet  and  is  not  symmetric  as  to  plate 
average  line.  All  that  shows  the  presence  of  systematic  errors  (obviously  due  to  the  inadequacy  of  the 
rigid  joint  model)  which  can  bring  errors  of  different  importance,  depending  upon  panel  geometry  and  rivet 

type,  into  X  computation.  In  order  to  explain  better  this  kind  of  systematic  influence,  a  comparative 

analysis  was  taken  of  the  K-da/dn  curves,  still  assuming  a  rigid  joint  at  tho  processing  stage.  It 
followed  from  the  analysis  that  the  curves,  while  looking  scattered  in  a  random  way,  actually  behave 
sjrstematically  according  with  rivet  type,  stiffener  snape  and  global  joint  geometry  (stiffener  plus  rivet). 
Stiffened  panel  curves  representing  each  single  oituation  were  compared  in  order  to  show  up  any  peculiar 
characteristics  of  da/dn-K  curves  which  could  indicate  qualitatively  the  kind  of  error  affecting  X  and 
therefore  could  suggest  which  correction  should  be  given  to  that  quantity. 

A  first  remark  concerns  the  possible  shape  that  F  can  have  for  stiffened  panels  as  compared  to  unstiffenod 
sheets.  In  the  latter  case  (Fig. 4a)  both  da/dn  and  X  are  increasing  functions  of  "a"  so  that  on  a  da/dn-K 
curve  each  point  represents  a  definite  value  of  the  crack  length.  For  stiffened  panels  (Pig.4b^  both 
da/dn  and  K  show  subsequent  maxima  and  minima  due  to  stiffeners,  so  that  the  same  point  of  the  da/dn  versus  K 

curve  may  correspond  to  more  than  one  value  of  crack  length.  With  those  conditions  many  anomalies  of 

the  curve  da/dn-K  are  possible,  due  both  to  schematic  errors  in  the  numerical  method  for  K  (Fig. 4b)  and 
to  small  errors  in  evaluating  da/dn  due  to  data  processing  (Fig. 4c). 

In  all  those  cases  the  da/dn-K  curve  is  no  longer  unique  (against  the  basic  assumption  of  an  unequivocal 
relation  between  da/dn  and  K)  and  it  takes  the  shape  4b  II,  when  underestimating  K,  or  the  shape  4b  III 
when  overestimating  it.  If  there  are  small  errors  in  the  computation  of  da/dn,  curves  show  the  typical 
loops  of  Fig. 4c.  In  general  both  causes  may  be  present  and  consequently  trends  are  possible  which  differ 
a  little  from  the  basic  two  given  in  Fig. 4. 

That  being  stated,  the  analysis  based  on  the  use  oi  the  factor  K  for  a  rigid  joint  showed  the  following 
effects: 

a)  Effects  of  rivet  type  and  material 

Pig. 5  shows  da/dn-K  curves  for  two  sets  of  stiffened  panels  which  have  the  same  geometrical  shape  but 
one  having  universal-head  rivets  and  the  other  countersunk-head  rivets.  It  is  clear  from  the  comparison 
that  curves  for  countersunk-head  rivets  are  shifted  towards  lower  values  of  K  under  the  same  value  of 
da/dn)  that  means  that  the  theoretical  solution  is  more  deficient  for  countersunk— head  rivets  than  for 
universal— head  rivets.  In  other  words,  because  of  joint  flexibility  the  stiffeners  are  less  loaded  than 
in  the  case  of  a  rigid  joint j  therefore  the  actual  stress  intensity  factors  are  larger  than  the  one  given 
by  theoretical  analysis.  That  "flexibility"  effect  is  even  more  emphasized  in  the  countersunk-head  rivet 
joint.  That  effect  appears  to  be  affected  by  the  material  choice,  as  shown  in  Fig. 6. 

b)  Stiffener  geometry  effect 

The  comparison  of  curves  relating  to  panels  which  differ  only  in  stiffener  shape,  having  either  a 
single  strip  stiffener  or  one  with  double  strips,  shows  that  the  single  strip  panel  behaves  in  a  more 
flexible  way  (see  Figure  7). 

Panels  with  Q-shaped  stiffeners  also  behave  in  the  same  way  as  the  single  strip  panels  if  K  is  evaluated 
taking  into  account  stiffener  flexural  deformations  due  to  eccentricity  of  the  rivet  force  line  of  action. 
That  effect  can  be  computed  closely  through  an  "area  reduction"  tc  obtain  "equi valent"  strip  stiffeners 
which  should  have  the  same  deformations  in  the  region  where  loada  are  transmitted  as  for  actual  stiffeners 
under  the  same  load  condition  [6]  . 

c)  Stiffener- rivet  geometry  effect 

The  comparison  of  results  given  up  to  this  point  and  processed  under  a  rigid  joint  assumption  shows  a 
different  behaviour  for  the  sheet  average  curve  when  the  stiffener-rivet  system  is  changed. 

That  situation  is  summarized  in  Fig. 8,  which  shows  the  scatter  bands  containing  results  belonging  to  each 
geometry.  Ir.  more  detail  it  can  be  noted  that  double  strip  joints  are  the  most  rigid.  Single  strips  and 
shaped  stiffener  joint3  with  universal-head  rivets  are  next,  while  single  strip  joints  with  countersunk- 
head  rivets  have  high  flexibility.  Also  it  cam  be  seen  from  Fig. 8  that  a  double  strip  joint  is  more 
efficient  in  stress  intensity  factor  reduction  than  it  could  be  expected  from  the  rigid  joint  assumption 
which  was  used  to  calculate  K.  That  efficiency  increase  is  most  probably  due  to  two  concomitant  causes. 

First,  joint  geometry,  by  giving  considerably  uniform  contact  pressure  along  the  rivet  hole  axis,  minimizes 
the  deformation  of  the  hole  surrounding  region  for  a  given  rivet  force  and  shifts  the  beginning  of 
transition  to  plasticity  towards  higher  values  of  rivet  forces)  both  those  effects  make  the  joint  less 
flexible. 

Second,  friction  forces  of  substantial  importance  are  present  due  to  the  extent  of  contact  surfaces  which 
help  rivets  in  conveying  the  load  from  cracked  sheet  to  stiffener. 

Obviously  those  two  factors  (i.e.  flexibility  and  friction)  have  opposite  effects  on  stiffener  efficiency 
and  consequently  on  K  value.  Results  1 i  Fig. 8  show  that  friction  has  a  prevailing  effect  since  all  the 
scatter  band  is  on  the  left  of  the  sheet  average  line.  On  the  contrary  the  flexibility  effect  prevails  in 
all  the  other  rivet-stiffener  configurations  and  that  happens  because  of  the  lesser  contact  surface  which 
lowers,  under  the  same  friction  force,  the  friction  force  maximum  and  because  of  probable  strong  variability 
of  contact  pressure  on  hole  walls  in  the  axial  direction  of  rivets  which  is  inclined  to  increase  hole 
deformation  where  pressure  is  higher,  and  to  anticipate  transition  to  plasticity  under  the  same  rivet 
force  as  in  the  symmetric  case. 

Concluding  this  discussion  it  can  be  noted  that  the  analysis  based  on  rigid  joint  assumption,  even  though 
it  does  not  allow  an  accurate  evaluation  of  K  and  therefore  of  da/dn,  is  an  efficient  tool  to  show  and  to 
classify  the  different  anomalies  which  characterize  the  phenomenon.  On  the  ground  of  those  conclusions  it 
was  decided  to  undertake  a  new  data  evaluation  organized  in  the  following  way: 

K  was  evaluated 

-  for  single  strip  and  shaped  stiffener  panels  with  universal-  and  countersunk-head  rivets  accounting 
for  flexibility,  but  not  for  friction, 

—  for  double  strip  panels  accounting  for  friction,  but  not  for  flexibility. 

The  results  of  that  new  evaluation  are  given  in  Fig. 9  and  10.  The  left  side  of  Fig. 9  showe  the  typical 
change  of  curves  da/dn-K  when  taking  flexibility  into  account.  The  flexible  joint  curve  shows  substantial 


3-100 


improvements  both  qualitatively  and  quantitatively  so  that  aheet  propagation  data  (average  curve)  can  be 
transferred  to  the  stiffened  panel  with  E  values  so  calculated  without  introducing  notable  errors.  That  is 
further  corroborated  by  data  given  in  the  two  other  diagrams  of  Pig.9  where  the  two  scatter  bands  which 
are  the  envelope  of  all  the  da/di>-E  curves  worked  out  with  the  two  assumptions  of  rigid  and  flexible  joint, 
are  compared.  The  flexible  joint  scatter  band  is  very  small  and  of  the  same  magnitude  as  that  of  the 
unstiffened  sheet}  however,  it  is  not  perfectly  symmetric  about  the  sheet  average  line,  and  that  agrees 
with  the  fact  that  the  theoretical  analysis  of  flexibility  at  present  does  not  make  any  distinction  between 
universal-  and  countersunk-head  rivets.  On  the  contrary  they  have  different  flexibility  as  shown  by  the 
experimental  results.  Pig. 10  deals  with  double  strip  panels  and  compares  the  results  of  the  analysis  of 
rigid  joint  assumption  with  and  without  friction  forces}  in  this  case  substantial  improvements  both  in 
curve  Bhape  and  in  scatter  band  are  apparent. 

The  two  last  figures  are  very  heartening  since  they  show  the  possibility  of  reaching  substantial  Improvements 
in  technique  for  fatigue  crack  growth  forecasting  in  aircraft  stiffened  structures.  Obviously  those  results 
must  he  regarded  as  preliminary  and  E  computation  techniques  here  illustrated  cannot  be  used  yet  for 
engineering  design. 

It  is,  however,  necessary  to  acquire  further  experimental  data  using  mainly  ths  first  of  the  two  methods 
described  in  eection  3  in  order  to  reach  a  better  understanding  of  friction  mechanism  and  behaviour 
differences  among  joint  types  in  terms  of  flexibility.  It  seems  to  be  reasonable  that  a  numerical  model 
could  be  developed  which  would  take  into  account  friction  and  flexibility  with  technically  acceptable 
approximation  so  that  the  substantial  improvements  in  forecasting  already  given  by  the  present  method  can 
be  valid  in  any  situation  even  for  geometries  which  differ  substantially  from  those  examined  in  the  present 
research. 

5.  cojicnroiwj  remarks 

Patigue  crack  propagation  in  stiffened  structures  is  a  very  important  problem  at  the  present  stage  of 
aerospace  technique  development.  It  is  therefore  of  great  importance  to  have  accurate  methods  in  order  to 
evaluate  crack  growth  time  in  keeping  with  modern  design  techniques. 

Through  a  theoretical  and  experimental  research,  carried  out  at  the  Institute  of  Aeronautics,  University 
of  Pisa,  it  has  been  possible  to  give  some  contributions  to  the  solution  of  ths  said  problem. 

On  the  theoretical  side,  numerical  models  for  evaluating  the  stress  intensity  factor  have  been  improved 
ty  introducing  both  joint  flexibility  and  friction  forces  relative  to  sheet-stiffener  contact. 

On  the  experimental  Bide,  many  crack  propagation  testa  on  stiffened  panels  of  different  geometry  and  rivet 
type  have  been  carried  out. 

The  analysis  of  experimental  results  in  terms  of  da/dir-K  curves,  where  K  was  evaluated  according  to  joint 
type,  has  allowed  a  first  evaluation  of  stiffener  geometry  and  rivet  type  effects  (Pig. 4-7)  and  has  shown 
the  limits  of  the  numerical  method  for  E  evaluation  baaed  on  rigid  joint  assumption. 

The  foregoing  analysis,  based  on  K  values  calculated  assuming  both  joint  flexibility  and  friction  forces, 
has  explained  the  very  important  role  those  two  phenomena  can  play  in  forecasting  techniques  for  fatigue 
crack  growth. 
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4.1  INTRODUCTION 

Holes  In  lugs  and  joints  are  common  locations  for  crack  Initiation.  Holes  are  a  source  of  stress  con¬ 
centration  which  in  many  joints  Is  enhanced  by  load  transfer  through  the  pin  or  fastener.  Thus,  it  Is  not 
surprising  that  a  review  of  aircraft  structural  failures cevealed  that  about  30  percent  of  the  crack  ori¬ 
gins  were  bolt  or  rivet  holes.  As  a  consequence,  holes  in  joints  are  the  subject  of  a  considerable  part  of 
aircraft  damage  tolerance  analyses,  and  therefore  a  substantial  number  of  examples  of  application  of  fracture 
mechanics  to  joints  and  lugs  was  anticipated.  Nevertheless,  the  number  of  examples  was  low.  On  the  other 
hand,  if  many  examples  would  be  available,  it  could  be  concluded  that  analysis  of  joints  was  conmon  practice, 
such  that  a  handbook  of  this  nature  would  be  superfluous.  Thus,  the  scarcity  of  examples  may  be  considered 
a  justification  for  a  handbook  that  presents  such  examples,  although  at  the  same  time  it  prohibits  the  possi¬ 
ble  publication. 

The  present  chapter  deals  first  in  general  terms  with  the  stress-intensity  analysis  of  joints.  Any  dam¬ 
age  tolerance  analysis  at  present  is  based  on  the  stress  Intensity.  Hence,  the  problem  of  determining  stress- 
intensity  factors  is  of  paramount  Importance.  Since  the  subject  of  stress-intensity  analysis  is  dealt  with 
extensively  in  other  chapters  of  this  handbook,  only  a  brief  discussion  will  be  presented  here  to  highlight 
some  of  the  specific  complications  arising  in  the  case  of  joints  in  general,  and  cracks  at  holes  in  particular. 

Thereafter  follows  a  discussion  of  damage-tolerance  analysis  of  fastened  joints.  Here  again,  many  of  the 
problems  are  generic  to  damage-tolerance  analysis.  Therefore  only  those  problems  will  be  reviewed  that  are 
particular  to  joints.  The  discussion  vill  only  be  brief,  partly  because  no  satisfactory  solutions  exist  to 
many  of  the  problems  associated  with  cracks  at  holes  in  joints. 

The  second  part  of  this  chapter  consists  of  the  examples  made  available  by  various  sources.  These  ex¬ 
amples  are  presented  as  much  as  possible  in  their  original  form  in  order  to  give  full  credit  to  the  contribu¬ 
tors.  Each  example  is  concluded  with  some  critical  consents. 

4.2  STATE  OF  THE  ART  OF  STRESS -INTENSITY  ANALYSIS 
4.2.1  Through  Cracks  at  Holes  Under  Remote  Loading 

Every  damage-tolerance  analysis  starts  out  with  the  determination  of  the  applicable  stress-intensity 
solution.  Since  fastened  joints  all  contain  holes,  the  stress- intensity  solution  for  a  crack  emanating  from 
a  hole  is  of  great  interest. 

(2) 

On  the  basis  of  the  work  by  Bowie  ,  the  stress-intensity  factor  for  a  through  crack  at  a  hole  in  an 
infinite  plate  (Figure  1)  is  given  by 

K  -  o  fTo.  fB  (1) 

where  a  is  the  size  of  the  crack  as  measured  from  the  edge  of  the  hole,  and  D  is  the  hole  diameter .  The 
function  fg  (a/D)  can  be  given  in  tabular  or  graphical  form  as  fg,  for  a  single  crack  and  fgj  for  the  sym¬ 
metric  case  with  two  cracks.  Grand t has  recently  developed  a  least  square  fit  to  f_  of  the  form 

0 


fB  <«/D)  -crnT7i>  +  c’  (2) 

where  C^,  ,  and  have  values  as  given  in  Figure  1. 

If  the  crack  is  not  too  small  with  respect  to  the  hole  size,  the  hole  may  be  considered  part  of  the 
crack.  The  total  defect  size  is  then  given  by  the  physical  crack  length  plus  the  hole  diameter  (Figure  1) . 
The  stress  intensity  is  simply 


K  »  o  /sa 


eff 


By  developing  Equation  (3)  as 


K  -  a  /waeff  ■  0  */ra 


/sa  f. 


El(a/D) 


for  the  asymmetric  case,  and 


K  -  o  /vaeff  -  o 


\/T 

V  2a  2 
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(3) 


(*) 


(5) 


for  the  syimctrlc  case,  it  follows  that  fj,  and  in  Equation  (1)  are  replaced  by  f^^  and  t  A  compar¬ 
ison  of  these  functions  is  made  in  Figure  2.  It  appears  that  the  diffeiences  betweenEAthe  exact  functions 
and  the  engineering  functions  are  small,  if  a/D  >0.1.  In  view  of  the  accuracy  of  fracture-mechanics  analysis 
and  the  scatter  in  raw  data,  the  simple  Equation  (3)  can  be  used  in  many  applications. '$,5,6) 


f(o/0)(f82,  fE2)  flo/DXf 


a  Asymmetric  case 
(single  crack) 


b.  Symmetric  case 
(two  cracks) 


c.  Least  square  fit  to  f0 


FIGURE  2.  BOWIE'S  ANALYSIS  AS  COMPARED  TO  ENGINEERING  METHOD 


For  Che  practical  case  of  finite  panels,  the  Islda  (and  Feddersen)  width  correction  can  be  applied  to 
Equations  (1)  and  (3)  as  was  shown  by  the  finite-element  calculations  by  Owen  and  Griffiths^) .  Results  for 
a  finite-size  strip  were  obtained  also  by  Cartwright  and  Ratcliffs ,  who  conducted  compliance  measurements. 

(3  8  9)  (9) 

A  few  attempts  were  made'  ’  ’  '  to  analyze  the  case  of  a  loaded  hole.  A  simple  approximate  analysis 

based  on  the  superposition  principle  is  presented  in  Figure  3.  According  to  the  figure,  the  stress-intensity 
factor  for  a  loaded  hole  is  given  by 


(6) 


The  Bowie  solution  of  Equation  (1)  can  be  taken  for  Kg.  The  expression  for  Kg  is  well  known  to  be  KD  •  P//ira, 
if  the  hole  is  considered  part  of  the  crack.  A  standard  finite  size  correction  can  be  applied. 


Figure  4  allows  a  comparison  of  Equation  (6)  with  the  results  of  the  compliance  measurements  made  by 
Cartwright  and  Ratcliffe^S) .  The  stress  intensity  first  rises  sharply  and  then  decreases,  since  the  second 
term  in  Equation  (7)  is  a  decreasing  function  of  aeff.  This  is  in  agreement  with  the  results  of  the  compli¬ 
ance  measurements.  It  is  also  confirmed  by  the  analysis  of  Grandt(35.  If  the  cracks  grow  longer,  K  Increases 
again  as  a  result  of  the  finite  size  correction. 


Pin  loading  creates  minor  shear  stresses  along  the  crack  line.  Consequently,  there  will  be  combined 
and  a  loading  modes.  The  compliance  measurements  can  only  determine  G  and  cannot  uncouple  Kj  and  K-q. 

But  as  pointed  out  by  Cartwright  and  Ratcliffe,  the  error  in  equating  Kj  ■  /EG  is  less  than  1  percent. 
GrandtO)  accounted  for  this  by  taking  the  crack  perpendicular  to  the  maximum  principal  stress.  The  crack  is 
then  at  an  angle  of  81  degrees  (instead  of  90  degrees)  to  the  loading  axis. 


4.2.2  Part-Through  Cracks  at  Holes 

A  corner  crack  at  a  hole  is  an  Important  case  li  the  fracture  safety  control  of  structures.  A  "rigorous" 
solution  for  flawed  holes  requires  a  complicated  three-dimensional  finite  element  analysis.  However,  stress- 
intensity  estimates  have  been  reported (10, 11)  employing  elliptical  crack  solutions  and  correction  factors  to 
account  for  the  hole.  For  some  configurations,  stress-intensity  factors  were  determined  experimentally (12,13) . 
number  of  these  solutions  are  described  in  subsequent  paragraphs. 


An  approximate  solution  acceptable  for  rough  calculations  uses  the  standard  elliptical  flaw  solution  and 
applies  the  Bowie  correction  factor,  as  if  it  were  a  through  crack. 


(7) 


where  4  is  the  well-known  elliptical  integral  applicable  to  elliptical  cracks,  c  is  along  the  surface,  and  fB 
is  the  Bowie  function  given  in  Figure  2,  but  with  the  abscissa  given  as  c/D  instead  of  a/D.  The  equation 
is  limited  to  cases  where  a/B  <0.5,  B  being  the  thickness,  unless  a  back-free  surface  correction  would  be 
applied. 

Hall  and  Finger derived  an  empirical  expression  on  the  basis  of  failing  stresses  of  specimens  with 
flawed  holes,  assuming  the  specimens  failed  when  K  reached  the  standard  K^.  They  arrived  at 


K  *  0.87  o/xc 


(8) 


In  this  equation,  c.  represents  an  effective  crack  size,  which  has  to  be  found  from  empirical  curves.  It 
Incorporates  the  Influence  of  both  flaw  shape  and  back-free  surface,  but  it  is  limited  to  a/c  <1.  The  Bowie 
function,  fg,  is  also  based  on  the  effective  crack  size,  ce. 

Llu^^  considered  a  quarter-circular  flaw,  such  that  the  flaw  shape  parameter  4  equals  x/2.  He  arbi¬ 
trarily  based  the  Bowie  function  on  an  effective  crack,  a#  ■  1/2  a/2.  His  equation  then  is 

K  *  Vf  4  ^  fB  (d)  •  <»> 


A  corner  flaw  has  two  free  surfaces,  which  can  be  accounted  for  by  a  free  surface  correction  of  1.26.  Since 
the  edge  crack  surface  correction  is  already  included  in  the  Bowie  function,  Liu  took  the  free  surface  cor¬ 
rection  Of  -  1.26/1.12  •  1.12.  Taking  the  back-free  surface  correction,  a^,  equal  to  unity  and  noting  that 
♦  *  ir/2,  the  final  equation  la 

K  .  2Jia  ^  fB^,  with  ae  -  |  /3  a  .  (10) 

(14) 

Hall  and  Engstrom  presented  an  analysis  method  for  dual  elliptical  cracks  emanating  from  holes. 

They  used  the  solution  for  a  pressurized  elliptical  crack  with  a  pressure  distribution  in  the  form  of  a 
polynomial.  They  fitted  the  polynomial  roughly  to  the  stress  distribution  around  an  uncracked  hole  in  a 
plate  under  tension.  Then  they  solved  the  problem  of  an  elliptical  crack  (without  a  hole)  with  the  calcu¬ 
lated  pressure  distribution.  The  result  is  (see  Figure  5  for  notations). 


K  -  j  /xa  £cos2  6  +  ~  sin2  s]  F^ ,  8^ 


(11) 
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The  function  F(c/D,B)  1»  given  in  graphical  form  in  Figure  6.  It  ia  alao  alightly  dependent  on  s/c,  but 
the  varlatlona  are  within  6  or  7  percent  aa  compared  with  the  caae  of  a/c  *  0.6  for  which  Figure  6  holda. 

Hall  and  Zngstrom  checked  their  procedure  by  applying  it  to  a  through  crack  and  found  it  applicable. 

They  alao  ahowed  that  the  caae  of  an  elliptical  crack  reducea  to  the  Bowie  aolution  for  a/c  approaching 
infinity.  The  atreaa-intenaity  factor  ia  then  K  -  o/itc  F(c/D,90*),  implying  that  valuea  of  F(c/D,90*)  in 
Figure  6  ahould  be  equal  to  the  Bowie  function  f g .  Thia  la  Indeed  the  caae. 

The  aolution  of  Equation  (11)  waa  made  auitable  for  corner  cracks  by  applying  free-surface  correction 
factora  and  an  extra  correction  factor  for  the  caae  of  a  alngle  corner  crack.  The  reaulta  for  a  aingle 
corner  crack  la 

K  ■  af“b  f  ^  [C0*2  6  +  f7  8i"2  s]  '  e^n*ac/4B  •  (12> 

Some  of  the  above  work  providea  engineering  aolutlona  for  the  atreaa  Intensity  of  corner  cracka  and 
elliptical  cracks  of  arbitrary  shape.  Such  solutions  are  essential  for  damage  tolerance  analysis,  since 
the  crack  changes  shape  during  propagation  aa  discussed  in  a  later  section.  The  problem  of  a  corner  crack 
of  arbitrary  shape  was  treated  by  means  of  three-dimensional  finite-element  analyses  by  Raju  and  Newman^33'. 
Stress-intensity  factors  were  derived  for  a  range  of  values  of  the  relevant  parameters;  crack  depth  to 
thickness  ratio  ranged  from  0.2  to  0.8,  crack  depth  to  length  ratio  ranged  from  0.2  to  2,  but  the  hole  radius 
to  plate  thickness  ratio  was  kept  constant  at  0.5.  Raju  and  Newman  have  presented  their  results  in  graphical 
form. 


Fujlmoto  also  presented  a  solution  for  corner  cracks  and  elliptical  cracks  of  arbitrary  shape  at  the 
edge  of  a  hole.  Fujlmoto  idealized  the  cracked  plate  by  a  number  of  slices  each  containing  a  through-the- 
thlckness  crack  of  different  length.  Springs  between  the  slices  were  used  to  represent  shear  coupling. 

The  solution  was  presented  in  terms  of  closed  form  polynomial  expressions  which  contain  the  relevant  ratios 
of  crack  depth  to  thickness,  crack  size  to  hole  radius,  etc.  Fujlmoto  also  provided  extensive  tables  with 
coefficients  for  these  polynomials  for  different  kinds  of  cracks,  such  as  corner  flaws  at  unloaded  and 
loaded  holes,  and  embedded  cracks  at  unloaded  and  loaded  holes. 

4.2.3  Holes  With  Fasteners 

When  considering  a  crack  emanating  from  a  fastener  hole,  the  influence  of  the  faBtener  has  to  be  taken 
into  account.  If  the  fastener  is  a  loose  fit  in  an  otherwise  untreated  hole,  and  when  there  Is  no  load 
transfer,  it  is  likely  to  have  little  effect  on  the  behavior  of  a  crack  emanating  from  the  hole.  In  general, 
however,  the  fastener  has  a  tight  (Interference)  fit.  In  many  cases  it  does  transfer  some  load.  Moreover, 
the  holes  are  often  cold  worked  to  Improve  fatigue  resistance.  All  these  things  have  an  effect  on  cracking 
behavior,  since  they  Induce  a  redistribution  of  local  stresses  to  the  effect  that  the  stress  intensity  is 
different  from  that  at  a  cracked  open  hole. 

Application  of  fracture  mechanics  principles  to  cracks  at  filled  fastener  holes  requires  knowledge  of 
the  effect  of  interference,  cold  work,  and  load  transfer  on  the  stress-intensity  factor.  GrandtC3)  calcu¬ 
lated  stress-intensity  factors  for  cold  worked  and  interference  fit  holes  by  solving  the  problem  of  a  cracked 
hole  with  an  internal  pressure  distribution  equal  to  the  hoop  stress  surrounding  an  uncracked  fastener  hole. 

Figures  7  and  8  show  the  observed  trends.  Since  the  shape  of  the  curves  depends  upon  the  applied 
stress,  the  calculation  has  to  be  repeated  for  different  stresses.  Consequently,  the  results  cannot  be 
presented  nondlmensionally ,  The  results  in  Figure  7  may  be  slightly  misleading,  because  the  hoop  stress 
will  be  partly  released  when  the  bolt  gets  more  clesrance  as  the  crack  grows  (decreasing  stiffness) .  This 
effect  was  not  accounted  for  in  Grandt's  solution. 

It  appears  from  Figures  7  and  8  that  both  an  interference  fit  and  cold  work  significantly  affect  the 
stress  intensity.  Mandrelizing  is  more  effective,  since  it  gives  a  larger  reduction  of  the  stress  Intensity 
over  a  wider  range  of  a/D  values. 

For  large  a/D  the  stress  Intensity  of  the  Interference  fit  becomes  larger  than  that  of  an  open  hole 
(compare  the  Bowie  solution  and  interference  fit  curves  for  c  »  17.5  ksi  in  Figure  7).  As  explained  above, 
the  difference  may  be  smaller  in  reality  as  the  Interference  decreases  due  to  the  lower  stiffness  resulting 
from  the  larger  crack.  let,  this  phenomenon  is  considered  typical  for  an  Interference  fit.  It  also  con¬ 
stitutes  the  essential  difference  between  an  Interference  fit  and  a  mandrelized  hole,  as  discussed  in  the 
following  paragraph. 

During  mandrelizing  the  rim  of  the  hole  Is  plastically  expanded.  After  removal  of  the  mandrel  the 
surrounding  elastic  material  is  allowed  to  contract,  and  thus  it  exerts  compressive  stresses  to  the  rim. 

The  plastic  expansion  of  the  rim  does  occur  upon  installation  of  an  interference  fastener.  But  the  fastener 
stays  in  place,  and  hence,  no  contraction  of  the  surrounding  elastic  material  occurs.  As  a  matter  of  fact, 
there  exist  tensile  stresses  around  the  hole,  instead  of  compressive  stresses.  This  is  confirmed  by  the 
positive  stress  intensity  of  significant  magnitude  that  remains  at  o  ■  0  (Figure  7) . 

Shah^18^  derived  an  approximate  elastic-plastic  solution  for  the  stress  distribution  at  holes  with 
interference  fit  fasteners  and  also  developed  stress-intensity  factors  for  the  case  of  a  loaded  plate  with 
a  through  crack  at  a  hole  containing  an  interference  fit  fastener.  His  results  show  trends  similar  co 
those  by  GrandtO).  Increasing  interference  gives  lower  values  for  the  peak  stress  intensity  (by  inter¬ 
ference  alone);  if  the  plate  is  loaded  the  stress  intensity  becom.s  virtually  independent  of  the  amount  of 
interference  if  the  crack  size  is  larger  than  the  hole  diameter. 


*.2.4  Joints 


In  many  cases  Joints  transmit  little  or  no  load.  That  Is,  the  Joints  between  stringers  and  skin  In  a 
stiffened  panel  transmit  moderate  shear  loads  only.  Somewhat  higher  shear  loads  are  transmitted  by  e.g., 
a  spanwise  splice.  However,  due  to  the  presence  of  a  cracked  hole,  load  will  be  transmitted  from  the 
cracked  material  into  the  underlying  reinforcements.  Usually,  this  will  not  affect  the  fastener  in  the 
cracked  hole;  the  load  transfer  occurs  through  the  adjacent  fasteners,  which  may  not  carry  any  load  in  the 
absence  of  the  crack.  The  result  Is  twofold.  In  the  first  place,  the  cracked  element  experiences  a  lower 
stress,  to  the  effect  that  growth  rates  are  reduced.  However,  the  load  transfer  through  adjacent  fasteners 
may  induce  other  cracks.  These  cracks  may  occur  in  the  same  element,  which  leads  to  multiple  parallel 
cracks.  Also,  they  may  occur  In  the  underlying  reinforcements.  In  case  that  load  transfer  occurs  through 
the  fastener  In  the  cracked  hole  (lap  joints,  stringer  run  outs),  the  cracking  tends  to  reduce  the  load 
transfer.  This  reduces  the  stresses  at  the  cracked  fastener  at  the  expense  of  higher  stresses  at  adjacent 
fasteners,  which  again  may  develop  multiple  cracks.  A  rigorous  damage  tolerance  analysis  might  have  to 
consider  these  possibilities. 

An  extreme  case  of  load  transfer  to  reinforcing  elements  occurs  In  stiffened  panels  If  the  cracks  grow 
long.  A  skin  crack  across  a  stringer  leads  to  extremely  high  growth  rates  in  the  stringer  once  it  cracks. 
Cracks  extending  to  the  next  stringer  Induce  a  high  load  transfer  also,  leading  to  low  fatigue  endurance 
of  that  stringer. 

Many  joints  are  designed  for  the  specific  purpose  of  load  transfer,  e.g.,  most  pin-lug  joints,  chord- 
wise  splices,  etc.  Analysis  of  these  joints  requires  the  determination  of  the  amount  of  load  transfer 
through  each  of  the  fasteners.  Lap  joints  and  load  bearing  splices  contain  eccentricities.  The  bending 
stresses  due  to  these  eccentricities  will  have  to  be  accounted  for.  Finally,  a  crack  occurring  at  one  of 
the  holes  in  the  joint  will  change  the  local  stiffness  and  cause  a  redistribution  of  load  transfer,  w.iich 
In  turn  will  affect  the  stress  intensity. 

In  most  cases,  a  conventional  stress  analysis  will  be  adequate  to  provide  the  necessary  information 
for  a  damage  tolerance  assessment.  The  conventional  stress  analysis  provides  the  stresses  at  the  relevant 
fastener  holes.  One  of  the  solutions  discussed  In  the  previous  sections  can  then  be  used  to  determine  the 
stress-intensity  factor.  In  this  manner,  it  can  be  established  which  joints  have  ample  damage  tolerance 
and  which  are  marginal.  The  marginal  joints  could  be  redesigned;  however.  If  the  existing  design  Is  accepted 
a  more  elaborate  analysis  may  be  In  place  for  these  critical  locations.  A  finite-element  analysis  would 
then  be  required. 

In  general,  the  finite-element  analysis  will  be  of  the  sub- model  type.  First,  a  relatively  large, 
but  coarse  model  Is  made  of  all  elements  of  the  joint  and  the  surrounding  structure.  No  cracks  are  assumed 
yet.  Subsequently,  a  finer  sub-model  Is  analyzed  that  contains  only  the  structural  elements  In  the  critical 
area.  The  boundary  conditions  for  this  sub-model  are  obtained  from  the  large  model.  A  crack  is  assumed  at 
the  critical  location  in  the  most  critical  structural  element.  However,  an  extremely  fine  mesh  around  the 
crack  is  not  yet  necessary,  since  this  first  sub-model  is  used  only  to  determine  the  effect  of  the  crack  on 
load  transfer.  Finally,  another  sub-model  is  made  of  only  the  critical  structural  element  at  the  critical 
location.  Again,  the  boundary  conditions  follow  from  the  previous  model.  A  refined  mesh  at  the  crack  tip 
la  made  for  an  adequate  calculation  of  the  stress-intensity  factor. 

Alternatively,  Instead  of  the  last  sub-model,  one  of  the  solutions  discussed  In  the  previous  sections 
can  be  used  to  determine  the  stress-intensity  factor,  since  the  last  sub-model  has  reduced  the  complex  joint 
to  the  basic  case  of  a  crack  emanating  from  a  hole  in  a  plate. 

The  procedure  of  sub-modeling  is  illustrated  in  Figure  9.  The  technique  is  discussed  also  In  one  of 
the  example  problems  later  in  this  chapter. 

4.3  DAMAGE  TOLERANCE  ANALYSIS 

4.3.1  Scope 

In  principle,  the  actual  damage-tolerance  analysis  of  a  joint  is  no  different  than  for  any  other  struc¬ 
tural  detail.  A  crack-growth  calculation  and  a  residual-strength  calculation  are  required.  In  this  respect, 
similar  difficulties  are  encountered  as  in  any  damage- tolerance  calculation.  These  are  associated  with  the 
stress  spectrum,  stress  history,  crack-growth-integration  technique,  retardation  modeling,  etc.  Although 
these  problems  may  be  of  more  significance  than  any  other  of  the  problems  encountered  in  the  analysis  of 
Joints,  they  are  not  specific  for  joints.  They  ure  adequately  treated  elsewhere (9 , X8J  and  they  are  beyond 
the  scope  of  this  chapter. 

A  number  of  problems,  specific  for  the  damege-tolerance  analysis  of  Joints  will  be  discussed  in  the 
following  subsections.  The  details  of  how  tc  perform  crack  growth  and  residual-strength  analysis  will  be 
assumed  well-known. 

4.3.2  Residual  Strength 

In  the  case  of  through  cracks,  particularly  when  plane  stress  prevails,  the  critical  crack  size  is 
usually  on  the  order  of  the  hole  diameter  or  larger.  Then  the  simple  engineering  solution  for  the  stress 
Intensity  that  considers  the  hole  part  of  the  crack,  is  adequate  for  residual-strength  analysis.  The 
accuracy  is  much  better  than  the  scatter  in  material  behavior,  so  that  more  refined  analysis  is  not  necessary. 
This  was  demonstrated  by  experimental  data  on  large  panels  with  through  cracks  at  holes. 

In  the  case  of  corner  cracks  and  embedded  cracks  in  plane  strain,  the  effect  of  the  hole  and  the  crack 
shape  has  to  be  accounted  for.  Solutions  for  K  were  discussed  in  the  previous  section.  In  all  cases,  the 
stress  intensity  varies  along  the  crack  front.  It  is  usually  assumed  that  fracture  occurs  when  the  maximum 
stress  intensity  (anywhere  along  the  periphery  of  the  crack)  is  equal  to  the  fracture  toughness. 
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Despite  the  technical  importance  of  the  problem,  a  large  acale  experimental  study  to  check  the  uaeful- 
neaa  of  the  stress-intensity  solutions  to  predict  the  residual  strength,  has  never  been  performed,  Se/eral 
Investigations  were  conducted  In  which  Halted  ranges  of  the  relevant  parameters  were  considered.  Almost 
all  analysis  aethods  gave  good  resulta  when  applied  to  such  Halted  sets  of  data.  However,  the  differences 
aaong  the  various  solutions  are  large  enough (9 ,18)  to  state  that  aost  of  thea  oust  have  Halted  applica¬ 
bility.  To  some  extent  this  may  be  caused  by  the  assumption  that  the  highest  stress  Intensity  Is  a  measure 
for  the  residual  strength. 

(14) 

In  this  respect,  the  solution  by  Hall  and  Engstrom  is  interesting,  because  it  providee  the  variation 
of  the  stress  intensity  along  the  crack  front.  Some  fracture  test  data  provided  by  Ball  and  Engstrom  are 
reproduced  In  Figure  10.  The  figure  shows  the  calculated  variation  of  K  along  the  crack  front  at  the  onset 
of  fracture  for  this  flaw  shape.  If  the  analysia  Is  assumed  correct,  it  follows  from  Figure  10  that  fracture 
occurred  when  the  material  at  8  %  20*  was  subjected  to  a  K  equal  to  . 

Now  the  difficulty  Involved  In  the  method  becomes  apparent.  In  order  to  be  able  to  predict  the  residual 
strength  of  a  given  configuration,  one  has  to  know  which  K  to  use.  If  one  chose  to  assume  that  K  at  6  •  20* 

Is  the  significant  quantity,  failure  would  be  predicted  at  point  A  for  the  given  Kjc .  Actual  test  data  vary 
between  P  and  Q.  If  any  other  crack  configuration  were  to  be  analyzed  by  the  same  method,  the  significant 
value  of  8  for  that  particular  case  would  have  to  be  known.  It  Is  obvious  from  Figure  10  that  a  different 
choice  of  8  would  affect  the  outcome  of  the  prediction.  Not  only  the  stress-intensity  factor  varies  along 
the  crack  front,  also  the  fracture  toughness  may  be  different  In  different  directions.  Materials  with 
greater  anisotropy  than  4340  steel  may  exhibit  another  critical  8,  If  Kjc  in  the  direction  of  that  8  Is 
significantly  lower  than  in  ocher  directions.  In  order  to  make  the  method  useful  for  engineering  applica¬ 
tions,  test  programs  are  required  to  establish  the  fracture  condition  In  terms  of  the  angle,  8.  The  tests 

would  have  to  cover  different  configurations,  and  do  so  for  a  wide  range  of  the  geometrical  parameters  B, 

D,  a,  and  c.  Of  course,  any  other  analysis  procedure  would  be  faced  with  the  same  problem.  The  approaches 
discussed  in  the  previous  sections  either  assumed  8  »  0  or  90*  to  be  critical,  or  they  empirically  established 
an  effective  crack  size  which  Implicitly  accounts  for  the  correct  8. 

The  data  in  Figure  10  can  be  analyzed  easily  by  considering  the  hole  as  part  of  the  crack.  The  defect 
then  would  be  a  surface  flaw  of  approximately  semielliptical  shape,  with  major  axis  2c  »  2c  +  D  and  minor 
axis  'a%a.  The  flaw  shape  parameter,  4,  is  to  be  based  on  ~5/Zc.  Since  these  are  shallow  flaws,  the  backfree 
surface  correction  is  fairly  large  and  cannot  be  neglected.  Applying  this  correction,  assuming  o/OyS  0.5 
for  the  determination  of  the  flaw  shape  parameter,  and  taking  Kjc  -  75  ksl^Tn. ,  the  fracture  stresses,  o, 

of  the  specimens  In  Figure  10  are  predicted  as  82,  94,  79,  114,  100,  and  68  ksi.  The  actual  fracture  stresses 

are  listed  In  the  same  order  in  Figure  10.  The  estimates  are  unconservative  by  only  6  to  12  percent.  Thus, 
this  simple  procedure  may  be  suitable  for  a  quick  appraisal  of  the  order  of  magnitude  of  the  failure  stress. 

The  lesson  to  be  learned  from  this  discussion  is  that  the  problem  of  calculating  the  residual  strength 
of  a  joint  is  not  solved  by  having  a  solution  for  the  stress-intensity  factor.  Indeed,  it  Is  doubtful 
whether  a  rough  approximate  solution  for  the  stress-intensity  factor  is  worse  than  a  rigorous  solution  ob¬ 
tained  from  expensive  finite-element  analyses.  Therefore,  such  rigorous  solutions  need  to  be  generated  for 
the  most  critical  cases  only.  However,  regardless  of  the  sophistication  of  the  K-solution,  one  still  Is 
left  with  the  assumption  that  the  maximum  K  will  dictate  fracture.  Since  this  will  generally  be  a  conserva¬ 
tive  assumption.  It  Is  the  one  adopted  in  virtually  all  residual-strength  analyses. 

4.3.3  Propagation  of  Cracks  at  Holes 

(9) 

Fatigue  through  cracks  emanating  from  holes  were  studied  by  Rau  and  Burck  .  They  used  specimens  of 
Udlmet  700,  containing  small  holes.  In  their  analysis,  they  used  Lhe  Bowie  solution  with  an  appropriate 
width  correction. 

Due  to  the  smallness  of  the  holes,  the  crack  size  is  soon  on  the  order  of  the  hole  diameter.  Hence, 
the  effect  of  the  hole  can  only  be  found  at  low  AK  values.  In  this  region  the  data  were  close  to  the  refer¬ 
ence  curve,  Indicating  that  the  Bowie  analysis  worked  well. 

Test  data^  for  2024-T3  aluminum  sheet  show^’®’^  that  crack  growth  from  holes  is  very  similar  to 
the  growth  of  a  central  crack,  the  differences  being  of  the  order  of  magnitude  of  the  usual  scatter  In  crack 
growth.  This  means  that  the  hole  can  well  be  considered  part  of  the  crack  if  the  amount  of  crack  extension 
covered  is  on  the  order  of  one  or  a  few  times  the  hole  diameter,  depending  upon  the  hole  size. 

Some  da/dN  data  of  the  specimens  are  given  in  Figure  11,  based  on  the  Bowie  analysis.  According  to 
Figure  11,  the  cracks  emanating  from  holes  grow  slightly  faster  Initially  than  normal  central  cracks  at  the 
same  AK.  This  may  be  due  to  the  fact  that  crack  closure  is  less  effective  due  to  the  presence  of  the  hole. 

Since  a  relatively  large  part  of  the  crack-grcwth  life  is  spent  while  the  crack  is  still  small  compared 
to  the  hole,  predictive  calculations  often  should  make  use  of  the  Bowie  solution.  By  the  same  token.  If 
much  of  the  life  is  spent  while  the  cracks  are  small,  the  accuracy  of  the  solution  Is  of  great  impact  for 
the  accuracy  of  the  prediction.  However,  as  shown  above,  discrepancies  may  not  so  much  be  a  result  of  in¬ 
accurate  stress  intensities  as  well  as  of  the  lack  of  similitude.  Small  cracks  at  holes  have  a  different 
history  than  the  cracks  used  for  derivation  of  the  baseline  da/dN  data.  As  a  result,  conditions  of  equal  K 
are  associated  with  different  plastic  histories,  closure,  and  residual  stress.  Thus  some  differences  In 
growth  rates  should  be  expected.  However,  in  general,  damage-tolerance  analysis  assumes  that  equal  K  is 
enough  guarantee  for  similitude,  so  that  baseline  data  are  applicable  to  all  cases.  Although  this  is  a 
general  problem  in  crack-growth  analysis.  It  is  more  pronounced  in  the  case  of  cracks  at  holes.  Nevertheless, 
the  prediction  of  crack  growth  can  be  reasonably  accurate  as  shown  by  Crews  and  White^O).  Their  predicted 
crack-growth  curves  (based  on  Bowie  and  on  center  crack  basic  data)  are  compared  with  actual  test  results 
in  Figure  12. 

With  respect  to  comer  cracks  and  elliptical  cracks  at  holes,  the  accuracy  is  more  difficult  to  assess. 
Fatigue-crack  propagation  of  elliptical  flaws  Is  a  problem  for  which  a  generally  accepted  analysis  method  is 


not  yet  available.  The  complication  of  the  presence  of  a  hole  seems  only  minor.  More  than  In  the  case  of 
fracture,  the  variation  of  K  along  the  crack  front  la  of  concern  for  fatigue-crack  propagation. 

A  semielliptical  surface  flaw  has  its  highest  stress  intensity  at  the  end  of  the  minor  axla,  the  stress 
Intensity  at  the  surface  being  lover  by  a  factor  /a/c.  Assuming  that  fatigue-crack  growth  in  all  directions 
la  governed  by  the  same  relation  between  da/dN  and  AK,  the  crack  will  grow  faster  Inward  than  along  the  sur¬ 
face,  thus  Increasing  Its  ratio  a/c.  When  a  %  c,  the  stress  Intensity  is  essentially  constant  along  the 
crack  front.  Consequently  da/dN  will  be  the  same  at  any  crack  tip  element  and  the  crack  remains  semicircular. 

(21) 

This  tendency  of  cracks  to  become  semicircular  was  observed  by  Mukherjee  and  Bums  in  plexlglas 

sheet,  a  material  not  showing  directional  effects.  Irrespective  of  the  Initial  c/a  ratio,  the  cracks  changed 
shape  until  c/a  £  0.96.  Similar  results  were  obtained  by  Com(22)  for  an  aluminum  alloy,  two  steels  and  two 
titanium  alloys.  Marked  deviations  from  this  behavior  occurred  In  the  case  of  bending,  when  the  crack  depth 
approached  mldthlckness .  Deviations  may  also  occur  when  the  crack-growth  properties  in  the  thickness  direc¬ 
tion  differ  from  those  In  width  direction.  Finally,  there  la  an  Increasing  effect  of  the  back-free  surface 
when  the  crack  moves  further  inward,  resulting  in  an  extra  variation  of  K  along  the  crack  front. 

If  standard  fracture  mechanics  approaches  apply  to  surface  flaws,  there  Is  a  basis  to  assume  that  they 
apply  to  elliptical  flaws  at  holes  as  well.  Due  to  the  larger  variation  of  K  along  the  crack  front  (Figure 
10),  the  change  of  shape  must  be  expected  to  be  more  pronounced  than  in  the  case  of  surface  flaws.  Therefore 

it  Is  unlikely  that  crack  growth  can  be  reliably  predicted  If  a  flaw  of  constant  shape  Is  assumed.  It  Is 

probably  even  Insufficient  to  consider  both  the  growth  of  c  and  a;  one  or  two  Intermediate  positions  may  be 
required. 

Once  the  scene  is  set  for  a  reliable  prediction  of  crack  growth,  there  remains  one  technical  problem. 

This  concerns  the  assumption  of  initial  flaw  shapes.  Depending  upon  the  assumed  damage,  machining  practice, 

fastener  type,  etc.,  an  endless  variation  of  initial  flaw  shapes  can  occur.  For  a  surface  flaw,  the  crack- 

propagation  life  until  critical  size  Is  reached,  depends  more  on  flaw  shape  than  upon  Initial  flaw  size  and 
fracture  toughness (23) .  The  same  holds  for  flaws  at  holes. 

It  might  be  argued  that  the  flaw  shape  giving  the  shortest  life  should  be  prescribed.  Most  likely  this 
would  call  for  too  frequent  inspections  or  for  inefficient  weight  penalties.  As  in  all  damage  tolerance 
requirements,  a  certain  risk  of  premature  failure  will  have  to  be  accepted.  Therefore,  the  most  likely 
initial  flaw  shapes  may  have  to  be  disregarded.  Establishment  of  a  prescription  for  one  or  more  initial 
flaw  shapes  would  require  an  analysis  of  many  configurations  along  the  lines  discussed  above. 

At  this  point  It  should  be  emphasized  that  the  selection  of  a  conservative  but  arbitrary  size  and  shape 
of  initial  flaw,  may  not  produce  the  same  degree  of  conservatism  In  all  cases.  This  Is  clearly  demonstrated 
in\  Figure  13  which  shows  crack-growth  curves  for  flight-by-flight  loading  for  five  different  crack  geometries. 
The  cracks  start  at  an  assumed  Initial  crack  size  of  0.02  Inch. 

Consider  first  Case  E.  If  for  reasons  of  conservatism  the  Initial  crack  was  assumed  to  be  0.05  inch, 
the  crack-growth  life  would  be  approximately  16,000  flights.  Crack  growth  from  0.02  to  failure  covers 
roughly  twice  as  many  flights.  Thus  the  assumption  of  the  larger  Initial  crack  buys  a  factor  of  2  in  con¬ 
servatism. 

In  Case  B,  however,  the  life  of  an  0.02  crack  is  approximately  6,000  flights,  and  the  life  of  an  0.05 
crack  is  5,000  flights.  Thus,  the  assumption  of  the  larger  Initial  crack  buys  ouly  a  factor  of  1.2  in  con¬ 
servatism.  The  difference  is  due  to  the  fact  that  the  stress-intpnaity  factor  for  a  small  crack  at  the 
edge  of  a  hole  increases  very  rapidly  with  crack  size  (much  more  so  than  for  the  elliptical  crack) . 

The  conclusion  to  be  derived  from  Figure  13  is  that  assumptions  that  provide  conservative  predictions 
in  some  cases,  may  provide  only  marginally  conservative  predictions  in  other  cases.  Generally,  this  can 
easily  be  foreseen  (as  in  the  example  of  Figure  13).  Therefore  each  case  should  be  considered  by  its  own 
merits.  Attempts  to  cover  all  crack  problem  with  general  assumptions  can  lead  to  dangerous  optimism. 

4.3.4  Crack  Growth  in  Fastened  Joints 

Some  special  problems  occur  in  the  analysis  of  crack  growth  in  fastened  joints.  These  are 

•  Residual  stresses  due  to  interference  fit  fasteners  and  mandrellzlng  (hole  expansion) 

•  Crack  growth  through  rows  of  holes  in  multiply  fastened  joints 

•  Multiple  cracks  and  merging  of  cracks  in  rowa  of  holes 

•  Fretting. 

The  question  may  be  raised  whether  it  is  practical  to  deal  with  these  detailed  problems.  At  present, 
it  may  be  premature  in  view  of  the  following  reasons: 

(a)  The  analysis  of  a  cracked  hole  is  still  not  satisfactory. 

(b)  The  scatter  in  raw  data  makes  predictions  inaccurate  anyway. 

(c)  There  is  still  no  reliable  methodology  to  account  for  load  interaction  and  retardation. 

(d)  There  are  additional  unknowns  in  the  load  history,  temperature  history,  and  the  effect  of  environ¬ 
ment. 


Therefore,  a  general  analysis  of  the  Hated  problem*  may  suffice.  It  would  provide  an  appreciation 
of  the  relative  significance  of  each  of  them.  Then  they  could  be  dealt  with  In  an  approximate  way,  without 
the  neceaalty  of  costly  detailed  analysis  of  each  particular  structural  geoaatry. 

(24) 

The  case  of  multiple  cracks  at  holes  was  analyzed  by  Burck  and  Kau  .  They  determined  stress- 
intensity  factors  for  single  and  multiple  cracks  at  linear  arrays  of  holes,  either  perpendicular  or  parallel 
to  the  load  path.  The  result  Is  shown  In  Figure  14(a) .  Multiple  collnear  cracks  soon  attain  a  high  stress 
Intensity.  The  single  crack  In  this  configuration  would  only  reach  a  high  K  when  approaching  the  neighbor¬ 
ing  hole  (see  also  the  section  on  arrest  capabilities  of  holec).  If  nultlple  cracks  are  aligned  In  the 
loading  direction,  there  Is  an  Important  shadow  effect  giving  a  significant  reduction  of  K. 

On  the  basis  of  Figure  14(a),  Burck  and  Rau  predicted  crack-gro* th  lives  for  wrought  Udimet  700.  Their 
results  are  given  in  Figure  14(b).  Due  to  the  presence  of  multiple  noles,  the  lifetime  of  single  cracks 
appears  to  be  influenced  by  a  factor  of  0.5  -  3  as  compared  with  a  single  crack  at  a  single  hole.  Multiple 
cracks  show  an  even  larger  difference  in  growth  lives.  The  case  of  multiple  cracks  in  an  array  parallel  to 
the  load  axis  is  unstable.  If  one  of  the  cracks  becomes  longer  than  the  others,  its  K  Increases,  while  K 
of  the  other  cracks  decreases.  The  effect  is  larger  for  longer  cracks,  so  that  the  array  Is  likely  to 
promote  one  crack  to  grow  to  failure.  For  collnear  cracks,  the  K  for  all  cracks  Increases  If  any  one  crack 
becomes  larger. 

(25) 

Some  data  regarding  the  effect  of  fasteners  are  presented  In  Figure  15.  They  show  the  large  bene¬ 
ficial  effect  of  interference  and  cold  working.  In  the  case  of  load  transfer,  the  crack-propagation  rates 
were  significantly  higher (25) .  Large  interference  leads  to  slower  growth  rates.  Equal  mounts  of  growth  of 
a  corner  crack  at  an  unloaded  taperlok  bolt  In  2219-T851  aluminum  took  29,  21,  and  12  kilocycles  at  Inter¬ 
ferences  of  0.0060,  0,0038,  and  0.0024,  respectively (24) ,  tn  the  case  of  the  open  hole,  the  same  crack 
growth  occurred  In  only  6  kilocycles. 

These  data  Indicate  some  trends,  but  they  cannot  be  generalized.  Other  stress  levels,  other  fastener 
systems,  and  load  transfer  may  change  these  results  considerably.  So  many  paramecers  are  Involved  that 
systematic  test  data  are  hard  to  find,  If  at  all  available.  Investigations  to  the  effect  of  fasteners  all 
tend  to  Include  too  many  of  these  parameters,  to  an  extent  that  even  elaborate  test  programs  often  fall  to 
give  generalizable  results.  Another  shortcoming  of  the  tests  Is  Inherent  In  the  production  of  specimens. 

In  order  to  obtain  the  required  starter  crack,  the  specimens  are  precracked  before  the  interference  fit 
fastener  is  Installed  or  before  the  hole  is  cold  vorked.  Both  procedures  are  liable  to  build  additional 
residual  acre'  es  into  the  crack  tip  area.  A  different  stress  system  would  exist  at  the  crack  tip  If  It 
had  grown  after  fastener  Installation  or  hole  expansion.  Conceivably,  also,  crack-growth  behavior  would  be 
different. 

Fastener  holes  usually  occur  in  rows.  A  crack  Initiated  at  one  of  them  may  interact  with  other  holes 
In  the  crack  path.  If  a  fatigue  crack  runs  into  a  hole,  it  may  be  arrested  there  for  a  considerable  time. 
Therefore,  holes  are  often  considered  as  useful  crack  stoppers.  Unfortunately,  It  turns  out  that  this  Is 
seldom  true. 

(30) 

Islda  has  determined  stress-intensity  factors  for  cracks  approaching  holes.  If  the  crack  tip  Is 
in  the  vicinity  of  the  hole,  the  stress  intensity  tends  to  infinity.  This  can  be  observed  also  in  Figure 
14(a).  Consequently,  the  fatigue  crack  must  run  into  the  hole  at  an  extremely  fast  rate.  If  the  crack 
reaches  the  hole,  the  defect  size  Is  suddenly  increased  by  the  hole  diameter.  When  the  crack  reinitiates 
at  the  other  side,  there  is  a  much  larger  crack  with  an  inherently  higher  growth  rate.  These  two  effects 
appear  to  offset  the  gain  in  life  from  the  dormant  period  necessary  for  reinitiation. 

/eg) 

This  is  confirmed  by  the  test  data"  shown  in  Figure  16.  Irrespective  of  the  size  and  spacing  of 
the  holes,  the  crack-propagation  curve  is  practically  identical  to  the  reference  curve,  the  differences 
being  on  the  order  of  the  normal  scatter.  Crack-growth  rates  as  a  function  of  AK  (on  the  basis  of  Isids’s 
solution)  satisfy  the  reference  curve (26) .  Hence,  the  case  can  be  treated  with  normal  fracture  mechanics 
procedures  (that  do  not  include  the  dormant  period).  In  the  DSAF  damage  tolerance  requirements (22) ,  the 
dormant  period  is  completely  neglected.  The  requirements  assume  the  existence  of  an  0.005  inch  crack  at 
the  other  side  of  the  hole  when  a  crack  runs  into  a  hole. 


Probably,  the  beneficial  effect  of  the  hole  is  much  larger  in  the  case  of  mandrelized  holes.  Crack 
growth  into  the  hole  is  not  likely  to  be  affected  much  by  the  expansion,  but  the  residual  compressive 
stresses  will  certainly  lengthen  the  reinitiation  period.  There  are  no  test  data  available  to  prove  this 
point.  It  is  confirmed  indirectly  by  tests  on  expanded  stopholes(28) . 

Arrest  of  fatigue  cracks  can  be  attained  in  three  different  ways: 

(a)  Reduction  of  stress  concentration. 

(b)  Introduction  of  residual  compressive  stresses. 

(c)  Reduction  of  stress-intenaity  factor. 

Reduction  of  the  stress  concentration  occurs  when  the  crack  runs  into  a  hole.  A a  shown  previously,  this  may 
not  be  beneficial  unless  there  are  also  residual  stresses  as  a  result  of  mandrelizing.  Reduction  of  ihe 
stress-intensity  factor  occurs  when  the  crack  approaches  a  reinforcement  element  (e.g.,  a  stringer).  The 
result  is  that  the  crack-growth  rates  are  drastically  reduced,  although  a  total  arrest  may  not  occur.  Since 
stringers  are  usually  attached  to  the  skin  by  means  of  fasteners;  total  arrest  can  occur  if  the  crack  runs 
into  a  fastener  hole. 

The  capability  of  holes  to  arrest  post-instability  crack  growth  is  a  matter  of  great  interest.  The 
problem  is  a  complicated  one  because  it  has  to  be  treated  on  the  basis  of  dynamic  stress  intensity  and 
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elastic  energy  riliue  rates,  while  there  may  also  be  a  contribution  of  kinetic  energy.  *  qualitative  analy¬ 
sis  of  dynamic  crack  arrest  can  ba  made  In  principled?) ,  and  this  could  bo  extended^ to  give  a  qualitative 
formulation  of  the  affect  of  holes.  From  an  Investigation  by  Cob  ay  ash  1,  at  *1.(29,30)^  ou  bs  concluded 
that  tha  arrest  power  of  sea’.l  holes  Is  probably  poor.  Thorafora,  the  arrest  capability  of  holes  In  genaral 
is  probably  not  of  great  technical  laportanea. 

A  particular  case  of  arrest  at  holes  occurs  In  stiffened  panels,  whore  the  arrest  nay  bo  essential  to 
tha  fail-safe  strength.  This  subject  Is  dealt  with  In  tha  chapters  on  stiffened  structures. 

A.A  EXAMPLES 

4,4,1  Introduction 

tha  nuaber  of  axaaples  received  was  saall.  Also,  there  vaa  no  uniformity  In  their  presentation,  nor  In 
the  aaount  of  detail  provided,  therefore.  It  was  virtually  Impossible  to  cast  all  axaaples  In  a  similar 
format.  Instead,  It  was  decided  to  present  the  brief  exaaples  In  their  original  but  edited  form,  without 
atteapts  to  arrlva  at  some  uniformity.  Exaaples  for  which  mors  details  ware  provided  were  abbreviated  to 
provide  an  abstract  that  still  retains  the  essential  features  of  tha  analysis.  It  Is  emphasised  that  the 
way  of  presentation,  the  contents  and  conclusions  are  the  responsibility  of  tha  contributors.  Ho 
changes  ware  made  other  than  for  the  saka  of  legibility.  At  the  end  of  each  example,  a  brief  cement  la 
provided  by  the  editor. 
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4.6  EXAMPLE  PROBLEMS 
EXAMPLE  PROBLEM  4.6.1 


CRACK  PROPAGATION  IN  LOGS  ON  AFT  FLAP  LINKS 

M.  Bradley,  British  Aerospace 
(Literal) 


1.  STATEMENT  OF  THE  PROBLEM 

This  calculation  was  undertaken  in  order  to  obtain  an  inspection  crack  else  for  lugs  on  the  aft  flap 
links  of  a  medium  transport  aircraft.  The  Hall  and  Finger  aethod  of  analysis  for  a  crack  at  a  hole  was 
first  c capered  with  soae  data  for  shackles  froa  another  aircraft,  but  of  the  seas  material,  and  a  factor 
deduced  to  give  the  correct  Kjc  value  at  failure. 

The  aft  flap  link  is  shown  in  Figure  1.  The  load  apactrua  consisted  of  two  cycles  per  flight,  each 
ascending  froa  ssro  to  a  certain  arlaa  value. 

2.  INTERPRETATION  OF  SHACKLE  DATA  FROM  A  PREVIOUS  AIRCRAFT 

The  shackle  data  were  available  only  In  tens  of  failure  stress  as  a  function  of  cracked  area,  as  shown 
in  Figure  2.  Assuming  the  cracks  were  of  elliptical  shape,  their  area  is  *pq/4,  and  q  ■  0.83  p.  So  p  and  q 
can  be  derived  for  any  point  on  the  curve. 

K  was  calculated  for  5  points  on  the  curve  without  using  an  edge  factor.  The  KIc  value  of  the  material 
was  then  divided  by  the  cslculated  K  to  give  the  required  edge  factor  value  for  each  point.  A  curve  was 
then  plotted  of  edge  factor  against  (iH-2q  gf)/D  as  shown  in  Figure  3. 

3.  STRESS- INTENSITY  FACTOR 

The  foraula  used  for  the  stress-intensity  factor  was  the  one  proposed  by  Hall  and  Finger: 


(crack  at  both  sides  of  hole)  qeff  is  the  length  of  a  through  crack  equivalent  to  the  corner  crack  and  la 
derived  using  a  plot  of  qcff/q  against  P/B  for  the  required  P/q  ratio. 

Fg  is  the  Bowie  Factor  which  caters  for  the  effect  on  the  hole  on  the  crack. 

Fg  is  an  edge  factor  based  on  the  diaaeter  of  the  hole  plus  the  two  equivalent  through  crack  lengths 
being  equal  to  the  length  of  a  crack  In  a  center  cracked  panel.  This  factor  was  derived  empirically  froa 
the  shackle  data  and  tnen  used  for  the  flap  lugs. 

4.  CALCULATION  OF  CRACK  GROWTH  AND  CRITICAL  CRACK  SIZE 

The  required  residual  strength  was  equal  to  tha  cyclic  stress. 

Using  the  aethod  derived  above,  the  K  values  were  calculated  for  the  midpoints  of  successive  .05-lnch 
Increments.  The  values  of  qeff  were  also  calculated  for  the  edge  points  of  the  lncnaent.  It  was  found  that 
the  K ic  value  of  the  aaterlal  wee  not  reached  at  the  outer  edge  of  the  lug.  Aa  the  theory  is  not  applicable 
after  this  point  and  the  shape  of  the  graph  of  K  against  q  was  very  steep,  it  was  decided  to  take  the  failure 
point  as  the  edge  of  the  lug. 

Ihe  R  value  for  the  load  cycle  vas  zero  and  so  the  aas  K  values  calculated  above  were  also  the  AK  values 
for  the  propagation  calculation.  Crack-growth  data  for  the  S99  aaterlal  sere  obtained  froa  the  National 
Physical  Lab  Report  MG/EF/365/72.  The  data  were  represented  by 


da/dH  -  1.6  a  10"14  AK1-9 

Since  a  refers  to  the  length  of  a  through  crack,  it  follows  that  a  -  qcff.  Froa  this  dq/dN  values  were 
calculated  at  .03  In  lncreaeuta. 

Hence  for  each  segaent: 


qef£  (*nd)  " 

Cycles  to  grow  through  segment  *  - - 

The  cycles  for  each  segaent  were  added  to  the  sua  of  the  previous  ones  to  give  the  nuaber  of  cycles 
froa  zero  to  that  length.  A  curve  was  then  plotted  through  the  points  obtained  by  the  aethod  above.  When 
a  desired  Inspection  period  had  been  decided  this  was  stepped  bsck  froa  the  failure  point  and  the  correspond¬ 
ing  crack  length  reed  off  (Figure  4).  This  crack  length  then  had  to  be  of  sufficient  length  to  be  detectable. 

5.  DISCUSSION 

Unfortunately  no  test  results  are  available  for  the  flap  links  so  that  no  coaaent  can  be  aade  on  the 
accuracy  of  this  aethod.  However,  the  ezaaple  Illustrates  the  general  philosophy  used:  wherever  possible 


the  given  equation*  are  modified  using  test  data  froa  components  similar  to  the  one  to  be  analyzed.  This 
approach  has  been  used  because  experience  has  shown  that  no  one  method  la  capable  of  covering  all  cases 
adequately.  The  choice  of  the  Ball  and  Finger  method  as  a  base  for  the  calculation  stems  froa  the  limited 
saount  of  data  available.  The  method  advocated  by  Broek,  although  theoretically  superior  requires  several 
corrections  of  a  complicated  nature  vhlch  would  require  large  amounts  of  data  to  fully  cover  them  and  this 
amount  of  data  is  not  generally  available.  A  numerical  example  follows  which  will  help  clarify  the  fore¬ 
going  outline. 

6.  NUMERICAL  EXAMPLE 

A.  Shackle 

D  -  3.64;  d  -  1.328;  B  •  0.8.  Ultimate  design  stress  is  80  tons/in.2.  X  stress  is  expressed  as  net 
stress;  gross  stress  »  net  stress  x  (D  -  d)/D;  q  -  0.83  p. 

For  loss  of  area  of  10Z 

area  lost  0.1  x  (2,64-1.328)  x  ,8  ... 

per  side  2 

-  wpq/4  -  v  x  .83  p2/4;  p  -  0.2835;  q  -  0.2353 
Z  ultimate  stress  -  76.5. 


Hence,  gross  stress  «  76.5  x  80  x  2240  x 
From  Hall  and  Finger  Curve;  q.ff/q  -  -66 


2.64  -  1.328 
2.64 


68024  psi;  p/q  -  1.2048;  p/B  -  0.3544. 


-  .66  x  .2353  -  .1538; 


qeff  .1533 


-  .1154. 


From  Bowie  Curve  for  crack  each  side  of  hole:  Fg  »  2.32 

.87  o*^q^  Fb  -  .87  x  68024  x  ✓*  x  .1533  x  2.32  -  95,283  psi/inT 
For  S99  Kjc  -  80, 000 /ps li/in. ;  Fg  -  80,000/95,283  -  0.8396 

H£eff  .  1,328  ,x  2  y.,,1533  .  Q<6192. 

D  2.64 

Results  for  various  values  of  (d+2qe^j)/D  are  plotted  in  Figure  3. 

B.  Aft  Flap  Link  Too  Lug 

d  -  1.125;  D  “  1.6;  B  *  0.5.  Gross  stress  -  6693  psi.  K  was  calculated  using  the  same  method  as  for 
the  shackle  but  with  the  edge  factor.  Since  the  case  considered  now  is  a  single  crack  at  a  hole,  a  different 
Bowie  curve  is  used.  Use  of  the  derived  edge  factor  is  slightly  pessimistic  but  acceptable  for  design  pur¬ 
poses. 

S unary  of  Results 


q 

qeff 

K 

.025 

.0043 

2,215 

.05 

.016 

.075 

.0311 

5,793 

.10 

.051 

.125 

.0744 

9,078 

.15 

.0997 

.175 

.1243 

12,715 

.20 

.151 

.2188 

.1718 

19,104 

.2375 

.1193 

Propagation: 


(for  0  -  .05  inc.)  -  1.6  x  10-14  x  22151-9  -  3.6335  x  10-9 

&N 


>  .  .  .  ,016  -  0 
Cycles  for  increment  -  3"'6335  ^  10^3 

ary  of  Results  (plotted  in  Figure  4) 
Crack  Inc 


4.4035  x  10s. 


Cycles  in  Inc 


Cumulative  Cycles 


0  - 

.05  4.4035  x  10s  ' 

440,350 

.05  - 

.10  1.5494  x  105 

595,290 

.10  - 

.15  9.1887  x  104 

687,180 

.15  - 

.20  5.1024  x  10“ 

738,200 

.20  - 

.2375  1.9917  x  104 

758,120 

was  1 

year  (-15,040  cycles  with 

factor  of  2) . 

the  crack  length  which  must  be  inspectable  is  0,2068  in. 


/rtAM 


cycl£9  mt*# 

iMiT/trio*/ 


o.t€  Ojtk  a'7  o./S  a.ff  a  jo  ajx 


FIGURE  4.  PROPAGATION  CURVE  FOR  FLAP  LINK  LUG 


7.  COMMENTARY 

Calibrating  8  In  K  *  8  a  /Ta  by  adjustment  to  test  data  Is  a  co3t-effectlve  solution.  The  difficulty 
here  Is  the  (high)  Kjc  of  80  ksii'Un.  If  the  yield  strength  of  S  -  99  is  70  ksi,  the  failures  of  the 
shackle  occurred  while  the  plastic  zone  (plane  strain)  was  (80/70)2/6u  «  0.07  inch,  which  is  25  percent  of 
the  crack  size  In  the  numerical  example.  The  failure  stress  calculated  In  the  numerical  example  Is  68 
ksi,  so  that  the  entire  net  section  was  probably  yielding.  Thus,  applying  the  calculated  equivalent  stress- 
intensity  factors  for  fracture  to  fatigue-crack  propagation  (small  plastic  zone)  is  a  violation  of  simili¬ 
tude  requirements.  The  stress-intensity  factors  are  probably  too  low.  (In  the  case  of  net  section  yield 
fracture  takes  place  at  apparent  stress-intensity  factors  well  below  those  for  elastic  fracture.)  Therefore 
the  calculated  crack  growth  should  be  considered  with  reservation.  Nevertheless,  if  no  better  information 
Is  available,  the  method  Illustrated  In  the  example  can  be  very  useful. 


CAMPUS  PROBLEM  4.6.2 


COBKC  DETECTS  AT  HOLES  OP  TO*G  SPA1  BOOMS 


D.  Grant*  and  M.  Bradley 
Brltlah  Aerospace 
(Lltaral) 


1.  STATEMENT  OF  PROBLEM 

Corner  crack*  occurred  at  hole*  In  th*  wing  spar  boon*  (Figure  1)  of  a  heavy  military  aircraft  during 
it*  full  scale  fatigue  test.  Aa  a  result,  estlnates  of  the  residual  strength  and  peraisalble  inspection 
period*  war*  required.  The  residual  strength  estlnates  were  based  on  the  plane  etraln  toughness  for  th* 
aaterlal  and  the  Hall  and  Finger  stress-intensity  solution  for  a  corner  defect  at  a  hole.  Inspection  periods 
were  based  on  propsgstlon  dsta  deduced  froa  the  fractogrsphlc  examination  of  th*  fatigue  teat  speclaen 
failure.  The  predictions  ass taa  th*  damage  to  bs  corner  defects  of  quarter  circular  fora  at  each  side  of 
th*  hole. 

2.  STRESS  INTENSITY 

Th*  solution  utilized  was  thst  by  Hsll  and  Finger  for  s  corner  defect  at  a  hole,  where  the  defect  Is 
Idealized  as  an  equivalent  through  th*  thickness  crack.  This  solution  esters  for  a  finite  condition  with 
regard  to  thickness,  but  not  with  regard  to  width,  thus  a  correction  to  cover  the  latter  waa  Included. 

Since  no  test  evidence  for  defect  sizes  tpproximatlng  those  anticipated  as  being  critical  under  the  residual 
strength  loading  were  available,  an  additional  factor  of  l.S  was  included  to  cover  possible  scatter.  This 
value  waa  deduced  from  some  previous  work  on  these  boosts,  where  predictions  nade  using  th*  above  solution 
were  compared  with  plana  strain  toughness  values,  msaaured  frost  th*  sane  Material. 


1.*.,  K  -  0.87  o/*q  •f(qt)J/D).f(^a)-1.5 
where  f(q^/D)  is  the  Bowie  function  to  allow  for  the  presence  of  the  hole 

and  f  l — is  •  finite  width  correclton. 

q  Is  obtained  fron  empirically  derived  curve*  vhlch  are  a  function  of  ?/B  and  q/P  ref.  AFFDL  TR  70-1*4. 

3.  RESIDUAL  STRENGTH 

The  residual  strength  requlreaent  waa  801  of  the  design  ultimate ,  resulting  in  a  stress  of  26,160  psl. 
The  plane  strain  material  toughness  for  th*  boom  Material  In  the  longitudinal  direction  Is  27.0  ksl/ln. 

The  -tress  Intensity  as  a  function  of  crack  size  was  determined  for  the  above  loading,  and  the  crack  size 
appropriate  to  the  above  toughness  obtained.  Critical  crack  size  was  0.125  Inch. 

A  typical  evaluation  of  K  follows.  Considering  q  -  0.1  evaluate  the  size  of  the  equivalent  through 
crack  froa 

p/3  -  0.1/2.24  -  0.0446  p/q  -  1.0. 

Th*  curves  provide:  q^/q  “  0.118,  so  that  q^  «  0.118  x  0.1  »  0.0118. 

The  Bowie  function  for  q  /D  -  -  0.0189. 

U.DZj 

The  finite  width  correction  follows  fro« - •  9—  * ^-^9. vP •  0.432,  giving  f{ — 1.12. 

Thus:  K  -  0.87  x  26,160  *5. Olid*  x  3.08  x  1.12  x  1.5  -  22.67  ksl/ln. 

A  plot  of  E  against  a  Is  given  in  Figure  2. 

3.1.  Permissible  Inspection  Period 

This  was  based  on  the  propagation  data  deduced  fron  a  fractogrsphlc  examination  of  the  fatigue  failure. 
The  results  should  be  directly  applicable  since  the  loading  was  the  actual  service  spectrum.  The  permissible 
Inspection  period  Is  the  period  of  growth  from  the  crack  reaching  a  size  deemed  as  lnspectable  a^  to  the  size 
at  which  unstable  growth  would  result  under  the  residual  load  ac.  The  size  of  crack  deemed  to  be  lnspectable 
under  this  configuration  was  0.05  Inch,  thus  the  permissible  inspection  period  will  be  the  tine  for  the  crack 
to  grow  from  0.05  inch  to  0.125  Inch. 

From  the  fractographlc  examination,  it  was  known  that  to  grow  from  0.05  inch  to  0.10  Inch  requires  460 
flights.  It  was  necessary  to  estimate  the  additional  time  for  growth  from  0.10  inch  to  0.125  inch.  This 
Is  deduced  by  estimating  the  difference  In  average  rate  between  the  two  growth  periods. 

Considering  growth  fro*  0.05  inch  to  0.10  Inch  takes  N  -  460  flights,  the  average  da/dN  -  0.05/460  •  1.087  x 
lO-1*  In. /cycle. 


*r*J 


'*•'  V  - - 

Considering  growth  fron  0.10  Inch  to  0.125  Inch,  the  difference  In  average  rate  can  be  obtained  froa  the 
difference  In  X  for  each  of  the  nean  crack  sizes  of  the  tvo  growth  periods:  for  0.05  —  0.10  Inch  the 
'  average  la  0.075  inch  and  for  0.10  —  0.125  Inch  the  average  is  0.1125  inch. 

froa  figure  2  It  follows  that  the  ratio  of  the  E-values  for  these  tvo  crack  sizes  Is  1.A2.  To  obtain 
the  difference  In  rate  over  the  two  periods,  a  da/dH  *  AE  curve  for  the  aaterial  was  used.  The  average  rate 
for  the  growth  period  covered  by  the  test  {0.05  Inch  to  0.10  Inch)  was  1.087  z  10-4  in. /cycle.  According  to 
the  rate  data,  these  represented  an  effective  AE  of  21.0  ksl/In.  However,  for  the  growth  period  0.10  inch 
to  0.125  Inch  the  effective  AE  value  would  be  expected  to  have  been  21.0  x  1.42  •  29.82  kal/In. 

The  da/dN  -  AE  curve  provides  the  rata  applicable  to  this  growth  period. 

da/dH  -  3.54  x  10“4  In./cycla,  or  N  -  "  70.6  flighta,  and  H  -  460  +  71  -  531  flights. 

To  cover  scatter  in  propagation,  a  factor  of  3  Is  applied,  naklng  the  Inspection  period  177  flights. 

4.  COMMENTARY 

It  Is  considered  reasonable  practice  to  taka  crack  lncreaents  of  5  percent  (sonetlaes  10  percent)  of  the 
current  ersek  size.  The  increaent  taken  In  the  ezaaple  Is  25  percent;  however,  the  remaining  life  of  7 
flights  la  so  snail  that  the  rough  approximation  Is  well  justified  In  this  case. 


fIGURI  2.  E  VERSUS  I  fOR  5  •  26.2  ESI 


EXAMPLE  PROBLEM  4.6.1 


RESIDCAL  STRENCTH  PREDICTIONS  FOR  CORNER  DETECTS  At  BOLES  IB  STAR  BOOMS 

D.  Orange,  British  Aerospace 
(Llcsral) 


1.  STATEMENT  OT  THE  PROBLEM 

las 1 dual  strength  predictions  wars  aada  for  test  specimens  haring  corner  flaw  type  defects  at  holes. 

The  predictions  were  based  on  conventional  through- the- thickness  crack-toughness  data,  obtained  from  speci¬ 
mens  manufactured  from  the  same  material.  Various  stress-intensity  solutions  were  considered,  to  see  which 
was  the  more  appropriate.  The  test  results  were  previously  published  by  Klrkby  In  Agardograph  176,  Chapter 
VC. 3  but  In  that  Instance  predictions  were  only  made  for  one  particular  solution. 

2.  TOUGHNESS 

The  specimens  were  manufactured  from  sections  of  wing  spar  booms,  having  material  specifications  DTD683 
and  DTD5074,  respectively  (Figure  1).  The  through- the- thickness  toughness  data  for  the  type  1  Boon  Material 
(DTD683)  were  quoted  as  tjc  ■  24.6  to  31.8  kal^ln.  from  rssults  of  16  specimens  cut  from  2  residual  strength 
specimens,  and  for  the  type  2  Boom  Material  (DTD5074)  as  •  24.0  to  35.0  ks lvTn .  from  results  of  36  spec¬ 
imens  from  9  booms. 

The  crack  orientation  for  these  specimens  was  not  quoted  but  since  crack  orientation  In  the  residual 
strength  specimens  was  longitudinal,  It  should  be  concluded  that  they  were  likewise.  Which  of  the  two  sub¬ 
directions  they  represented  (L~T  or  L-S)  was  not  known.  Possibly  they  were  some  of  each.  More  recently, 
soma  additional  toughness  measurements  havs  been  made  on  the  type  1  Boom  Material,  the  results  were 

L-T  Ejc  ■  26.7  kai*7n.  average  of  4  specimens 

L-S  Kjc  -  29.0  kai/in.  average  of  4  specimens 

3.  STRESS  INTENSITY 

Three  different  stress-intensity  solutions  ware  considered. 

(a)  The  procedure  discussed  by  Broek  In  NLR-TR71033U,  where  the  defect  and  hole  are 
Idealised  as  a  large  surface  flaw.  K  la  calculated  at  the  end  of  the  major  and 
minor  axis  (Figure  2(a)). 

(b)  The  procedure  discussed  by  Hall  and  Finger  In  AFTDL  TR  70-144  where  the  defect 
la  Idealised  aa  a  through-the-thlckness  crack  of  equal  severity  (Figure  2(b)). 

(c)  The  procedure  discussed  by  Klrkby  In  Agardograph  176  where  the  defect  la  treated 
aa  a  quarter  circular  corner  crack,  using  the  surface  dimension  as  the  radius 
(Figure  2(c)). 

The  failure  stresses  calculated  by  using  the  above  stress-intensity  solutions  and  the  quoted  Kyc-values 
are  plotted  In  Figure  3  versus  the  actual  failure  stress  In  the  test.  Of  course,  a  1-to-l  relation  in  this 
figure  would  be  an  exact  prediction. 

The  solution  that  was  finally  applied  to  the  type  1  booms  was  K  -  0.795  o/va,  and  the  solution  applied 
to  the  type  2  booms  was  K  -  0.795  o/v’s/1.75.  The  factor  1/1.75  was  Introduced  to  allow  for  the  Increase  In 
restraint  Imposed  on  the  crack  due  to  the  relatively  smaller  holes. 


4.  COMfENTARY 

This  example  shows  (Figure  3)  how  difficult  It  Is  to  justify  any  stress-intensity  solution  for  cracks 
at  holes.  To  a  large  extant  this  la  caused  by  the  large  scatter  in  residual  strength  usually  observed  in  test 
specimens  with  corner  cracks  at  holes.  The  results  are  compared  on  the  basis  of  a  fixed  KIc  value  for  the 
material.  Thus  a  stress-intensity  solution  that  appears  to  give  s  poor  correlation  for  a  particular  test 
may  not  be  at  fault,  but  the  particular  test  specimen  eay  have  exhibited  an  extremely  low  or  high  KIc  as  com¬ 
pared  to  the  fixed  Kjc  value  taken  for  the  evaluation.  To  some  extent,  justification  Is  difficult,  because 
of  the  problems  discussed  in  association  with  Figure  10  In  the  main  chapter. 


TIPS  1  BOOM  SECTION 


TYPE  2  BOOM  SECTION 


FIGURE  2.  DEFECT  IDEALIZATION 


EXAMPLE  PROBLEM  4.6.* 


DAMAGE  TOLERANCE  ESTIMATES  EDI  A  LANDING  CEAJt  COHPCmi 

D.  Grange,  British  Aerospace 
(Lltaral) 


1.  STATWENT  OF  PROBLEM 

Tha  analysis  concerns  a  component  of  tha  main  wheal  landing  gaar  of  a  medium  transport  aircraft,  which 
during  tha  taatlng  of  tha  fatigue  teat  specimen,  developed  corner  defecta  at  a  drain  hole.  Calculations 
ware  aada  for  tha  basic  design  and  also  for  a  range  of  hola  diameters,  to  cover  tha  eventuality  of  tha  hole 
being  Increased  In  size  to  reaove  tha  crack.  Tha  daaage  assumed  was  a  corner  defect  of  quarter  circular 
fora,  at  both  sides  of  the  hole.  The  coaponent  la  aada  of  DTDS 104  (D.S.  equivalent  approximately  707S-T7; 
duplex  aged).  A  section  through  tha  coaponent  at  tha  drain  hola  la  shown  In  Flgura  1. 

2.  DAMAGE-TOLERANCE  PHILOSOPHY 

Two  philosophies  are  considered.  A  fail-safe  approach  based  on  growth  froa  tha  lnapectable  alts  to 
the  critical  alze,  and  a  safe  life  approach,  where  tha  hola  having  been  found  clear.  Is  increasad  In  size 
by  an  amount  equal  to  tha  lnspectabla  alza.  Tha  object  of  tha  latter  la  to  remove  any  defect  still  existing 
of  a  size  less  than  tha  lnapectable  size.  Thus  only  defects  of  effectively  zaro  alza  need  then  be  con¬ 
sidered  and  tha  safa-lifa  approach  la  therafora  based  on  the  growth  from  a  size  just  greater  than  zaro  to 
tha  critical  size.  This  latter  approach  would  ba  chosen  in  preference  to  tha  former,  whan  tha  Inspection 
Interval  would  ba  prohibitively  short. 

If  defects  are  found,  tha  general  procedure  is  to  Increase  the  slza  of  the  hola  in  Increments,  until 
a  clear  Indication  is  achieved  from  tha  inspection  technique.  Tha  appropriate  philosophy  la  then  chosen  on 
tha  basis  of  tha  resulting  hole  slza. 

Tha  detectable  defect  size  was  considered  to  be  0.10  Inch.  A  scatter  factor  on  life  of  4.0  was  assumed. 

3.  STRESS-INTENSITY  SOLUTION 

The  solution  chosen  was  the  one  by  Hall  and  Finger,  where  tha  corner  defect  at  a  hole  Is  Idealized  by 
an  equivalent  through-the- thickness  crack  at  a  hole.  The  equivalent  crack  1s  obtained  from  empirically  de¬ 
rived  curves  which  relate  corner  cracks  to  through  cracks.  This  solution  caters  for  a  finite  condition  with 
regard  to  thickness,  but  not  with  regard  to  width,  thus  a  correction  to  cover  the  latter  was  included  (i.e.. 
Item  1.1.3  of  the  Compendium  of  Stress  Intensity  Factors  by  Rooks  and  Cartwright  HMSO  1976).  The  stress 
Intensity  Is  (see  Figure  2  for  notations): 

K  •  0.87  f(q  /D)  •  f (d/b ,  a/d) 

eq  aq 

where  f(q  /D)  la  tha  Bowie  function  which  relates  q  to  the  hole  diameter  D  and  f(d/b,  a/d)  la  a  finite 
width  corfiction.  q 

4.  FRACTURE  TOUGHNESS 

In  an  attempt  to  obtain  a  realistic  estimate  of  the  critical  stress  intensity  value,  relevant  to  the 
defect  configuration,  toughness  tests  vere  conducted  on  specimens  with  corner  defects  at  holes  of  equal 
diameter  as  the  drain  hole  (l.e.,  3/16  inch).  Tha  specimens  (Figure  3)  were  manufactured  from  material  ob¬ 
tained  from  other  identical  components  with  the  defect  In  the  specimens  arranged  such  that  it  had  the  same 
orientation  aa  the  defect  In  the  fatigue  test  specimen. 

The  values  of  stress  Intensity  at  failure,  were  evaluated  ualng  tha  above  solution.  The  results 
for  6  specimens  showed  a  minimum  K^c  of  30.9  kal/ln.,  an  average  value  of  32.65  ksi/in.  and  a  standard  devi¬ 
ation  of  2.25  kai/ln.  The  value  used  In  the  subsequent  analysis  was  30  ksl/ln. 

5.  CRACR- PROPAGATION  DATA 

The  data  used  vere  obtained  from  a  fraetographlc  examination  of  the  fatigue  failure.  The  specimen  had 
been  loaded  randomly  to  the  service  spectrins,  thus  the  data  were  in  the  form  of  crack  size  versus  flights, 
aa  shown  in  Figure  4. 

These  data  are  applicable  only  to  the  hole  diameter  of  the  test  coatponeut.  To  make  it  applicable  to 
defects  at  other  hole  diameters  a  correction  oust  be  made.  The  correction  takes  the  fora  of  a  factor  on 
rate  equal  to  the  ratio  of  the  stress  Intensity  t.  ■:  a  defect  at  a  3/16-lnch  hole,  to  the  stress  Intensity 
for  that  defect  at  the  hole  diameter  under  consideration. 

6.  RESIDUAL  STRENGTH 

For  each  diameter  of  drain  hole  considered,  the  relationship  betveen  strength  and  crack  size  was  estab¬ 
lished,  using  the  solution  previously  detailed.  However,  for  small  crack  sizes,  errors  can  be  expected,  and 
a  correction  was  applied  as  In  the  Fedderaen  approach  (Figure  5),  ualng: 

a  limit  -  o  ult  x  ■2^2 
zo 


where  a  Halt  Is  the  gross  stress  to  produce  e  not  stress  equal  to  o  ult,  and  a  ult  ia  the  aaterlal  ulti- 
aate  atreas  (69.44  kal). 

The  correction  takes  the  fora  of  a  tangent  drawn  froa  the  curve  baaed  on  X  ■  30  kalian,  to  a  •  a  llalt 
at  q  •  0.  The  critical  crack  size  waa  then  obtained  froa  the  corrected  plot  of  o  against  'a'  at  the 
residual  strength  level  of  og  »  44.39  kal.  A  plot  of  critical  crack  size  as  a  function  of  hole  diameter  is 
shown  in  Figure  6. 

7.  OtAOC  GROWTH 


To  obtain  crack  lives  at  hole  diameters  othar  than  3/16-inch,  propagation  data  relevant  to  these  disas¬ 
ters  were  required.  They  were  obtained  by  the  following  procedure.  Consider,  e.g. ,  a  hole  diaaeter  of 
0.23  inch  and  a  starter  size  of  0.10  in  for  the  fail-safe  philosophy.  Froa  Figure  6  the  critical  crack  size 
■  Is  obtsined  as  q  crlt  »  0.132  inch,  which  Beans  that  the  total  amount  of  fatigue  crack  growth  is  0.032-inch. 
Froa  the  crack  growth  data  for  the  3/16-lnch  hole  (Figure  4),  it  follows  that  growth  froa  0.1  —  0.18  inch 
takes  385  flights.  Then  the  aversge  rate  of  growth  is  da/dF  •  0.08/385  “  1.37  x  10" 4  Inch/flight. 


Froa  ESDI)  Fatigue,  Vol.  4,  Item  73029,  Figure  11,  using  the  7075-T7351  curve  ea  a  basis,  the  equivalent 
value  of  AK  for  that  rate  is  found  to  be  18.2  ksi/In.  An  estimate  is  now  made  of  what  the  value  of  AX  would 
be,  if  the  diameter  was  0.25  inch  (l.e.,  considering  q  »  0.125  inch). 


“D  -  0.25  inch 


1.007  s  2.08  x  0,87  g  /its  ^  ^ 
1.006  z  1.89  x  0.87  o  /Hi 


20.05  ksl/Zn. 


Referring  back  to  the  da/ AN- v  AX  curve,  this  is  equivalent  to  a  da/dN  -  2.2  x  10“ 4  inch/flight.  Therefore, 
the  nuaber  of  flights  for  the  crack  to  grow  froa  0.10  luch  to  0.132  inch  at  a  0.25- inch-diameter  hole  will 
be  H  -  Q.032/0.0022  -  145  flights. 


This  procedure  was  repeated  for  various  values  of  hole  diameter,  and  a  plot  obtained  of  crack  growth 
life  froa  a  detectable  crack  size  of  0.10-ln  to  failure  against  hole  diaaeter  (see  Figure  7). 

By  repeating  the  above  procedure,  but  with  a  starter  length  of  effectively  zero,  the  relationship 
between  hole  diaaeter  and  life  was  obtained  for  the  safe-life  philosophy.  In  Figure  7  this  relationship  ia 
shown,  but  D  is  plotted  ss  D  -  0.20  inch.  This  was  done  to  obtain  the  relationship  in  terms  of  the  diameter 
of  the  hole  found  to  be  clear  of  defects. 


8.  SUMUHT 


The  damage  tolerance  philosophy  regarding  this  component  may  be  sunsarized  as  follows.  The  hole  is 
Inspected  for  defects,  and  with  the  technique  employed,  it  is  not  expected  that  defects  greater  than  0.10 
inch  will  be  missed.  If  during  inspection  no  indication  of  a  defect  is  observed,  then  it  is  assumed  that 
at  that  hole,  at  that  point  in  time,  there  are  no  defects  present  greater  than  0.10  inch.  However,  there 
could  be  defects  present  less  than  0.10  inch.  Reference  is  then  made  to  Figure  7,  froa  which  is  obtained 
the  inspection  Interval  and  safe  life  for  the  two  philosophies.  A  decision  is  then  made  as  to  which  philos¬ 
ophy  is  the  most  practicable.  If  the  safe  life  is  chosen,  then  the  hole  must  be  opened  up  by  0.20  inch 
on  diaaeter,  to  ensure  the  hole  is  then  free  of  defects.  If  however,  on  inspection  a  defect  is  observed, 
then  the  hole  in  question  is  opened  up  in  increments  until  found  to  be  clear.  Reference  is  then  made  to 
Figure  7  to  determine  what  the  subsequent  inspection  Interval  or  safe  life  will  be. 

APPENDIX  A.  ADDITIONAL  TOUGHNESS  DATA 

In  addition  to  the  toughness  results  described,  data  were  obtained  from  two  compact  tension  specimens 
with  the  objective  to  determine  the  difference  in  results  if  through-crack  data  were  used  as  opposed  to 
corner-crack  data. 


The  specimens  were  manufactured  froa  material  obtained  froa  identical  components,  with  the  same  crack 
orientation  as  the  other  specimens.  The  toughness  values  measured  were  25.46  ksi/in.  and  23.57  ksl/In.  (the 
latter  could  be  considered  valid  as  per  the  BS. 5447:1977) ,  The  first  value  vas  suspect  since  cracking  did 
not  occur  in  the  same  plane  over  the  full  width  of  the  crack  front. 

It  is  obvious  that,  with  the  solution  used,  an  overconservative  result  would  have  been  achieved  with 
the  compact  tension  data. 

APPENDIX  B.  CRACX  GRCWTH  UNDER  RANDOM  LOADING 

If  the  loading  spectrum  is  modified,  then  the  propagation  data,  deduced  from  the  fractogrsphlc  examina¬ 
tion  of  the  fatigue  test  specimen  failure,  will  not  be  relevant.  Therefore,  to  cover  this  eventuality,  a 
study  was  undertaken  to  assess  what  degree  of  accuracy  could  be  achieved  for  predictions  of  crack  growth 
under  random  loading. 

The  study  utilized  the  results  of  propegation  tests  under  random  loading,  which  were  conducted  on  the 
same  specimens  that  subsequently  yielded  the  residual  strength  results  previously  discussed.  The  calcula¬ 
tions  were  based  on  the  solution  previously  discussed,  using  baseline  propagation  data  deduced  from  speci¬ 
mens  tested  under  constant-amplitude  loading.  The  applied  loading  was  the  same  spectrum  ss  applied  to  the 
specimens.  The  Wlllenborg  retardation  model  was  used  to  account  for  load  interaction. 

The  specimens  were  as  detailed  in  Figure  3.  During  the  tests  records  were  kept  of  cycles  and  crack 
growth  along  the  surface.  However,  to  evaluate  propagation  rates,  an  estimate  of  the  growth  down  the  bore 
was  required.  Froa  the  appearance  of  the  fracture  surface  and  the  final  crack  front  shape,  it  wss  decided 
that  it  would  not  be  unreasonable  to  assume  that  the  growth  down  the  bore  approximately  equalled  the  growth 
along  the  surface. 


Tha  two  crack*  at  opposite  aldaa  of  tha  hole  did  not  grow  at  tha  saae  rat*.  Therefor*,  a Inca  the 
solution  only  eater*  for  an  equal  crack  condition,  a  eoncaaalon  waa  required  to  evaluate  value*  of  6E. 

Value*  of  AE  vara  evaluated  for  each  tip,  baaed  on  the  crack  a lx*  for  the  tip  being  conaiderad.  Evaluating 
AE  la  thla  wanner  aaaiaea  that  the  other  tip  la  of  equal  alia.  The  rata  for  eh*  dp  being  conaldared  ia 
plotted  agalnat  thla  value  of  AE,  the  other  tip  ia  treated  likewla*. 

A  plot  of  dq^/dE  agalnat  AE  for  conatant  aaplltuda  la  ahown  in  Figure  8.  Thla  data  la  for  I  ■  0.  The 
data  were  extended  over  a  wider  range  than  that  covered  by  the  teat  reeulta,  by  f.tting  each  end  of  tha 
curve  to  the  equation. 

dq^/dH  -  C.AT11  . 

In  eh*  prediction  of  the  reaulta  of  eh*  apectrua  teata  allowance  waa  nad*  for  load  Interaction  by  neana 
tha  Villanborg  retardation  nodal,  ualng: 

E  effective  »  2E  -  K 

a  nax 

where  E  la  the  C  level  under  conalderatlon  and  K  ia  eh*  aaximiM  E  reached  in  the  apectrua. 

Q  III 

The  aodlfled  apectrua  waa  aa  follow* t 

Ag  R  W 

8,460  0  1 

26,950  0  1 

12,480  0  1 

6,030  0  1 

2,850  0  1 

720  0  1 

26,680  0  1 

11,310  0  0.5 

11,310  0  0.5 

A  coaputer  prograa  waa  uaad  for  eh*  integration.  The  calculated  reaulta,  l.a.,  qeq  agalnat  failure, 
are  plotted  together  with  the  apectrua  teat  reaulta  in  Figure  9.  Tha  calculated  value*  are,  on  average,  a 
factor  of  1.6  on  life,  lower  calculated  valuea  were  also  obtained  for  the  fatigue  teat  apeclaen,  the  loading 
ia  1.17  tinea  greater  than  the  latter.  Coaparlaon  of  the  calculated  with  the  fatigue  teat  specimen  value* 
are  ahown  in  Figure  12;  the  difference  la  again  of  a  alnilar  order. 

9.  COMTUrrARY 

Thla  la  a  good  example  of  the  technique  sonetimea  referred  to  as  stripping,  by  which  non-lnspectable 
cracks  are  removed  by  cutting  away  material.  The  example  accounts  for  a  detectable  defect  of  0.1  inch. 

Thla  means  that  a  defect  of  0.1  inch  can  escape  detection.  Thus,  a  hole  found  clear  at  inspection  still  haa 
to  be  oversized  by  0.2  inch  to  alimlnete  defects  that  were  uissed. 

In  view  of  the  Inaccuracy  of  predictions  for  crack*  at  holes  (see  previous  example)  it  would  still  be 
necessary  to  apply  ample  factor*  on  calculated  action  Intervals. 
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FIGURE  3.  TOOGHHESS  SPEC  IKES 
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FI  CUM  9.  COMPARISON  OF  CALCULATIONS  WITH  TEST  RESULTS 


FIGURE  10.  COMPARISON  OF  CALCULATED  AND  ITS  FAILURE 


EXAMPLE  PROBLEM  4.6.5 


CRACK  GROWTH  ADD  FRACTURE  OF  A  LOADED  HOLE  IN  AN  AIRCRAFT  BOON  END 

M.  Bradley,  British  Aerospace 
(Literal) 


1.  STATEMENT  OF  THE  PROBLEM 

Calculations  undertaken  to  find  the  Inspection  period  for  a  hole  at  a  boon  end,  loaded  by  a  pin  are 
described.  The  aircraft  involved  vas  a  geriatric  medium  transport  aircraft.  The  boon  end  Is  shown  in 
Figure  1. 

The  problem  was  to  derive  an  easy  to  use  method  of  analyzing  a  corner  crack  In  a  hole  containing  a 
loaded  pin.  A  solution  along  the  lines  of  the  Hall  and  Finger  method  for  cracks  at  holes  with  a  remote 
loading  vas  sought. 

2.  STRESS- INTENSITT  FACTOR 

Using  the  Idealization  shown  In  Figure  2,  the  crack  at  the  hole  was  idealized  as  a  crack  of  length  equal 
to  the  hole  diameter  plus  crack  length,  i.e.,  2a  ■  D  +  q.  This  crack  was  loaded  with  sinusoidally  distrib¬ 
uted  forces  along  the  length  covered  by  the  diameter  of  the  hole. 

Froai  Sih  and  Llebowltz's  analyses  (1968)  for  a  crack  with  a  distributed  load  along  Its  length.  It  fol¬ 
lows  that: 


°x 


dX 


The  bearing  stress  is  given  as: 


O-  1  r  I>-a  , 

B  ■  —  I  sin 
D  ■'-a 


ir(xba) 

D 


It  was  desired  to  derive  a  function  X 

Ka  «  X  x  oB  x  *£q  or  A  “  KA/°g  ^9  with  X  *  f  (^)  . 


Using  a  numerical  approximation  to  calculate  K^  with  a  large  number  of  Increments,  X  was  derived  as  Indicated 
above.  A  graph  of  X  against  q/R  appears  In  Figure  3. 

The  above  analysis,  of  course,  assumes  an  Infinite  sheet.  To  produce  a  correction  to  allow  for  a  finite 
environment,  some  experimental  results  by  Cartwright  and  Rrtcllffe  were  utilized.  They  were  In  the  form  of 
an  overall  factor  plotted  against  q/R  for  a  specimen  with  a  rldth  to  hole  diameter  ratio  of  2.  The  overall 
factor  was  divided  by  X  at  comparable  positions  of  q/R  and  the  result  plotted  against  2(Rfq)/W,  where  W  • 
specimen  width.  A  graph  showing  the  factor  appears  In  Figure  4. 

As  stated  before,  the  above  analysis  Is  for  a  through  crack.  The  problem  that  we  must  solve  is  for  a 
corner  crack  at  a  hole.  This  was  done  by  converting  the  corner  crack  to  an  equivalent  through  crack  using 
the  Bell  and  Finger  curves.  Hence,  formula  for  K  for  a  comer  crack  at  a  hole  was  taken  as: 

K  -  X  x  oB  x  ^qef'f  x  PE 

where  qeff  “  equivalent  or  effective  crack  length,  Fg  *  edge  factor  from  Figure  4.  and  X  Is  from  Figure  3. 


ROTE:  After  completion  of  this  Job,  it  has  been  realized  that  a  better  Idealization  would  have  been  achieved 
if  the  sine  distribution  on  one  side  of  the  crack  had  been  replaced  by  a  constant  distribution  of  2D/  W  over 
the  length  of  the  crack  to  cater  for  the  remote  loading  on  the  other  side  of  the  hole.  However,  as  the  D/W 
ratio  for  Cartwright  and  Ratcliffe's  specimens,  our  specimens,  and  the  actual  components  are  all  substantially 
the  same  the  final  results  should  r.ot  be  affected. 

3.  EXPERIMENTAL  VERIFICATION 


In  order  to  check  the  theory  derived  above,  sazie  tests  vere  performed  on  scaled  down  versions  of  the 
boom  ends.  The  test  pieces  consisted  of  a  tie  with  a  loaded  hole  at  each  end  with  a  comer  crack  at  each 
hole.  An  alternating  load  at  R  ■  0.3  vas  applied  and  the  growth  of  the  crack,  both  down  the  hole  and  along 
the  surface  was  monitored.  Also  several  compact  tension  specimens  for  the  same  material  were  tested  and 
propagation  curves  derived  to  obtain  la/dN  -  AX  data. 

Using  the  Hall  and  Finger  curves,  with  the  values  of  p  and  q  for  the  test  pieces,  values  of  q  can  be 
derived  from  eff 

qeff  "  fn  *  q 

vhera  f  ”  crack  length  down  hole,  q  *  crack  length  along  surface,  and  B  »  specimen  thickness. 


For  the  tut  places  a  graph  of  qeff  agalnat  endurance ,  N  (cycles),  was  drawn  and  dqcff/dN  evalu¬ 
ated  at  each  data  point.  The  value  of  dqeff/dN  could  then  be  read  across  to  the  propagation  curvet  froa 
the  coapact  tension  apecloena  to  give  a  value  of  AX  for  each  data  point  In  the  growth  of  the  corner  cracks. 

X  for  the  corner  cracks  was  also  caleulatad  by  the  expression 

41  •  i  J  AOj  x  /*qt(j  . 

which  la  the  expression  derived  above  without  the  edge  factor.  The  AX  derived  froai  the  coapact  tension 
specimens  was  divided  by  the  AX  calculated  froa  the  expression  above  to  give  a  value  of  Fg  for  each  data 
point.  ?a  was  than  plotted  against  2(qeff-Ht)/V. 

The  graph  obtained  appears  In  Figure  5.  It  will  be  noticed  that  all  the  points  follow  the  slope  of  the 
Cartwright  end  Ratcliffs  line  fairly  well  but  a  constant  factor  seeas  to  be  required  for  the  line  to  go 
through  the  naan  of  the  points.  A  factor  of  0.87  was  selected  as  this  also  appears  In  the  Hall  and  Finger 
expression.  This  fits  fairly  well. 

This  Method,  when  used  to  calculate  the  propagation  and  failure  of  the  crack  in  the  cooponent  being  In¬ 
vestigated  cannot  handle  a  variable  p/q  and  so  a  value  of  p/q  for  the  calculation  oust  be  selected.  The 
graph  In  Figure  6  shows  the  results  for  savenl  runs  using  different  crack  ratios  and  constants  on  sooe  of 
the  speclnens .  It  can  be  seen  that  a  combination  of  p/q  “  1.5  and  a  constant  of  .87  gives  a  very  good  cor¬ 
relation  between  the  computer  results  and  the  teat  pieces.  The  results  for  two  speclnens  with  a  higher 
loading  arc  shown  on  Figure  7.  Again,  the  correlation  la  quite  reasonable. 

Figures  8  and  9  show  the  propagation  result  froa  the  sane  program.  These  are  not  quite  as  good,  nalnly 
because  the  variance  In  p/q  ratios  In  the  specimens  (1.2  to  2)  has  a  greater  effect  on  propagation  than  X 
value.  They  do  show,  however,  that  the  method  gives  nostly  "safe"  answers. 

On  the  basis  of  these  results.  It  was  decided  that  a  factor  of  2  on  life  would  be  sufficient  to  use 
with  this  nethod. 

The  final  formula  was  taken  as: 

AX  •  .87  AOj  X  Fg  •|,trqeff  with  p/q  *  1.5  . 


The  propagation  curves  used  were  developed  from  the  coapact  tension  specimen  results, 
only  for  R  *  0.5,  the  relationship 


A a  they  were 


da  _  i  At  \  _ i 

«  ‘ c  “ 


was  used  to  generate  curves  for  ocher  velucs  of  R.  Froa  a  review  of  available  alunlnua  data  n  was  deduced 
to  be  2. 


In  order  to  get  a  reasonable  correlation  between  Che  formula  and  the  compact  tension  speclnens  data, 
the  curve  was  split  Into  two  parts,  each  part  with  a  different  n-value. 

A.  PROPAGATION  AND  FAILURE  PP-EDICTICMS 

The  calculation  for  the  component  followed  almost  exactly  the  same  method  as  the  check  calculations  on 
the  test  speclnens.  The  najor  difference  was  that  a  complicated  load  spectrun  was  applied,  representing  the 
service  loading  of  the  component.  The  load  spectrun  was  derived  froa  both  gust  loading  and  ground  loading 
during  taxi.  It  Is  of  a  random  nature  between  takeoff  and  landing  and  during  the  taxi. 

Crack  growth  was  numerically  Integrated.  The  dqeff/dN  values  were  simply  sunned  to  give  the  total 
dqcff/dN  for  each  crack  Increment.  This  is  not  strictly  correct  as  there  will  be  some  retardation  effect 
owing  to  small  loads  being  preceded  by  large  ones.  Owing  to  the  random  nature  of  the  loading,  however.  It 
Is  not  possible  to  make  an  assessment  of  the  retardation.  It  was  therefore  decided  to  Ignore  It,  which  at 
least  gives  a  safe  answer. 

The  results  of  the  calculations  for  the  component  appear  In  Figures  10  and  11.  No  comment  can  be  made 
on  the  accuracy  except  that  an  Inspection  period  of  12  flights  was  adopted  and  this  proved  to  be  satisfac¬ 
tory. 

5.  DISCUSSION 


One  aajor  source  of  error  in  these  calculations  Is  that  the  propagation  data  was  extrapolated  from  a 
curve  fo’  a  single  R-value.  The  formula  uaed  is  one  of  many  propagation  equations,  none  of  which  is  really 
reliable. 


Unless  reliable  propagation  data  are  available  from  another  source,  it  is  suggested  that  at  least  two 
propagation  curves  should  be  produced  from  compact  tension  specimens,  one  at  a  high  R-vilue  and  one  at 
RIO.  Then  at  least  the  boundary  values  of  any  selected  propagation  equation  can  be  properly  evaluated. 

6.  COMMENTARY 


The  example  would  have  been  more  valuable  if  the  proposed  stress-intensity  solution  for  a  lug  with  a 
through  crack  would  have  been  compared  with  other  solutions  (see  main  chapter). 


U 
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The  abort  crack  propagation  period  and  ahort  inspection  Interval  (12  flight*)  ara  reaeon  to  believe  that 
the  crucial  point  in  this  analysis  is  the  flight  load  history.  When  crack  growth  covers  thousands  of  fllghta, 
the  flight  load  statistics  are  rather  dependable.  However,  one  series  of  12  flights  can  be  largely  different 
t'roa  the  next  series  of  12  flights,  so  that  the  calculated  growth  curve  will  be  an  average  of  a  very  broad 
band  of  actual  service  behavior.  Rather  than  taking  an  arbitrary  factor  on  life,  -in  a  case  like  thla  it 
aeeas  alaost  imperative  that  a  paraaetrlc  analysis  is  made,  by  repeating  the  calculation  for  different  types 
of  flight'  (weather) .  This  would  at  leaat  give  a  feel  for  the  variability  in  service  behavior  to  be  antici¬ 
pated,  and  it  would  give  a  more  rational  bases  for  establishing  an  inspection  Interval.  (Since  the  inaccura¬ 
cies  of  the  aethod  would  equally  apply  to  all  paraaetrlc  results,  the  relative  life  under  various  weather  and 
loading  conditions  would  still  provide  useful  information  on  variability.) 
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FIGURE  1.  DIAGRAM  OF  BOOM  END 


FIGURE  2.  IDEALIZATION  OF  CRACK  AT  LOADED  HOLE 


FIGURE  3.  GRAPH  OF  X  VERSUS  q/R 


FICURE  A.  EDGE  EACTOE  AS  A  FUNCTION  OF  (R+q)/V  FIGURE 
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BUWLI  PROBLEM  4.6.6 
TITANIUM  ALLOT  WING  LOG 


L.  Casalagno,  Aerltalla 
(Litaral) 


1.  STATDffiHT  OF  THE  PROBLEM 

Tha  wln(  lug  considered  (Figure  1)  la  In  titanium  6A1-4V  and  la  loadad  by  a  ateal  pin.  Tha  quarter- 
circular  eornar  flaw  haa  bean  positioned  on  tha  lover  edge  of  tha  lug  bora,  where  the  etreaa  la  about  10 
percent  higher  than  the  average  net  eectlon  atraaa  due  to  ln-plana  bending  eauaed  by  the  eccentric  pin  load¬ 
ing.  Thia  banding  atraaa  (o  -  330  N/am2)  haa  been  taken  aa  tha  eectlon  atraaa,  becauea  of  the  email  depth 
of  tha  critical  crack  alia  reaultlng  froa  tha  ealculatloca. 

2.  STRESS- INTENSITY  FACTOR 


Four  aolutlona  for  tha  atreaa-lntanalty  factor  of  a  eornar  flaw  In  a  lug  have  been  conaldarad  froa  tha 
literature: 


(a)  Liu'e  aolutlon  (Reference  1)  for  a  hole  In  an  lnflnlta  plate  In  tenalon,  corrected  for  finite 
width 


where  f(^)  la  the  Bowie  function  with  L  •  a //3  and  f(^)  la  tha  back  face  correction  factor,  which 
Kobayaahl  and  Moae  (Reference  2)  have  approximated  by  tha  polynomial  f(^)  -  1  ♦  0.03021  (^)  - 
0.3604  (5)  +  2-2°l  (f)  "  3-M79  x  (|)  +  1.9472  (•*)  . 


(b)  MBB  Interim  aolutlon  (Raferance  3)  for  a  lug 

*1  -  0.7  o„  /Tx  -  ^  - 


where  Ojj  la  the  net  atreaa,  k_  tha  geometric  atreaa  concentration  factor  and  tha  quantity  In 
parantheala  la  tha  finite  width  correction,  with  g  being  a  function  of  kj  and  b  tha  lug  ara. 

(c)  Neuman' e  aolutlon  (Reference  4)  for  a  pin  loadad  hole 

*i  ■  4/?  • M.  *  [°-5  ♦  7(&sVf 

where  Q  la  the  ahape  paraaeter,  f^  la  the  Bowie  function  and  la  a  front  and  back-face  correction 
factor. 


(d)  Vanhlll  and  Lof'a  solution  (Reference  3),  froa  a  Lockheed  fonaula 


(1.26  4  2.65 


a‘ir 


2(W-D)t 


)  . 


3.  CRITICAL  CRACK  SIZE 

For  the  particular  design  and  material  (Kc  -  2200  Nan-1-*)  and  a  streas  o  •  330  N/sa^,  the  .our  aolu¬ 
tlona  give  the  following  critical  crack  lengths : 

Solution  (a)  —  a  “  8.5  ■;  Solution  (b)  •  6.0  an;  Solution  (c)  -  8.2  an;  and  Solution  (d)  •  7.3  an. 

4.  CRAQf- PROPAGATION  CURVE 

The  crack  propagation  curves,  calculated  for  the  anticipated  service  spectrua  with  the  Foraan’s  equation 
da/dM  ■  cAKn/^(l  -  R)KC  -  AK  }  are  shown  in  Figure  2.  Three  of  the  four  solutions  gives  comparable  results, 
while  the  fourth  gives  only  half  the  life  of  the  others.  An  average  life  of  25  blocks  can  be  assuawd.  The 
effect  of  load  Interaction  (retardation)  can  be  estimated  froa  tests  performed  at  MBB  on  a  different  com¬ 
ponent  ,  but  with  similar  material  and  spectrua,  to  be  a  three  to  five  times  Increase  In  life.  Nondestruc¬ 
tive  Inspection  specialists  are  to  assess  inspection  techniques  for  this  component,  and  the  minimum  crack 
size  detectable  with  adequate  confidence.  Inspection  Intervals  will  be  prescribed  based  on  half  the  calcu¬ 
lated  life  or  on  test  results  (when  available)  and  the  nondestructive  lnspect-on  method  applicable. 
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6.  COMMENTARY 

Tha  consents  to  Example  3  apply  here  as  well.  In  addition,  the  analysis  is  Halted  to  quarter-circular 
flaws.  There  is  no  guarantee  that  actual  flaws  in  service  will  not  be  elliptical,  which  would  result  In 
rather  drastic  changes  In  crack-growth  behavior.  It  would  be  worthwhile  to  assess  the  magnitude  of  such 
changes  In  a  parametric  analysis.  Obviously,  this  applies  to  all  analyses  of  surface  flaws  and  corner  cracks. 
Apart  from  the  flaw  size,  the  flaw  shape  is  of  great  influence  on  anticipated  life  (see  main  chapter).  An 
arbitrary  shape  may  be  useful  for  comparative  (design)  studies,  but  may  be  unconservative  as  a  basis  for 
decisions  regarding  operational  safety. 


FIGURE  1.  LOWER  WING  LUG 


FIGURE  2.  CRACK  PROPAGATION  CURVES 


CAMPLE  CTOBUM  4.6.7 


FLIGHT-BT-FLICHT  CRACK  PROPAGATION  INVESTIGATION  ON  HR CA  TORNADO  COMPONENTS 


V.  Gelsr  and  K.  0.  Slppel 
Mssasrschmltt-BolkowBlohm  CMBH 
Military  Aircraft  Dlvlalon 
Department  of  Matarlal  and  Fatigue 
(Lltaral) 


1.  STATEMENT  0?  THE  PROBLEM 

Inspection  intarvala  for  the  MRCA  Tornado  have,  Inter  alia,  been  eatabllahed  on  the  baala  of  crack 
propagation  calculations.  A  comparison  batvaen  calculations  and  testa  carried  out  on  the  structure  will  be 
aada  to  check  If  the  raeulta  obtained  from  calculations  are  reliable.  The  reaulta  thus  obtained  may  help 
to  sake  better  assumptions  for  slallar  crack  propagation  calculations.  This  applies  in  particular  to  the 
transfer  of  simile  known  stress-intensity  solutions  to  components  of  a  complex  structure.  Calculations  of 
the  crack  propagation  in  various  components  have  revealed  that  the  known  stress-intensity  solutions  can  In 
■any  eases  only  be  applied  by  considerably  simplifying  the  structural  components. 

Various  affacts  on  the  crack  propagation  such  as  those  caused  by  the  rigid  structure  In  the  vicinity 
of  the  crack  or  by  the  type  of  load  introduction,  l.e.,  the  stress  distribution  can  In  most  cases  not  be 
taken  Into  account  In  the  stress-intensity  solutions  known  in  the  literature. 

Within  the  scope  of  the  production  investment  phase  varloua  components  were  subjected  to  flight-by- 
f light  crack  propagation  tests.  The  test  results  were  compared  with  crack  propagation  calculations  carried 
out  after  Forman. 

Although  calculations  made  after  fllght-by-fllght  crack  propagation  tests  on  center  crack  specimens 
ware  very  much  on  the  safe  side  (factor  "v  4.5)  this  cannot  be  taken  aa  a  general  rule  for  components.  In 
the  case  of  crack  propagation  calculations  carried  out  on  components,  simplifying  assumptions  must  be  made 
frequently.  In  the  case  of  fllght-by-fllght  crack  propagation  calculations  carried  out  after  Forman,  the 
results  nay  be  on  the  unsafe  aide  even  if  the  retardation  effect  has  not  been  taken  Into  account. 

2.  CRACK-PROPAGATION  TESTS 

Following  the  life  endurance  tests  on  various  components  and  assemblies,  crack  starter  notches  were 
made  with  a  saw  at  critical  points,  e.g.,  at  points  having  a  high  nominal  stress  level  or  a  high  stresa 
concentration. 

The  crack  propagation  under  fllght-by-fllght  loading  was  observed  by  means  of  crack  wire  gauges.  The 
test  results  are  shown  In  Figures  1,  2,  and  3.  In  this  case,  the  components  Investigated  were  the  lower 
load  plate  of  the  wing  carry-through  box,  the  outboard  aft  post  of  the  wing  carry-through  box,  and  the  per¬ 
taining  link.  In  the  case  of  the  lower  load  plate,  the  crack  starter  notch  was  cade  on  the  Integral  rein¬ 
forcement  Inside  the  wing  box.  During  the  life  endurance  test  on  the  outboard  aft  post,  a  fatigue  crack 
appeared.  It  was  an  edge  crack  at  the  critical  lug  diameter.  In  the  link  an  edge  crack  was  made  with  a 
saw. 

3.  CALCULATION  OF  THE  CRACK  PROPAGATION  AND  THE  CRITICAL  LENCTH 
3.1.  Procedure 


For  the  following  exsmples  the  crack  propagation  was  calculated  using  the  Forman  equation: 


da/dN 


C  Alt'* 

(l-R)K-HK  * 
c 


For  various  reasons  which  will  ba  dealt  with  later,  the  crack  propagation  retardation  caused  by  the  fllght- 
by-fllght  load  sequence  was  not  taken  Into  account. 

The  load  spectra  needed  for  the  calculation  (Figures  4  and  S)  were  determined  for  each  component.  Each 
load  spectrum  consisted  of  three  sub-spectra  which  corresponded  to  the  respective  wing  sweep  positions.  For 
the  calculation  of  the  crack  propagation,  only  fatigue  loadings  were  used  whereas  the  calculation  of  the 
critical  crack  length  wps  based  on  the  maximum  loading. 

The  crack  propagation  values  C,  n,  and  Kc  to  be  used  in  the  Forman  equation  were  determined  using  center 
cracked  specimens.  Normally,  the  thickness  of  the  specimen  is  not  the  same  as  that  of  the  component  to  be 
calculated. 


3.2.  Lower  Load  Plate  of  Wing  Carry-Through  Box 

The  part  la  shown  in  Figure  6.  It  waa  made  of  T1-6A1-4V,  annealed.  The  constants  in  the  Forman  equa¬ 
tion  were 

C  -  2.27  E-10;  n  -  3.35;  end  JCc  -  3688  N/»3/2. 

The  Formen  values  were  determined  from  120  n  wide,  400  on  long  center  cracked  specimens  of  8  mm  thickness, 
tested  st  -  176  N/m*2,  -  147.5  V/ma2. 


The  crack  aodcl  assumed  waa  a  seaielllptlcal  aurfaca  crack  with  transition  to  center  crack'  ,z>. 

The  trlii  fatigue  atreaa  vaa  50  -  4S2  N/bb2  and  the  maximum  atatlc  load  waa  o„,  -  452  N/mm2,  both  groaa 

area  atreaaea. 

3.3.  Link  —  Outboard  Aft 


The  part  la  ahown  In  Figure  7.  It  waa  Bade  of  HP  9-4-30.  Conatanta  for  the  Forman  equation  ware: 

C  “  5.19  E-5;  n  ■  1.48;  and  Ke  ■  6775  N/an3/2.  The  Forman  valuea  were  determined  from  center  cracked 
apeclmen,  400  am  inch  length;  100  am  Inch  width;  and  5  in  inch  thickness,  teated  at  oB  •  176.5  N/nm2  and 
oa  "  147.5  N/sn2. 

The  critical  crack  length  waa  calculated  from  K,  «  3600  N/m3/2.  The  crack  model  aaaumed  waa  an  edge 
crack  In  a  lug'3'.  The  maximum  fatigue  atreaa  vaa  a  -  443.5  H/mm2  and  the  maximum  atatlc  atreaa: 

a _ «  478  N/ami2,  both  are  nominal  net  stresses  given  by°a«  «  P/(W-D)t. 

BIX  a 

3.4.  Poat  Outboard  Aft 


The  part  la  ahown  In  Figure  8.  Forman  valuea  and  crack  modal  were  a a  In  Section  3.3.  The  maximum 
fatigue  atreaa  vaa  3.  -  443.5  H/na2,  and  the  maximum  atatlc  atreaa:  c!  _  -  478  N/mm2,  both  are  nominal  net 
atreaaea  from  J„  •  P/(W-D)t 

N 

4.  DISCUSSION 

Crack  growth  In  a  given  load  cycle  will  be  retarded  when  the  load  cycle  waa  preceded  by  a  higher  load 
level.  Since  in  flight-by-f light  crack-propagation  teata  a  multistep  variable  amplitude  load  sequence  la 
applied  where  high  loads  are  frequently  followed  by  small  onea,  considerable  crack  propagation  retardation 
la  encountered.  Retardation  la  dependent  mainly  on  the  type  of  material  and  load  spectrum. 

If  the  fllght-by-fllght  crack  propagation  la  calculated  using  a  procedure  that  does  not  take  the  retar¬ 
dation  effects  into  account,  the  life  obtained  will  always  be  on  the  safe  side.  However,  an  important  pre¬ 
requisites  are  that  (1)  the  damage  calculation  Is  carried  out  using  the  overall  g-spectrum  and  (2)  the 
constants  used  In  the  Forman  equation  are  determined  In  crack-propagation  tests  with  constant  load  amplitude 
where  R  la  greater  than  0. 

Flight-by- flight  crack-propagation  tests  using  a  typical  combat  aircraft  nz-spectrum  and  center  cracked 
specimens  revealed  that  the  life  endurance  calculated  without  retardation  is  on  the  safe  side  by  the  factor 
of  4.9  and  4.5  in  the  case  of  T1-6A1-4V  and  high-strength  steel,  respectively,  when  compared  with  the  re¬ 
sults  obtained  from  tests. 

The  fact  that  the  difference  between  the  crack  propagation  lives  obtained  from  tests  and  calculations  is 
considerably  less  for  the  components  investigated  here  (lower  load  plate:  1.63,  post:  1.06,  and  link:  2.3) 
may  be  due  to  the  following  reasons: 

(a)  Using  the  same  nz-spectrum,  the  form  of  the  stress  spectrum  may  be  different  for  various 
components.  Thus  the  spectrum  used  for  the  test  specimen  need  not  be  Identical  with  that 
used  for  the  component.  As  has  been  mentioned  above  the  crack  propagation  retardation 
effect  Is  dependent  on  the  form  of  the  spectrum. 

(b)  A  different  stress-intensity  distribution  In  the  test  specimen  and  the  component  may  also 
lead  to  different  crack  propagation  retardations. 

(c)  The  selection  of  the  Forman  constant  has  a  considerably  greater  Influence  on  the  crack- 
propagation  life.  Various  investigations  have  revealed  that  in  the  case  of  plane  stress 
the  crack-propagation  life  decreases  with  Increasing  material  thickness^3'®’'3 . 

The  lack  oZ  crack-propagation  data  often  necessitates  the  use  of  Forman  constants  from  thin 
specimens  for  thick-walled  components  and  vice-versa  as  in  Section  3.  The  resulting 
Inaccuracies  may  be  of  the  order  of  1.5  and  more. 

(d)  The  decisive  factor  for  the  quality  of  the  crack-propagation  calculation,  however,  is  that 
the  stress  Intensity  In  the  crack  model  used  for  the  calculation  and  the  actual  stress 
Intensity  In  the  component  are  of  the  same  magnitude. 

There  are  a  great  number  of  stress-intensity  solutions  in  the  literature;  however,  there 
are  only  a  few  cases  thst  take  the  structure  used  in  aircraft  Into  account.  The 
Inaccuracies  existing  In  those  cases  can  be  compensated  for  only  by  the  most  conservative 
assumptions. 

5.  CONCLUSION 

As  has  been  shown  in  the  comparison  between  the  test  results  and  the  respective  calculations  as  well  as 
in  the  discussion,  the  accuracy  of  crack-propagation  calculations  of  an  aircraft  structure  depends  on  a 
number  of  factors  that  cannot  be  quantified.  These  inaccuracies  could  be  greatly  compensated  for  —  at  least 
in  the  case  of  the  three  components  in  quesion  —  by  applying  a  rather  conservative  crack  propagation  calcu¬ 
lation  procedure,  i.e.,  conservative  at  least  when  comparing  the  results  obtained  from  flight-by- flight 
crack-propagation  tests  and  calculations  on  center  cracked  specimens.  If  the  retardation  effect  obtained  for 
center  cracked  specimens  was  to  be  taken  into  account  in  the  component  calculations  —  be  it  in  the  form  of  a 
retardation  factor,  be  it  by  ualng  a  crack  propagation  retardation  model  —  the  result  might  be  considerably 
optimistic. 
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In  prlnelpla,  Ch«  tin  result  vu  obtained  by  Stephen*  when  Investigating  crack  propagation  retarda¬ 
tion'8'.  During  eh*  9th  I CAP  Meeting  In  Darmstadt  In  May,  1977,  h*  Bade  th«  following  appropriate  state¬ 
ment: 


"lb*  deelrable  affect  of  fatlguc-crack-growth  retardation  haa  become  note  Impressive  to  the 
aeronautical  Indue  cry .  Inclualon  of  the  fatlgua-erack-growth  retardation  node  la  Into  aircraft 
Ufa  prediction  la  a  very  fashionable  concept  today.  Thla  Inclualon  can  be  quit*  Irresponsible, 
however,  depending  upon  the  actual  service  spectrua,  environment ,  ehlckneae,  sad  crack  geometry 
relative  to  condition*  under  which  the  retardation  data  were  originally  obtained." 

This  la  why  the  crack  propagation  retardation  effect  under  fllght-by-fllght  loadings  should  only  be 
taken  Into  account  when  the  most  Important  factora  have  been  obtained  in  the  fora  of  proper  quantities. 
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7.  COtMENTART 

It  1*  "bon  ton”  to  discredit  ejrack-growth  calculations  that  account  for  retardation.  Mo  engineer  seri¬ 
ously  Involved  In  the  problem  will  deny  the  limitations  of  auch  analysis.  However,  discrediting  them  vlthout 
making  the  comparison  for  the  case  under  consideration.  Is  subjective.  A  statement  that  retardation  was 
conservatively  Ignored,  would  have  sufficed.  As  pointed  out  correctly,  the  da/dN  data  were  not  applicable 
to  the  case  under  consideration.  This,  and  the  limited  accuracy  of  the  stress- intensity  solutions  and 
scatter  could  cause  the  small  discrepancy  between  lineer  Integration  and  test  data.  (This  comes  ouc  clearly 
in  Figure  1,  where  the  different  shapes  of  calculated  and  test  curves  Indicate  that  the  stress  Intensity  used 
In  the  calculation  was  quite  different  from  the  one  In  the  tests.)  Thus,  It  vaa  prevalent  to  Ignore  retarda¬ 
tion  (although  retardation  did  occur  in  the  test*  and  the  test  data  were  used  to  determine  inspection  inter¬ 
vals).  When  using  crack  growth  analysis  in  matters  concerning  safety,  It  is  good  to  Ignore  retardaclon. 
However,  most  damage  tolerance  analyses  are  performed  in  the  design  stage  to  arrive  at  the  best  design 
option.  In  those  cases,  retardation  has  to  be  accounted  for,  since  linear  analysis  might  show  the  worst 
design  to  be  the  best  option. 
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FIGURE  3.  CRACK  PROPAGATION  IN  OUTBOARD  AIT  LINK 
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FIGURE  4.  LOWER  LOAD  PLATE  STRESS  SPECTRUM 
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FIGURE  5.  LOAD  SPECTRUM  FOR  POST  AND  LINK 
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FIGURE  6.  '.OVER  LOAD  PLATE  OP  WING  CARRY-THROUGH  BOX 
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FI  CURE  8.  OUTBOARD  ATT  POST 
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AIRCRAFT  HORIZONTAL  STABILIZER  L&. 

S.  H.  Smith,  T.  P.  Forte,  H.  J.  Melik,  and  N.  D.  Ghadiali 
Bettelle's  Columbus  Laboratories 

The  following  Is  a  brief  exerpt  of  a  paper 
presented  at  the  1978  SESA  Spring  Meeting 

1 

} 

1.  STATEMENT  OF  THE  PROBLEM  j 

A  fatigue-crack  growth  and  residual-strength  analysis  was  aade  of  horizontal  stabilizer  lugs  (Figure  1)  ] 

of  high  time  aircraft.  Finite-element-stress  analysis  was  perforaad  to  determine  stress-intensity  factors.  j 

2.  STRESS-INTENSITY  FACTOR  \ 

The  stress-intensity  factor  was  obtained  from  finite  eleaent  sub modeling  using  the  NASTRAN  code.  The 
full  structural  aodel  consisted  of  481  nodes  and  677  eleaents  (Figure  2).  A  submodel  was  used  for  the 
general  ares  around  the  lugs  (Figure  3).  Finally,  the  detailed  aodel  of  Figure  4  was  used  to  derive  stress-  * 

intensity  factors  for  cracks  at  the  lug  holes.  Through  cracks  were  assumed  and  K  was  calculated  froa  crack 
opening  displacement  as  well  as  froa  crack  closure  energy.  The  results  were  obtained  in  the  fora  of 
S  “  Kj/o/ia.  In  order  to  arrive  at  the  stress  intensity  for  a  comer  crack  the  calculated  values  for  the 
through  crack  were  modified  by  taking  i 

„  1<12  \ 

Kj  ■  Bo  Mf  /ra  with  Mf  -  ~[q]T72 

where  Mu  is  the  back  surface  correction  and  Q  is  the  flaw  shape  parameter.  j 

*  i 

3.  FATIGUE-CRACK-GROWTH  ANALYSIS 

The  screse  spectrum  consisted  of  a  flight-by-flight  history  representing  a  random  mix  of  seven  basic 
missions  used  in  monitoring  the  aircraft'3  service  experience.  Crack-growth  analysis  was  performed  using 
the  CRACKS  III  integration  program  with  the  Willeaborg  retardation  aodel.  Retardation  within  each  flight 
was  taken  into  account  but  was  not  carried  over  to  subsequent  flight.  Crack-growth  baseline  data  were  taken 
for  7075-T651  forging  tested  in  humid  air.  The  highest  rates  of  the  scatter  band  were  used  and  represented 
by  the  Forman  equation.  Examples  of  calculated  growth  curves  for  different  mission  mixes  is  shown  in 
Figure  S. 

4.  COMMENTARY 

This  example  illustrates  the  method  of  submodeling  discussed  in  the  main  chapter.  (See  the  comments  to 
Exa^le  9  with  regard  to  detailed  modeling.) 

The  example  (Figure  5)  also  provides  a  good  illustration  of  parametric  analysis  as  mentioned  in  the 
comaents  to  Examples  5  and  6. 

Finally,  it  provides  an  alternative  to  a  normal  crack-growth  analysis  with  retardation.  Rather  than 
ignoring  retardation  completely,  it  is  accounted  for  within  a  flight,  but  not  carried  over  to  the  next  ilight. 

This  is  based  on  the  argument  that  possible  compressive  stress  hold-periods  during  ground  time  could  wipe  out 
retardation  due  to  previous  overloads.  In  addition,  the  baseline  crack-growth  data  used  are  the  upper 
boundary  of  the  scatterband.  Both  of  these  precautions  are  in  fact  as  arbitrary  as  ignoring  retardation,  but 
it  would  be  interesting  to  perform  a  combined  analytical  and  experimental  study  to  investigate  whether  this 
would  consistently  lead  to  more  realistic  predictions. 

In  Figure  4,  the  crack  at  hole  1  will  never  be  subjected  to  compressive  stresses,  since  a  negative  Vj 
will  be  supported  by  the  left  edge  of  the  hole.  However,  the  same  negative  Vj  will  cause  compressive  stresses 
over  the  crack  at  hole  2.  Thus,  the  argument  concerning  carry-over  of  retardation  does  not  equally  apply  to 
both  holes  of  the  lug.  This  shows  how  every  conservative  assumption  is  not  equally  conservative  in  all  cases 
(see  also  the  discussion  with  regard  to  Figure  10  in  the  main  paper).  Thus,  in  following  the  present  example, 
each  case  should  be  considered  by  i:s  own  merits  and  the  fact  remains  that  engineering  judgment  is  more 
important  than  fracture  mechanics  formalities. 


FIGURE  1.  HORIZONTAL  STABILIZER  WITH  ATTACHMENT  LUGS  (NUMBERS  INDICATE  STRAIN  GAGE  LOCATION) 
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FIGURE  2.  FINITE-ELEMENT  MODEL  OF  FULL  STRUCTURE 


FIGURE  3.  SUBMODEL,  933  NODES,  647  ELEMENTS  (NASTRAN) 


EtCUKE  4.  DETAILED  MODEL 
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1.  STATEMENT  OP  THE  PROBLEM 

Crack  growth  and  residual  strength  were  calculated  for  a  chordwlae  splice  Joint  (Plgure  1). 

2.  STRESS-IHTEHSITT  FACTOR 

Plnlte-eleaent  analysis  and  subaodellng  were  used  to  determine  load  transfer  through  the  bolts  and  the 
stress  In  the  vicinity  of  the  fastener  holes  (Figure  2).  A  final  detailed  flnlte-eleaent  aodel  of  the  area 
around  the  hole  was  subjected  to  the  boundary  conditions  obtained  froa  the  larger  scale  models.  Stress- 
Intensity  factors  were  calculated  froa  crack  opening  dlsplaceaent  and  crack  closure  energy.  Results  are 
shown  In  Figure  3.  K  for  corner  cracks  was  obtained  as  In  the  previous  example . 

3.  CRACK  CROVTH 

Crack  growth  was  calculated  using  upper-bound  baseline  data  represented  by  the  Forman  equation.  Linear 
Integration  was  performed  ss  well  as  retarded  Integration  using  the  Wlllenborg  model.  Some  results  are 
shown  In  Plgure  4. 

4.  CCWEMTARY 

This  la  another  good  exasqile  of  subaodellng.  Before  following  this  and  the  previous  example.  It  should 
be  decided  whether  or  not  such  a  detailed  analysis  Is  justifiable  from  an  economical  point  of  view.  Generally 
speaking.  It  Is  advisable  to  perform  a  simple  hand  analysis  first  to  determine  the  criticality.  If  it  turn* 
out  that  crack-growth  life  la  ample  in  the  presence  of  cracks  of  inapeetsble  size,  the  hand  analysis  (with 
an  appropriate  factor)  Is  perfectly  acceptable.  Only  If  the  case  waa  marginal  an  elaborate  analysis  should 
ba  contemplated.  However,  even  then.  It  would  be  sensible  to  assess  how  much  could  be  gained  In  accuracy 
from  the  elaborate  analysis.  If  In  the  end  approximate  stress-intensity  solutions  have  to  be  used,  the 
detailed  analysis  vould  only  be  necessary.  If  thera  ware  serious  doubts  about  the  stress  obtained  from  simpler 
analysis. 

The  example  shows  an  Interesting  ease  of  multlptc  cracks.  Note  that  the  stress  Intensity  of  a  given 
crack  depends  upon  the  length  of  other  cracks.  Thus  crack-growth  analysis  for  a  given  crack  cannot  be  per¬ 
formed  independently.  If  two  cracks  grow  simultaneously,  the  growth  of  one  ts  affected  by  the  growth  of  the 
other.  This  means  that  one  has  to  know  the  growth  of  the  other  crack  during  a  certain  crack  Increment,  be¬ 
fore  one  can  calculate  the  growth  of  the  first  crack  during  the  next  increment. 


FIGURE  1.  STRUCTURE  OF  JOINT 


FIGURE  2.  FINITE-ELEMENT  MODEL 
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SUMMARY 


In  this  chapter  the  basic  formulae  for  the  determination  of  stress 
intensity  factors .appropriate  to  integral  structures  on  the  basis  of  the 
Linear  Elastic  Fracture  Mechanics  (L.E.F.M.)  approach, are  outlined.  The 
effectiveness  of  the  fracture  mechanics  approach  is  demonstrated  by 
comparison  with  results  from  crack  propagation  and  residual  strength  tests. 

Particular  difficulties  associated  with  integrally  stiffened 
structures  in  relation  to  accurate  stress  intensity  factor  determination 
and  the  more  general  problems  of  curvature,  loading  history  and  bi-axial 
stressing  are  discussed  and  areas  of  further  investigation  suggested. 


SYMBOLS  USED 


*.  * 
A 

S 

b 

C 

c* 

Cp 

So# 

e 

B 

E, 

K 

*1 

«o 

Kc 

jK 


Half  crack  length 

Cross  sectional  area  of  stringer 

Half  stiffener  pitch 

Constant  in  crack  growth  equation 

Kj/Kq  For  crack  symmetrical  about  a  failed  stiffener 
Retardation  Parameter 

Kx/K0  For  mid-bay  crack  between  stringe-s 
Distance  of  crack  tip  from  adjacent  stringer 
Young's  modulus  for  plate 
Young's  modulus  for  separate  stiffener 
Stress  intensity  factor 


"  "  "  opening  mode 

"  "  "in  the  absence  of  boundaries 

Critical  stress  intensity  factor 
Range  of  stress  intensity  factor 
Constant  in  crack  growth  equation 


N  Number  of  cycles  of  applied  stress 

p  Rivet  pitch 

R  Stress  ratio  ^MIN/OJ^ 

t  Plate  thickness 

w  Half  plate  width 

x  Co-ordinate  from  centre  line  of  panel 

a  Bending  stiffness  of  stiffener 

P  Ratio  e/ (2a+e) 

X  Stiffness  parameter 

p  Stiffener  parameter 

0,(7,  Applied  stress 

aV  Yield  stress 

Minimum  stress  in  stress  cycle 
oyiAX  Maximum  stress  in  stress  cycle 


5.1 


INTRODUCTION 


5.2 


5.2.1 


Integrally  stiffened  structures  have  been  extensively  employed 
in  the  construction  of  present  day  civil  and  military  aircraft.  Whilst 
integral  construction  will,  in  general,  give  an  increase  in  overall 
fatigue  life  due  to  the  reduction  in  the  number  and  degree  of  stress 
concentration  introduced  into  the  structure,  a  conflict  arises  between 
the  increase  in  'safe-life'  and  the  requirement  for  a  damage  tolerant 
structure.  Designers  have  long  been  aware  of  the  fact  that  the  most 
effective  way  of  slowing  the  rate  of  propagation  of  a  c rack  in  a  plate 
is  to  introduce  a  surface  boundary.  In  this  way  crack  growth  is 
delayed  until  a  new  fatigue  crack  is  initiated.  In  a  similar  way  the 
use  of  separate  crack  stopper  straps  to  meet  damage  tolerance  require¬ 
ments  has  been  increasingly  employed,  the  delay  in  crack  growth  being 
effective  until  the  fatigue  life  of  the  strap  has  been  exhausted. 

For  integrally  stiffened  structures  there  are  few  surface  boundaries 
at  which  cracks  can  be  arrested  and  delayed  until  further  fatigue 
crack  initiation  has  taken  place.  However,  integral  stiffeners  do 
have  the  effect  of  reducing  the  rate  of  crack  propagation  of  an 
approaching  crack  by  reducing  the  stress  intensity  factor  (S.I.F.). 

The  retardation  in  crack  growth  depends  upon  the  size  and  spacing 
of  the  stiffeners,  amongst  other  things, and  a  degree  of  optimisation 
is  therefore  necessary  in  the  design  of  such  panels  to  meet  damage 
tolerance  requirements. 

In  the  following  sections  of  this  chapter  the  basic  fracture 
mechanics  formulae  employed  and  developed  for  the  analysis  of  crack 
propagation  and  residual  strength  of  stiffened  structures  are 
presented.  The  extension  of  these  formulae  to  the  design  of 
integral  structures  is  then  shown  by  reference  to  a  few  practical 
examples.  Finally  problems,  perhaps  not  exclusive  to  integral 
structures,  have  been  addressed  in  the  hope  of  eliciting  further 
consideration  on  these  subjects  and  stimulating  interest  in  those 
areas  in  which  further  research  is  necessary. 

FRACTURE  MECHANICS  IN  THE  DESIGN  OF  INTEGRAL  STRUCTURE 

Integrally  stiffened  structures  contain  various  geometrical 
features  of  interest,  apart  from  the  raised  stiffener,  such  as  holes 
and  stringer  run-outs ;  attention  will  however  be  focused  on  the 
influence  a  continuous  integral  stiffener  has  on  the  S.I.F.  for  a 
crack  located  in  an  integrally  stiffened  plate.  the  practical 
application  of  the  solution  to  this  problem  is  in  the  damage  tolerant 
design  of  wing  structure  and  pressure  cabins,  where  machined  skin 
panels,  having  multiple  stiffeners,  are  employed. 


A  Review  of  the  Influence  of  Stiffeners  on  S.I.F. 


In  the  literature  equal  attention  has  been  given  by  researchers 
to  consideration  of  a  flat  sheet  having  either  continuously  attached 
or  discretely  attached  (i.e.  riveted)  stiffeners.  Romualdi(l)  et  al 
(1957)  considered  the  influence  of  a  riveted  stiffener,  making  a 
number  of  simplifying  assumptions  which  limited  the  extent  of  its 
applicability,  however  it  was  the  first  of  such  papers  and  served 
to  indicate  the  way  in  which  a  solution  might  be  found  to  the  S.I.F. 
for  a  cracked  panel  having  an  intact  stiffener. 

Sanders (2)  (1959)  considered  the  problem  of  a  continuously 
attached  stiffener  to  an  infinite  sheet  subjected  to  uniaxial 
tensile  stress,  the  crack  being  normal  to  and  located  symmetrically 
about  the  stiffener.  The  two  possible  conditions  of  either  a 
broken  or  unbroken  stiffener  were  investigated.  The  case  of  the 
broken  stiffener  is  essential  to  the  consideration  of  integrally 
stiffened  panels  and  this  work  by  Sanders  is,  therefore,  directly 
relevant  to  this  problem.  The  S.I.F.  solution  Kj,  given  as  a  ratio 
of  Kq  the  S.I.F.  for  the  crack  in  the  absence  of  the  stiffener,  is 
commonly  referred  to-as  C*.  Table  1  gives  C*  as  a  function  of  the 
stiffener  parameter 


where  A  »  2atE 
As^s 

which  for  integral  panels  reduces  to 


In  the  analysis  the  stiffener  was  taken  to  be  a  single  line  stiffener 
of  cross-sectional  area  Aj  lying  in  the  plane  of  the  plate  with  zero 
in-plane  bending  stiffness.  In  practice  the  stiffener  will  have 
thickness,  bending  stiffness  and  will  be  offset  from  the  plane  of 
the  plate. 

The  early  work  by  Sanders  was  extended  later  Grief  and  Sanders 
to  consider  an  asymmetric  crack  with  respect  to  the  stiffener.  This 
has  application  where  one  end  of  the  crack  is  approaching  an  integral 
stiffener.  The  results  of  Kj/Kq  for  this  case  are  shown  in  Figure  1. 
However,  the  same  limitation  with  regard  to  zero  thickness  stiffeners 
etc.,  implies  that  the  solutions  have  to  be  considered  somewhat 
approximate  in  practice,  particularly  in  the  case  of  a  crack  tip 
very  close  to  the  stiffener. 

Isida(4)  has  considered  the  case  of  a  cracked  plate  in  tension 
with  edges  reinforced  by  stiffeners  and  also  of  a  cracked  plate 
stiffened  by  a  single  stiffener.  In  both  cases  the  in-plane  bending 
stiffness  of  the  stiffener  was  taken  into  account  (see  Figure  2). 

In  an  analysis  of  a  sheet  stiffened  by  a  number  of  equally 
spaced  parallel  stiffeners,  Poe(5)  derived  S.I.F’s  for  two  symmetrical 
cases  of  crack  location  involving  riveted  stiffeners  -  the  case  of  a 
crack  extending  equally  on  both  sides  of  a  stiffener  and  the  case  of 
a  crack  located  mid-bay  i.e.  between  two  stiffeners.  The  information 
was  presented  in  the  form  of  design  graphs  and  covered  the  variables 
of  rivet  pitch,  stiffener  spacing  and  stiffness  and  crack  length. 

The  basis  of  the  analysis  was  that  of  force  and  displacement  matching 
at  the  rivets.  The  in-plane  bending  stiffness  of  the  stiffener  was 
taken  to  be  zero  and  all  forces  were  taken  as  acting  in  tne  plane  of 
the  plate.  Relative  displacement  between  the  rivet  and  the  sheet 
(i.e.  rivet  flexibility )was  not  considered.  Although  the  theory 
could  not  be  applied  directly  to  the  problem  of  zero  length  rivet 
pitch,  comparison  with  results  from  tests  on  integrally  stiffened 
panels  has  showt:  good  correlation  with  prediction  based  on  the  low 
rivet  pitch  given  by  P/2b  »  1/12.  Figure  3  shows  the  S.I.F.  for  a 
crack  extending  equally  between  two  stiffeners,  according  to  Poe,  for 
a  rivet  pitch  to  stiffener  pitch  ratio  of  1/12  over  a  range  of  stiffener 
stiffness,  given  by 


The  close  agreement  between  the  design  curves  of  Poe  for  rivet  to 
stiffener  pitch  ratio  of  1/12  and  that  for  a  crack  approaching  an 
integral  stiffener  given  by  Grief  and  Sanders  is  also  indicated  on 
Figure  3  using  the  results  of  Figure  1  and  the  Compounding  Technique 
of  Rooke  and  Cartwright  (6)  (See  also  Chapter  10).  The  relationship 
between  S.I.F.  and  crack  length  when  the  crack  extends  beyond  the 
adjacent  stiffener,  given  by  Poe,(7)  is  shown  in  Figure  4.  The 
crack  growth  rate  is  assumed  to  be  equal  in  the  plate  and  stiffener 
so  that  the  stiffener  is  not  severed  completely  until  the  crack  in 
the  plate  has  advanced  an  additional  distance  equal  to  the  height 
of  the  stiffener.  Poe  found  that  this  assumption  caused  only 
slight  disagreement  between  measured  and  predicted  crack  growth 
rate  on  integrally  stiffened  test  panels.  For  the  analysis  and 
design  of  integrally  stiffened  panels  according  to  damage  tolerance 
requirements  these  two  S.I.F.  solutions,  one  for  the  failed  stiffener 
from  Table  1  and  the  analysis  of  Poe  given  in  Figure  3, were  the  ones 
most  generally  employed  by  the  authors.  They  may  be  combined,  using 
the  compounding  technique,  for  the  analysis  of  a  panel  having  mutiple 
stiffeners.  It  will  be  observed,  by  reference  to  Table  1  and  Figure  3, 
that  the  influence  of  a  failed  or  intact  stiffener  on  the  S.I.F.  is  of 
a  localised  nature,  becoming  significant  only  when  the  crack  tip  and 
stiffener  are  in  close  proximity.  An  approximate  solution  for  a  crack 
centred  on  a  failed  stiffener  may  be  obtained  by  combining  factors 
such  that i 
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However,  as  discussed  by  Rooke  et  al  in  Chapter  10  this 
simplification  is  not  directly  applicable  if  the  crack  crosses  one 
of  the  boundaries.  In  this  case  the  crack,  plus  the  boundary  which 
it  crosses,  must  be  replaced  by  an  equivalent  crack  of  a  size  a'  which 
will  give  an  equal  S.I.F.  in  the  absence  of  other  boundaries.  This 
equivalent  crack  then  interacts  with  the  remaining  boundaries. 


From  the  foregoing  basic  S.I.F.  solutions  a  fracture  mechanics 
analysis  of  residual  strength  and  crack  growth  rate  can  be  performed 
for  integrally  stiffened  panels  given  the  appropriate  fracture  and 
crack  growth  properties  of  the  basic  material.  This  type  of  analysis 
can  be  used  to  demonstrate  conformance  with  damage  tolerance  require¬ 
ments,  for  the  determination  of  inspection  intervals  and  for  setting 
the  standard  for  maximum  permissible  defect  sizes. 

Comparison  with  Flat  Panel  Test  Data 

A  number  of  tests  have  been  conducted  on  flat  machined  fuselage- 
type  panels  by  BAe  as  part  of  the  Concorde  development  test  programme. 
The  test  panels  were  of  three  types  and  details  of  their  cross  sections 
are  given  in  figure  5.  The  panels  were  of  a  seven  stiffener  design 
and  tests  with  symmetrical  cracks  were  conducted  on  a  central  stiffener. 
The  tests  in  general  consisted  of  a  period  of  fatigue  crack  growth  at 
typical  fatigue  stress  levels  followed  by  a  residual  strength  test. 
Tensile  and  fracture  properties  of  the  material  BACM76,  (RR58  plate) 
indicated  that  plastic  zone  sizes  for  this  material  under  fatigue  and 
residual  strength  loading  would  be  small  and  hence  L.E.F.M.  would  be 
applicable.  The  stress  distribution  across  the  centre  section  of  the 
test  panel  was  determined  from  strain  gauges  and  is  shown  in  Figure  6. 
The  distribution  may  be  represented  by  an  equation  of  the  form 

<*(£)  =  O.[°-0317(w)4  -  0.1657^)*  *  1-05  ] 

When  calculating  the  S.I.F.  resulting  from  such  a  stress 
distribution  a  factor  was  applied  which  took  the  same  form  as  the 
stress  distribution.  This  is  equivalent  to  assuming  a  uniform  stress 
across  the  panel  of  magnitude  CT(Vw)  equal  to  that  which  would  exist 
at  the  crack  tip  location  in  the  absence  of  the  crack.  This  approxi¬ 
mation  had  been  found  to  give  satisfactory  agreement  with  test  results. 
However,  S.I.F.  solutions  are  now  available  for  centre  and  edge 
cracks  with  arbitrary  loading (®),  which  if  applied  to  the  above 
distribution  differ  by  less  than  3%  from  the  above  approximation. 

The  results  of  the  residual  strength  tests  on  the  stiffened 
panels  are  shown  on  Figure  7  for  the  cases  in  which  the  cracks  were 
grown  out  to  the  adjacent  stiffeners.  For  comparison  a  calculated 
residual  strength  is  also  plotted  using  the  method  explained  in 
para  5.2.1  ,  together  with  the  stress  distribution  outlined  above, 
and  a  Kc  value  derived  from  coupon  testing.  Figure  8  shows  the 
variation  in  residual  strength  across  a  stiffener  bay,  for  three 
values  of  stiffener  parameter,  as  a  function  of  crack  length.  It 
will  be  observed  from  this  figure  that  for  a  material  with  a  given 
fracture  toughness  (Kc)  there  is  a  crack  size  shorter  than  the  bay 
width  which  is  critical  at  a  lower  stress.  However  the  propagating 
crack  is  arrested  as  it  extends  towards  the  stiffener  into  a  region 
of  reducing  S.I.F. 

Figures  9  (a)  and  9(b)  compare  measured  and  calculated  crack 
growth  rates  in  flat  panels.  The  calculated  crack  propagation  rates 
are  based  on  a  crack  growth  equation  of  the  form  proposed  by  Forman, 
Kearney  and  Engles  (9) 
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The  equation  was  derived  from  crack  propagation  tests  on  flat  coupon 
specimens.  Favourable  agreement  is  shown  between  test  and  calculation. 

Summary 

The  development  tests  showed  the  suitability  of  the  l-.E.F.M. 
approach  for  this  material  under  uniaxial  loading  in  the  damage 
tolerance  design  of  the  Concorde  pressure  cabin  and  other  primary 
structure.  However  when  related  to  actual  components  further 
consideration  must  be  given  to  the  possible  influences  which  bi-axial 
loading,  pressure,  curvature  and  the  fatigue  spectrum  may  have  on  the 
crack  growth  rate  and  residual  strength. 

In  the  following  section  consideration  is  given  to  the  application 
of  fracture  mechanics  in  the  fail-safe  design  of  more  typical  integral 
stiffened  aircraft  structures. 
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5.3.1 


APPLICATION  OF  FRACTURE  MECHANICS  IN  FATL-PAFE  DESIGN  OF  INTEGRAL 
STRUCTURES 

The  application  of  the  method*  developed  for  flat  panel*  in 
section  5  1  to  cover  more  typical  aircraft  structures  will  now  be 
discussed.  These  structures  could  differ  from  the  flat  panels, 
on  wi.ich  good  correlation  between  test  and  theory  was  achieved, 
by  perhaps  having  significant  curvature,  being  subject  to  spectrum 
loading  and  having  the  possibility  of  cracks  in  a  bi-axial  stress 
field.  What  follows  is  a  review  of  some  of  the  possible  solutions 
for  dealing  with  these  differences  and  the  effect  these  solutions 
may  have  on  the  prediction  of  crack  propagation  and  residual 
strength. 

Review  of  Further  Factors  Influencing  Fail-Safe  Design 

A  parameter  which  should  be  taken  into  consideration  is  that 
of  curvature  and  its  possible  influence  on  residual  strength  and 
crack  propagation.  FoliasU0),  Ckincan  and  Sanders  ( 11  )and  Adams  (12  ) 
obtained  correction  factors  for  the  case  of  circumferential  cracks 
in  unstiffened  cylinders.  It  will  be  ooserved  that  there  is  a 
large  variation  in  the  curvature  correction  factors  between  the 
various  researchers. 

The  effect  of  spectrum  loading  on  crack  propagation  must  also 
be  considered  because  a  fatigue  load  preceded  by  a  load  of  higher 
magnitude  produces  less  crack  propagation  than  it  would  in  the 
absence  of  such  a  load.  This  retardation  effect  is  mainly  attributed 
to  a  combination  of  residual  deformation  and  stzess  around  the  crack 
tip  and  the  effect  on  crack  closure  due  to  the  plastic  deformation 
left  in  the  wake  of  the  crack  front. 


There  are  several  models  treating  retardation  in  a  quantitative 
way,  most  are  semi-empirical,  the  two  best  known  are  due  to  Wheeler  u3) 
and  Willenborg  et  al  U4). 

Using  the  Wheeler  model,  the  retarded  crack  growth  can  be 
determined  from  the  relationship, 
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where  f  (  AK)  is  the  usual  crack  growth  function  and  Cp  is  a 
retardation  parameter  based  on  experimental  data. 

Another  factor  to  be  considered  when  carrying  out  crack 
propagation  tests  on  a  component,  such  as  a  fuselage  which  includes 
internal  pressure,  is  the  resulting  bi-axial  stress  field.  Anstee  and 
Morrowi^'have  reported  on  the  effects  of  bi-axial  loading  and  have 
concluded  that  bi-axial  tension  stresses  reduce  the  crack  growth  rate. 
They  used  panels  made  from  the  same  material  ana  of  almost  identical 
configuration  to  those  discussed  in  this  report.  Their  results  indicate 
a  reduction  in  crack  growth  rate  of  55*  when  the  stress  parallel  to  the 
crack  is  equal  to  the  longitudinal  stress  and  some  33*  reduction  when 
the  parallel  stress  is  half  the  longitudinal.  However,  these  findings 
call  into  question  the  use  of  AK  (calculated  as  a  function  of 
applied  stress  normal  to  the  crack)  as  the  parameter  for  correlating 
with  crack  growth  rate.  If  bi-axial  effects,  displacements  and 
strain  energy  related  quantities  are  to  be  adequately  represented 
then,  as  discussed  by  Eftis  et  al'^^^,  an  additional  non-singular 
constant  term  should  appear  in  the  local  stress  components  parallel 
to  the  c rack. 

5.3.2  Comparison  with  Component  Tests 

Crack  propagation  and  residual  strength  tests  on  curved 
integrally  stiffened  panels,  with  circumferential  cracks,  see  fig. 10, 
have  been  conducted  on  a  representative  fuselage  component  specimen. 

Two  residual  strength  tests  were  taken  to  failure,  both  were  carried 
out  without  pressure  but  the  bending  moment  applied  to  the  specimen 
was  such  that  the  total  tension  stress,  including  that  due  to 
pressure,  was  developed  at  the  top  centre  line.  The  tests  were 
done  with  the  crack  centred  on  a  failed  stiffener  and  extending  to 
adjacent  stiffeners.  The  results  are  shown  on  Figure  11.  Also 
plotted  is  a  line  of  constant  stress  intensity  for  the  curved  panels 
which  has  been  calculated  using  the  compounding  technique,  taking 
into  account  the  failed  stiffener,  the  influence  of  the  intact 
stiffeners  adjacent  to  the  crack  tips  and  a  value  of  Kc  derived  from 
coupon  tests.  The  results  from  fig. 7,  for  the  flat  panels  are  also 
plotted  for  comparison.  Bearing  in  mind  that  there  was  no  pressure 
applied  on  the  fuselage  tests,  i.e.  the  stresses  being  predominantly 
uniaxial,  it  was  assumed  that  any  variation  between  the  flat  panel 
on  the  fuselage  results  would  be  due  to  curvature.  As  the  results 
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showed  little  variation  a  curvature  correction  factor  of  1.0  was 
applied  in  all  subsequent  analyses. 

All  crack  propagation  tests  on  circumferential  cracks  in 
curved  panels  were  carried  out  under  a  cycle  of  loads  representing 
a  complete  spectrum  of  on-ground  and  in-flight  stresses.  A 
typical  spectrum  representing  a  single  flight  cycle  is  shown  on 
Figure  12.  The  results  of  two  such  crack  propagation  tests  are 
shown  on  figs. 13  (a)  and  13  (b)  together  with  the  results  of 
calculations  using  the  methods  for  flat  panels  derived  in 
section  5.2,  taking  a  linear  accumulation  of  crack  growth  under 
each  individual  load  in  the  spectrum. 

Although  this  analysis  does  not  give  correlation  with  the 
test  results  it  can  be  further  improved  by  the  consideration  of 
retardation  effects.  The  method -used  was  that  due  to  Wheeler(!3) 
and  the  results  of  such  an  analysis  are  also  shown  on  figs. 13  (a) 
and  13  (b). 

The  crack  propagation  tests  on  curved  panels  also  included 
at  the  appropriate  times  the  effect  of  internal  pressure  and  its 
resulting  bi-axial  stress  field.  As  the  hoop  stress  in  these 
tests  was  circa  8600  lb/in*  it  can  be  seen  from  the  spectrum  of 
normal  stress  that  during  the  time  that  pressure  was  applied 
(see  fig. 12)  the  stresses  parallel  to  the  crack  are  generally 
about  the  same  as  the  peak  stresses  normal  to  the  crack.  The 
work  of  Anstee  and  Morrow  (14)  indicates  that  this  degree  of 
bi-axiality  would  give  a  factor  on  life  of  around  1.5  and  a 
further  improvement  in  correlation  between  prediction  and  test 
would  be  obtained  by  the  application  of  a  factor  of  this  magnitude 
to  the  crack  propagation  life  during  the  time  pressure  was  applied. 

Obviously  a  more  rigorous  approach  to  the  effect  of  a  fatigue 
spectrum  of  bi-axial  stresses  on  crack  propagation  needs  to  be 
developed.  In  the  meantime  the  best  course  is  to  perform  tests 
in  the  most  representative  manner  if  accurate  results  are  required. 

DISCUSSION  AND  CONCLUSIONS 


Despite  the  simplifications  inherent  in  the  two-dimensional 
analysis  for  the  determination  of  S.I.F.s  and  the  idealisation  of 
the  structure  which  is  necessary  good  agreement  between  test 
results  and  calculation  can  be  shown  for  flat  panels  under  uniaxial 
loading.  Improvements  are  clearly  required  in  the  determination  of 
the  S.I.F.  for  an  integrally  stiffened  panel  for  the  case  where  the 
crack  tip  is  adjacent  to  an  intact  stiffener  and  beginning  to 
propagate  into  it.  Poe  (7)  gives  a  linear  approximation  to  the 
S.I.F.  for  cracks  growing  through  integral  stiffeners. 

The  influence  of  curvature  on  the  effective  S.I.F.  requires 
further  investigation.  Residual  strength  tests  on  curved  panels 
under  essentially  uniaxial  loading  have  given  results  comparable 
to  those  obtained  on  flat  panels,  also  tested  under  uniaxial 
loading, indicating  the  effect  of  curvature  to  be  small  for  the 
type  of  structure  tested. 

Crack  growth  in  curved  panels  under  a  spectrum  of  biaxial 
stresses  differs  significantly  from  that  which  would  be  predicted 
using  a  simple  linear  damage  approach.  Further  investigation  is 
required  into  the  effect  of  biaxial  stresses,  in  particular  the 
influence  on  crack  growth  of  the  resulting  variation  in  magnitude 
and  direction  of  principal  stress  which  occurs  during  a  spectrum 
of  fatigue  loading. 
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FIGURE  1  -  INFLUENCE  OF  A  STIFFENER  ON  THE 
S.I.F  AT  AN  APPROACHING  CRACK  TIP  (REF  3.1 
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FIGURE  2  -  INFLUENCE  OF  A  STIFFENER  ON  THE 
S.I.F.  AT  AN  APPROACHING  CRACK  TIP(REF:4) 
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FIGURE  3  -S.LF  FOR  A  CRACK  EXTENDING  EQUALLY 
BETWEEN  TWO  STRINGERS  (REFS) 


FIGURE  4  S.I.F  FOR  A  CRACK  EXTENDING 
BEYONO  THE  ADJACENT  STRINGER 


FIGURE  7  RESIDUAL  STRENGTH  OF  FLAT  STIFFENED 
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IDUAL  STRENGTH  OF  INTEGRAI 
FENED  PANEL  AS  A  FUNCTION 
/j  FOR  A  CRACK  SYMMETRIC 
JT  A  FAILED  STIFFENER 
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FIGURE  9(a)-  MEASURED  AND  CALCULATED  CRACK 

GROWTH  FOR  INTEGRALLY  STIFFENED  PANEL 
WITH  CRACK  SYMMETRICAL  ABOUT  A  FAILED 


FIGURE 9(bFMEASURED  AND  CALCULATED  CRACK 

GROWTH 
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FIGURE  10  -  CURVED  FUSELAGE  TEST  PANELS 
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FIGURE  11  RESIDUAL  STRENGTH  OF  FLAT  AND  CURVED 
STIFFENED  PANELS  FOR  A  SYMMETRICAL  CRACK  CENTRED 
ON  A  FAILED  STIFFENER  AND  EXTENDING  TO  ADJACENT 
STIFFENERS. 
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FIGURE  12 -TYPICAL  FATIGUE  SPECTRUM  FOR  A  SINGLE  FLIGHT 

REPRESENTED  AS  A  SERIES  OF  PEAKS  AND  TROUGHS 


REPRESENTATION  OF  ONE  SMOOTH  FLIGHT 
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FIGURE  13(b)-  CRACK  PROPAGATION  IN  CURVED  FUSELAGE 
PANEL  UNDER  BLOCK  SPECTRUM  LOADING 
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6.1  Introduction 


Forgings  are  employed  at  many  different  locations  In  an  aircraft  structure.  Some 
examples  which  com  to  mind  are  wing  spars,  root  ribs,  bulkheads,  frames,  wing  or  empennage 
attachment  fittings  etc.  It  is  typical  for  these  components  to  be  fully  machined,  the 
Might  of  the  finished  part  sometiMS  being  only  a  few  percent  of  that  of  the  original 
forging.  This  machining  will  disrupt  the  grain  flow,  which  may  have  been  highly  irregular 
to  start  with,  see  Fig.  1. 

Compressor  or  turbine  disks,  as  wall  as  gun  barrels  or  helicopter  rotor  heads  are 
examples  of  fully  machined  forgings  from  other  fields. 

Other  forged  components  such  as  undercarriage  legs  are  not  machined  over  moat  of  their 
surfaces.  However,  they  may  still  have  an  irregular  grain  flow  within  the  forgings  and  much 
SK>re  so  between  individual  forgings  of  identicsl  shape. 

The  large  amount  of  machining  on  most  aircraft  structural  forgings  can  be  reduced  by 
so-called  ‘precision’  forgings.  The  aim  is  to  reduce  costs  by  forging  the  net  shape,  re¬ 
quiring  no  machining  except  for  drilling  attachment  holes  etc.  Precision  forgings  are  said 
to  offer  additional  benefits  such  as  better  mechanical  properties  and  fatigue  character¬ 
istics  due  to  the  higher  degree  of  work  during  forging,  better  grain  orientation  and  other 
metallurgical  advantages  retained  when  the  as-forged  surfaces  are  not  removed. 

Forged  components  are  monolithic,  they  usually  have  a  single  load  path  and  their 
failure  stay  result  in  a  catastrophic  accident.  This  obviously  has  been  recognised  in  the 
relevant  MIL-Standard  1587  of  the  USAF  because  all  surfaces  of  structural  forgings 

used  in  fatigue  critical  applications  oust  be  completely  shotpeened  or  placed  Into  com¬ 
pression  by  other  suitable  means  after  final  machining  and  heat  treatment.  Furthermore, 
all  forgings  made  of  steel  with  1400  N/mm2  ultimate  tensile  strength  and  above  must  be 
shotpeened.  The  objective  apparently  is  to  avoid  cracks  altogether. 

Forgings  were  formerly  designed  to  the  ‘safe  llfo‘  philosophy!  nowadays  they  have  to 
meet  the  ‘slow  crack  growth*  requirements,  at  least  if  the  USAT  damage  tolerance  require¬ 
ments  /I.  2 7  are  applicable.  Therefore  the  residual  static  strength  and  the  crack  propag¬ 
ation  properties  of  forgings  are  important  to  the  designer,  the  airworthiness  authorities 
and  the  operator  of  the  aircraft. 


6.2  Ztate  of  the  Art  of  Utilizing  Fracture  Mechanics  for  the  Design  of  forgings 
6.2.1  Special  Considerations 

When  utilizing  fracture  mechanics  for  the  design  of  new  or  the  damage  tolerance 
eseessment  of  in-service  components,  the  following  procedure  is  usually  followed! 

1.  Establish  the  fracture  toughness  Xj-  of  the  material  (if  thickness  is  sufficient  for 

plane  strain  conditions)  by  standard  ASTM  tests  on  specimens  machined  out  of  the 
component.  For  simplicity's  sake  or  if  the  component  is  not  yet  available,  ‘typical* 
*ic-values  are  often  taken  from  the  literature  £1,  . 

2.  Calculate  the  residual  static  strength  of  the  component  in  the  cracked  condition 
assuming 

-  a  ‘typical*  crack  shape  expected  in  service 

-  e  crack  size  which  is  certain  to  be  detected  with  the  NDI  method  employed 

-  the  critical  section  and  lta  maximum  nominal  stress  at,  say,  limit  load  and, 
last  but  not  least 

-  that  the  fracture  toughness  Xlc  aa  per  1.  is  valid  for  the  component. 

If  the  residual  static  atrsngth  is  too  low,  the  procedure  Is  repeated,  using  for 
example  s  higher  XIfi- value  or  a  smaller  crack  length,  meaning  that  a  higher-toughness 
material  or  better  NDI  methods  must  be  employed. 

Thla  la  the  procedure  fer  designing  new  components,  neglecting  for  the  moment  the 
much  more  difficult  problem  of  crack  propagation  under  service  loads.  For  the  damage 
tolerance  assessment  of  components  which  have  cracked  in  service  at  least  the  critical 
section  and  the  crack  shape  are  known.  Also  the  specimen  e«n  be  taken  out  of  the  component 
near  this  location.  The  result  of  the  computation  is  thus  more  reliable. 

However,  the  crack  may  turn  out  to  be  of  s  complex  shape,  for  which  no  ‘textbook* 
solutions  are  available.  In  that  esse  s  finite  element  solution  may  be  celled  for. 


Ivan  than,  it  should  be  realized  that  in  tha  procaduraa  da  scribed  above  ona  basic 
assumption  is  still  employed,  which  is  tha  mainstay  of  fracture  mechanics,  so  to  speakt 
'The  fracture  toughness  of  a  small  standard  specimen  is  a  quantitative  measure  of  the 
residual  static  strength  (in  the  cracked  condition)  of  the  coaqacinent  from  which  the 
specimen  was  taken*.  If  one  goes  a  step  further,  even  the  scatter  of  the  fracture  tough¬ 
ness  of  the  specimens  would  have  to  be  equal  to  (or  larger  than)  the  scatter  of  the 
residual  static  strength  of  the  component. 

For  calculating  the  crack  propagation,  da/dN  vs.  A K-curvea  are  produced,  again 
utilizing  specimens.  Here  the  basic  assumption  is:  The  range  of  stress  Intensity  A  X  at 
a  certain  stress  ratio  R  determines  the  crack  propagation  rate*,  that  is,  at  equal  A  X 
and  R  the  crack  propagation  rate  in  a  specimen  and  in  the  corresponding  component  are 
equal. 


In  the  author's  opinion,  it  has  not  bean  shown  conclusively  that  the  above  basic 
assua^tlons  are  correct  In  all  cases.  In  the  case  of  forgings,  one  might  intuit¬ 
ively  expect  some  special  problems  due  to  the  following  reasons: 

-  The  heavy  sections  of  forgings  cannot  be  worked  as  uniformly  or  as  thoroughly  as,  for 
exasiple,  sheet  or  plate. 

-  Particulars  of  the  forging  procedure,  for  example  if  only  a  finishing  die  is  used,  may 
heavily  influence  the  residual  static  strength  of  a  forging  resulting  in  extreme  differ¬ 
ences  in  critical  crack  sizes. 

-  The  grain  flow  will  be  disrupted  by  machining)  furthermore  it  may  be  Irregular  within 
tha  forging.  This  might  lead  to  different  fracture  toughnesses  and  to  peculiar  crack 
shapes.  Two  nominally  identical  forgings,  having  been  forged  by  the  saaw  company  in 
the  saaw  die,  may  have  widely  different  grain  flow  patterns  and  fracture  surfaces,  see 
Figures  2  to  5.  Thus  the  requirement  in  the  applicable  MIL-Stindard  "the  first 
production  forging  shall  be  sectioned  and  etched  to  show  the  grain  flow  pattern  ..*  may 
not  be  meaningful. 

-  Many  forged  components  are  large  and  contain  widely  different  section  thicknesses.  It 
will  therefore  be  difficult  if  not  impossible  to  attain  similar  fracture  toughness 
properties  all  over  the  forging. 

The  above  problems  are  valid  even  for  only  one  forging;  they  may  be  awre  marked  for 
a  large  number  of  only  nominally  identical  forgings. 

On  the  other  hand  it  should  be  easy  to  use  fracture  mechanics  procedures  on  forgings 
because  the  sections  are  usually  thick  enough  for  plane  strain  conditions  to  spply,  avoid¬ 
ing  the  difficulties  associated  with  plane  stress  conditions  such  as  gross  plastic  yield¬ 
ing  and/or  Inexact  solutions  for  the  applicable  stress  intensity  factor  X.  In  this  respect 
the  solution  should  be  simple,  because  the  forging  is,  so  to  speak,  in  one  piece  and  the 
problems  with,  for  example,  stresa  Intensity  factors  for  sheet  with  riveted-  on  stiffeners 
do  not  exist. 

So  it  would  appear  that  most  of  the  problems  of  using  fracture  mechanics  for  the 
design  and  damage  tolerance  aseesament  of  typical  forged  components  do  not  coaw  from  the 
fracture  mechanics  side  and  therefore  cannot  be  solved  by  Improvements  in  fracture 
mechanics  theory,  better  formulae  for  X  etc.  Rather  they  coow  from  the  production  proced¬ 
ures  and  materials  properties  side. 

In  other  words,  the  difficulties  lie  not  so  much  in  the  calculation  procedures,  but 
in  the  input  data  -  as  in  many  othrr  engineering  problems  -  and  there  might  be  large  differ¬ 
ences  lrt  fracture  toughness  behaviour  between  specimens  and  complete  components.  In  any 
case  a  larger  than  normal  variability  of  fracture  toughness  has  to  be  expected.  Only  com¬ 
parative  fracture  toughness  testa  with  specimens  and  complete  forged  components  can  answer 
these  questions.  Recause  of  the  enormous  costs  of  such  programs  little  data  on  the  fracture 
tough. tees  and  crack  propagation  propertiet  of  complete  forged  components  are  available 
/S  to  1j7,  which  are  described  In  section  6)  In  contrast,  a  very  large  number  of  stand¬ 
ard  ASTM  terts  with  specimens  machined  from  torgings  can  be  found  in  the  literature  £T7  to 

3j7- 


For  the  rest  of  this  chapter,  an  attempt  will  be  made  to  condense  what  is  available 
from  I  ABC  and  other  sources,  in  order  to  present  some  quantitative  data  and  to  summarize 
in  a  qualitative  way  what  the  designer  of  forged  components  should  know  and  be  awere  of 
with  regard  to  their  fracture  toughneaa  properties. 


6.2.2  Basic  Formulae  to  be  Applied 

The  ’typical*  crack  In  a  forging  la  of  the  quarter-  or  half-elliptical  shape,  the 
K-eolutlons  of  which  can  be  found  in  any  of  tha  well  known  handbooks  A  34  to  3J/-  ln  real 
Ufa  forgings,  the  actual  crack  shape  may  deviate  more  or  leas  from  these  Ideal  shapes) 
however,  this  will  be  known  onl'.  If  service  cracks  are  known  or  at  least  If  laboratory 
testa  with  realistic  load  sequences  have  been  cerrled  out.  In  the  axaa^le  of  Figure  6 
a  sufficiently  exact  solution  can  most  probably  be  found  using  the  procedures  described 
in  chapter  10  of  this  handbook. 

In  an  axtrame  case,  such  aa  shown  ln  r igure  7  it  will  indeed  be  difficult  to  calcul¬ 
ate  anything!  The  only  consolation  is  that  this  forging  had  a  far  longer  crack  propagation 
life  and  a  far  larger  critical  crack  length  than  tnree  other  nominally  identical  forgings, 
which  showed  ‘normal*  crack  shapes. 


A  method  for  determining  a  X-solution  for  a  caae  which  la  not  to  be  found  in  any 
handbook  will  be  described  shortly!  If  a  stepped  shaft  with  a  shoulder  fillet  is  loaded 
by  a  realistic  torsional  load  sequence,  a  large  number  of  small  45  degree-cracks  will 
initiate  in  the  fillets.  At  first  these  are  independent  of  each  other j  see  Figure  8.  When 
the  test  is  continued,  they  will  eventually  join  up  and  form  the  contlnous  jagged  outline 
shown  in  Figure  9.  For  several  reasons  it  is  very  difficult  to  formulate  a  stress  intens 
ity  factor  solution  for  this  case.  For  examole,  when  applying  torsion  in  one  direction 
the  4S~degree  surfaces  of  these  multiple  cracks  will  corns  into  contact  and  friction  will 
occur.  What  is  store,  when  reverse  torsion  is  applied,  the  cracks  are  opened. 


The  problem  was  solved  CilJ  in  the  following  ways 
The  compliance  of  the  shaft  will  increase  as  the  cracks  grow.  Therefore  at  different 
crack  lengths  the  compliance  was  determined  by  measuring  the  decay  of  the  torsional  eigen- 
frequency  of  the  cracked  shaft,  exciting  it  by  a  large  massloaded  lever.  This  method  was 
chosen  in  preference  tc  the  usual  deflection  meaaurement,  because  the  latter  proved  to  be 
not  sensitive  enough.  Care  had  to  be  taken  to  excite  only  the  cracked  section  of  the  ahaft. 

The  energy  necessary  to  produce  new  crack  surfaces  can  be  expresaed  on  one  hand  by 
the  change  of  the  spring  energy  d£p  divided  by  the  increswntal  growth  of  cracked  area  dA. 
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where  Cp  compliance 

T  torsional  moment 

tf  *  «  T2  spring  energy. 


Another  energy  equation  can  also  be  deduced  (according  to  Irwin)  from  the  stress 
intensity  Kj  for  plane  strain  conditional 
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After  aome  further  transformations! 
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4.2.3  Laboratory  Testa  and  Specimens  Utilised 

Normally  the  standard  ASTH  specimen  according  to  A5TM  f-399  Is  used  to  determine 

the  fracture  toughness  K,c  of  forgings  and  In  many  cases  also  their  crack  propagation 
properties  expressed  as  oa/dN  vs. A  X.  No  more  need  be  said  about  this  well  known  specimen 
except  that  besides  the  'normal*  ratio  of  thickness  to  width  D/W  •  0,3  other  ratios  are 
also  allowed  in  the  standard,  namely  a/W  from  0,25  to  1.0. 

This  will  allow  us  to  take  larger  standard  specimens  out  of  some  forgings.  It  should 
be  a  prerequisite  to  machine  as  large  a  specimen  as  possible  out  of  the  section  In  question. 
Some  of  the  difficulties  amntloned  before  with  regard  to  the  use  of  specimen  data  for  com¬ 
ponents  will  then  be  minimised. 

For  testing  the  fracture  toughness  of  thlckwalled  cylinders,  for  example  forged  gun 
barrels  or  high-pressure  vessels,  a  C-shaped  specimen  has  been  standardised  in  the  latest 
edition  of  the  ASTM  fracture  toughness  standard  0^7-  It  Is  shown  In  rigure  10  and  has 
been  successfully  used  In  a  number  of  Investigations  £2*.  28,  J»  to  41/.  On*  Important 
advantage  is  that  this  specimen  can  simply  be  cut  from  the  existing  cylinder  with  no 
additional  machining  of  Inside  and  outside  diameters. 


fj  Examples  of  Application  of  Fracture  Mechanics  to  Forcings 
6J.I  Forging*  Designed  According  to  Fractur*  Machanlca  Principle* 

Mo  example  of  thla  typo  was  found  In  th*  lltoratur*  or  furnished  by  th*  AGARD  nation*. 

6.3.2  Forginga.  froa  Aircraft  In  Sorvlc*  or  under  Developswnt 
Mere  a  number  of  example*  la  available! 

Firat,  for  a  modern  tactical  aircraft  which  waa  originally  dealgned  to  the  'safe-life* 
philoaophy,  a  damage  tolerance  aaaeaament  waa  carried  out  by  the  manufacturer*  during 
th*  development  phaae.  To  thla  end,  a  number  of  critical  component*  wore  aelected  through¬ 
out  th*  atructure,  some  of  them  being  forgings.  For  an  especially  critical  aluminum  forging 
no  lea*  than  five  possible  critical  section*  were  analysed,  four  of  them  for  two  or  more 
different  flaw  types  (1.  *.  corner  flaw  and  through  crack).  The  material*  data  -  Klc  or 
Ke,  a*  the  case  was,  as  well  a*  da/dN  vs .  A r.  -  were  determined  with  specimens. 

Soaw  numerical  example*!  For  2014-T6  forginga,  th*  fractur*  toughneas  waa  determined 
as  Kjc  *  778  N/sss V2  in  the  T-t  direction  and  as  683  N/mw3/J  In  th*  S-T  direction.  For 
T16A14V  forginga  in  th*  annealed  condition,  th*  corresponding  values  werei 
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Bealdes  ASTM  standard  specimens,  for  crack  propagation  tests  rectangular  specimens  with 
a  central  crack  were  manufactured  from  sheet,  plate,  or  forginga  In  th*  appropriate  thick¬ 
ness. 


These  tests  established  th*  materials  'constants*  necessary  for  the  subsequent 
damage  tolerance  assessments,  namely  Xle  or  Xc  for  critical  crack  length  a0  and  C  and  n 
in  the  Forman  equation  £<%2 


da  „  C  •  Ax" 
dN  (1  -  A)  Xc  -  AX 

where  a  crack  length 
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C  constant 
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which  was  used  fer  calculating  crack  propagation  under  service  loads,  neglecting  th* 
retardation  effect  of  th*  high  loads  in  th*  spectrum.  Next  th*  stress  Intensity  factor 
formulae  for  th*  various  typical  crack  shapes  expected  in  th*  different  critical  c<xs- 
ponents  were  agreed  upon  between  th*  firms  building  th*  aircraft,  for  *xasq>le 

'comer  crack* 

'elliptical  Internal  flaw* 

'through  crack  at  a  hole* 

'through-crack  at  a  pin  loaded  hoi'"',  etc. 

Th*  appropriate  formula*  for  X  were  mostly  taken  from  th*  literature  £J4  to  3f7> 
soaw  of  them  were  derived  or  existing  one*  Improved  or  adapted  by  the  firms  themselves. 

The  crack  propagation  Ilf*  starting  from  an  assuswd  initial  crack  length  a,,  was  then 
calculated  under  th*  stress  spectrum  applicable  to  th*  component.  Th*  assumed  Initial 
crack  lengths  varied  from  0,2S  to  10  am.  In  most  of  th*  bases  being  2,S  am. 

Th*  procedure  was  th*  same  In  principle  for  all  components  from  thin  sheet  to 
heavy-section  forgings.  Ho  special  swasures  were  employed  to  take  into  account,  for 
example,  th*  potentially  higher  scatter  of  X,  -  or  da/dM-values  of  forgings  or  other 
heavy-section  coaqponents. 

A  second  example  la  the  application  of  fractur*  mechanics  to  th*  daswg*  tolerance 
assessment  of  an  older  tactical  aircraft  which  has  been  in  service  for  more  than 

IS  years.  A  number  of  critical  locations  and  th*  associated  crack  shapes  are  therefor* 
known j  compared  to  the  first  example  this  daswg*  tolerance  assessment  thus  had  th*  bene¬ 
fit  of  hindsight  In  these  two  important  aspects.  Among  th*  38  critical  locations  selected, 
five  were  in  forgings. 

Xt  Is  not  Intended  to  cover  these  damage  tolerance  assessment  procedures  in  any 
detail;  they  have  been  well  decuawnted  £12  ,  4 37  •n<1  are  in  principle  similar  to  those  in 
the  exaa^le  described  before.  Again  specimen  tests  were  used  to  establish  th*  constants 
necessary  for  th*  subsequent  crack  propagation  and  critical  crack  length  calculations  for 
components,  forgings  being  dealt  with  In  th*  sasw  way  as  sheet,  extrusions  or  plat*. 


The  third  example  concerns  a  lug  from  the  Heavy  Lift  Helisoper  (HLH)  /i47  rotor  hub, 
which  was  manufactured  from  an  alpha-beta  6A1-4V  titanium  forging  in  the  solution  treated 
and  aged  (STOA)  condition.  During  fatigue  tests  of  three  rotor  hub  and  crossbeam  assemblies 
premature  fatigue  cracks  occurred  in  the  rotor  hub  lower  lugs,  cross  beam  bosses  and 
bushings.  The  failure  of  the  rotor  lug  was  thought  to  be  attributable  to  one  of  the 
following  three  possibilities: 

-  low  fracture  toughness  Kc 

-  rapid  fatigue  crack  propagation  at  all  stress  level  of  the  spectrum  applied 

-  fretting  as  crack  initiator. 

A  fracture  mechanics  assessment  was  carried  out  showing  that  the  fracture  toughness 
met  specifications  and  that  indeed  all  the  stresses  in  the  spectrum  led  to  crack  propag¬ 
ation  . 


Again  specimen  data  were  used  for  arriving  at  both  answers.  The  fracture  toughness 
of  the  lugs  at  failure  in  the  fatigue  test  was  calculated,  assuming  a  uniaxial  stress 
existed  normal  to  the  fracture  surface.  Depending  on  which  stress  was  assumed  to  be 
decisive,  that  at  the  chamber  of  the  lug  or  the  average  gross  stress,  a  K~  of  4.850  N/mm3'2 
or  3.020  N/mm^/2  was  calculated.  These  two  values  were  then  averaged  to  give  a  Kc  of 
3.920  N/mnw/2,  By  comparison  with  specimen  data  determined  in  the  HLH  Titanium  Materials 
Evaluation  Program  it  was  found  that  even  on  the  basis  of  the  lower  above  mentioned 
fracture  toughness  the  material  met  specifications. 

The  da/dN  vs.  A  X  data  were  established  in  the  same  evaluation  program  with  specimens 
taken  from  the  center  of  the  forging  and  tested  at  the  stress  ratio  R  »  0  .43,  encountered 
at  the  lug  during  fatigue  testing.  Using  these  data,  the  crack  propagation  in  the  lug  was 
calculated  employing  two  different  models,  labelled  'conservative*  and  ’unconservative*. 

The  former  accounted  for  the  stress  concentration  magnification  effect  of  the  lug  geometry, 
while  the  latter  did  not  and  ’was  the  most  optimistic  representation  of  the  crack  which 
could  possibly  be  made*  /447.  Calculating  back  from  the  known  conditions  at  failure,  the 
crack  growth  rates  associated  with  each  stress  level  of  the  applied  spectrum  were  deter¬ 
mined. 


Several  more  examples  were  furnished  by  working  group  members  from  other  countries: 

The  first  concerns  a  forged  main  undercarriage  leg  of  a  military  aircraft,  which  had 
developed  cracks  in  service.  Its  residual  static  strength  was  calculated  employing 
fracture  mechanics.  Two  non-standard  specimens  were  machined  from  the  arms  of  the  forging 
and  a  semielliptical  surface  notch  was  milled  into  the  surface.  The  fracture  toughness 
Kic  of  the  material  was  established  with  these  specimens,  applying  the  well  known  ASTM 
thickness  and  crack  depth  criteria.  One  of  the  specimens  gave  a  valid  Kic-value,  which 
was  then  used  to  calculate  the  residual  static  strengths  at  several  locations  where  service 
cracks  had  shown  up.  In  addition  the  crack  growth  rate  applicable  for  the  material  was 
taken  from  the  literature  and  the  crack  propagation  per  lending  impact  was  computed.  The 
result  was  not  checked  by  a  residual  static  strength  test  of  the  landing  gear. 

In  another  example  £K%7  the  failure  cause  and  the  reclamation  possibilities  of  stress 
corrosion  cracked  vertical  stabilizer  beam  forgings  was  analysed  using  fracture  mechanics. 
Standard  ASTK  specimens  were  taken  from  the  forgings.  The  direction  of  crack  propagation 
in  the  specimens  were  selected  cm  the  basis  of  a  microscopic  examination  of  the  grain 
flow  in  the  outer  surfaces  of  the  forging  near  to  the  service  crack  region  in  order  to  use 
relevant  fracture  toughness  data.  Valid  Kjc-data  of  630  -  650  N/n*n3/2  were  developed  from 
these  specimen  data.  Using  a  somewhat  conservative  number  of  6C0  N/mm3/2  the  critical 
stress  at  failure  for  corner  cracks,  through  cracks  and  surface  flaws  was  calculated 
depending  on  crack  length.  Again  no  check  of  this  calculation  was  possible  since  no 
residual  static  strength  tests  on  the  complete  forging  were  performed. 

Another  case  ^ 1 >  127  concerns  the  residual  static  strength  of  a  forged  horizontal 
stabilizer  rear  attachment  fitting,  sea  Figure  11,  which  had  failed  in  flight,  resulting 
in  a  fatal  accident.  Here  a  slightly  different  procedure  was  followed:  Five  cracked  and 
two  uncracked  fittings  were  statically  loaded  to  failure  in  a  test  rig.  All  the  cracked 
fittings  failed  through  the  fatigue  cracks  present. 

However,  the  fracture  toughness  values  for  the  material  in  question,  7075-T6,  were 
taken  from  the  literature  to  be  607  N/mm3/2  and  i.ioi  N/mmV2  in  the  T-L  and  L-T  direction 
respectively.  Three  slightly  different  formulae  for  the  stress  intensity  factor  X  of  the 
crack  shape  prevalent  in  the  failed  fittings  were  also  taken  from  the  literature  to  be 

X  -  0,799  tf  /Ta 

X  -  0,705  O  /Ta 

x  -  o.siseyra 

Thus  the  failure  of  the  leg  according  to  fracture  mechanics  could  be  assumed  to  be 
bounded  by  the  conditions 

1010  -  0,705  ©•  y"¥a  and  607  -  0,015  3  pTT 

These  predictions  are  baaed  on  the  assumption  of  a  uniform  stress  on  the  surface,  a 
condition  not  valid  in  the  teTt.  The  problem  of  deciding  which  dimension  should  be  used  to 
represent  the  crack  length  was  solved  by  selecting  the  value  which  gave  the  least  scatter 
in  the  predicted  falling  load  vs.  the  actual  falling  load.  Thus  the  prediction  in  a  way 
was  fitted  to  the  test  results. 


6.3.3  Teats  on  Forged  Components  to  Determine  their  Fracture  Properties  and  Comparison 
witlj  Specimen  Data 

6.3.3. 1  General  Resiarks 

As  mentioned  before,  one  basic  assumption  has  been  used  in  all  the  above  cases > 
Fracture  toughness  properties  of  components,  such  as  crack  propagation  or  critical  crack 
lengths  were  calculated  using  materials  constants  derived  from  specimen  tests.  Test 
programs  to  verify  this  assumption  can  therefore  be  very  useful.  The  author  has  carried 
out  two  such  programs  on  aluminum  forgings  ,  10,  137  (*  third  one  on  a  titanium  forging 
being  underway).  These  will  therefore  covered  in  detail. 

6.3.3.2  Nose  Landing  Gear  Strut 

By  chance,,  some  years  ago  the  nose  landing  gear  strut  of  a  certain  tactical  aircraft 
type  was  replaced  throughout  the  fleet  because  of  suspected  stress  corrosion  cracks;  a 
large  number  of  (originally)  expensive  forgings  thus  became  available  at  no  cost  for  test 
purposes . 

The  material  was  707S-T6,  which  is  no  longer  used  in  modern  aircraft  due  to  its  well 
known  disadvantages.  However  it  was  (and  still  lr)  felt  by  the  author  that  the  results 
of  fatigue  and  fracture  test  would  still  be  generally  representative  of  typical  aluminum 
aircraft,  forgings:  The  nose  ending  gear  strut  would  nowadays  probably  be  manufactured  of 
7075-T73;  it  is  not  at  all  1 ' kely  that  this  small  change  in  heat  treatment  would  fundament¬ 
ally  alter  the  behaviour  of  the  forgings  in  question  in  the  cracked  condition  under  static 
or  repeated  loading,  especially  the  associated  scatter.  Another  objection  was  the  fact 
that  the  various  nose  landing  gear  struts  had  been  in  service  for  different,  but  unknown 
numbers  cf  fly'.ng  hours.  However,  during  flying  service  different  sections  were  highly 
stressed  than  in  che  tests  c irried  out  in  the  laboratory.  The  third,  most  serious, 
objection  was  that  the  forging:,  were  manufactured  about  20  years  ago  and  the  forging  pro¬ 
cedures  thus  did  not  represent  modern  tandards. 

One  purpose  of  this  test  program  was  to  provide  reliable  data  on  the  behaviour  of 
typical  aluminum  forgings  in  the  cracked  condition  under  static  and  repeated  loading. 

A  second  purpose  was  the  use  of  fracture  mechanics  to  predict  this  behaviour;  in  other 
words:  Is  fracture  mechanics  able  to  predict  the  residual  static  strength  of  and  the 
fatigue  crack  propagation  in  these  aluminum  forgings? 

To  this  end,  a  large  number  of  nose  landing  gear  struts  was  obatlned,  enabling  us  to 
determine  the  scatter  of  residual  static  strength.  The  forgings  (sea  Figure  12)  had  been 
manufactured  to  Identical  drawings  by  four  different  forges  in  three  different  countries. 
Thus,  we  were  also  able  to  determine  the  influence  of  manufacturing  on  the  above  proper¬ 
ties.  The  forgings  ware  first  notched  by  sawcuts  in  three  locations,  see  Figure  13. 

Fatigue  cracks  were  then  grown  in  locations  1 ,  2  and  3  by  applying  constant  load  amplit¬ 
udes  at  the  points  shown  in  Figure  13  until  a  predetermined  crack  length  was  reached.  The 
nose  landing  gear  strut  was  then  broken  by  increasing  the  load  until  failure  occurred,  the 
COD  being  registered.  Finally  the  fracture  toughness  of  the  forging  was  computed,  using 
the  formula  of  Irwin  /4®7  which  is  based  on  &XJ  •  The  limited  width  of  the  component  was 
accounted  for  according  to  /487,  bending  according  to  2??7-  It  was  then  determined  if  the 
thus  calculated  value  Kg  could  b<  considered  a  valid  Kjc  using  the  following  criteria: 

—  Kfmax  ^  0,6  Kg 

-  ^222  ^  1,1  ( 5-per  cent  secant)  Z3?7  and 

rQ 

crack  depth  n  5 

component  width  ’ 

Near  locations  1  and  2,  CT-speciraens  according  to  ASTM-E  399  £)87  wore  then  cut  from 
the  forgings  (see  Figure  11)  and  the  fracture  toughness  determined.  Near  location  2 
C-shaped  specimens  (see  Figure  *4)  were  machined  from  the  forging.  This  specimen  type  was 
originally  developed  by  the  Watervliet  Arsenal  of  t:.u  US  Army  £10,  4|7.  For  the  dimensions 
shown  in  Figure  14  the  calibration  formulae  given  in  \J  were  not  applicable;  therefore 
the  compliance  of  the  specimen  was  measured  and  the  formula  for  K  calculated  by  fitting 
a  3rd  degree  polynominal.  The  applicable  conditions  of  ASTM-E  399  ^387  were  observed  with 
regard  to  crack  front  straightness,  length  of  crack,  generation  of  the  fatigue  crack, 
5-per  cent  secant  method  etc. 

Crack  propagation  tests  wers  carried  out  for  location  3  only;  again  the  crack  starter 
notch  was  machined;  two  different  realistic  load  sequences  were  used: 

-  a  flight  by  flight  sequence  simulating  the  stresses  of  the  lower  wing  surface  in  the 

wing  root  area  of  a  tactical  aircraft,  called  "TCTP  spectrum*  ^5Q7*  The  sequence  has 

pronounced  ground  to  air  cycles;  a  sample  is  shown  in  the  upper  half  of  Figure  15.  One 

repeat  period  consists  of  803  flights  with  an  average  of  100  cycles  per  flight. 


-  a  landing  gear  sequence,  simulating  the  loads  acting  in  the  X-direction,  such  as 
spin-up  and  spring-back  on  landing,  taxying,  braking,  engine  run  up  etc.  This  was 
called  "landing  ^ar  spectrum";  a  sample  is  shown  in  the  lower  half  of  Figure  15. 

One  repeat  period  consists  of  200  flights  with  an  average  of  300  cycles  per  flight 

The  stresses  were  selected  such  that  1.000  to  4.000  flights  to  complete  failure  of 
the  nose  landing  gear  strut  were  obtained.  Crack  growth  was  observed  visually  on  the 
surface  only. 


Using  the  USAF  retardation  model  of  Willenborg  et  al  ^517  crack  propagation  under 
the  landing  gear  spectrum  was  then  calculated.  The  constants  necessary  for  this  calcul¬ 
ation  (C  and  n  in  the  Forman  equation  7)  were  determined  by  three  constant  amplitude 

crack  propagation  tests  on  CT-specimens .  Three  of  them  were  machined  from  the  edge  of  for¬ 
gings  failed  in  the  crack  propagation  tests;  three  further  CT-specimens  were  taken  from 
the  center,  in  both  cases  near  the  fatigue  crack.  The  constants  C  and  n  were  different 
for  both  locations,  probably  because  of  the  different  grain  structure.  The  calculation 
according  to  the  Willenborg  model  was  carried  out  with  the  average  C-  and  n-values  of 
the  CT-specimens  taken  from  the  center.  The  Kjc-values  required  in  the  Forman  equation 
were  obtained  from  CT-specimens  cut  from  the  forging  near  the  crack  location. 


The  results  are  shown  in  detail  in  Tables  1  to  6;  some  are  also  given  in  Figures  16 
to  21s  -  ,,, 

The  mean  fracture  toughness  of  CT-specimens  was  KI(.  -  1020  N'ran  for  the  LT-direction, 
see  Table  5,  which  agreed  closely  with  literature  data  on  this  material  /3,  157.  The 
scatter  of  Klc,  see  Figur'  16,  was  about  identical  to  that  for  CT-specimen  taken  from 
aluminum  plate  Z?4,  527. 


The  C-shaped  specimens,  see  Table  6,  again  agreed  quite  well  with  literature  data 
on  a  similar  type  of  specimen  taken  from  a  forging  /157;  scatter  was  rather  high.  As  there 
was  no  measurable  difference  in  fracture  toughness  between  the  two  fatigue  crack  locations 
(in  the  flash  line  and  beside  the  flash  line,  see  Figures  22  and  23),  all  valid  C-shaped 
specimens  were  statistically  evaluated  together  in  Figure  16. 


The  fracture  toughness  of  the  complete  forgings  for  location  1 ,  using  only  the 
valid  tests  as  described  above,  gave  a  higher  mean  value  (1375  as  compared  to  1020  N/mm“3'2 
and  a  much  larger  coefficient  of  variation  (v  »  0,21  compared  to  v  »  0,04)  than 
the  CT-specimens,  see  Figure  17.  This  means  that  the  mean  (Ps  »  50  per  cent)  residual 
static  strength  of  the  component  would  have  been  predicted  conservatively  using  the 
fracture  toughness  of  CT-specimens  taken  from  the  forging  itself .  However,  this  conservatism 
is  only  true  for  probabilities  of  survival  P8  »  90  per  cent,  see  Figure  16.  At  the  much 
higher  P  values  necessary  for  safe  life  parts  the  prediction  would  have  been  highly  un¬ 
conservative  . 


For  location  2  no  valid  fracture  toughness  Klc  was  obtainable  with  the  forgings, 
see  Table  2. 

Four  valid  tests  were  possible  at  location  3,  see  Table  3.  Again  the  mean  fracture 
toughness  was  higher  (Kj_  ■  1130  vs.  717  N/mm-3'2)  and  the  scatter  was  also  higher 
(v  ■*  0,16  vs.  v  »  0,10)  Figure  17);  the  estimate  of  the  residual  static  strength  of  the 
forging  woul  .  have  been  conservative  up  to  p8*  99,95  per  cent. 

All  the  data  discussed  in  the  preceding  paragraphs  are  summarized  in  Figure  17. 

The  residual  static  strength  on  net  area  <5 nr  of  some  of  the  forgings  (including  those 
which  had  not  given  valid  Klc-values)  were  extremely  high,  see  Tables  1  to  3,  surpassing 
the  tensile  ultimate  of  about  F(  »  550  N/mm2  in  some  cases,  even  for  quite  large  cracks. 

No  explanation  can  be  given  at  the  moment  for  these  results.  They  were  not  due  to  gross 
plastic  yielding,  as  proved  by  COD-measurements  on  all  forgings  tested  in  this  way.  +) 

Anyway,  the  load  at  failure  was  very  much  different  for  similar  sizes  and  shapes  of 
the  crack,  see  e.g.  Table  2s  Forgings  3R2-1  and  3R3-3  had  very  nearly  the  same  size  and 
shape  of  crack,  yet  their  failing  load  was  23.000  N  and  15.700  N  respectively.  Again  in 
Table  1  forgings  1R2-19  and  1R7-38  had  failing  loads  of  about  28.000  and  18.000  N.  This 
result  obviously  cannot  be  explained  by  any  calculation  method.  Also  any  possible  errors 
in  the  formulae  for  K  used  cannot  account  for  these  results. 

There  was  no  discernible  difference  between  the  residual  static  strength  of  forgings 
of  manufacturers  A,  B  and  C.  Manufacturer  0  (3  forgings  only)  lay  on  the  lower  limit  of 
the  scatter  band,  see  Table  2. 

The  results  of  the  crack  propagation  tests  are  summarized  in  Table  4  and  Figures  18 
and  1 9 i  It  can  be  seen  that  the  scatter  again  was  extremely  large.  This  is  true  for  the 
number  of  flights  to  failure  (crack  initiation  plus  crack  propagation  period)  as  well  as 
the  crack  initiation  or  the  crack  propagation  period  alone,  see  Figure  18. 


+)  For  the  calculation  of  the  residual  static  strength  at  location  1  the  formula  for  a 
curved  beam  in  pure  bending  in  /5J7  was  used.  The  stress  calculated  in  this  way  was 
then  used  for  the  determination  of  the  residual  static  strength  and  of  Kq  in  Table  1 
The  gross  stresses  at  location  1  and  3  were  measured  with  strain  gages  and  found  to 
agree  quite  well  with  the  calculated  stresses. 


A  scatter  T  »  Ngn/H-jo  ot  1  s  5,2  (landing  gear  spectrum)  or  1  j  7,7  (TCTP-spectrum) 
for  the  crack  propagation  period  is  most  unusual.  The  IABG  has  carried  out  many  tests 
with  similar  or  identical  load  sequences  on  axially  loaded  sheet  and  plate  specimens  of 
aluminum-,  titanium-  and  steel  alloys.  In  every  case  the  scatter  was  much  smaller  than 
T  -  1  : 2 ,0 . 

As  for  the  scatter  of  fatigue  life,  a  similar  comparison  is  possible:  the  forgings 
gave  T  »  1  :  6,0  for  the  TCTP-spectrum.  Applying  the  identical  sequence  to  an  axially 
loaded  bolted  Joint  of  aluminum  alloy  A2  74  resulted  in  T  ■  1  t  3,5,  while  two  types  of 
notched  specimens  of  7075-T6  gave  a  still  smaller  scatter  7557- 

Moreover,  there  is  no  discernible  correlation  between  the  number  of  flights  to 
failure  and  the  crack  initiation  or  crack  propagation  period.  In  other  words,  a  forging 
having  a  long  fatigue  life  to  failure  did  not  necessarily  have  a  long  crack  propagation 
period  and  vice  versa.  For  example,  see  Table  4,  forging  1R12-54  had  a  fatigue  life  of 
7.604  flights  under  the  TCTP-spectrum  while  the  crack  propagation  period  was  only 
620  flights;  on  the  other  hand  forging  1R13-49  had  a  fatigue  life  of  3.620  flights  and 
the  crack  propagation  period  was  nearly  the  same  at  640  flights;  finally  forging  1R14-12 
had  a  very  similar  fatigue  life  at  3.843  flights,  but  its  crack  propagation  period  was 
much  longer  at  2.940  flights. 

For  the  landing  gear  spectrum  only  two  tests  were  carried  out  with  identical  maximum 
loads  (30  000  N) ,  see  Table  4:  the  other  two  forgings  were  tested  with  higher  and  lower 
maximum  loads  respectively.  Assuming  a  slope  of  1  :  6,0  of  the  CJ-N-curve  the  life  of 
these  other  two  forgings  under  a  maximum  load  of  28  000  N  can  be  calculated  (figures  in 
parentheses  in  Table  4) . 

The  corresponding  crack  propagation  curves  are  shown  in  Figures  20  and  21 .  The  upper 
end  of  these  curves  indicates  failure  of  the  forging.  Figure  20  also  contains  the  calcul¬ 
ated  crack  propagation  according  to  the  Willenborg  model  /5l 7,  which  was  highly  conser¬ 
vative  in  this  case:  it  predicts  a  crack  propagation  life  from  a  1,5  mm  crack  to  failure 
of  170  flights.  The  actual  mean  life  of  two  forgings,  however,  was  about  750  flights. 

The  IABG  has  also  used  the  Willenborg  model  in  another  teat  program  75 47  on  axially 
loaded  sheet  specimens.  Under  the  identical  load  sequence  it  was  almost  exactly  right 
for  maraging  steel  and  conservative  by  a  factor  of  1,5  for  2024-T3. 

However,  in  several  other  load  sequences  the  Willenborg  model  generally  gave  quite 
unconservative  results.  For  a  tactical  aircraft  lower  wing  surface  load  sequence  it  pre¬ 
dicted,  for  example,  a  four  times  longer  life  than  actually  occurred  in  the  test  (material 
7075-T7351 )  7547-  Similar  findings  were  reported  by  Weissgerber  et  al  in  7557  and  the 
author  75 27-  So  the  above  results  should  not  be  generalized. 

Ho  Influence  of  the  manufacturer  on  crack  propagation  behaviour  could  be  found.  The 
three  extreme  examples  discussed  above  (1R12-54,  1R13-49  and  1R14-42)  all  came  from  the 
same  forge. 

The  fracture  surface  of  some  of  the  forgings  looked  quite  usual,  see  Figure  7. 

This  forging  had  a  fatigue  life  of  4.400  flights,  a  crack  propagation  life  of  3.510  flights 
and  a  crack  initiation  life  of  890  flights  under  a  maximum  load  in  the  spectrum  of 
28  000  N.  The  forging  shown  in  Figure  24  (2R12-34)  under  a  maximum  load  of  30  000  N  gave 
2.045,  860  and  1.185  flights  respectively,  see  Table  4.  That  is,  the  percentages  of  the 
life  spent  for  crack  initiation  and  for  crack  propagation  were  grossly  different,  the 
forging  shown  in  Figure  7  having  a  short  crack  initiation  and  a  long  crack  propagation 
life.  These  two  forgings  came  from  manufacturers  A  and  B.  The  other  forgings  also  could 
be  identified  as  to  their  origin  by  viewing  their  fracture  surfaces:  Manufacturer  A's 
forgings  always  had  shear  type  failures  like  2Ri1-9,  Figure  7,  while  B's  forgings  had 
the  usual  brittle  failure  like  2R1-2-34,  Figure  24.  However,  a  shear  type  fracture  sur¬ 
face  was  not  a  definite  sign  of  a  long  crack  propagation  period  as  B's  forgings  gave  the 
longest  as  well  as  the  shortest  of  such  periods,  see  Table  4,  TCTP-spectrum. 

The  conclusions  from  this  test  program  were  as  follows: 

-  The  fracture  toughness  of  complete  forgings  was  higher  in  all  three  locations  than 
that  of  specimens  taken  out  of  the  forgings  at  these  locations. 

-  The  scatter  of  fracture  toughness  was  much  larger  for  the  forgings  than  for  the 
specimens.  This  scatter  of  the  forgings  could  not  be  explained  by  the  usual 
metallographic  procedures. 

-  Nominally  identical  forgings  with  cracks  of  very  similar  dimensions  can  have  grossly 
different  ultimate  failing  loads.  This  cannot  be  explained  by  any  calculation  method. 

-  Crack  propagation  was  considerably  slower  under  a  landing  gear  spectrum  than  predicted 
by  the  willenborg  retardation  model.  This  may  be  due  to  the  load  sequence  employed; 
for  other  sequences  the  Willenborg  model  gave  unconservative  results  in  some  other 
test  programs. 

-  The  scatter  of  -  fatigue  life  to  failure  as  well  as 

-  the  crack  initiation  and 

-  the  crack  propagation  period 

was  extremely  large  for  the  forgings  under  two  different  but  realistic  load  sequences. 


Forgings  with  a  long  fatigue  life  can  have  very  short  crack  propagation  periods  and 
vice  versa . 

The  fracture  surface  and  crack  shapes  in  forgings  may  be  highly  irregular. 

The  important  forging  properties  determined  in  this  test  program  -  residual  static 
strength,  fatigue  life  and  crack  propagation  life  -  may  be  subject  to  an  extremely 
large  scatter,  much  larger  than  for  sheet  or  plate  components.  In  order  to  attain 
equal  probabilities  of  survival,  larger  safety  coefficients  would  therefore  have  to 
be  observed  for  forgings  than  for  sheet  or  plate  components.  For  a  fatigue  test  on  a 
structure  consisting  of  forgings  and  of  sheet  and  plate  components,  there  obviously 
exists  a  dilemma:  If  the  test  is  stopped  at  some  multiple  (say  4)  of  the  required 
lifetime,  the  probability  of  survival  is  higher  for  the  sheet  and  plate  components 
than  for  the  forgings. 

A  long  fatigue  life  of  a  forged  component  on  test  is  no  guarantee  for  a  long  crack 
propagation  period.  This  again  has  obvious  implications  for  the  full  scale  fatigue 
test. 

Forgings  are  often  used  in  internal  structure  and  are  therefore  difficult  to  inspect. 
Every  effort  should  be  made  to  improve  NDI  techniques  for  such  applications. 


6.3.3.3  Forged  Wing  Attachment  Fitting 

After  the  somewhat  disturbing  results  of  the  test  program  on  forgings  described  in 
section  6.3.3. 2  the  author  advocated  the  continuation  of  this  work.  In  1978  a  large  num¬ 

ber  of  forged  wing  attachment  fittings  became  available  as  scrap  due  to  an  error  in  the 
machining  operations.  The  material  was  AZ74,  a  silver  bearing  alloy  of  the  AIZnMgCuAg-type 
developed  in  Germany.  Thus,  all  the  objections  voiced  against  the  program  described  in 
section  6.3.3. 2  were  not  valid  here:  The  material  was  a  modern  high-strength  aluminum 

alloy,  the  forgings  were  new  and  the  forging  procedure  certainly  was  modem,  the  forgings 
having  been  produced  after  1970.  The  seven  fittings  used  for  this  program  came  from  two 
different  heats  of  material  with  different  yield  strength,  viz.  456  against  512  N/mm  . 

After  some  further  machining  a  shallow  semielliptical  flaw  was  introduced  into  the 
tension  flange  by  electrical  discharge  machining,  see  Figure  25.  The  fitting  was  attached 
via  the  four  fuselage  frame  attach  bolts  to  the  IABG  strongback  and  loaded  in  bending  as 
shown  in  Figure  25.  Three  forgings  were  loaded  by  the  wellknown  "Falstaff"  load  sequence 
Z567  and  the  crack  propagation  was  monitored  visually.  In  two  additional  forgings,  also 
loaded  by  the  Falstaff  sequence  the  crack  started  at  an  erroneously  machined  notch  of  a 
much  lower  stress  concentration  factor.  The  crack  propagation  in  these  two  forgings  was 
not  monitored.  All  five  forgings  were  run  to  complete  failure,  the  failing  load  being 
determined. 

Then  standard  CT-specimens  were  cut  from  the  broken  forgings  at  different  locations 
in  the  tension  and  compression  flange  and  at  different  angles  to  the  grain  orientation. 

An  example  is  shown  in  Figure  26.  Further  CT-specimens  were  machined  from  two  additional 
forgings . 

Six  CT-specimens  were  used  for  crack  propagation  tests  to  determine  the  materials 
constants  which  would  be  required  for  a  subsequent  calculation  of  crack  propagation  in 
the  forgings  themselves  under  the  Falstaff  load  sequence.  In  other  words,  the  materials 
constants  which  would  typically  have  beer,  utilized  for  assessing  the  damage  tolerance  of 
the  wing  attach  fitting  -  namely  Xlc  and  da/dN  vs.  AK  -  were  determined. 

The  statistical  evaluation  of  the  fracture  toughness  of  CT-specimens  from  two  forgings 
is  shown  in  Figure  27.  The  scatter  (coefficient  of  variation)  of  Kjc  is  on  the  high  side 
for  aluminum  (see  Chapter  9),  though  not  unduly  so;  however,  the  extremely  large  differ¬ 
ence  between  the  fracture  toughness  with  the  crack  parallel  to  the  grain  flow  and  that 
with  the  crack  at  right  angles  to  the  grain  flow  is  notable.  Besides,  a  large  percentage 
of  the  CT-specimens  did  not  give  strictly  valid  Kjc-values,  mostly  because  of  the  direct¬ 
ion  which  the  crack  took;  soma  very  peculiar  ones  occurred,  see  for  example  Figure  28. 

The  crack  propagation  under  constant  amplitude  loading  in  CT-specimens  is  plotted  in 
Figure  29,  starting  from  a  notch  plus  crack  length  of  8  mm.  The  specimen  numbering  system 

is  as  follows:  The  first  digit  designates  the  number  of  the  forging;  the  letter  o  means 

"taken  from  the  tension  flange",  u  means  "from  the  compression  flange"  and  the  last  digit 
is  the  consecutive  number. 

Overall,  the  scatter  of  the  crack  propagation  properties  is  large,  even  for  the 
moment  neglecting  specimen  7o8  What  is  more,  there  is  no  discernible  correlation  between 
the  position  of  the  specimen  in  the  fitting,  or  the  direction  of  the  crack  and  the  crack 
propagation  properties.  The  two  specimens  from  forging  6  had  a  similar  and  quite  fast, 
crack  growth,  although  one  came  from  the  tension  and  the  other  from  the  compression  flange. 
Even  more  disturbing  is  the  fact  that  7o7  and  7u9  are  very  similar,  although  one  was  cut 
from  the  flange  and  the  other  from  the  web  at  a  different  crack  orientation,  compare 
Figures  30  and  31;  7o8,  which  should  be  identical  with  7o7  because  both  are  situated 

symmetrical  to  the  parting  plane  of  the  forging,  see  Figure  30,  showed  a  completely  differ¬ 

ent  behaviour.  If  the  damage  tolerance  of  the  forging  to  a  transverse  crack  in  the  region 
of  7o7  and  7o8  were  assessed  using  by  chance  the  curve  of  specimen  7o8  a  completely  differ¬ 
ent  answer  would  obviously  result  than  if  the  curve  of  7o7  had  been  employed. 


The  crack  propagation  curves  of  the  complete  fittings  4,  5  and  6  under  the  Falstaff 
load  sequence  are  shown  in  Figure  32,  including  the  fracture  surfaces:  Scatter  again  is 
large;  with  sheet  and  plate  under  the  identical  load  sequence  three  tests  usually  fall 
within  a  narrow  scatter  band  bounded  by  about  1  :  1,5.  Also  fitting  6  at  first  was  very 
similar  to  4  and  5,  but  at  about  1.000  flights  the  crack  rate  suddenly  accelerated. 

The  failure  load  of  fittings  4,  5  and  6  was  then  calculated  using  the  mean  fracture 
toughness  KIC  ■  1330  N/mmV2  shown  in  Figure  27.  Fittings  4  and  5  had  failed  in  test  at 
the  same  load  step  of  Falstaff,  namely  at  80  000  N,  fitting  6  at  74  000  N.  However, 
fitting  4  had  a  crack  length  of  53  mm,  fitting  5  of  only  32  mm,  fitting  6  of  50  mm. 
Assuming  a  half  elliptical  crack  no  width  correction  factor  and  no  rear  wall  correction 
factor 


with  0  -  2,35  for  a/21  ■  0,4  and 

a  failing  load  of  82  000  N  was  calculated  - 
fitting  5  the  calculated  load  was  96  000  N, 
77  500  H  was  calculated,  slightly  more  than 
the  EDM  flaw,  the  failing  load  being  80  000 
less  than  114  000  N,  almost  50  t  higher. 


S/6y  -  0,47 

almost  exactly  right  -  for  fitting  4;  for 
about  20  %  more  than  actual;  for  fitting  6 
actual.  In  fitting  1  a  crack  originated  beside 
N,  however,  the  calculated  failing  load  was  no 


The  fracture  surfaces  and  corresponding  grain  flow  patterns  for  fittings  5  and  6  are 
compared  in  Figures  2  to  5. 

The  results  of  the  crack  propagation  tests  are  shown  in  Table  7.  Except  for  the 
large  scatter  already  mentioned,  no  peculiarities  occurred.  Fitting  5  was  best  in  life  to 
failure  as  well  as  in  crack  initiation  and  crack  propagation.  Its  critical  scatter  was 
especially  large  ir  the  crack  initiation  period. 


These  fittings  were  also  found  to  be  critical  in  the  course  of  the  full  scale  fatigue 
test  of  the  tactical  aircraft  in  question  £  67.  They  were  therefore  replaced  by  redesigned 
ones  made  o'  AZ74  with  thicker  sections.  These  were  the  fittings  tested  in  the  program 
described  above;  the  critical  location  was  a  bolt  hole.  The  crack  propagation  from  this 
hole  wan  monitored  in  3  fittings  of  7079-T6  and  4  fittings  of  AZ  74  by  removing  the  bolt 
at  frequent  intervals  and  inspecting  the  hole  by  eddy-current.  The  results  are  shown  in 
Figure  33.  The  load  sequence  applied  was  a  complex  flight-by-f light  test.  The  large  scatter 
in  crack  propagation  found  when  testing  the  fittings  alone  as  described  above  (and  with 
an  EDM  notch,  not  a  bolt-filled  hole)  was  not  quite  so  large  in  the  full  scale  fatigue 
test.  Even  so,  it  was  quite  irregular  and  it  would  be  interesting  to  calculate  it  on  the 
basis  of  the  materials  data  developed  in  the  above  program. 

6.3.3.4  Hinge  Rib  Forging 

The  primary  objective  of  the  program  [fj  from  which  this  example  is  taken  was  to 
establish  the  mechanical  properties  and  economic  advantages  of  precision  forging.  Only  that 
part  of  the  program  which  is. relevant  to  fracture  toughness  of  forgings  will  be  mentioned 
here. 


The  hinge  rib  forging  shown  in  Figure  34  is  made  from  7075-T7352;  it  was  selected  as 
a  typical  forged  component.  As  a  conventional  die  forging  it  is  fully  machined;  it  is 
located  at  the  wing  leading  edge  of  the  Boeing  747,  supporting  the  variable-camber  for 
flap.  Two  hand  forgings,  twelve  conventional  forgings  and  eleven  precision  forgings  were 
made. 


Of  these  eight  conventional  and  seven  precision  forgings,  as  well  as  one  hand  forging, 
were  fatigue  tested  to  failure  under  a  two  step  load  program  with  marker  loads  interspersed. 
Crack  length  versus  cycles  curves  were  regenerated  from  the  marker  load  locations  by 
fractographic  analysis  near  the  crack  origin  where  striations  could  be  resolved.  As  the 
current  MIL-A-83444  specifies  a  1,27  mm  deep  semicircular  surface  flaw  in  the  primary 
failure  region  of  a  fail-safe  structure,  the  crack  propagation  life  to  failure  from  such 
a  crack  length  was  determined  and  found  to  be  in  all  cases  less  than  21  *  of  the  life  from 
the  start  of  the  fatigue  test  to  failure.  For  one  forging  this  percentage  was  only  about 
8  I.  The  percentage  of  life  from  a  0,64  mm  deep  crack  to  failure  was  less  than  30  per  cent 
in  all  eight  forgings,  in  two  cases  it  was  only  about  15  per  cent,  see  Table  8,  which  con¬ 
tains  most  of  the  data,  brought  together  in  a  similar  way  as  in  Table  4  and  7.  Again  it 
is  seen  that  good  crack  propagation  properties  do  not  necessarily  coincide  with  a  long 
fatigue  life,  see  for  example  forging  AC  15:  It  is  best  in  both  crack  propagation  periods 
(from  0,67  mm  and  from  1,27  mm  to  failure),  but  it  is  the  third  of  four  in  fatigue  life. 

Furthermore  forging  A P  04  had  the  shortest  critical  crack  length,  but  was  best  (of 
four)  in  crack  propagation  and  in  fatigue  life;  and  forging  AP  05  had  the  longest  critical 
crack  length  (of  thirteen)  and  the  best  crack  propagation  but  the  shortest  fatigue  life 
(of  three).  Both  the  shortest  and  the  longest  critical  length  occurred  in  precision 
forgings  1 
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Additionally  a  0,64  mm  deep  semicircular  crack, was  electrically  discharge  machined 
into  one  precision  and  one  conventional  forging  at  the  location  where  the  cracks  were 
thought  to  have  started  in  the  unflawed  forgings.  Under  the  Identical  load  sequences  as 
described  above  the  flaw  was  grown  to  a  crack  length  of  1,27  mm  and  then  to  failure.  The 
two  forgings  with  the  EDM  flaw,  however,  did  not  fail  at  15  to  30  per  cent  of  the  life 
of  the  unflawed  forgings,  as  was  to  be  expected.  Instead  they  failed  at  50  to  73  per  cent. 
This  was  due  to  a  crack  growth  rate  lower  than  in  the  other  forgings  with  the  natural 
cracks.  Apparently  the  EDM  flaws  had  been  placed  in  a  lower  stress  region  than  the  fatigue 
crack  origins  of  the  other  forgings,  i.e.  the  natural  cracks  occurred  about  10  mm  away. 
This  illustrates  the  importance  of  correct  preflaw  location. 

Although  the  fracture  toughness  Klc  of  the  forging  material  was  determined  by  a 
sufficient  number  of  ASTM  standard  tests,  no  attempt  was  made  in  this  program  to  correlate 
these  results  with  the  residual  static  strength  of  the  complete  forgings. 


6.3.3.S  Full  Scale  Fatigue  Test  on  a  Main  Landing  Gear 

The  F-104  G  main  landing  gear  was  tested  at  the  IABG  /8 J  by  a  complex  flight-by-flight 
load  sequence.  It  originally  was  made  of  7079-T6  and  consisted  of  a  largely  unmachined 
forging;  because  of  stress  corrosion  cracks  the  material  was  later  changed  to  AZ74,  the 
alloy  mentioned  in  section  6  3.3.3  In  all,  three  forged  main  gear  legs  of  each  alloy  were 
tested.  All  of  them  failed  between  about  5.200  and  8.000  landings.  Superficially  this  means 
low  scatter.  However,  the  landing  gears  failed  at  three  completely  different  sections;  one 
additional  main  gear  leg  of  7079-T6  failed  at  a  fortuitous  forging  flaw  at  the  king  pin* 
support.  This  was  repaired  and  the  test  continued  to  12.000  landings  without  failure  or 
cracking  of  the  leg.  Thus  the  actual  result  of  three  tests  was  that  one  had  endured  12.000 
landings  without  failure  or  cracking  at  any  of  the  critical  locations,  while  another  had 
failed  at  only  5.200  landings,  with  crack  having  started  at  less  than  4.000  landings. 

This  example  again  demonstrates  that  large  scatter  of  the  fatigue  life  to  failure, 
the  crack  initiation  and  the  crack  propagation  period  may  be  an  inherent  characteristic 
of  forgings. 


6.3.4  Fracture  Mechanics  Tests  on  Standard  Specimens  cut  from  Forged  Components 

As  mentioned  in  section  6.3.2  it  is  current  practice  in  damage  tolerance  assessments 
of  aircraft  to  determine  the  required  materials  constants  by  specimen  tests.  Indeed  this 
is  the  only  way  possible  because  otherwise  complete  components  would  have  to  be  tested  at 
enormous  costs  and  the  whole  idea  of  fracture  mechanics  would  be  jeopardized.  However, 
the  scatter  to  be  expected  in  these  materials  constants  should  be  taken  into  account;  in 
the  opinion  of  the  author  perhaps  more  so  than  has  been  done  up  to  the  present.  It  was 
therefore  thought  worthwhile  to  devote  one  section  of  this  chapter  to  fracture  tests  on 
specimens  with  due  regard  to  the  associated  scatter.  The  reader  i3  also  referred  to 
Chapter  8  of  this  book  for  a  general  discussion  on  how  to  treat  scatter  and  for  some  more 
examples. 

The  literature  abounds  with  data  on  fracture  toughness  of  standard  specimens  machined 
from  forgings,  only  a  few  which  are  mentioned  in  the  references  £3,  4,  15,  17,  18,  20 
to  337. 

Recently  a  cooperative  fracture  toughness  program  on  C-shaped  specimens  /2§7  took 
place  with  8  laboratories  participating.  All  48  specimens  were  machined  from  one  cylind¬ 
rical  forging;  the  results  are  statistically  evaluated  in  Figure  35:  The  scatter  of  the 
Kic-values  is  remarkably  low,  especially  when  considering  that  8  different  laboratories 
carried  out  the  tests. 

The  lABG  conducted  such  a  program  on  a  similar  steel  (of  a  slightly  lower  yield 
strength)  several  years  ago  £2£7  also  utilizing  C-shaped  specimens;  however,  they  were 
machined  from  5  cylindrical  forgings  with  slightly  different  heat  treatments;  the  results 
are  shown  in  Figure  36.  Again  the  scatter  is  quite  low.  However,  the  slight  variations  in 
heat  treatment  (mainly  the  temperating  temperature  was  varied  between  520°  and  565°  C) 
resulted  in  quite  large  differences  in  fracture  toughness,  although  the  yield  strengths 
differed  only  between  1210  and  1280  N/mm2. 

The  forgings  for  these  two  programs  were  very  simple,  probably  resulting  in  a  well 
defined  uniform  grain  flow  pattern,  symmetrical  all  around  the  circumference  of  the 
cylinders.  Also,  the  fact  that 

-  they  were  gun  barrel  forgings  which  for  obvious  reasons  are  worked  very  thoroughly 
during  manufacture  and 

-  the  steels  were  vacuum  degassed 

may  have  helped  in  obtaining  the  low  scatter  and  for  their  yield  strength  the  quite  high 
fracture  toughness. 

A  typical  aircraft  steel  forging  of  complex  shape  was  tested  in  Australia  £307.  it 
is  a  component  in  the  F— 111  structure  and  consists  of  D  Sac  steel  which  is  known  for  its 
high  variability  of  fracture  toughness.  Together  with  the  inherent  variability  of  the 
fracture  toughness  of  forgings,  this  gave  the  result  shown  in  Figure  38:  Within  one 
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forging  the  fracture  toughness  varied  almost  by  a  factor  of  two!  Taking  only  specimens 
In  one  direction  does  not  decrease  this  variability.  Rather  it  is  seen  that  there  is  a 
distinct  grouping  of  fracture  toughness ,  the  thick-section  lug  area  having  a  low  fracture 
toughness,  the  thin-section  web  and  speed  brake  area  a  high  fracture  toughness.  If  such  a 
component  were  designed  according  to  fracture  mechanics  criteria,  two  entirely  different 
Kje-values  would  have  to  be  used,  a  low  one  for  the  thick  sections,  a  high  one  for  the 
thin  sections.  Compared  to  these  large  differences  in  fracture  toughness,  the  orientation 
of  the  specimens  notch  did  not  have  any  measurable  Influence  on  fracture  toughness. 

In  Figure  38  five  more  of  these  forgings  were  evaluated,  all  specimens  being  machined 
from  the  thin  section  web  and  speed  brake  areas:  The  scatter  of  fracture  toughness  within 
any  Individual  forging  was  very  low;  however,  the  mean  fracture  toughness  of  the  thin- 
section  areas,  also  taking  the  forging  shown  in  Figure  37  into  account,  varied  between 
about  2100  N/mmV2  «nd  about  2800  N/mm3/2. 

For  titanium  forgings,  a  large  body  of  fracture  toughness  data  is  available  from 
Alcoa  £T9,  2J7  containing  no  less  than  1229  valid  ASTM  specimen  results  from  so-called 
lot  prolongation  tests  of  three  different  T16A14V  forgings  of  similar  si2e  and  complexity. 

As  shown  in  Figure  39,  which  was  taxen  over  from  ,  the  mean  fracture  toughness  and 
the  associated  coefficient  of  variation  varied  widely,  depending  on  intentional  processing 
variables.  Scatter  is  again  quite  high,  even  if  it  is  considered  that  the  tests  cover  a 
large  number  of  lots  with  probably  only  one  or  two  Klc-tests  per  lot.  Even  so,  according 
to  curve  1  five  per  cent  of  561  tests  had  a  fracture  toughness  below  about  1500  N/mm3/2, 
while  the  mean  was  Klc  2050  N/nsn3/2. 

References  /29_7  und  /3 27  contain  a  good  deal  more  data  on  the  fracture  toughness  of 
large  structural  forgings  of  T16A14V  and  T16A16V  2Sn  and  the  effect  of  processing  /  compo¬ 
sition  options.  Figure  40,  taken  directly  from  57,  is  a  summary  of  this  work,  illustrating 
that  low  oxygen  content  (0,13  I  max.)  and  a  recrystallisation  annealing  is  beneficial 
primarily  at  low  yield  strengths,  compared  to  standard  oxygen  content  (0,20  »  max.)  and 
mill  annealing;  it  is  also  beneficial  in  reducing  the  scatter  of  fracture  toughness,  as 
was  to  be  seen  in  Figure  39.  A  more  detailed  explanation  of  the  effect  of  these  composition 
/  forging  process  /  heat  treatment  "options"  on  fracture  toughness  is  given  in  Table  9 
/3j7.  showing  that  a  wide  range  of  typical  guaranteed  minimum  properties  including  fracture 
toughness  is  available  in  Titanium  forgings,  even  some  with  the  derivable  combination  of 
high  static  properties  and  high  fracture  toughness,  albeit  at  a  cost  premium. 

The  IABG  has  recently  carried  out  some  fracture  toughness  tests  on  six  C-T-speclmens 
machined  from  a  large  Titanium  hand  forging,  a  section  through  which  is  shown  in  Figure  1 . 
The  preliminary  results  are  evaluated  in  Figure  41,  scatter  is  quite  low.  Another  Titanium 
forging  investigated  at  the  IABG  was  the  compressor  disc  shown  in  Figure  42;  the  associated 
statistical  evaluation  of  the  T-R  specimens  is  given  in  Figure  43.  It  is  seen  that 

-  on  'he  average  fracture  toughness  is  higher  in  the  hub  ares  uhan  in  the  rim  area 
and 

-  there  is  no  discernible  difference  between  R-C  and  C-R  orientation  of  the  specimens. 

Scatter  again  is  quite  low,  even  if  all  the  C-R-specimans  (from  the  hub  and  the  rim 
area)  are  evaluated  together  as  in  Figure  43.  By  the  way  the  manufacturer  of  the  jet  engine 
in  question  requires  a  minimum  fracture  toughness  for  this  compressor  disc  of  1650  N/mm3/2 
in  the  C-R  orientation,  the  control  specimen  being  taken  from  the  rim  area.  One  specimen 
did  not  meet  this  requirement,  see  Figure  42. 

The  crack  propagation  properties  of  the  disc  were  also  determined  utilising  three 
discs,  they  were  practically  identical  with  those  of  a  large  Ti6A14V-plate ,  see  Figure  44, 
both  curves  being  the  mean  of  several  tests.  The  scatter  obtained  from  six  specimens 
machined  from  three  discs  is  shown  in  Figure  45;  it  is  quite  low,  all  specimens  falling 
in  a  scatter  band  of  less  than  1:2. 

As  for  aluminum  forgings,  another  large  test  program  is  available  from  Alcoa  {70J , 
a  comparison  between  the  modem  forging  alloys  7175,  7050  and  7049.  Many  different 
structural  die  forgings  were  produced  from  these  alloys.  They  were  mainly  of  two  types, 
heavy  section  landing  gear  type  forgings  and  web-flange  type  forgings,  having  highly 
directional  grain  flow.  In  addition  several  different  hand  forgings  were  produced.  The 
results  of  this  investigation  are  summarized  in  Figure  46,  taken  directly  from  /207- 
However,  this  presents  too  simplistic  a  picture:  On  closer  Inspection  of  the  results 
several  peculiarities  become  apparent.  For  example,  a  75  mm  hand  forging  has  the  highest 

fracture  toughness  in  the  LT-direction  of  fourteen  forgings  of  7050,  namely  1562  N/mm3/  . 

In  the  SL-dlrection  it  is,  however  tenth  at  736  N/mm3/2.  This  large  difference  is  apparently 
not  typical  for  handforgings ,  because  two  other  75  mm  handforgings  of  the  same  material 
the  same  shape  and  the  same  heat  treatment  were  ninth  and  tenth  in  the  LT-direction  at 
1093  N/mm3/2  and  1041  N/mm3/2  as  well  as  ninth  and  eleventh  in  the  SL-direction  at  760  and 
729  N/mm3/2.  The  heavy  section  7050  forgings  also  tended  to  have  relatively  high  fracture 

toughness  in  the  SL-directlon  while  in  the  LT-direction  the  web-flange  type  forgings  were 

generally  superior.  In  7049,  two  web-flange  forgings  of  a  certain  shape  gave  both  the 
highest  and  the  lowest  fracture  toughness  in  the  LT-direction  of  twenty  forgings  produced 
in  eight  different  dies.  The  best  and  worst  forging  had  very  similar  yield  strengths.  In 
the  SL-direction  the  rating  was  practically  identical;  however,  the  yield  strengths  of 
the  best  and  worst  forgings  were  grossly  dlfferentl 


In  7175  the  rating  was  very  similar  In  both  specimen  orientations.  However,  while 
in  the  SL-direction  the  forging  with  the  highest  Kjc  had  the  lowest  yield  strength  and 
vice  versa  in  the  LT-direction,  the  picture  is  not  so  clean  The  forging  with  highest 
fracture  toughness  had  the  second  highest  yield  strength. 

A  general  conclusion  whether  a  web-flange  type  forging  or  a  thick- section  type 
forging  resulted  in  higher  fracture  toughness  was  not  possible  froa  this  program. 

In  Figures  47  and  48  the  fracture  toughnesses  of  all  forgings  of  one  material  in 
this  investigation  /2Q7  are  evaluated  statistically.  The  extremely  large  coefficients 
of  variation  are  remarkable.  Except  for  7050,  they  are  not  reduced  wh»r.  only  die  forgings 
are  included  and  hand  forgings  are  left  out.  This  goes  for  both  specimen  orientations. 

All  this  goes  to  show  that  it  may  be  quite  misleading  to  speak  of  "the  fracture  toughness 
of  7 XXX  forgings";  rather  the  fracture  toughness  of  any  individual  forging  may  depend  much 
more  on  as  yet  unknown  variables  than  on  the  forging  type,  the  material  and  the  heat 
treatment.  In  addition,  the  problems  of  the  applicability  of  specimen  data  to  complete 
forgings,  as  discussed  in  section  6.3.3  ,  arise. 

A  large  amount  of  additional  specimen  data  on  the  fracture  toughness  of  aluminum, 
titanium  and  steel  forgings  can  be  found  in  IX]  ■  As  no  further  details  about  the  forgings 
are  given  from  which  the  specimens  were  machined,  these  data  must  be  considered  with 
caution,  in  view  of  the  above  reservations. 

The  MIL-fiandbook  5  c  [\J  contains  a  table  of  "typical"  fracture  toughness  data  for 
Aluminum  alloys,  showing  minimum, average  and  maximum  Klc-values  for  two  to  five  forging 
lots  per  material.  The  variability  of  the  forgings  fracture  toughness,  that  is  the  quotient 
maximum/minimum  fracture  toughness,  is  on  the  average  larger  than  that  of  plate  or 
extrusions . 


6.4  Conclusions 

The  following  conclusions  are  based  on  the  test  programs  described  in  section  6.3.3. 

and  6.3  4 

-  The  application  of  fracture  mechanics  to  structural  forgings  of  Aluminum,  Titanium 
and  steel  alloys  is  difficult  -  to  put  it  mildly.  This  does  not  reflect  so  much  on 
fracture  mechanics  theory  -  and  therefore  cannot  be  improved  by  better  theory  -  but 
results  from  the  peculiar  characteristics  of  forgings. 

-  The  one  outstanding  feature  of  the  fracture  behaviour  is  the  large  variability  of 
the  relevant  properties  -  fracture  toughness  and  crack  propagation  -  in  specimen 
tests  or  (much  more  so)  in  tests  on  complete  typical  structural  forgings. 

Even  if  normal  scatter  is  obtained  in  specimen  tests,  the  complete  forged  component 
may  show  very  large  variability . 

-  Only  if  the  shape  of  the  forging  is  simple  with  a  well  defined  symmetrical  grain 
flow  pattern  -  as  in  gun  barrel  or  in  compressor  disc  forgings  -  a  normal  variab¬ 
ility  of  fracture  toughness  is  obtainable . 

-  If  the  forging  procedure  results  in  thorough  working  of  the  material  and  if  the 
forging  process  controls  are  extensive  -  as  in  gun  barrels  and  especially  in  com¬ 
pressor  and  turbine  discs  -  in  addition  very  high  fracture  toughness  for  the 
respective  yield  strength  are  obtainable. 

-  The  difference  in  fracture  toughness  (within  one  forging)  between  different  actual 

or  nominal  crack  orientations  can  be  large.  ^ 

-  There  may  also  be  large  difference  in  fracture  toug.iness  within  one  forging  between 
thin  and  thick  sections. 

-  Nominally  identical  forgings  can  have  a  very  similar  fracture  toughness  in  one 
crack  orientation  and  a  very  dissimilar  one  in  another  crack  orientation. 

-  Nominally  identical  forgings  with  cracks  of  very  similar  dimensions  can  have  grossly 
different  failing  loads. 

-  A  long  fatigue  life  in  a  test  on  a  complete  forged  component  does  not  necessarily 
mean  a  long  crack  propagation  period.  Thus  a  crack  may  initiate  very  late  in  the 
life  and  then  propagate  very  quickly. 

-  Forgings  with  short  critical  crack  lengths  can  have  favourable  crack  propagation 
properties  as  well  as  long  crack  initiation  periods. 

-  The  fracture  toughness  of  complete  forgings  can  be  higher  or  lower  than  the  fracture 
toughness  of  specimens  machined  from  the  forgings  at  the  failure  location. 

Thus,  the  calculation  of  the  residual  static  strength  or  the  crack  propagation  proper¬ 
ties  of  a  complete  forging  based  on  specimen  tests  may  be  far  on  the  conservative 
or  on  the  unconservative  side . 


In  view  of  the  above  conclusions,  it  is  not  recoenended  to  depend  on  specimen  data 
only  if  critical  forgings  are  designed  according  to  fracture  Mechanics  criteria.  Rather, 
full  scale  tests  with  such  forgings  are  advocated  and,  in  addition,  a  comparison  between 
their  results  and  fracture  Mechanics  calculations  based  on  tests  with 

-  speclaens  machined  froa  the  forging  as  well  as 

-  ‘typical”  Kjc-  and  da/dN-values  taken  from  the  literature. 

If  full  scale  tests  are  not  possible  and  the  dimension  of  the  forgings  must  be 
based  on  specimen  tests  only,  at  least  the  larger  variability  of  the  fracture  properties 
of  forgings  must  be  accounted  for  in  the  calcualtions. 
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2  940 

903 

"90 

It  6,0 

It  22,0 

■cattar  T 

_ 

It  7,7 

landing  Caar  Spactrua 

2  IU  1-  9 

A 

28  000 

274 

4  400 

3  510 

890 

(calcuiatad) 

(10  000) 

(293) 

(2  950) 

(2  330) 

(  620) 

2  Rl  2-14 

B 

10  000 

291 

2  045 

860 

1  185 

2  Rl  4-10 

A 

10  000 

291 

1  063 

620 

441 

2  Rl  5-28 

B 

31  000 

122 

1  910 

870 

1  040 

(calcuiatad) 

_ 1 _ 

(30  000) 

(293) 

(3  400) 

(1  850) 

(l  550) 

"90 

Scattar  T 

’  ^7 

It  3,5 

It  5,3 

It  6,2 

Table  5:  Fracture  Toughness  Determined  with  CT-Specimene 


Specimen 

No 

Direction 

Stress  Intensity 

and 

Fracture  Toughness  K 

Ba.~vh 

Manufacturer 

1  B  1-38 

1*  -  T 

992 

A 

1  B  2-38 

L  -  T 

1  059  Klc 

A 

1  B  3-19 

L  -  T 

1  284 

B 

1  B  4-29 

L  -  T 

1  360 

B 

1  B  5-25 

L  -  T 

1  002  KIc 

B 

1  B  6-30 

L  -  T 

1  315 

B 

1  B  7-41 

L  -  T 

1  023  KIC 

B 

K 

IC 

arithmetic 

Is  -  T 

1  020  KIc 

mean  value 

1  B  8-35 

T  -  L 

773 

♦ 

B 

1  B  9-21 

T  -  L 

1  013  K_ 

A 

1  B  10-46 

T  -  L 

836 

B 

A  KIc  In  the  third  column  means  that  a  valid  KI{;-valua  according  to  /3a7  «>■  obtained. 
Able  6:  Fracture  Toughness,  Determined  with  C- shaped  Specimens 


Specimen 

No 

Strass  Intensity 

and 

Fracture  Toughness  K 

a *--3/?7 

Manufacturar 

4  B  1-44  S 

632  K_ 

Ic 

c 

4  B  3-35  S 

693  KIe 

B 

4  8  5-  7  S 

804  K, 

Ic 

A 

4  B  7-47  S 

657 

C 

4  B  9-48  S 

930 

B 

4  B  2-44  N 

635 

c 

4  B  4-35  H 

745  *Ic 

a 

4  B  6-  7  N 

710  Klc 

A 

4  B  8-47  N 

403 

c 

4  B  10-48  H 

880 

B 

- 

Ic 

ari  time  tic 

mean  value 

717 

S  *  Fatigue  crack  in  the  flash  line 
N  •  Fatigue  crack  beside  the  flash  line 


A  K  in  the  second  column  means  that  a  valid  A  -value  according  to/3($7  was  obtained. 


Table  ?t  Result*  of  Crack  Propagation  Taste  on  Wing  Attachment  Pitting* 


Forging 

No 

Has.  Load 

of  the 

Spectrua 

r"_7 

Critical 

Crack  Length 

2  ler 

Nfuabsr 

of  Plights 

to  Psilurs 

Number  of  Plight* 

froa  a  Crack 

Length  of  13  aa 

to  Failure 

Nuaber  of  Plights 

to  a  Crack  Length 

of  13  K 

-  Spectrua  - 

4 

80  955 

53.0  (1) 

5  170  (2) 

2  670  (2) 

2  500  (2) 

5 

80  995 

37.0  (3) 

6  450  (1) 

2  950  tl) 

3  500  (1) 

6 

80  995 

50.0  (2) 

2  495  (3) 

1  595  (3) 

900  (3) 

Scatter  T  *  **90 
"lO 

It  3.6 

1:  2.4 

1:  6.1 

21*  13.0 


■a — no 

KDM  notch 


ZL 


i 


/ 


Tab  la  9 1  Typical  Guaranteed  Minima  Properties  for  Composition /Processing  Option*  in 
Titaniua  Structural  Forgings  , 


Room  Teaperatu re  Tensile  Properties 


Tl-64  Con 
1 


0,2  »  y.s. 

2 

N/m 

U.T.S. 

H/mat2 

EL  (40) 

% 

RA 

% 

830-860 

900  -  930 

to 

20  -  25 

790-830 

860  -  900 

10 

20-25 

760  -  790 

830  -  860 

10 

20-25 

790-860 

930  -  1000 

6-8 

10  -  15 

760  -  830 

830  -  860 

6-8 

10  -  15 

810  -  8  SO 

900  -  930 

10 

20  -  25 

810  -  8  SO 

860  -  900 

8-10 

15  -  20 

760  -  790 

830  -  860 

6-8 

10  -  15 

930  -  970 

1000  -  1030 

8-10 

20  -  25 

900  -  970 

970  -  1030 

8-10 

20  -  25 

860  -  910 

970  -  1030 

6-8 

10-20 

900-930 

1000  -  1030 

8-10 

15-20 

900-930 

970  -  1030 

6-8 

12  -  20 

Fracture 

Toughness 

-/_3/2 


Option 

Chemical 

Composition 

Forging  Process 

Beat  Treatment 

Conventional 

Standard 

oC+  /3 

Mill  Anneal  (MA) 

la 

Standard 

oL+  /3 

■(•crystallization  Anneal  (RA) 

lb 

Special 

cL*  /3 

Recrystallization  Anneal  (RA) 

2a 

Standard 

cC  +  (3 

/3 Solution  Treatment  +  Anneal  ( /3  A) 

2b 

Special 

aL  *  6 

/3 Solution  Treatment  *  Anneal  (/3  A) 

3a 

Standard 

13  Preform,  oL+  /3  Block  (  Finish 

Mill  Anneal  (MA) 

3b 

Standard 

(3  Preform,  f3 Block,  cL  +  Q  Plnish 

Mill  Anneal  (MA) 

4 

Special 

/3  Preform,  (3  Block,  ot+  $  Finish 

Duplex  Solution  Treatment  +  Anneal 
(Duplex  STAN) 

Untergurt 


vs 


7T 


T 


/ 


Fig.4  Grain  flow  pattern  on  the  surface  of  a  wing  attachment  fitting. 
Note  grain  flow  and  course  of  the  failure  are  dissimilar  to  Figure  2, 
although  forging  is  nominally  identical  to  that  of  Figure  2 


i 
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Fig.5  Fracture  surface  of  the  wing  fitting  shown  in  Figure  4. 
Note  the  complete  shear  failure  of  the  left  half  of  the  section 
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Fig.7  Crack  propagation  along  the  grain  flo  w 
in  an  aluminum  forging 
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Fit.  2 1  Crack  propagation  under  the  TCTP-jpectrum 


Fig.22  Location  of  the  fatigue  crack 
in  the  forging  seam 


Fig.23  Location  of  the  forging  seam 
away  from  the  fatigue  crack 
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Fig.24  Forging  2  R:  2-34  fracture  surface 
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Fig.28  Grain  flow  pattern  in  the  compression  flange  of  fitting  4  (left  side)  compared  to  the 
crack  direction  in  CT-specimens  machined  from  fitting  4.  Note:  402  and  403;  406  and  407 
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Fig-32  Crack  propagation  in  fittings  4,  5  and  6 
under  the  FALSTAFF  load  sequence 
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Fig.37  Fracture  toughness  of  specimen*  taken  from 
one  larae  forging  DCac  (30| 
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Fig. 38  Fracture  tough  nets  of  specimens  taken  from  several  large  D6*c- forgings. 
Specimens  taken  from  the  web  and  speed  brake  sections  ( 301 
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Fl& 3 9  Frequency  distribution  of  the  fracture  toughness  of  three  Ti  6AI  4V-forgings 
from  lot  prolongation  tests  { 29]  Effect  of  processing  variables 
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Fig. 40  95%  confidence  bands  and  least  squares 
Lines  for  TI  6  A1  4V  structural  forgings  (29J 
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Fig.41  Statistics 


Fig.42  Fricture  toughi 
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Fif.44  Comparison  of  crack  propagation  rate  of 
TJ  6AJ  4V  plate  and  forced  iliac 
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Fig.45  Crack  propagation  of  specimens  machined  from 
three  Ti  6A1 4V  compressor  discs 
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Fig. 46  Fracture  toughness  of  die  forgings  of 
three  difierent  materials  (20) 
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Fig.47  Statistical  evaluation  of  fracture  toughness 
of  several  forgings  in  three  materials  [20) 
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Fig.48  Statistical  evaluation  of  frwcture  toughness 
of  several  forginp  in  three  materials  [20] 
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It  is  the  purpose  of  tt.ia  traatiw  to  draw  attention  to  ton  of  the  problem*  involved  in  calculating  crack  propagation  under  content  and  multi-step  amplitude 
load  laquanc**  and  point  the  way  to  tfta  aolution. 

By  coruidaring  a  number  of  factor*  influencing  tfta  crack  propagation  behaviour,  it  it  ihown  that  the  telaetion  of  a  tuitabla  calculation  formula  i*  only  on* 
of  teveral  poaaiW*  way*  of  improving  tha  prediction  of  crack  propagation. 

For  Ttm  raaaon  a  fint  animation  of  tfta  crack  propagation  life  may  b*  mad*  with  tha  aid  of  a  simple  calculation  procedure  such  as  the  Forman  aquation,  which 
in  general  yield!  conservative  result*.  The  Wheeler  modal  which  require*  a  considnibly  high  ft  expenditure  of  computing  time  and  con  compared  with  the  For¬ 
man  aquation  is  recommended  if  more  accuracy  it  required.  Finally,  calculation  model i  twsed  on  tha  crack  dour*  concept  ar*  also  considered. 


7.1  INTRODUCTION 

It  has  boari  shown,  on  the  one  hand  by  improved  NDI  mart  hods  applied  in  the  course  of  production  and  during  impaction*  of  the  aircraft, 
and  on  the  other  hand  by  damage  arising  during  operation,  that  cracks  in  aircraft  components  cannot  be  discounted  even  before  the 
aircraft  goal  into  service.  When  a  component  is  checked  for  cracks  it  it  usually  only  possible  to  detect  cracks  above  a  certain  size,  and  even 
then  only  with  a  certain  degree  of  probability.  In  order  to  guarantee  tha  safe  operation  of  an  aircraft  even  when  non -detectable  cracks 
are  present,  every  effort  is  made  to  forecast  tha  propagation  of  cracks  up  to  the  failure  of  the  component. 

These  efforts  have  already  become  established  as  damage  tolerance  requirements  in  Ml  L  83444  of  the  USAF. 

The  use  of  fracture  mechanics  in  aircraft  construction,  be  it  to  fulfil  damage  tolerance  requirements,  as  already  mentioned,  or  to  deter¬ 
mine  inspection  intervals,  must  at  present  still  be  regarded  ae  a  relatively  new  field  of  engineering  in  which  there  are  a  number  of  gaps  yet  to 
be  dosed. 


A  consequence  of  this  is  that  forecasts  of  crack  propagation  life  may  involve  various  problem*  which  at  present  can  often  only  be  over- 
coma  by  fairly  conservative  estimates. 

It  is  therefore  the  aim  of  this  paper  to  make  tha  engineer  aware  of  various  problems  end  at  far  as  possible  to  point  the  way  to  suitable 
solutions. 


a„  •  initial  crack  length 

a  -  crack  length 

da/dN  •  crack  propagation  rata 

Cp  •  retardation  factor  for  the  Wheeler  calculation  method 

C,  n  *  crack  propagation  parameters 

Cj ,  Cj  ”  crack  propagation  parameters  for  the  creek  propagation  a  leu  let  ion  method  of  Collipriest 

F  ■  correcting  function  for  the  stress  intensity 

K  ■  stress  intensity 

AK  »  range  of  ttress  intensity  factor 

Kmjn  ■  maximum  strata  intensity  1 

Km*x  "  minimum  it  rate  intensity  J 

Ku,  *  threshold  value 

Kc  »  fracture  toughness  under  plane 

K|£  ■  fracture  toughness  under  plane 

*  effective  ttras*  intensity 

m  ■  retardation  exponent  for  the  Wheeler  method 


for  one  load  cycle 

strata  conditions 
strain  conditions 


4 


1 


h 


mm 


MJM0IIUM8 


•  » 


"Vr 

■ 

crack  propagation  parameter  for  the  Walker  calculation  procedure 

"z 

m 

multiple  of  gravitational  acceleration 

N 

m 

number  of  load  cycles 

"c 

m 

number  of  load  cycles  until  fracture 

*F 

m 

number  of  flights  until  fracture 

R 

m 

stress  ratio 

Ry 

•a 

radius  of  the  plastic  zone 

Reff 

m 

effective  stress  ratio 

U 

m 

non-dimensional  effective  stress  intensity 

V 

m 

retardation  factor 

W 

m 

width  of  specimen 

r 

m 

retardation  function  ror  the  calculation  method  of  Habibie 

A 

m 

control  function  for  the  retardation  according  to  Habibie 

®  8 

m 

ultimate  strength  of  material 

% 

m 

yield  strength  of  material 

a 

m 

gross  stress 

"max 

®min 

m 

m 

maximum  stress  1 

l  of  one  load  cycle 

minimum  stress  J 

®a 

m 

amplitude  stress 

A  a 

m 

2  «. 

®o 

as 

maximum  spectrum  stress 

®op 

m 

crack  opening  stress  according  to  Elber 

®m 

m 

mean  stress 

7 2  PROBLEMS  'ENCOUNTER  ED  IN  CALCULATING  THE  CRACK  PROPAGATION 

7.2.1  Basic  considerations 

In  the  mechanics  of  linear  elastic  fracture,  the  stress  field  around  the  crack  tip  can  be  described  in  terms  of  the  stress  intensity  K  [  1 J. 


K  »  a  V  *  a  F 


(2.1) 


a  represents  the  gross  stress,  a  the  crack  length  and  F  a  correcting  function  dependent  on  the  geometry  of  the  crack  and  the  component 
and  on  the  type  of  load  introduction.  In  the  literature  there  already  exist  stress  intensity  solutions,  or  correcting  functions (2;3)  for  a 
number  of  different  types  of  crack. 

The  stress  intensity  is  used  in  the  known  procedures  as  a  basis  for  calculating  the  crack  propagation  and  the  critical  crack  length. 

Crack  propagation  tests  under  constant  amplitude  load  have  shown  that,  at  the  same  stress  intensity,  cracks  of  differing  geometry  display 
the  same  rates  of  crack  propagation.  For  this  purpose  it  is  assumed  that  for  a  certain  material  the  stress  ratio  and  the  environmental 
conditions  remain  unchanged. 


da 

dN 


f  <AK> 


(2.2) 


AK 


- 


(2.3) 


The  experimentally  determined  crack  propagation  rate  da/dN,  as  a  function  of  the  stress  intensity  factor  range  A  K,  produces  approxi¬ 
mately,  on  double-log  arithmic  paper,  an  S-sheped  curve. 


stress  intensity  factor  rang*  AK 


sketch:  a  typical  curve  of  da/dN  vs.  A  K 


Whara  tha  rata  of  crack  propagation  is  very  small,  A  K  approaches  tha  threshold  valua  .  below  which  no  further  crack  propagation 
occurs  (4). 

Within  tha  medium  range,  the  relation  between  da/dN  and  A  K  can  be  extensively  expressed  by  an  exponential  equation.  An  accelerated 
increase  in  the  rata  of  crack  propagation  can  be  noted  shortly  before  the  critical  crack  length  is  reached. 


7 .2.1.1  Expressing  the  connection  between  da/dN  and  AK  with  the  aid  of  various  crack  propagation  calculation  formulae 
-  Paris'  calculation  formula 

Paris  (5]  was  one  of  the  first  to  state  this  connection  by  a  simple  exponential  function 

~  •  C  AK"  (2-3) 


C  and  n  are  parameters  which  primarily  depend  on  the  material  end  are  determined  by  crack  propagation  tests  under  constant  ampli¬ 
tude  load. 

The  Paris  equation  only  takes  into  account  the  central,  i.e.  linear  area  (see  fig.  2.1).  On  the  other  hand,  tha  marginal  areas  and  the 
influence  of  the  stress  ratio  R  are  not  considered. 

-  Walker's  calculation  formula 

Walker  was  among  those  who.  to  take  proper  account  of  the  stress  ratio  R,  proposed  the  following  equation 


da 

dN 


C  K, 


m w 


•  AK" 


(2.41 


—  Forman's  calculation  formula 

The  accelerated  increase  in  the  crack  propagation  rate  close  to  the  critical  crack  length  was  first  taken  into  account  in  the  Forman 
equation  [7(. 


da  CAK" 

dN  “  11-R)  Ke- AK 


(2.5) 


-  Richards  and  Undley's  calculation  formula 

The  formula  of  R  &  L  alto  includes  the  threshold  value  (8). 

m 

(2.8) 


E  and  m  are  crack  propagation  parameters  to  be  determined  in  crack  propagation  tests  under  constant  amplitude  load,  a  R  indicates 
the  ultimate  strength  and  the  threshold  value.  C,h  is  available  for  a  number  of  materials  in  reference  [4). 


*  -  E 
dN 


AK  -  AK, 


th 


’eK-^max* 


1 


-  Collipriest’s  calculation  formula 

Instead  of  tha  much-used  exponential  formula  to  expren  crack  propagation  under  constant  amplitude  load  sequence,  Colllprieat 
uaea  a  hyperbolic  tangential  function  [9|. 

log  ^dN  -  C,  ♦  Cj  tan  h-1  [#  (Keff)  ]  (2.7) 

The  material  parameters  C1  and  Cj  are  likewise  to  be  determined  in  crack  propagation  tests  under  constant  amplitude  load.  For  the 
independent  variable  K^,  Collipriest  uses  the  stress  intensity  factor  range  AK. 

♦  (Kgffl-elAK)  (2J) 


—  Davies  and  Feddersen's  calculation  formula 

Davies  and  Feddersen  (10)  extend  CoMInriest's  formula  by 


*  (Keff) 


log(Kc  • 
log  (K0/Kc) 


(2.9) 


For  Kg^,  Walker's  formula  is  used. 

Keff  -  (1-R!mWKmax  (2.10) 

The  methods  just  cited  only  represent  a  small  section  of  the  numerous  methods  known  from  the  literature.  It  is  intended,  through 
this  systematic  selection  from  the  best -known  calculation  methods,  to  illustrate  the  individual  stages  of  development.  The  aim  of 
all  the  formulae,  beginning  with  the  Paris  formula,  is  to  express  the  correlation  between  the  crack  propagation  rate  and  the  stress 
intensity  as  precisely  as  possible. 

To  achieve  this  the  stress  ratio  R,  the  fracture  toughness  Kc  and  finally  the  threshold  value  Kth  were  included  in  the  calculation 
formulae. 


7.2.1.2  Valuation  of  the  Forman  equation  with  the  aid  of  crack  propagation  lasts  under  constant  amplitude  load 
Present-day  practice  often  uses  the  Forman  equation  to  show  the  correlation  between  da/dN  and  A  K. 

The  Forman  equation  has  yielded  fairly  good  results,  at  least  in  the  range  R  >  0,  for  the  aluminium,  titanium  and  steel  alloys  commonly 
used  in  aircraft  construction  [12]. 

Fig.  2.1  shows  a  comparison  between  test  results  and  the  calculation  after  Forman.  For  the  calculation,  average  Forman  parameters  were 
determined  from  the  test  results,  and  then  the  Individual  crack  propagation  test  were  calculatad  with  these  average  C,  n  values.  The  test 
values  were  from  (13). 


material: 


2024-T3 


Fig.  2.1  Calculation  of  crack  propagation  tests  under  constant  amplitude  load  after  Forman, 
using  average  C,  n  values 
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However,  when  comparing  crick  propagation  teat*  under  constant  amplitude  toad  In  the  range  B  <  0  with  the  calculation  of  crack 
propagation  after  Forman,  major  divergences  may  occur  ( 1 2]  if  the  calculation  1s  mad*  with  those  Forman  parameter*  which  wet*  deter¬ 
mined  for  R  >  0. 


The  magnitude  of  the  divergence  between  the  test  and  the  calculation  in  the  R  <  0  range  depends  not  only  on  the  stress  ratio  but  alto  on 
the  range  of  stress  A  a,  i.a.  the  crack  propagation  life  decreases  from  R  «  0  to  R  »  -1  in  proportion  to  the  increase  of  is. 


1.0 
0.8  1 
0.6 
0.4 
0.2 
0 


R  - 


material:  7075-T7351 


0.125  -0.3  -1 


-  157  N/mm1 


0.126  -1 


1  78  N/mm’ 


Fig.  2 2  Decrease  of  crack  propagation  life  from  R  *0.125  to  R  <  0 
at  various  stresMt  W12/ 

As  a  general  rule,  though,  it  may  be  said  that  the  Forman  calculation  always  yields  conservative  results  in  the  R  <  0  range.  Appropriate 
Forman  parameter*  determined  at  R  <  0  may  yield  a  more  relieble  statement. 


7.Z1.3  Influence  of  additional  factors  on  the  prediction  of  crack  propagation  life 

The  accuracy  of  the  crack  propagation  calculation  does  not  only  depend  on  the  method  of  calculation  but  also  on  the  necessary  input 
data  such  as  material  characteristics  and  stress  intensity,  not  to  mention  the  environmental  conditions.  This  applies  in  particular  to  the 
calculation  of  components.  It  is  well-known  that  the  crack  propagation  behaviour  of  any  given  material  departs  not  only  on  A  K  and  R 
but  also  on  the  thickness  of  the  specimen  or  component. 

-  Material  thickness 

Particularly  when  calculating  crack  propagation  for  structural  components  it  is  found  again  and  again  that  the  appropriate  crack  prop¬ 
agation  parameters  are  not  available  for  every  thickness  of  component  material.  The  usual  resort  is  to  take  the  crack  propagation  para¬ 
meters  of  specimens  which  are  thicker  than  the  component  to  be  calculated.  In  the  reverse  case,  the  comoutation  may  be  as  much  as 
factor  2  on  the  unsafe  side. 


Fig.  23  Influence  of  specimen  thickness  on  crack  propagation  in  2024-T3  IV 


Fracture  toughnare  dapandant  on  tha  compooant 

In  addition  to  tha  crack  propagation  paramatare,  variout  calculation  procaduraa  uaa  tha  fracture  toughnaaa  Kc  or  K^.  Howauar,  aa 
tarn  hava  dwvm  1 14  ,  IB],  tha  fracture  touglmaia  Ke  daptndr  not  only  on  tha  thkfcnaw  of  tha  matarial  but  i*No  on  tha  width  of  tha 
apaciman  and  tha  longth  of  tha  crack  if  atatto-piastic  material  baheviour  it  prerent  (aaa  fig.  2.4). 
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Thla  may  caure  difficulttet  In  calculating  tha  crack  propagation  after  Forman,  tinea  tha  paramatare  C  and  n  akwayt  hold  good  m  con 
Junction  with  tha  Kc  value  derived  from  the  reakfuel  ttrength  of  the  tael  ipaclman. 

If  C  and  n,  wttlch  ware  determined  from  a  crack  propagation  teat  under  a  ere wrent  ampin ude  load  with  a  particular  tart  ipeeimeti 
ware  to  b#  ueed  In  cf  leulating  tha  crack  propagation  In  crehponantt  ol  t  different  tire,  it  would  lettifv  tha  calculation  It  'he  C  end  n 
vahtet  were  ueed  In  connection  with  the  Kc  value  for  that  particular  caw 

It  would  b>  poetibla  to  avoid  thit  problem  by  calculating  the  creek  prupegeton  end  the  ethical  crack  length  independently  of  each 
other  l  a  the  critical  'reck  length  would  firit  be  found,  then  (ha  crack  propagation  up  to  thn  critical  length  would  tie  wreked  out 
The  crack  propagation  might  for  im'enee  be  deteimioad  after  Welker  or  Forman,  m  tha  latter  caw  utmg  C.  n  valuer  which  have  already 
been  determined  in  connection  with  a  Kc  value  which  ww  w  high  aa  pontble  (taiga  tort  tpecimenl 

It  can  be  wan  from  fig  7  5  that  tha  crack  propagation  rata  !l  merely  a  function  of  'ha  rtrew  m;  entity 

Not  until  it  reactwi  the  range  of  tha  cr iticrM  crack  length  dow  tha  crack  propagation  rata  in  imatler  ipactmene  liter eew  more  rapidly 
Thd  range  it  virtually  Inaignl* leant  at  regerdt  crack  propagation  life. 

-  fnvironmentel  condition! 

Crack  propagation  can  be  eontidarahly  Influancad  by  environmental  eondllionr  ruch  w  temperature  humidity,  lomtrve  Menu  aref 
load  Ire.joencY  Temperature  incraakW  can  accalaratt  crack  propagation,  whiitt  lower  tamper eturer  appear  to  improve  the  crack 
propagation  behaviour  1 1 7|. 


Ik. 


Tha  fullowtng  d  legem.  fig.  2  6.  dw'wt  tha  Infftanoa  of  tamparatura  on  tha  crack  propagation  m  2C24  TJ  at  a  function  of  the  load 
frequency. 


tfrt*  intimity  factor  ranfi  IK 


load  cydaa  {*  10*) 


Further  investigations  Fmw  that  thi  influence  of  environmental  factor*  *uch  a*  temper*  tore.  humidity  and  corrosive  agent*  on  tha 
propagation  of  crack  I  dapandt  to  a  consider  abla  art  ant  on  tha  load  frequency.  It  can  be  generally  noted  that  at  load  frequency 
increases,  crack  propagation  become*  last  dependant  on  environmental  condition*  1 18). 

Fig.  2.7  thowt  tha  Influence  of  various  environmental  condition*  on  tha  crack  propagation  at  various  load  frequencies. 


Fig.  2.7  Crack  propagation  behaviour  under  differing  environmental  condition*  at  various  load  frequence*  /1 8/ 

Influence*  of  thi*  kind  can  be  covered  either  by  determining  the  rrack  prrveqution  par amelers  under  the  respective  environmental 
conditions  or  by  taking  tha  influence  of  environmental  conditions  into  account  by  means  of  an  adequate  safety  factor. 

Production  process 

A  further  influence  on  crack  propagation  behaviour  can  stem  from  the  stretching,  drawing  and  bending  of  semi  finished  products 
during  the  production  proces*.  The  extent  to  which  this  causes  an  improvement  or  deterioration  of  ctack  propagation  behaviour 
certainly  depends  on  the  meteriel,  its  heel  treatment  end  shaping  conditions. 

To  give  an  example,  the  crack  propagation  behaviour  of  7074  cheat  metal  is  Improved  by  I  -  3%  stretching  1 19). 

Further  stretching,  however,  may  result  in  eeeefweted  crack  propagation  1 19).  MBS  tetts  (unpublished)  showed  the  seme  result.  In 
this  case.  3%  and  6%  stretching  of  7074  T3  caused  aecalera'ion  of  the  crack  propagation.  In  sheets  made  of  7475  T  781  alloy,  though 
the  effect  of  3%  and  6%  stretching  was  only  vary  slight. 

Stress  intensity  or  correcting  function  for  components 

One  of  the  mein  fectors  in  calculating  the  creek  propagation  and  residual  sttangth  is  the  stress  intensity.  Those  who  analyte  struc¬ 
ture!  components  ere  continually  confronted  with  the  problem  of  finding  e  suitable  itresi  intensity  solution  for  tha  geometry  of  the 
component  In  general,  already  known  street  intensify  solutions  are  then  used  |7|,  |3|  Nevertheless,  it  will  tefdom  be  ootsible  to  find 
a  solution  which  corresponds  exactly  to  tie  condition!  actually  inherent  in  the  component  such  as  its  yeunwliy.  ligidity  and  load 
transfer  Tha  component  almost  always  has  to  be  defined  to  a  greater  or  leseer  extent  II  a  suitable  dress  intensity  solution  tor  a 
given  case  is  not  available  in  the  literature,  it  will  have  to  be  determined  specially  There  are  a  number  of  possible  procedures  for  doing 
so.  which  have  been  enumerated  in  ref.  |  !6|  in  connection  with  the  lug  problem  and  then  applications  discussed 

Basically  there  are  analytical,  numerical  and  exparimental  procedures  available  for  determining  the  street  intensity.  In  practice,  how 
ever  the  analytical  procedures  are  unimportant .  since  the  marginal  conditions  in  stiuctura1  components  are  far  too  complex  Analytical 
procaduras  can  therefore  only  be  used  for  cases  such  ft  a  plate  of  infinite  sire  with  a  centre  creek  or  an  infinite  plate  with  a  crack 
starting  from  a  hole. 

For  more  complex  components,  the  Press  intensitv  n  he  determined  numerically,  for  instance  by  the  finite  element  method,  or 
experimentally  by  crack  propagation  or  eomp'hnce  measurements  ( 10) 

There  is  no  single  correct  answer  a*  to  * '  lh  of  the  various  methods  is  hast  suited  for  determining  the  stress  intensity.  The  selection 
of  •  suitable  procedure  is  generally  decided  by  two  criteria,  namely  the  type  of  component  and  the  technical  possibilities 


The  preceding  explorations  hew  mown  the  various  pararnatari  such  aa 

-  material  (heat -treatment,  manufacturing  procew,  component  thidenaaa  and  dial 

-  At,  R 

- 

-  K  (gaometry  of  component  and  crack,  load  introduction) 

—  environment  (temperature,  humidity,  corrosive  agents) 
effect  the  propagation  of  cracks. 

Dm  calculation  procedure  uaad  is  thus  only  one  of  several  factors  which  may  effect  the  accuracy  of  a  prediction  aa  to  creek  propagation 
Ufa. 

Dm  use  of  a  more  complex  calculation  aquation,  which  usually  requires  additional  teats,  does  not  necessarily  bring  about  a  corresponding 
improvement  In  the  forecast  of  crack  propagation  life.  Dm  important  thing  is  to  take  account  of  all  influencing  factors  equally. 


7X2  Dm  low  Hies  in  predieting  the  orach  propagation  under  variable  loads 

Dm  prediction  of  creek  propagation  in  real  structures  is  often  additionally  complicated  by  the  muhistap  amplitude  load  sequence.  It  hea 
bean  shown  in  a  arias  of  tests  (20;  21 )  that  crack  propagation  following  peak  loads  can  be  considerably  retarded.  There  are  two  ways  of 
defining  the  term  "retardation". 

Retardation  relative  to  the  crack  propagation  da: 

A  smeller  load  following  a  peak  load  causes  Ism  crack  propagation  than  does  a  constant  amplitude  load  sequence. 

Retardation  relative  to  the  load  cycle  number . 

After  a  peak  load,  considerably  more  load  cycles  are  needed  to  reach  a  given  crack  length  then  under  t  constant  amplitude  load  sequence. 


Aa  can  be  seen  from  fig.  2  J,  the  retardation  is  considerably  lessansd  by  a  oompresaion  load  succeeding  the  pa*  load. 

In  the  crack  propagation  calculation  models  which  take  account  of  retardation,  such  at  the  Wheeler  and  Wllienborg  models  (tea  section 
7.3.1),  the  retardation  mechanism  is  only  considered  within  the  pi  attic  rone  situated  In  front  of  the  crack  tip.  According  to  this  procedure 
e  large  plastic  ions  it  created  by  meant  of  sn  overload  Whan  the  load  It  r amoved,  a  compressive  strew  is  set  up  in  the  area  of  the  piaatic 
tone.  Thit  compress «e  strata  it  the  mam  contributing  factor  in  reducing  the  crack  propagation  under  a  smaller  succeeding  load  cycle 
Various  tests,  at  for  instance  m  ref  (22).  have  In  feet  mown  that  the  retardation  due  to  an  overload  may  even  be  effective  after  the  creek 
tip  has  already  extended  beyond  the  plastic  ions  created  by  the  over  load.  Recent  findings  on  this  matter  will  be  dttcutmd  at  greater  length 
In  section  7,3.2. 

Fllnht  by-flight  crack  propagation  rests  have  shown  that  the  retardation  magnitude  mainly  depends  on  the  following  perimeters  1 12): 
materiel 

type  of  load  spectrum 
straw  level 
stress  distribution 


at  overload 


I 

I 

I 


after  overload 


Fig.  2.9  Inherent  mw  at  the  crack  tip  following  an  overload 

If  the  retardation  it  defined  at 

y  .  crack  propagation  life  found  in  ttit 
crack  propagation  life  after  Forman 

the  following  retardation  valuet  for  aeronautical  material!  are  found,  taking  a  typical  fighter  ipactrum  ae  a  bath  and  a  critical  crack 
length  of  2,5  mm. 


material 

(N/mma ) 

(N/mm* ) 

a0/ag 

B 

ref. 

7076-T7351 

136 

463 

0.42 

ESI 

1721 

300M 

373 

2102 

0.18 

4.16 

/12/ 

HP  94  30 

686 

1579 

0.43 

4.68 

712/ 

T«AI4V 

373 

995 

0.37 

K9 

,'23/ 

7075-T735I 

273 

463 

0.59 

1.9 

1721 

TiOAMV 

549 

995 

0.56 

4.83 

1721 

Tesla  2.1  Retardation  effect!  of  variout  matariall 


Fig.  2.10  Typical  fighter  ipactrum 


The  valuet  obtained  for  the  aluminium  and  titanium  alloyt  «how  that,  at  leett  for  thete  two  material,  the  retardation  decree  tat  at  the 
maximum  ipactrum  load  increetet. 


It  can  alto  be  teen  from  the  above  table  that  the  variout  material!  dipiley  •  different  retardation  rate  at  the  lame  relative  load  »„ 


/»■ 


•m  I J 


ff.2  .1 1  Retardation  effect  of  different  materials  n  a  function  of  the  relative  load 


In  fig.  2.1 1 .  the  relative  load  8Q  /  oy,  which  it  roughly  comparable  for  thy  materials  707S  T  73S1,  Ti  6AI4V  and  HP-0-4-30,  it  plotted 
vs.  retardation  V. 

At  a  medium  relative  loed  ot  ao  /  oy  •  0.4,  the  retardation  in  7075  T  7351 ,  HP  9-4-30  and  Ti  6AI4V  in  that  order,  increases. 

Ti  6AI4V  would  then  display  a  retardation  1 .47  timet  at  great  at  that  of  7075  T  7351 ,  which  show!  that  the  affect  depends  on  the 
materiel. 

The  retardation  V  decree  tel  In  proportion  not  only  to  increases  in  maximum  spectrum  load  but  also  to  an  increased  initial  crack  length. 
This  is  illustrated  in  fig.  2.12  below. 


Pig.  2.12  Influence  of  initial  erect  length  on  retardation 

Fig.  2.12  shows  typical  flight -byflight  crack  propagation  curves,  first  calculated  after  Forman  and  then  determined  experimentally. 

From  the  shape  of  the  two  curvet  it  can  be  concluded  that  most  of  the  retardation  occurs  where  the  cracks  ere  not  very  long.  If,  then, 
the  retardation  Is  dependent  upon  the  'oad  and  the  crack  length  in  such  a  way  that  retardation  is  lessened  at  stress  and  crack  length  In¬ 
crease,  it  springs  p>  mind  that  the  retardation  depends  on  the  strata  intensity.  Retardation  factors  found  In  plates  with  a  centre  crack  thus 
cannot  unreserveoly  be  taken  to  apply  to  components  with  a  completely  different  stress  intensity. 

However,  the  retardation  effect  for  any  given  material  depends  to  a  large  extent  on  the  type  of  load  vectrum  and  also,  to  some  extent, 
on  the  type  of  load  sequence. 

To  find  the  Influence  of  the  load  sequence,  flight -by -flight  crack  propagation  tests  were  carried  out  In  (23)  under  various  load  sequences, 
using  a  typical  combat  aircraft  spectrum. 


i 


-  MV 


CH 


100% 

*  1 

0  _ 

*»ctrum 

number 
of  steps 

flights  and  load 
cycles  per  period 

number  of 

different 

flights 

load  saquence 

9 

200  flights 

14028  load  cycle 

IS 

defined  flight  by  flight  load  sequence 
with  gag  (ground  air  ground)  cycle 

(normal  flight  by  flight  program) 

—  2S%- 

ioo%- 

20  steps 

B 

N. 

400  flights 

quasi  randomised  (1)  flight  by  flight  load 

0  - 

- —3- 

28.052  load  cycle 

4DII 

sequence  with  gag  cycle 

-25%- 

— '  10  steps 

100%- 

20  steps 

C 

400  flights 

randomised  (II)  flight  by  flight  load 

n 

- — 

28.032  load  cycle 

400 

sequence  with  gag  cycle 

-25% 

10  steps 

100%- 

_  — 0  steps 

blocked  program  with  gag  cycle 

0 

( 

400  flights 

_ 

28.062  load  cycle 

0  - 
—  25%  * 

3  steps 

Fig.  2.13  Various  toed  sequencer  used  in  flight  by-flight  crack  propagation  tests  1731 


The  next  diagram,  fig.  2.14,  shows  the  avaraga  crack  propagation  curves  for  different  load  sequences.  Basically,  fig.  2.14  shows  that,  as 
far  at  crack  propagation  life  is  concerned,  randomised  load  sequences  may  be  twice  as  damaging  as  blocked  load  sentences  as  shown  in  fig. 
2.13.  This  finding  is  particularly  significant  for  the  experimental  damage  tolerance  qualification  test. 
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Th«  retardation  effect,  and  with  it  the  crack  propagation  life,  can  decrease  considerably  if  the  peak  loads  of  a  spectrum  are  truncated. 
Cutting  the  peak  loads  of  a  typical  combat  aircraft  nz  spectrum  down  to  about  57.5%  of  the  load  limit  may  lead  in  Ti  6AI4V  to  a 
decrease  of  crack  propagation  life,  and  thus  of  the  retardation  effect,  by  a  factor  of  2(12). 

The  influence  of  truncation  on  the  retardation  effect  depends  of  course  on  the  type  of  load  spectrum.  Schijve  (24),  for  instance,  showed 
that  in  a  gust  spectrum,  truncation  of  the  peak  loads  by  only  16%  in  2024  and  7075  brings  about  a  reduction  of  the  retardation  effect 
by  approximately  a  factor  of  2.  Flight-by-flight  crack  propagation  tests  carried  out  on  a  particular  spectrum  chosen  to  meet  certain  require¬ 
ments  display  a  retardation  effect  which  it  mav  not  be  possible  to  achieve  again  during  flight  if  for  instance  the  originally-assumed  high 
operating  loads  do  not  occur. 


Fig.  2.15  Oust  spectrum  /24/ 

The  retardation  effect  may  also  be  considerably  reduced  doe  to  compression  loads.  Using  a  typical  taileron  spectrum  of  a  combat  aircraft, 
it  was  possible  to  show  that  in  7075T7351  aluminium  alloy,  by  dropping  the  compression  loads,  the  crack  propagation  life  was  increased 
by  a  factor  of  2.7(12). 


Fig.  2.15  Taileron  spectrum  with  and  without  compress  ion  loads 
7.3  METHODS  OF  CALCULATING  THE  CRACK  PROPAGATION  UNDER  VARIABLE  LOAD  SEQUENCE 

7.7.1  Description  of  current  modafs 

Although  the  Forman  aquation  wk  only  developed  for  calculating  the  crack  propagation  under  constant  amplitude  Iced,  it  la  nevertheless 
frequently  used  for  working  out  the  crack  propogation  under  flight-by-flight  load  sequences.  This  means  that  retardation  effects  are  not 
normally  considered  in  flight -by-flight  crack  propagation. 
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C  AX" 

(1  -  R)  Kc  —  AK 


0.1) 


A«  itrsady  mentioned  under  2.1 ,  the  Forman  characteristics  C.  n  and  Ke  art  determined  from  creek  propagation  testa  under  constant 
amoiitude  load  in  the  R  >  0  range.  T1.e  correcting  function  F  uted  in 


AK  •  A«  </Ti  ■  F  (3.2) 

is  w  bs  taker.  -,rom  «um:ior\i  suitable  for  the  component  to  be  calculated  and  usually  already  existing  in  the  literature. 
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Pm  crack  growth  Aa  per  load  cycle  is  usually  calculated  in  steps  corresponding  to  flight-by-flight  conditions.  Pie  calculation  can  only 
be  made  with  the  aid  of  a  computer. 


Since  the  Forman  equation  does  not  consider  retardation  effects,  the  load  sequence  can  be  disregarded.  It  is  thereby  possible  to  combine 
the  individual  load  levels  to  obtain  a  blocked  spectrum  (see  fig.  3.1). 


Fig.  3.1  Load  sequence  with  blocked  spectrum 

For  doing  this,  an  approximation  solution  in  the  form  of  a  numerical  integration  of  the  Forman  equation  was  developed  in  [25],  Piis 
procedure  is  based  on  the  following  considerations. 


By  first  considering  the  crack  propagation  under  constant  amplitude  load,  the  number  of  load  cycles  between  an  initial  crack  length  a„ 
and  the  critical  crack  length  ac  can  be  found  from  the  following  integral. 


N„ 


'c 

■  /  dN 
N„ 


-  R)  Kc-AK 


CAK" 


(3.3) 


Due  to  the  often  complex  correcting  function  F,  which  accounts  for  crack  geometry,  boundary  effects  and  loading  conditions,  there 
is  no  analytical  solution  to  the  integral.  However,  instead  of  calculating  the  crack  propagation  for  every  load  cycle,  the  function  can  be 
numerically  integrated  by  an  approximation  procedure  (Simpson's  rule). 


...  (l-B)Kc-AK 

» - 


Fig.  32  Numerical  integration  of  the  Forman  equation  with  the  aid  of  the  Simpson's  rule  (2nd -degree  polynomial) 

Pie  area  under  the  function  f  between  a0  and  a^.  corresponds  to  the  load  cycle  number  until  fracture.  With  about  20  integration  steps, 
the  deviation  is  usually  approximately  1  -  2%. 

If  the  computer  time  has  hitherto  been  approximately  proportional  to  the  number  N  of  load  cycles,  then  -  independently  of  N  -  only 
the  computer  time  required  to  perform  20  integration  steps  is  necessary. 

Incidentally,  it  is  noted  that,  using  this  method,  crack  propagation  under  constant  amplitude  load  can  be  computed  with  a  pocket  calcula¬ 
tor  (e.g.  HP67)  with  any  correcting  function.  However,  to  deal  with  multi-step  amplitude  load  sequences  in  the  same  way,  a  procedure 
was  developed  in  (25)  for  deiermining  a  substitute  load  cycle  instead  of  the  blocked  spectrum.  With  the  aid  of  this  substitute  load  cycle 
which  causes  the  same  extent  of  damage  it  is  possible  to  treat  the  life  calculation  like  that  of  the  crack  propagation  under  constant  ampli¬ 
tude  load.  This  can  considerably  reduce  the  cost  of  computation,  particularly  in  working  out  the  crack  propagation  in  aircraft  structures. 
The  errors  arising  in  this  approximation  are  less  than  5%. 

Special  calculation  methods  were  developed  for  the  multi  step  load  sequence  to  make  provision  for  the  crack  propagation  retardation. 
The  methods  which  are  best -known  in  the  literature  are  those  developed  by  Willenborg  [26]  and  Wheeler  (27). 

The  principle  of  these  two  procedures  is  described  below. 


1  '  * 


f 
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The  method  developed  by  Willenborg  could  almost  ba  termed  a  model,  sine*  no  additional  valuta  of  fracture  mechanics  a ra  required  in  order 
to  calculate  the  crack  propagation  with  retardation.  One  of  the  known  formulae 

da/dN  -  f  UK) 


can  be  used  aa  a  betia  for  Willenborg’a  retardation  model.  In  the  following,  the  Willenborg  model  will  be  considered  in  conjunction  with 
the  Forman  equation.  If,  using  the  Willenborg  model,  retardation  occurs,  then  the  stress  intensity  factor  range  A  1C  and  the  stress  ratio  R 
are  replaced  in  the  Forman  aquation  by  what  are  known  at  effective  values. 


without  retardation 


with  retardation 


da/dN  • 


CAK° 

(1  -R)  Kc-AK 


da/dN 


CAKDff 


(l-R^lKc-AK^ 


The  effective  values  are  determined  by  the  following  scheme.  !f,  during  a  multi-step  load  sequence,  a  peak  load  causing  o  j  occurs,  the 
already  existing  crack  sq  is  extended  to  a^ .  At  the  same  time,  in  front  of  the  crack  tip  of  aj ,  a  plastic  zone  Ry  of  the  size 

By  -  v  -  *i  ,3'4) 


is  created. 

The  size  of  the  plastic  zone  depends  on  the  stress  intensity  K  and  the  yield  stress  of  the  material. 


The  value  obtained  from  (28)  for  the  spectrum  of  plana  stress  is 

Ry  - 


(3.5) 


and  from  (29)  for  the  spectrum  of  plane  strain  it 


Ry 


1 
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For  the  subsequent  load  cycle  causing  oj.  it  should  first  ba  ascertained  whether  >2  <  °1 
calculated  without  retardation  after  Forman 

Otherwise  (see  fig.  3 .3)  the  stress  necessary  to  obtain  a  plastic  zone  of  the  size  Ry  « 
The  strata  a.^  is  determined  with  the  aid  of  the  equations  3.4  and  3.5. 


(3.5) 

is  applicable.  If  not,  the  crack  propagation  is 
Spf  -  a1  is  calculated. 


«ap  * 


(3.7) 


The  difference  between  o^p  and  oj  yields  a  stress  om j,  which  is  used  to  establish  the  effective  values.  No  physical  explanation  for  the 
derivation  of  is  known. 


‘red  "  sap  -  °2 


(3  8) 


is  made  equivalent  to  zero,  if  oj  >  ®4p . 


It  follows  that 


Complete  crack  stoppage  is  achieved  when 


This  is  the  case  for 


°02  eff  "  °02  “  5 red 
9U2aff  “  °U2  ~  ’red 


®eff  >  0 


AKeff  "  ,0oeff  “  °u  eff* '  F 
Reff  *  "u  eff  1  °o  eff 


®o2eff  '  0 


*02  °red 


(3.9) 

(3.10) 

(3.11) 

(3.12) 

(3.13) 


By  inserting  aquation  3.13  in  38,  the  correlation  between  c|p  and  <>2  is  expressed  as  e^/2  ■  Since  0^  is  identical  to  »j ,  crack 
stoppage  usually  occurs  when  the  stress  following  a  peak  load  is  only  half  as  g*  eat. 


* 


I 
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If  *  further  load  causing  <73  ensues,  it  is  again  checked  whether  the  condition  03  <  o1  it  fulfilled.  This  presupposes,  though,  that 
retardation  occurred  in  the  case  of  <73 . 

If  »2  wa*  greater  than  ,  03  as  peek  load  for  further  crack  propagation.  We  are  assuming,  however,  that  crack  propagation 

was  retarded  in  the  case  of  03.  After  load  cycle  03,  there  is  a  crack  length  of  83.  Now  the  effective  values  are  calculated  once  again 
with  equations  3.4  -  3.1 1 ,  crack  length  a^  being  replaced  by  83  and  0 3  by  03.  This  procedure  will  be  terminated  if  the  succeeding 
loads  causing  a  j  are  less  than  ,  even  where 

*1—1  +  RVj  >  ap  (3.14) 


Wheeler  and  Willenborg  used  the  same  model  to  decide  whether  crack  propagation  will  be  retarded  or  not. 

In  this  scheme,  retardation  takes  place  as  long  as  the  crack  a  with  its  accompanying  plastic  zone  remains  within  the  plastic  zone  created 
by  the  peak  load  (outer  limit  -  ap). 

The  difference  between  the  two  procedures  is  that  Willenborg  takes  account  of  the  retardation  effect  by  reducing  the  stress  a  _ »  „ 

whilst  Wheeler  takes  account  of  the  retardation  effect  by  direct  reduction  of  the  crack  propagation  using  a  retardation  function. 
Secondly,  Wheeler  requires  an  additional  material  value,  which  has  to  be  determined  through  a  multi-step  test. 

Like  Willenborg,  the  Wheeler  method  is  also  based  on  a  crack  propagation  law  of  the  formula 

de/dN  -  f  (AK). 

Wheeler  will  be  considered  below  in  conjunction  with  the  Forman  aquation. 


da/dn 
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C  AKn 

(1  -  R)  Kc  -  AK 


(3.15) 


To  determine  the  crack  growth  per  load  cycle,  the  factor  Cp  is  inserted: 

R  m 

CP  "  (3.18) 

*P  ~  * 

The  crack  grow**-  is  retarded  if  Cp<  1,  i.e.  a+  Ry  <  ap.  However,  as  soon  as  a  +  Ry  >  ap,  then  Cp»  1. 

According  to  Wheeler,  the  exponent  is  to  be  a  material  constant  determined  in  a  multi-step  experiment. 

m  is  therefore  fixed  so  that  there  is  conformity  between  the  crack  propagation  calculation  after  Wheeler  and  the  crack  propagation  test 
under  multi-step  amplitude  load  sequence. 


Lh  well-known  In  the  literature  It  *  retardation  procedure  proposed  by  Habibia  (30).  which  it  designed  in  particular  to  provide  for 
truncation  affects. 
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Thtt  method  it  likewise  bated  on  the  Forman  aquation.  The  crack  growth  it  reduced,  at  in  the  Wheeler  method,  by  a  retardation  function 
which  it  determined  by  meant  of  a  multi-nap  crack  propagation  ten. 


de/dN  -  a - — -  (3-17) 

(1—  R)  Kc-AK 


y-«K~T  ,  <i  (3.18) 

a  and  y  are  to  be  ettabl idled  experimentally. 

An  additional  function  A  helpt  to  determine  from  load  cycle  to  load  cycle  whether  retardation  with  *  will  take  place  or  not.  Thit  cri¬ 
terion  corresponds  to  the  planic  zone  model  uted  by  Willenborg  and  Wheeler;  thut,  retardation  takat  place  when  a  +  Ry  <  ap.  In  prac¬ 
tice,  however,  the  method  developed  by  Habibie  it  of  no  great  tignificanca. 


7.12  Future  approaches 

The  above  detcribed  methods  of  calculating  the  crack  propagation  under  operating  load!,  which  have  been  In  practical  use  for  many 
yean,  deal  mainly  with  retardation  effect!  which  are  cautad  by  overload!  and  are  confined  to  the  region  of  the  plattic  zone  in  front  of 
the  crack  tip. 

On  the  other  hand,  crack  propagation  acceleration  and  the  influence  of  compression  load!  have  not  been  tatitfactorily  taken  into  account. 

One  prom tting  way  of  correcting  then  inadequaciet  would  be  by  considering  the  material  behaviour,  mainly  in  the  wake  of  the  moving 
crack. 


A  recognised  precursor  of  this  approach  wat  Fiber,  with  hit  crack  cloture  concept.  Elber  (31 1  was  one  of  the  first  to  attempt  to  describe, 
with  the  aid  of  a  physical  model,  the  connection  between  load  sequence,  plattic  deformation  (by  way  of  crack  cloture)  and  crack  exten¬ 
sion. 


The  experiments  carried  out  by  Elber  on  2024T3  sheet  metal  have  shown  that  crack  cloture  still  occurs  under  tensile  stress. 

Elber  aaumed  that  the  cloture  of  cracks  under  tensile  stmts  could  be  attributed  to  the  deformation  of  the  crack  plane  remaining  behind 
the  crack  tip,  and  that  crack  expansion  cannot  take  place  under  cyclic  loads  until  the  crack  is  opened.  In  this  case  it  is  not  the  entire  stress 
intensity  area  A  K  which  affects  crack  propagation,  as  assumed  in  all  the  crack  propagation  calculation  methods  described  hitherto,  but  a 
vaiueAKef,  r«lu<*d  by  the  crack  opening  tension  or  stress  intensity 


AKt»  '  (° max  ~  « op>  VH  ■  F 

Elber  wat  able  to  show  by  experiment  that  the  effective  stress  intensity,  or  the  non-dimensional  quantity  U 

U  .  aK«W  "max  ~  9op 

9 max  '  °min 


(3.19) 


(3.20) 


in  2024T3  is  mainly  dependent  on  the  stress  ratio  R. 

The  function  U  *  f  (R)  can  be  represented  ,r  2024T3  by  a  linear  equation 

U  -  0.6  +  0.4  R  -0.1  <  R  <  0.7  (3.21) 

To  calculate  the  crack  propagation  under  constant  amplitude  loads,  taking  into  account  the  crack  closure  concept,  Elber  proposes  the 
following  formula: 

da/dN  •  C(UAK)"  (3.22) 

C  and  n  are  material  characteristics  which  can  be  determined  by  a  crack  propagation  test  under  constant  amplitude  load  for  a  given  value 
U.  The  crack  opening  stress,  or  U  as  a  function  of  R.  is  measured  by  Elber  immediately  behind  the  crack  tip  with  the  aid  of  a  crack  open¬ 
ing  displacement  gauge.  Fig.  3.5  shows  the  positioning  of  the  COD  gauge  and  the  relationship  between  applied  stress  and  displacement. 
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Fig.  34  Relationship  between  effective  strew  ranga  ratio  and  straw  ratio  for  2024-T3  aluminium  alloy 
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(a)  crack  configuration  and  gage  location  (b)  applied  strew  -  displacement  relation 

Fig.  35  Crack  configuration  and  applied  straw  -  displacement  relationship 

The  stiffnew  of  the  linear  range  A8  corresponds  to  that  of  the  metal  sheet  which  has  no  crack.  The  stiffnew  of  the  range  CO  is  likewise 
linear  and  corresponds  to  that  of  a  metal  sheet  with  a  saw-cut  of  the  same  length  as  the  fatigue  crack.  In  the  intervening  area  BC,  accord¬ 
ing  to  Elber,  the  crack  is  opened  and  closed.  Fiihring  [32]  points  out  that  the  crack  opening  load  normally  will  be  underestimated  follow¬ 
ing  the  Elber  procedure. 

In  a  comparison  with  the  crack  propagation  calculation  methods  if  Forman  and  Erdogan,  Elber  achieved  a  better  conformity  between 
test  and  calculation  at  various  strew  ratios  using  his  crack  closure  concept.  One  of  Fiber's  aims  with  the  crack  closure  model  was  to 
provide  a  basic  physical  explanation  for  retardation  and  acceleration  effects. 
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On  the  basil  of  Eibar'i  crack  closura  concapt  Eidinoff  and  Ball  (33],  FOhrlng  and  Sasgsr  [34;  3S),  and  Newman  [38]  all  propoaad 
methods  for  calculating  tha  crack  propagation  undar  multi-step  amplitude  load  sequence. 

-  Eidinoff  and  Ball  method  [33] 

Tha  crack  opening  stress  required  for  determining  the  effective  stress  intensity  was  established  by  Eidinoff  and  Ball  not  by  direct 
measurements,  like  Elber,  but  indirectly  by  means  of  crack  propagation  tests  under  constant  amplitude  load  and  various  R.  Accord¬ 
ing  to  ref.  (33)  the  indirect  determination  of  crack  opening  stress  was  preferred  because,  in  the  direct  measurement,  the  scatter  was 
too  great.  In  applying  the  indirect  measurement  of  crack  opening  stress,  Eidinoff  and  Bell  rely  on  Ether's  results,  according  to  which 
the  crack  opening  stress  is  only  a  function  of  the  stress  ratio  R.  It  was  further  assumed  in  this  method,  for  the  take  of  simplicity 
that  crack  opening  stress  and  crack  closure  strew  are  identical.  This  calculation  method  also  provides  for  two  experimentally- 
determined  functions  which  are  intended  to  take  into  account  tha  influence  of  several  successive  peak  loads  on  tha  retardation  effect 
on  the  one  hand  and  the  acceleration  in  transition  from  small  to  large  loads  on  tha  other. 

8y  means  of  flight-by-flight  crack  propagation  tests  with  typical  combat  aircraft  v  setra,  Eidinoff  and  Bell  ware  able  to  demonstrate 
a  high  degree  of  consistency  between  tes.  and  calculation  in  aluminium  and  titan' jm  alloys. 

Although  the  Eidinoff  and  Beil  calculation  procedure  for  multi-step  amplitude  lord  sequences,  based  on  the  creek  closure  concept, 
hat  come  closer  to  practical  application  than  any  other,  its  general  adoption  would  require  further  extensive  investigations,  i.e.  com¬ 
parison  between  tests  and  calculations.  However,  the  expenditure  involved  in  axpi  -imentally  determining  the  retardation  and  accel¬ 
eration  functions  has  probably  become,  even  today,  a  serious  obstacle  to  the  prec  ical  use  of  this  method. 

-  Fuhring  and  Seegar  method  [34;  3S] 

Whilst  the  previous  method  requires  experimental  determination  of  the  crack  open'ng  stress,  tha  Fuhring  and  Seeger  method  provides 
the  possibility  of  calculating  the  crack  opening  stress  analytically  with  the  aid  of  an  expanded  Dugdale  model  [37]. 

To  simplify  the  procedure,  the  material  behaviour  is  assumed  to  be  elastic-perfsctly-plattic.  An  important  advantage  of  this  calcula¬ 
tion  method  as  regards  its  future  practical  application  it  to  be  seen  in  that  it  it  not  necessary  when  considering  crack  propagation 
under  multi-step  amplitude  load  sequence  to  experimentally  determine  any  additional  crack  propagation  data.  The  essential  input 
data  for  this  calculation  procedure  are  the  da/dN  curve,  the  yield  stress  and  the  modulus  of  elasticity.  Here  too,  extensive  investigations 
i.e.  comparisons  between  crack  propagation  tests  under  operating  loads  and  calculations,  must  be  made  in  order  to  discover  how  far 
this  calculation  method  can  be  used  for  structural  calculations.  Investigations  of  this  kind  are  being  conducted.  The  corresponding 
computer  program  is  based  on  simplified  models  of  the  crack  closure  concept  and  can  describe  both  retardations  and  accelerations  in 
crack  propagation.  As  far  as  its  practical  application  is  concerned,  the  program  being  tested  is  considerably  faster  than  the  more  accurate 
Dugdale  method  and  can  also  be  used  more  generally  wherever  random  loeds  and  various  crack  problems  are  involved. 

-  Newman  method  [36] 

In  this  method  the  crack  closure  and  crack  opening  stresses  are  determined  with  the  aid  of  a  two-dimensional,  non-linear  calculation 
using  the  method  of  finite  elements. 

Newman  was  able  to  achieve  a  high  degree  of  consistency  betwerm  numerically-  and  experimentally-determined  crack  closure  behaviour 
in  the  constant  and  two-step  amplitude  block  experiment. 

In  the  Newman  calculation  medrad.  as  in  that  of  Fuhring  and  Seeger.  the  crack  opening  stress  is  used  to  determine  the  effective  stress 
intensity  in  order  to  obtain  a  simple  Ir.v  of  crack  propagation.  The  Newman  method  also  necessitates  no  further  tests  (such  as  those 
required  by  Eidinoff  and  Bell)  in  order  to  calculate  the  crack  propagation  under  multi-step  amplitude  load  sequence.  As  with  Fuhring 
and  Seeger,  the  materiel  is  aaumed  to  have  the  elastic -perfectly-plastic  behaviour.  However,  this  method  would  appeer  unsuitable  for 
future  application  because  of  the  prohibitive  computing  costs  involved  in  numerically  determining  the  crack  closure  behaviour.  For 
this  method  too,  extensive  comparisons  between  tests  and  calculations  have  yet  to  be  made. 


The  extant  to  which  any  of  the  above-summarised  calculation  procedures  will  be  adopted  in  future  practice  depends,  in  the  last  resort,  on 
whether  them  calculation  procedures  offer  any  major  advantages  over  traditional  methods  such  as  the  Wheeler  method.  The  decisive  cri¬ 
teria  are  accuracy,  computing  costs  and  simplicity  of  use.  As  well  as  comprehensively  examining  the  various  calculation  methods,  however, 
it  would  atso  seem  necessary  to  examine  whether  the  basis  they  have  in  common,  namely  the  crack  closure  concapt,  can  be  accepted  as 
generally  valid. 

Although,  for  the  purposes' of  developing  the  calculation  mathods,  the  validity  of  the  crack  cloture  concept  was  more  or  lese  taken  for 
granted,  a  closer  survey  of  the  litcatura  reveals  a  series  of  test  results  which,  at  least  in  pert,  show  the  crack  closure  concept  in  a  more 
dubious  light. 

Shih  end  Wei  [38],  for  instance,  when  examining  Ti6AI4V  by  the  electropotential  method,  discovered  that  crack  closura  does  not  only 
depend  on  fl,  as  Elber  found,  but  it  also  dependent  on  K^x  which  is  in  sgraement  with  the  theory  [35).  In  this  examination,  moreover, 
no  crack  closure  was  found  for  R  >  0.3. 

According  to  Shih  and  Wei,  neither  the  influence  of  R  on  the  crack  propagation  nor  the  retardation  can  be  completely  explained  by  crack 
closure. 


As  an  example,  retardation  was  observed  even  in  cases  where  there  was  no  crack  closure.  The  difference  between  these  end  Eibar'i  results 
ties  mainly,  according  to  Shih  and  Wei,  in  the  fact  that  Elber  did  not  carry  out  enough  tests,  and  that  those  ha  did  make  were  in  the  net 
section  yielding  range. 

Bachman  and  Mu-c  [39]  likewise  conducted  crack  closure  measurements  on  samples  of  Ti6AI4V,  using  an  extenaometsr.  Unlike  Shih  and 
Wei,  Bachman n  and  Munz  were  not  able  to  discover  any  influence  of  krnJX  on  crack  clo-ure  behaviour,  which  in  turn  would  seem  to  con¬ 
firm  Eiber's  reautti. 
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It  was  not  only  Bachmann  and  Murtz,  but  also  Schijve  and  Arkema  (40),  who  showed  that  different  environmental  media  may  indeed 
have  a  considerable  effect  on  the  crack  propagation  behaviour,  but  not  on  the  crack  closure  behaviour.  Schijve  and  Arkema  used  the 
same  measuring  method  as  Bachmann  and  Munz,  the  tests  being  conducted  on  the  2024-T3  and  7075-T6  materials. 

Irving,  Robinson  and  Beevers  [41],  who  conducted  their  examinations  on  a-titanium  and  EN24  steel  using  the  electropotential  method, 
observed  crack  closure  only  in  vacuo  but  not  in  air,  Irving  et  al.  also  assumed  that  crack  closure  is  confined  to  low  A  K  values. 

Lindley  and  Richard  [42]  conducted  crack  closure  measurements  on  various  steels  with  the  d.c.  and  a.c.  resistance  technique.  They  found 
that  crack  closure  above  Km\n  does  not  occur  under  plane  strain,  but  only  under  plane  stress  conditions. 

The  test  results  of  various  authors  cited  in  the  foregoing  display,  at  least  superficially,  a  number  of  contradictions.  It  may  be  supposed 
that  the  contradictions  stem  in  part  from  the  different  test  methods  and  their  accuracy  of  measurement. 

It  has  evidently  not  yet  been  clearly  established  what  influence  the  material,  the  stress  condition  and  the  surrounding  medium  have  on 
crack  closure. 

The  examinations  mentioned  also  show  that  crack  closure  behaviour  alone  cannot  completely  explain  the  crack  propagation  in  respect  of 
mean  rtress  retardation,  acceleration  and  threshold. 

It  can  be  assumed,  though,  that  crack  closure  is  to  be  regarded  as  a  significant  factor  in  expressing  these  values. 


7.4  ASSESSMENT  OF  CURRENTLY-USED  CALCULATION  PROCEDURES 

It  can  be  categorically  stated  that  the  calculation  procedures  used  in  practice  are  a  long  way  from  taking  in  the  physical  processes  in  the 
area  of  the  crack  tip.  This  is  particularly  true  of  inherent  stresses  after  tensile  or  compressive  load  application  and  of  strain  hardening  and 
softening  processes  within  the  plastic  zone. 

The  assessment  of  the  various  calculation  procedures  therefore  takes  place  mainly  in  the  comparison  between  test  and  calculation. 


7.4.1  Comparison  between  test  and  calculation 

Most  of  the  investigations  known  in  the  literature  which  involved  a  comparison  between  test  and  calculation  were  confined  either  to  one 
material,  one  typical  type  of  spectrum,  or  to  a  single  crack  propagation  retardation  procedure  [26],  [27],  [30],  [43],  [44], 

Ref.  [23]  is  one  of  the  few  investigations  where  the  crack  propagation  life  was  calculated  after  Forman,  Willenborg.  Habibie  and  Wheeler 
for  different  spectra  and  materials  and  was  compared  with  flight-by-f light  crack  propagation  tests. 

The  assessment  of  these  calculation  procedures  therefore  relies  mainly  on  this  investigation. 

Fig.  4.1  shows  the  comparison  between  test  and  calculation  using  various  procedures  for  4  different  types  of  spectrum  in  the  7075-T7351 
aluminium  alloy. 

Spectra  A  to  D  occur  as  stress  spectra  in  a  combat  aircraft  in  the  following  structural  areas: 

A:  Wings  and  wing  root  area 

B:  Link  and  post  of  wing  carry-through  box  in  variable-sweep  aircraft 
C:  Taileron 

D:  Taileron  without  compression  loads 

Fig.  4.1  shows  that  the  life  duration  determined  after  Forman  can  lie  on  the  safe  side  by  as  much  as  a  factor  of  4.  Since  the  Forman  equation 
does  not  take  into  account  any  retardation  effects,  the  life  duration  calculated  generally  does  lie  on  the  safe  side.  If,  however,  wide  fluctu¬ 
ations  in  the  mean  stress  occur  during  one  load  sequence,  the  Forman  calculation  may  also  lie  on  the  unsafe  side,  as  is  shown  by  the  exper¬ 
iment  w  ith  spectrum  B. 

It  would  be  false  to  conclude  that  no  retardation  effect  occurs  in  load  sequences  with  a  wide  mean  stress  variation. 

What  should  in  fact  be  assumed  is  that  the  load  sequence  applied  in  the  test  is  not  taken  into  account  in  the  same  way  as  is  the  case  with 
the  crack  propagation  test. 

For  this  reason  the  build-ups  and  drops  of  stress  between  marked  mean  stresses  ought  to  be  included  as  an  additional  load  cycle  in  the 
Forman  calculation. 

As  will  be  shown  later,  the  Forman  calculation  is  always  on  the  safe  side  when  the  calculation  is  based  on  the  overall  g  spectrum. 

The  calculation  methods  with  retardation,  such  as  those  of  Willenborg,  Wheeler  and  Habibie  may,  according  to  the  type  of  the  spectrum, 
lie  on  the  safe  or  the  unsafe  side.  The  Habibie  retardation  function  and  the  Wheeler  exponent  were  determined  for  spectrum  A.  When  the 
tests  were  calculated  with  spectrum  B  it  was  shown  that  all  retardation  models  were  on  the  unsafe  side,  some  quite  considerably.  This  can 
probably  be  explained  by  the  fact  that  the  additional  load  cycles  between  the  various  mean  stress  levels  were  disregarded. 
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Fig.  4.1  Comparison  between  test  and  calculation  for  Al  707S-T7381  according  to  / 12/ 


sketch:  loading  sequence  at  different  mean  stresses 


From  a  study  of  the  tests  made  on  Ti6AI4V  it  will  be  found  that  the  crack  propagation  retardation  is  about  twice  as  great  as  in 
A17075T7351  (see  fig.  4.2).  This  is  shown  by  the  fact  that  the  Forman  calculation  is  much  more  decidedly  on  the  safe  side.  As  a  result, 
the  life  duration  determined  after  Wiilenborg  also  tends  more  strongly  towards  the  safe  side. 

If  Wil'enborg  still  lays  on  the  unsafe  side  by  the  factor  2.33  for  the  aluminium  alloy  in  spectrum  A,  this  value  is  reduced  for  titanium  to 
about  1.66.  For  spectrum  C.  too,  Wiilenborg  is  well  on  the  safe  sic  with  titanium. 

As  for  life  prediction  for  Ti6AI4V  after  Wheeler,  a  marked  displacement  towards  the  safe  side  can  be  discerned  here  too.  It  is  not  possible, 
however,  to  take  the  greater  retardation  effect  in  Ti6AI4V  at  an  overall  explanation.  It  is  likely  that  the  compressive  loads  in  spectrum  C 
reduce  the  retardation  in  Ti6AI4V  to  a  lesser  extent  than  is  the  case  in  AI7075T7351 . 

-  it  can  be  categorically  stated  that  the  life  prediction,  with  or  without  retardation,  tends  more  strongly  to  the  safe  side  in  Ti6AI4V  than 
in  AI7075T7351. 

When  considering  the  tests  made  on  the  300  M  high-tensile  steel  (see  fig.  4.3),  for  spectra  A  und  C,  the  retardation  effect  in  this  material 
appears  to  be  slightly  less  than  in  Ti6AI4V.  Incidentally,  the  measure  of  retardation  can  be  seen  not  only  from  the  comparison  between 
the  Forman  calculation  and  the  test  result,  but  also  from  the  Wheeler  exponent.  As  may  be  gathered  from  figs.  4.1,  4.2  and  4.3,  the 
Wheeler  exponent  takes  the  highest  value  as  m  ■  1 ,95  in  Ti0AI4V  end  the  lowest  value  as  m  »  0.9  in  AI7075-T7351 .  The  300  M  high- 
tensile  steel  comes  in  between  with  m  >  1 .8. 

The  relatively  great  retardation  effect  in  300  M  can  in  this  case  be  attributed  to  the  low  stress  level  selected  for  the  tests. 

For  spectrum  A,  the  Wiilenborg  life  prediction  is  on  the  unsafe  side,  not  only  for  aluminium  and  titanium  but  also  for  high-tensile  steel. 

In  spectrum  C,  Wiilenborg  is  on  the  unsafe  side  only  for  steel  and  titanium,  but  not  for  aluminium. 

This  can  presumably  be  explained  by  the  lower  retardation  effect  of  the  aluminium  alloy  on  the  one  hand  and  by  the  greater  reduction 
of  retardation  due  to  compressive  loads  on  the  other  hand. 

The  life  prediction  after  Wheeler  is  bound  to  conform  to  the  test  results  for  all  materials  In  spectrum  A,  since  the  Wheeler  exponent  was 
established  accordingly. 

If,  at  in  spectrum  C,  heavy  compression  loads  occur,  a  comparatively  conservative  life  estimete  is  to  be  expected  whatever  the  material 
may  be.  This  can  chiefly  be  explained  by  the  fact  that  both  Wheeler  and  Forman  make  too  much  allowance  for  compressive  loads. 
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Fig.  42  Companion  between  tut  and  calculation  for  TI6AI4V  from  /1 2/ 


If  a  final  aamint  of  the  various  calculation  procedures  ware  to  be  made  on  the  basis  of  this  investigation  alone,  none  of  the  procedures 
would  display  any  significant  advantage  over  the  others. 

Broadly  speaking,  if  there  is  any  major  change  in  the  spectrum  it  is  uncertain  whether  the  calculation  will  be  on  the  safe  or  the  unsafe  side. 

The  Forman  aquation  constitutes  an  exception.  If,  in  a  load  sequence,  account  is  taken  of  wide  fluctuations  in  mean  stress  by  introducing 
additional  load  cycles  or  by  means  of  the  overall  g-spectrum,  the  life  prediction  after  Forman  will  always  be  on  the  safe  side. 
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Fig.  4.3  Comperison  between  tart  and  calculation  for  300M  steel,  from  712/ 
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i  ten  and  Forman  calculation  taking  into  account  various  load  cycles,  from  712/ 
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Fig.  4.7  C-SA  flight -by-flight  tpactrum 
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Fig.  43  F4E  flight -b>  -flight  spectrum 
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Fig.  4.4  shows  that  tha  life  calculated  for  spectrum  B  (see  fig.  4.1)  after  Forman  is  on  the  safe  side  by  a  factor  of  about  3.2  when  taking 
account  of  the  overall  g-spectrum  and  by  a  factor  of  1 .1  when  taking  account  of  additionally  introduced  load  cycles. 

Turning  now  to  the  life  prediction  according  to  Wiilenborg.  we  find  that,  in  comparison  with  the  test,  the  calculation  is  in  most  cases  on 
the  unsafe  side  in  the  investigation  conducted  in  ( 1 2] ,  the  more  so  where  the  retardation  effect  of  the  material  is  less  marked.  This  means 
that  life  duration  determined  aftet  Wiilenborg  displays  a  much  stronger  tendency  to  the  unsafe  side  in  AI7075-T7351  than  in  Ti6AI4V. 

It  may  be  concluded  that  the  yield  stress  ay  included  in  the  Wiilenborg  model  does  not  adequately  represent  the  retardation  behaviour 
specific  to  the  material.  In  addition  compressive  loads  cannot  be  taken  into  account. 

As  already  demonstrated  in  the  description  of  the  Wiilenborg  model,  no  crack  propagation  occurs  when  it  is  true  that  a-t  +  ^  “  ®i/2  ■ 
Investigations  by  Gallagher  [45],  on  the  other  hand,  have  shown  that  in  general  it  is  not  an  overload  by  a  factor  of  2  which  causes 
crack  stoppage,  but  that  a  factor  of  2.3  is  applicable  for  aluminium  and  2.8  for  titanium.  It  follows  that  in  titanium  more  load  cycles 
would  contribute  to  crack  propagation  than  in  aluminium.  An  investigation  by  Engle  and  Rudd  [46]  using  the  Wiilenborg  model  as 
modified  by  Gallagher  resulted  in  a  closer  conformity  to  test  results  than  in  ( 12)  (see  fig.  4.5  to  4.9,  table  4.1 ).  This  investigation  (48) 
used  the  load  sequences  typical  of  F  1 1 1 ,  C5A  and  F-4E,  with  the  7075-T651 1  aluminium  alloy  as  material. 


Whether  a  similarly  close  conformity  between  the  test  and  the  modified  Wiilenborg  model  can  be  excepted  for  other  spectra  and  other 
materials  cannot  be  predicted  on  the  basis  of  this  investigation. 

A  statistical  evaluation  of  the  deviation  of  crack  propagation  life  predicted  after  Wheeler,  Wiilenborg  and  Forman  from  actual  test  results 
yields  a  similar  scatter  for  all  three  methods.  The  test  results  for  the  statistical  evaluation  were  taken  from  [  12).  As  is  evident  from  figs. 
4.1  to  4.4,  the  investigation  conducted  in  ( 12]  used  various  materials,  and  spectra  which  in  some  cases  differed  quite  substantially. 

As  shown  in  fig.  4.10,  the  crack  propagation  life  determined  after  Forman  is  mainly  on  the  safe  side,  that  of  Wiilenborg  extensively  on 
the  unsafe  side.  Where  the  scatter  behaviour  is  similar,  though,  the  crack  propagation  life  as  determined  after  Wheeler  may  equally  well 
be  on  the  safe  or  the  unsafe  side. 

A  close  conformity  with  the  test  result  can  only  be  excepted  from  the  crack  propagation  life  calculated  after  Wheeler  if  the  spectrum  on 
which  the  test  was  based,  or  one  very  similar,  was  used  to  determine  the  Wheeler  exponent. 


Fig.  4.10  Comparison  of  predicted  end  experimental  crack  growth  for  tactical  aircraft.  Fitted  m. 

Note:  Extrema  unconservative  results  were  for  tests  with  many  compressive  stresses,  from  /43/ 

Note:  This  type  of  comparative  representation  of  different  crack  propagation  calculation  methods  and  their  consistency  with  test 
results  was  first  used  by  Schiita  in  [47], 


Break  [43]  conducted  a  calculation,  using  Wheeler,  for  a  series  of  fllght-by-fllght  creek  propagation  tests  on  7075-173  and  TKAI4V 
whh  a  typical  combat  aircraft  spectrum. 
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Since  the  'tress  spectrum  was  only  very  slightly  altered,  as  shown  In  fig.  4.1 1,  the  comparison  between  test  and  calculation  yielded  a 
high  degree  of  consistency. 


Fig.  4.1 1  Variation  of  the  spectrum  for  investigations  of  crack  propagation  /43/ 

An  investigation  by  Schutz  [47]  likewise  made  flight-by-flight  crack  propagation  tests  on  aluminium,  titanium  and  steel  alloys  with  the 
Falstaff,  Tornado  and  F  104  (wing  and  landing  gear)  spectra,  comparing  them  with  Forman,  Wheeler  and  Willenborg. 

A  statistical  representation  of  the  deviation  between  test  and  calculation  (see  fig.  4.12)  again  shows  results  essentially  comparable  to  those 
of  the  investigation  conducted  in  [  1 2) . 

Fig.  4.12  also  contains  the  results  of  Broek's  comparison  between  Wheeler  and  the  tests. 


inr 


m  for  IABG  results  wet  taken  same  as  for  Break's  results,  from  /4|/ 


A  companion  of  fig.  4.10  and  4.12  reveals  that  in  both  investigations,  Forman  is  on  the  safe  side  and  Willenborg  on  the  unsafe  side. 

It  is  also  noticeable  that  the  scatter  of  the  results  achieved  with  the  respective  calculation  procedures  is  greater  in  fig.  4.10  than  in  fig. 
4.12. 

A  considerable  difference  as  regards  scatter  can  be  found  between  the  Wheeler-MBB  calculation  results  (see  fig.  4.10)  and  the  Wheeler- 
Broek  calculation  results  (see  fig.  4.12).  The  reason  may  be  seen  in  the  fact  that  Broek  only  very  slightly  varied  the  spectrum  in  his 
investigations  (see  fig.  4.1 1 ),  whereas  the  in-zest igation  by  Sippel  and  Weisgerber  (12)  used  fundamentally  different  spectra  for  the  com¬ 
parison  between  test  and  calculation  (see  fig.  4.1). 

The  same  may  be  said  of  the  investigation  conducted  by  Schutz  (IABG)  (47)  (see  fig.  4.12),  in  which  the  differences  between  the  various 
spectra  were  by  no  means  as  great  as  in  ( 12). 


7.4.2  Suggestions  for  practical  applications 

When  the  various  calculation  procedures  are  compared  in  the  light  of  a  wide  range  of  applications  including  different  types  of  spectra  and 
different  materials,  none  of  the  methods  considered  offers  any  notable  advantages  as  regards  accuracy  of  prediciton,  as  has  already  been 
stated  in  section  7.4.1 

The  calculation  only  corresponds  exactly  to  the  test  when  it  has  been  adapted  to  the  test  result  by  an  additional  empirical  value  such  as 
the  Wheeler  exponent.  This  type  of  adaptation  can  on  principle  be  undertaken  in  the  Willenborg  and  Forman  models  as  wull.  In  the  Willen¬ 
borg  model  this  is  possible  by  virtue  of  the  fact  that  crack  stoppage  does  not  come  about  at  an  overload  of  factor  2  but  only,  as  Gallagher 
(45)  has  shown,  at  a  greater  load. 

The  crack  propagation  calculation  after  Forman  could  for  instance  be  adapted  to  a  flight -by-flight  test  result  by  a  factor  of 

test 

k  •  -  («  relative  Miner) 

calculation 


There  would  still  be  a  high  degree  of  consistency  between  the  test  and  the  calculation  if  either  the  maximum  spectrum  stress  changed  or 
if  slight  variations  occurred  in  the  type  of  spectrum.  Spectrum  changes  of  this  kind  can  come  about  when  for  instance  the  requirements 
originally  made  on  the  aircraft  are  changed  or  the  spectrum  used  in  the  design  phase  has  to  be  corrected  by  later  inflight  measurements. 


The  improvement  of  calculations  of  crack  propagation  life  in  aircraft  components  is  not,  at  present,  merely  a  question  of  the  calculation 
method  in  itself;  it  is  also  a  question  of  cost.  This  is  even  more  the  case  when  the  calculation  method  for  life  prediction  is  considered  not 
in  isolation  but  in  the  context  of  all  the  necessary  calculation  factors  such  as  stress  intensity,  material  characteristics,  environmental 
influences,  operating  loads  etc. 

In  view  of  the  cost  involved  in  calculating  crack  propagation,  the  Forman  aquation,  in  which  the  sequence  of  load  cycles  is  only  of  sec¬ 
ondary  importance,  affords  a  decisive  advantage  over  the  retardation  models. 

The  computer  cost  of  a  retardation  procedure,  in  which  the  crack  growth  must  be  ascertained  load  cycle  by  load  cycle,  is  considerably 
higher  than  with  the  Forman  equation. 

It  was  also  proved  in  section  7.4.1.  that  the  crack  propagation  calculation  after  Forman  is  always  on  the  safe  side.  This  does  presuppose, 
however,  that  wide  mean  stress  fluctuations  in  the  load  sequence  are  taken  into  account  either  by  additional  load  cycles  or  by  the  overall 
g-spectrum. 

For  the  reasons  stated,  the  Forman  equation,  which  was  originally  developed  to  calculate  crack  propagation  under  constant  amplitude 
load,  can  be  used  as  a  first  approximation  for  predicting  the  crack  propagation  under  flight -by-flight  load  sequences. 

The  application  of  this  rather  conservative  calculation  procedure  at  the  same  time  covers  a  number  of  uncertain  factors  connected  with 
the  life  prediction  such  as  scatter  of  material  and  load,  imprecise  location  of  stress,  stress  intensity,  environmental  influences  etc. 

If  it  should  prove,  however,  that  the  crack  propagation  life  as  determined  after  Forman  is  not  long  enough  to  establish  an  economic 
inspection  interval,  this  would  be  the  time  to  start  improving  the  prediction  of  crack  propagation. 

There  exist  a  number  of  suitable  steps,  such  as  exact  determination  of  the  stress  acting  on  the  component  by  strain  gauge  measurements, 
determining  the  stress  intensity  for  the  component  with  the  aid  of  the  finite  elements  method  etc. 

Improvement  of  the  calculation  procedure  itself,  for  instance  by  expanding  the  Forman  equation  to  include  an  experimentally  determined 
,  etardation  function  («  Wheeler  model)  is  only  one  of  several  possible  measures. 

If  one  is  prepared  to  accept  the  cost  of  flight -by-flight  crack  propagation  tests  and  long  computation  times,  and  if  no  substantial  changes 
occur  in  the  stress  spectrum  from  one  component  to  another,  then,  as  Broek  (43)  showed,  it  is  possible  to  achieve  sufficient  accuracy  of 
life  prediction  using  the  Wheeler  procedure. 

As  soon  as  greater  divergences  occur  in  the  spectrum,  however,  Wheeler  offers  no  particular  advantage  over  Forman  (see  fig.  4.10)  which 
might  at  least  justify  the  greater  expenditure  involved  in  making  the  test  and  the  calculation. 


7-31 


The  invest  igat  ions  known  in  the  literature  usually  only  used  typical  aircraft  ipactr*,  usually  cantar  gravity  jpactra. 

On  clour  consideration  of  an  aircraft  structure,  howavar,  it  will  ba  seen  that,  depending  on  tha  ovaralt  concept  of  an  aircraft  (a.  g. 
find  wing  or  variabie-rweep  wing),  tha  strew  spectrum  can  change  its  form  subsUnt tally  not  only  from  one  assembly  to  another  (e.g. 
wings,  fuselage,  taileron,  landing  gear)  but  site  within  one  assembly. 

An  example  of  this  era  spectra  A,  B  and  C  in  fig.  4.1 .  These  straw  spectra  all  occur  in  a  single  aircraft.  Whilst  spectrum  A  is  still  identifi¬ 
able  as  a  typical  combat  aircraft  spectrum,  this  is  no  longer  the  case  with  spectrum  B.  This  example  also  shows  that  the  Wheeler  exponent 
determined  for  spectrum  A  is  no  longer  of  any  use  for  spectrum  B. 

Based  on  the  above  considerations,  the  following  procedure  can  be  recommended  to  the  engineer. 

First  of  all,  the  crack  propagation  should  be  calculated  without  retardation  using  conservative  hypotheses. 

If  the  crack  propagation  life  s.iould  prove  to  be  too  short  for  a  reasonable  inspection  interval,  it  should  be  checked  to  what  extent  the 
comperativeiy  conservative  hypotheses  used  for  the  first  calculation  can  be  improved  upon.  The  following  possibilities  are  available: 

—  mortar  initial  crack  length  due  to  improved  NDT  methods 

-  improved  strew  analysis,  possibly  strew  measurement  on  the  component  using  strain  gauges 

—  deriving  local  strew  spectra 

—  development  of  a  strew  intensity  solution  for  a  specific  component 

-  taking  account  of  environmental  conditions 

-  taking  account  of  the  retardation  effect. 

If  the  calculation  is  to  be  verified  by  making  provision  for  the  retardation  effect,  the  Wheeler  method  can  be  recommended.  It  will  have 
to  be  checked,  however,  to  what  extent  the  Wheeler  exponent  can  be  used  for  other  stress  spectra.  Some  initial  indications  will  be  found 
in  the  investigations  from  references  [  12],  ]23]  and  (43], 


7.5  CONCLUSION 

h  is  Pie  purpose  of  this  treatise  to  draw  attention  to  some  of  the  problems  involved  in  calculating  crack  propagation  under  constant  and 
multi-step  amplitude  load  sequences  and  point  the  way  to  the  solut  ions. 

In  particular,  the  relationship  between  da/dN  and  A K  is  demonstrated,  appropriate  calculation  formulae  such  as  those  of  Paris,  Walker, 
Forman  etc.  being  described. 


It  sppsars  that  none  of  the  methods  considered  has  any  decisive  advantage  over  the  others.  Even  a  negligible  improvement  in  the  expres¬ 
sion  of  da/dN  as  a  function  of  0  K  generally  necessitates  a  much  greater  expenditure  for  the  determination  of  additionally  required  mate¬ 
rial  data. 

By  considering  a  number  of  factors  such  at  material  thick  new,  environmental  conditions,  temperature,  correcting  function  for  components, 
manufacturing  procew  etc.,  which  also  influence  the  crack  propagation  behaviour,  it  is  shown  that  tha  selection  of  a  suitable  calculation 
formula  is  only  one  of  several  possible  ways  of  improving  the  prediction  of  crack  propagation. 

Crack  propagation  tests  under  multi-step  amplitude  load  sequences  are  used  as  a  basis  to  demonstrate  that  tha  retardation  effect  which 
appears  depends  essentially  on  the  material,  tha  type  of  spectrum,  the  strew  level,  tha  strew  intensity  and  the  load  sequence.  To  calculate 
tha  crack  propagation  under  multi-step  amplitude  load  sequence  various  methods  such  at  those  of  Willenborg,  Wheeler  etc.  are  described, 
and  their  principle  explained;  tha  method  is  then  rated  using  a  comparison  between  experimental  and  calculated  values. 

Hare,  too,  it  appears  that  none  of  the  procedures  investigated  has  any  particular  advantage  over  the  others.  For  this  reason  a  first  es  ima- 
tion  of  tha  crack  propagation  life  may  be  made  with  the  aid  of  a  simple  calculation  procedure  such  as  tha  Forman  equation,  which  in 
general  yields  conservative  results. 

One  of  the  calculation  methods  which  allows  for  the  retardation  effect  is  that  of  Wheeler.  However,  it  is  only  possible  to  attain  ajfflcient 
accuracy  by  this  method  if  the  type  of  spectrum  for  a  particular  material  which  is  used  to  determine  the  Wheeler  exponent  is  not 
substantially  changed  for  the  calculation  of  aircraft  components.  In  cumperison  to  the  Forman  equation,  however,  the  use  of  the  Wheeler 
method  requires  a  considerably  higher  expenditure  of  computing  time  and  experimenting  costs,  which  are  incurred  by  the  determination 
of  the  Wheeler  exponent  for  various  malet  mis  and  strew  spectra. 

Finally,  calculation  models  based  on  the  crack  closure  concept  are  also  considered.  Tha  investigations  studied  here  reveal  that  on  tha 
ana  hand  some  promising  approaches  have  been  made,  such  as  that  of  Fuhring  and  Seegar,  towards  t  better  physical  explanation  of  tha 
retardation  effect.  On  the  other  hand,  though,  there  remain  a  number  of  questions  concerning  the  crack  closure  concept  which  will  have 
to  ba  answered  by  extensive  experiments  before  sny  of  the  procedures  dealt  with  can  be  applied  in  future  practice. 
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1.  UfTBOCTJCTIOH 

The  aaaerleal  values  used  in  fracture  aechaaiea  calculations  (ie  Kje,  da/dN)  depend  on  aaterial 
properties.  Therefore  the;  have  an  inherent  scatter  -  like  all  aaterial  data.  For  design  purposes,  this 
aeatter  mat  be  accounted  for  either  by  "safety  factors"  or  by  suitable  statistical  procedures. 

The  aatheaatical  procedures  as  such  are  relatively  staple  and  well  known;  it  is,  however,  a  aost 
difficult  question  which  nuaerical  values  to  use  is  such  a  calculation,  for  exaaple  for  the  coefficient  of 
variation  of  fracture  toughness  Kjc!  this  is  so  because  such  nuaerical  values  are  still  very  scarce,  as 
they  are  such  aore  difficult  and  expensive  to  determine  then,  for  exaaple,  ?tu-valuea. 

Also,  fracture  toughness  Bay  be  such  aore  sensitive  to  slight  variations  in  heat  treataent  than  the 
normal  aechanical  properties;  this  aay  result  in  large  differences  of  fracture  toughness  between  different 
heats  of  a  nominally  identical  aaterial.  This  aay  be  another  reason  why  in  aost  eases  only  "typical" 
values  of  Nje  are  given  in  handbooks  (1). 

2.  TBZATNOrr  or  SCATTER  IN  FRACTURE  MECHANICS  CALCULATION 

2.1  General  Remarks 

Nuaerical  values  of  aechanical  properties  determined  by  teats  cannot  be  used  directly  for  design 
purposes  because  that  would  iaply  a  large  percentage  of  failures.  They  have  to  be  lowered,  that  is  a 
certain  "safe"  distance  has  to  be  kept  between  the  stress  endured  by  the  test  speciaen(e)  and  the  stress 
allowable  for  design.  Historically  this  "safe"  distance  was  obtained  by  a  consensus  of  the  parties 
concerned  and  called  a  "safety  factor".  This  factor  was  assuaed  to  cover  all  eventualities  so  that 
practically  no  failure  would  occur.  Two  examples  are  the  factor  of  1.5  against  ultiaate  strength  for 
aircraft  and  of  1.5  against  yield  strength  for  ships.  This  factor  usually  has  to  be  kept  against  the 
"book  value”  of  the  aechanical  property  concerned,  which  aay  be  a  mini cun  value,  aa  in  the  Federal 
Republic  of  Germany's  Aircraft  Materials  Handbook  (2)  or,  as  in  the  MIL-HDBX  5  (1),  a  statistical  value 
assigned  a  certain  probability  with  a  certain  confidence. 

In  recant  years  the  probabilistic  spproach  has  gained  acceptance  which  recognises  that  a  certain 
probability  of  failure  la  inherent  in  any  engineering  structure  and  that  by  proper  use  of  statistics  this 
probability  can  be  calculated  -  in  contrast  to  the  safety  factor  approach  -  and  therefore  kept  at  an 
acceptably  low  level. 

However,  it  should  be  kept  in  Bind  that  any  statistical  calculation  requires  as  input  nuaerical 
constants  -  for  example  the  coefficient  of  variation  of  Kje  -  and  therefore  depends  on  the  degree  of 
accuracy  of  these  input  data  and  assumptions.  Is  other  words;  the  real  difficulties  lie  not  so  auch  in  the 
aathcmatlca  of  the  problea,  but  in  using  correct  input  data  and  in  asking  the  right  assumptions  -  as  in 
aany  other  engineering  problems.  In  the  end,  even  when  a  high-grade  statistical  treataent  is  eaployed, 
engineering  judgment  will  be  decisive  -  ae  it  was  with  the  old  "safety  factor"  approach.  Therefore  the 
advantage  of  using  a  probabilistic  approach  is  saaller  than  one  would  at  first  think. 

Nevertheless  in  this  paper  seme  nuaerical  values  to  be  used  as  input  data  for  fracture  toughness 
calculations  will  be  suggested  which  in  the  author's  opinion  can  be  used  for  design  purposes.  They  were 
collected  from  the  literature  and  froa  IABG  data. 

Also  some  suggestions  will  be  Bade  as  to  other  necesesry  assumptions,  ie  the  required  probabilities 
of  survival,  the  kind  of  distribution  to  use,  etc. 


2.2  Necessary  Input  Data  end  Assumptions 

Theoretically  the  aean,  the  scatter  (standard  deviation  or  coefficient  of  variation)  and  the 
distribution  are  necessary  to  be  able  to  calculate  the  necessary  factor  by  which  the  aean  value  aust  be 
reduced  in  order  to  arrive  at  the  required  probability  of  survival. 

The  Distribution 

The  deteraination  of  the  distribution  requires  an  extreaely  large  nuaber  of  tests,  which  will 
certainly  not  be  available  for  fracture  toughness  data  for  a  long  tins  to  come,  if  ever.  Therefore,  it  is 
necessary  to  assume  the  distribution.  Usually  the  Normal  distribution  is  used  for  strength  of  materials, 
for  exaaple  for  the  tensile  strength  or  the  fatigue  strength*.  For  fatigue  life  on  the  other  hand,  the 


The  well  known  staircase  or  up-and-down  aethod  assumes  a  Noras!  distribution  for  the  fatigue  strength. 


M 


log-cjrual  distribution  is  oftsn  eaployed. 


On*  disadvantage  of  tbs  norasi  distribution  is  that  for  high  probsbilitiss  of  survival  ttrj  low 
allowable  stresses  are  calculated  if  the  scatter  is  high.  One  exaaple;  the  often-used  "seen  sinus  three 
ai^a"  value,  corresponding  to  a  probability  of  survival  of  about  99-8  per  cent  is  half  as  high  aa  the 
seen  value  for  a  coefficient  of  variation  of  . 166.  For  still  higher  probabilities  of  survival  and 
coefficients  of  variation  the  allowable  stress  would  beroae  aero  or  even  negative. 

Therefore  aany  statisticians  have  developed  distributions  which  give  a  lower  Unit  at  which  the 
probability  of  survival  reaches  100  per  cent,  for  exaaple  the  Veibull  distribution,  the  are  sin  \/~9 
distribution  developed  by  Bosaow  and  co-workers^  or  a  distribution  developed  by  the  IAN  . 

However,  in  the  region  between  SO  and  95  per  cent  probablUty  of  survival  there  is  no  practical 
difference  between  any  of  the  above  distributions  and  for  sispliclty's  sake  the  Horasl  distribution  is 
therefore  suggested  as  good  enough  for  fracture  toughness  calculations  and  will  be  used  la  this  paper. 

The  Mean 


The  aeaa  fracture  toughness  can  be  calculated  aa  arithaetle  seen  from  a  snail  auaber  of  teats,  say 
froa  two  to  three  valid  results,  according  to  t-J99-?4,’.  This  is  fbea  the  aeaa  of  a  (snail)  aaaple  which 
has  to  be  reduced  to  the  aeaa  of  t—  population  using  noraal  statistical  procedures^  1 

la  a  strength  of  naterlals  problea  one  always  has  to  sake  the  conservative  assuaptloa  that  the 
aeaa  of  the  population  is  lower  than  the  aean  of  the  aaaple.  For  this  calculation  the  coefficient  of 
variation  is  necessary.  Its  nuaerical  value  should  not  be  the  one  deteralaed  froa  the  aaaple  (even 
if  it  were  large  enough),  rather  it  should  be  a  "typical"  or  even  an  "upper  Unit"  coefficient  of 
variation,  see  below,  and  Section  3  and  A. 

The  Coefficient  of  Variation 


If  sore  than  four  fracture  toughness  testa  are  carried  out  on  one  heat  of  a  notarial  for  owe 
speclaen  orientation,  a  statistical  evaluation  is  possible  and  should  be  done  according  to  the  foraula 


.  100  (per  cent), 


where  Pf  <  probability  of  survival 


a  i  order  nuaber,  where 

a  ■  1  3  highest  fracture  toughness  of  the  series 
a  •  u  3  lowest  fracture  toughness  of  tho  series 

a  i  auaber  of  tests. 


Plotting  this  on  Boreal  probability  paper  will  result  in  a  sore  or  lass  straight  lias,  froa  this 
the  standard  deviation  c  can  be  taken  and  the  coefficient  of  variation  v  calculated  as 


v 


f 


where  x  •  arithaetle  aean  fracture  toughness. 
(P#  ■  30  per  cent). 


This  then  is  a  aeasure  of  the  ecatter  of  the  one  heat  of  aaterial  tested,  ie  of  the  aaaple.  There 
is  another  kind  of  scatter  between  different  heats  of  a  noal nelly  identical  aaterial.  If  all  the  fracture 
toughness  teats  on  different  heats  of  a  ncainally  identical  aaterial  in  oae  speclaen  orientation  are 
evaluated  together  there  is  aa  lapliclt  assuaptloa  that  they  belong  to  oae  population.  There  are 
statistical  procedures  to  test  this  assisptlon° ' 


finally  it  aust  be  recognised  that  the  AHDWtandard  aethod  Itself  aay  have  aa  Inherent  scatter, 
probably  due  to  its  aany  requi resents  which  will  be  set  in  varying  degrees  in  one  test  series.  That  is, 
even  if  a  auaber  of  speciaena  of  one  aaaple  actually  had  identical  fracture  toughness,  the  results  weald 
certainly  still  show  soae  scatter  due  to  the  inherent  weaknesses  of  the  ASTN  standard* 


3  hcmbical  data  pot  tbz  conncinrr  or  variation  or  mem*  tooqhibs  a*d  cucx  pwaoatim 

3.1  Procedure  and  Data  for  *Ic 


The  literature  known  to  the  author  (2,  8-22)  was  screened  for  test  series  with  five  er  sore 
noal nelly  Identical  speciaena  in  oae  speclaen  orientation  resulting  in  valid  ASTH-etaadard  tests.  Host 
data  were  obtained  froa  the  Daaage  Tolerant  Design  Handbook,  Part  1,9,  aoaa  test  series  with  British 
alloys  froa^e.  ,  larger  nuaber  of  suitable  test  aeries  was  also  obtained  froa  IAN  reports  (8,  12-1A, 
20-22).  Cash  aeries  was  evaluated  by  eoaputer,  ucing  the  foraula  given  above  in  Section  2.2  and  the 
coefficient  of  variation  was  obtained.  Soae  exaaple s  of  these  evaluations  are  given  in  figures  1  and  2, 
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which  war*  taken  froa  I ABC  testa,  Figure  1  fro* ,  Figure  2  fro*  .  Forgings  have  been  excluded  fro*  the 
present  analysis.  Data  on  forgings  will  be  found  in  the  relevant  chapter  in  this  voluae. 

The  coefficients  of  variation  (65  for  aluainiua  alloys,  46  for  titaniua  alloys  and  64  for  steels) 
were  plotted  against  8^  specifying  the  following  paraaeters: 

-  •  type  of  alloy  (Ti  6-4,  Ti  8-1-1  etc. ) 

-  type  of  product  (plate,  sheet,  extrusions) 

-  apeciaen  orientation 

-  Miscellaneous  (teaperature,  corrosion  etc.) 

One  exaaple  of  such  a  plot  is  shown  in  Figure  3  for  Ti-alloys. 

It  becaae  apparent  that  none  of  these  paraaeters  influenced  the  coefficient  of  variation  within 
one  class  of  aaterials,  with  one  (well  known)  exception:  D6AC  steel  showed  a  larger-than-noroal  scatter. 

Next  the  coefficient  of  variation  were  evaluated  statistically  for  A1-,  Ti-  and  Fe-alloys 
according  to  the  foraula  in  Section  2.2,  see  Figures  4-6.  However,  the  23  test  series  for  D6AC  steel 
were  evaluated  separately,  see  Figure  7.  In  these  statistical  evaluations  the  distribution  developed  by 
the  IABGT  and  Mentioned  aoove  was  used  in  lieu  of  the  Normal  distribution: 

-  because  it  results  in  a  probability  Ps  •  0  at  a  coefficient  of  variation  v  >  0; 
this  is  obviously  a  necessary  requirement,  because  zero  scatter  of  fracture  toughness  is 
physically  impossible  and 

-  because  it  gives  a  probability  Ps  »  100  per  cent  at  a  sensible  coefficient  of  variation. 

In  the  following  Table  1  the  results  of  Figures  4-7  are  condensed. 


TABLE  1 


Material 

Al-alloys 

Ti-alloys 

Steels 
except  i> 6AC 

D6AC 

Coefficient  of  variation  v 

at  50 

0.03 

0.05 

0.05 

o.-> 

90 

0.06 

0.12 

0.10 

0.22 

100  per  cent  probability 

0.14 

0.27 

0.22 

0.4 

V  a  0.14  at  100  per  cent  probability  for  Al-alloys  seans  that  using  the  assumed  distribution  100  per 
cent  of  the  test  series  had  a  lower  coefficient  of  variation  than  0.14;  0.05  at  50  per  cent  probability 
for  steels  means  that  the  fracture  toughness  of  half  of  the  steel  test  series  had  a  lower  coefficient  of 
variation  than  0.05. 

Am  can  be  seen  froa  Table  1  the  scatter  of  fracture  toughness  K-  is  lower  for  Al-alloys  than  for 
Ti-alloys  and  steels.  Table  1  also  shows  numerical  values  of  the  coefficient  of  variation  to  be 
expected  for  the  different  classes  of  aaterial  and  at  different  probabilities. 

Another  important  numerical  value  is  the  aean  fracture  toughness  Kjc  of  different  heats  of  a 
certain  alloy  in  a  certain  speciaen  orientation  and  its  scatter.  This  was  obtained  in  two  ways: 

-  All  test  series  with  five  or  mors  valid  ASTM  tests  of  one  specific  alloy  and  speciaen 
orientation  were  extracted  froa  the  literature  and  their  arithmetic  aean  fracture  toughness 
Kje  determined.  These  values  were  then  evaluated  statistically  using  the  formula  given  in 
Section  2.2.  Some  examples  are  shown  in  Figures  8  -  11. 

g 

-  All  the  valid  test  results  in  for  one  specific  alloy  and  speciaen  orientation  were  evaluated 
together,  even  if  only  one  or  two  valid  tests  per  heat  were  available.  The  result  is  given  in 
Figure  12  for  7050-T73651 , 9  in  the  L-T-direction. 

Figures  8-12  show  the  aean  fracture  toughness  to  be  expected  froa  several  beats  of  one  aaterial,  that 
is  (at  50  per  cent  probability)  its  "typical"  fracture  toughness.  They  also  show  the  coefficient  of 
variation  is  again  lower  for  the  A1 -alloy  than  for  Ti-alloy,  while  D6AC  is  highest. 


3.2  Procedure  and  Data  for  Kc 


As  there  is  no  universally  agreed  aethod  to  determine  K  ,  it  is  not  intended  to  give  numerical 
data  here.  However,  should  such  a  aethod  be  available  soae  day ,  the  procedures  presented  in  Section  3.1 
can  also  be  used.  It  sight  even  be  possible  to  use  the  nuaerica]  data  shown  in  Section  3.1  for  the 
coefficient  of  variation  of  fracture  toughness  Kjc  also  for  Kg  because  in  the  author’s  opinion  there  is  no 
valid  reason  why  the  scatter  should  be  different. 
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RECOMMENDED  VALDES  OF  FRACTURE  TOUGHNESS  PROPERTIES  FOB  DESIGN  PURPOSES 


4.1  General  Remarks 


When  udn(  the  data  described  in  Section  3.1  (or  aiailar  speciaen  data)  for  tha  dart  ration  of 
nnaarleal  frmctura  toughness  values  for  tha  purpose  of  designing  eoaponants,  ona  implicitly  asauaaa  that 
tha  aeattar  of  apeeiaana  fraetura  toughness  is  idantical  with  tha  aeattar  of  tha  coaponant  fraetura 
toughness. 

This  assumption  is  not  always  correct  as  was  shown  by  tha  author  in^  (aaa  also  Chapter  6). 

Whereas  tha  scatter  of  fracture  toughness  of  standard  ASTM  speciaens  taken  froa  a  forged  coaponant  was 
quite  normal,  the  scatter  of  tha  coaponant  fraetura  toughness  was  such  higher.  Nevertheless  the  above 
assumption  Bust  be  Bade,  otherwise  one  could  not  use  speciaen  data  for  tha  design  of  eoaponants. 

For  designing  a  coaponant  using  probabilistic  fracture  aechanics  the  necessary  probability  of 
survival  aust  be  selected  according  to  engineering  judgeaent.  In  strength  of  materials  problems  often 
the  "naan  sinus  three  signs"  value  is  used  (•  P  »  99*8  per  cent);  in  certain  standards  for  fatigue  of 

welded  bridges  the  "aean  sinus  two  signs"  value  fa  employed  corresponding  to  97.7  per  cent  probability  of 
survival  assuaisg  a  No real  distribution.  The  author  is  aware  of  only  one  suggestion  of  a  similar  nature 
for  fracture  aechanics:  Ordorico  showed  in  an  AGARD  paper' '  that  the  Aerospatiale  Ccapany  of  France  uses 
the  "aean  sinus  two  sigaa"  fracture  toughness  for  calculating  critical  crack  length  etc.  The  other 
nuaerical  values  necessary,  the  aean  fracture  toughness  Kjc  and  the  standard  deviation  *  are  obtained  in 
the  following  way  according  to11.  All  the  available  ASTM  testa  on  one  material  in  one  condition  and  one 
speciaen  orientation  that  is  froa  several  heats,  are  statistically  evaluated  together.  As  the  various 
A1 -alloys  have  different  scatter,  different  standard  deviations  are  used. 


4.2  Procedure  and  Nuaerical  Data  for  Kje 


In  the  present  paper  a  slightly  different  procedure  is  proposed: 

-  the  coefficient  of  variation  is  equal  within  one  class  of  material  (but  excluding  all  forgings), 

namely: 

-  0.06  for  A1 -alloys 

-  0.12  for  Ti -alloys  for  ncraal  applications 

-  0.10  for  steels 

-  and 

-  0.14  for  A1 -alloys 

-  0.27  for  Ti-alloys  for  critical  applications 

-  0.22  for  steels 

These  numbers  correspond  to  probabilities  of  90  per  cent  for  normal  and  100  per  cent  for  critical 
applications  according  to  Table  1. 

The  above  coefficients  of  variation  are  applicable  in  principle  to  all  aeai-finished  products, 
that  are  plates,  bars  and  extrusions. 

For  aean  fracture  toughness  Kj  either  the  actual  teat  results  available  for  the  specific  problaa  , 
can  be  used;  if  such  data  are  not  available  Kje  can  be  taken  froa  the  literature  (for  example  froa‘ ' * 
using  all  valid  test  results  available  ie  froa  aany  different  heats.  It  aust  be  understood  that  this  Xje 
is  in  both  cases  the  aean  of  a  sample,  which  suat  be  reduced  to  the  aean  of  the  population,  using  the 
coefficients  of  variation  given  above. 
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CHAPTER  8B 

ALLOWANCE  FOR  VARIABILITY  IN  CRACK  PROPAGATION  DATA 

by 

REV  Anstee 

Royal  Aircraft  Establishment 
Famborough,  Hants,  England 


1.  INTRODUCTION 

Information  on  the  measured  variability  in  crack  propagation  rate  (or  life)  of  aircraft 
aaterlals  has  been  available  for  some  considerable  time""®.  In  addition  there  have  been  several 
■ore  recent  experimental  programmes  in  which  variability  has  been  measured  either  under  constant 
amplitude  loading?-1?,  variable  amplitude  loading  or  jn  which  a  quantity  of  results  under  both 

forms  of  loading  has  been  obtained^1"^®,  Further  data  are  available  from  reports  in  which  variability 
has  not  been  examined  directly  but  from  which,  By  re-analysing  the  data,  conclusions  on  variability 
can  ba  drawn^9-37. 


In  view  of  the  available  data  it  is  perhaps  surprising  that  many  workers  in  fatigue  hold  the 
view  that  variability  is  not  a  consideration  in  crack  propagation  calculations,  but  is  only  important 
during  initiation  of  damage.  The  published  design  requirements  are  not  consistent  in  allowance  for 
variability  in  crack  propagation.  Mil  Spec  83444?®  makes  no  mention  of  variability  in  crack  propaga¬ 
tion,  although  a  factor  of  2  is  included  to  safeguard  against JLmperfect  inspection?’.  In  contrast  the 
British  Design  Requirements  for  Military  Aeroplanes  (AvP  970)^  specify  a  factor  of  3  to  allow  for 
variability  in  crack  growth  rate  in  'fail  safe'  structures. 

In  this  Chapter  the  available  information  on  variability  is  presented  to  provide  a  basis  for  a 
decision  on  whether  an  allowance  for  variability  should  be  included  in  design. 

2.  THE  NEED  FOR  VARIABILITY  ALLOWANCES 

For  safe  life  structures  it  is  established  practice  to  use  scatter  factors  on  fatigue  life  (both 
from  test  and  calculation)  to  ensure  aircraft  safety.  There  is  as  yet  no  established  practice  for 
damage  tolerant  structures.  However  similar  arguments  to  those  applied  to  safe  life  atructurea  apply 
equally  well  to  damage  tolerant  design,  in  that  variability  in  design  data  which  can  be  shown  to  exist 
should  be  taken  into  account  in  the  design  process.  It  may  be  argued  that  a  variability  allowance 
should  also  account  for  the  likelihood  of  a  crack  occurring  in  a  critical  location  and  also  the 
possibility  of  the  crack  remaining  undetected.  While  these  considerations  may  modify  the  factor  to  be 
applied  they  do  not  negate  the  need  to  recognise  that  variability  must  be  accounted  for.  Failure  to 
account  for  variability  must  mean  that  in  the  presence  of  an  undetected  crack  5096  of  the  structures  will 
fail  to  reach  the  desired  life  at  a  limiting  crack  length. 

Traditionally  demonstration  of  safety  has  been  by  a  fatigue  test.  In  damage  tolerant  design 
this  has  its  counterpart  in  the  crack  propagation  test.  The  service  life  or  inspection  period  being 
based  on  the  crack  growth  life  between  limiting  crack  lengths  with  some  allowance  for  variability.  A 
difficulty  arises  however  in  the  design  process.  Crack  propagation  rate  data  is  required  for  design,  not 
crack  growth  life  information.  Crack  propagation  r'te  data  is  obtained  by  manipulation  of  the  crack 
growth  curve.  This  additional  operation  results  in  increased  variability  in  crack  growth  rate  data  over 
that  obtained  in  crack  growth  life  data?,  as  will  be  shown  later.  Thus  the  designer  will  need  to 
include  a  greater  allowance  for  variability  during  design  calculations  to  ensure  the  required  life  is 
obtained  on  test. 


Demonstration  of  damage  tolerance  by  test  of  a  complete  airframe  or  component  may  be  made  difficult 
by  generation  of  representative  flaws,  choice  of  representative  damage  locations,  and  possible  inter¬ 
actions  if  more  than  one  location  is  tested  at  once.  To  limit  the  test  work  resort  may  possibly  be  made 
to  demonstration  by  calculation  for  some  damage  locations.  It  is  accepted  practice  for  safe  life  design 
to  employ  larger  factors  for  demonstration  by  calculation1*1.  It  would  be  prudent  to  carry  this  practice 
through  into  damage  tolerant  design.  The  reasons  for  an  augmented  safe  life  factor  apply  equally  to 
calculations  of  damage  growth,  perhaps  more  so  since  there  is  generally  a  more  severe  power  law  dependence, 
and  additionally  greater  variability  in  design  data  (ie  growth  rate  data)  than  in  life  demonstration  on 
test. 


3  .  SOURCES  OF  VARIABILITY 

Variability  in  crack  propagation  characteristics  can  be  considered  to  arise  from  two  sources: 
experimental  procedures,  including  analysis  techniques,  and  variation  within  the  material  itself.  The 
influence  of  analysis  techniques  has  been  discussed  elsewhere?'®.  Accuracy  of  loading  and  load 
distribution  (ie  elimination  of  unintentional  offsets)  are  important,  since  the  crack  growth  rate  is 
a  power  function  of  stress.  A  stable  laboratory  environment  can  be  seen  to  be  important^’’?1 . 

Material  sources  of  variability  can  be  considered  as  due  to  production  of  the  basic  material  and 
production  of  the  test  specimen.  Many  investigations  have  been  made  into  the  influence  of  variations 


The  Author  wishes  to  acknowledge  the  generosity  of  Professor  A  Salvetti  of  the  Institute  of 
Aeronautics,  University  of  Pisa,  Mr  J  I  M  Forsyth  of  Structures  Department,  RAE  Farnborough  and  of 
Mr  F  E  Kiddle  (formerly)  of  Structures  Department,  RAE  Farnborough,  who  have  all  made  information  on 
their  investigations  available  prior  to  publication  by  themselves. 
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within  the  chemical  specification  and  production  procasaaa  (typical  examples1^,  4  J)^  Additional  variability 
can  arisa  froa  position  of  tha  taat  apaciman  froa  within  tha  ahaat  or  plata  of  material1”.  Fig  1 
raproducad  froa  Ref  6  ahowa  tha  diffaranea  in  crack  growth  Ufa  dua  to  aalaction  of  epaclaena  froa 
dlffarant  poaitiona  along  tha  langth  of  a  plata  and  through  the  thlcknesa  of  tha  plata.  Tha  affacta  of 
residual  stresses  have  bean  examined  (among  others  by  Forsyth’5  and  Heath-Salth™)  and  surface  treatment 
and  tampering  are  also  important  influences1*?.  Other  results  from  Kiddle's  work1**  are  reproduced  in 
Figs  2-6.  Each  figure  shows  results  for  five  specimens  at  each  of  five  different  temperatures  under 
prograaaed  load  conditions.  Tha  results  are  for  crack  growth  froa  the  edge  of  a  hole  and  show  eery  high 
scatter  at  short  crack  lengths  due  to  residual  stresses  resulting  froa  the  drilling  operation.  Figs  2  and 
3  are  for  clad  sheet  and  show  large  variation  to  3  on  crack  length.  Figs  4  and  $  are  for  unclad  sheet  and 
there  is  a  tendency  for  the  variation  to  be  smaller  as  crack  length  Increases.  Fig  6  for  plate  material 
alao  shows  large  variations  at  very  short  crack  lengths  tdiich  quickly  reduce  as  crack  length  increases. 

4.  CHARACTERISATION  OF  VARIABILITY 

Before  account  of  variability  can  be  made  it  is  necessary  to  establish  a  method  of  characterisa¬ 
tion.  This  requires  the  determination  of  the  typical  distribution  function  sad  a  decision  as  to  whether 
the  standard  deviation  or  the  coefficient  of  variation  is  the  most  useful  design  parameter. 


4.1 


Distribution 


Virkler  et  al?  tested  68  identical  specimens  of  2024-T3  material  under  identical  conditions. 

Their  experimental  results  are  shown  in  Fig  7.  They  investigated  the  methods  of  obtaining  crack  growth 
rstes  from  the  data  and  tha  best  distribution  to  characterise  the  lives  and  rates  obtained.  Six  different 
distributions  were  fitted  to  the  experimental  data.  It  was  found  that  at  a  given  AK  value  the  best 
fit>  to  the  count  of  cycles  to  a  given  crack  length  (crack  growth  life)  and  to  the  crack  growth  rate  data 


(s) 


were  provided  by  different  distributions.  Typical  results  (reproduced  froa  Vlrklers  report)  are 


shown  in  Figs  8a,  b,  c  for  cycle  count  data  and  Figs  9a,  b,  e  for  crack  growth  rate  data. 


For  cycle  count  data  the  three  parameter  log  normal  distribution  provided  the  best  fit  most  often. 
The  two  parameter  distribution  did  not  provide  the  best  fit  very  often  dua  to  the  lack  of  a  location 
paraaeter.  The  three  parameter  Weilbull  was  deficient  in  that  the  shape  of  the  density  function  did 
not  match  the  data  well. 


The  distribution  which  best  fitted  crack  growth  rate  data  depended  upon  whether  the  data  oa 
skewed  right  or  left.  With  a  left  skew  or  symmetric  distribution  the  normal  distribution  provided  the 
best  fit.  With  a  right  skew,  which  was  the  usual  condition,  the  other  distributions  fitted  better, 
with  the  two  paraaeter  log  normal  distribution  providing  the  best  fit  most  frequently  overall. 

A  separate  but  less  comprehensive  Investigation  has  been  made  by  the  present  author.  Rooke^ 
reported  crack  propagation  tests  on  DTD  5070A  sheet  material.  The  raw  data  has  been  reprocessed  to 
investigate  crack  growth  rate  distribution  at  a  range  of  AK  values  with  up  to  91  specimens  at  each 
AK  value.  In  this  case  tha  material  was  drawn  froa  14  different  sheets  froa  two  different  casts. 

The  fit  to  both  the  normal  distribution  and  the  log  normal  distribution  are  shown  on  Figs  10  and  11  for 
three  different  AK  values.  The  fit  becomes  increasingly  poor  as  the  AK  value  is  increased,  but  with 
the  log  normal  distribution  providing  the  best  fit. 

Clark  and  Hudak^  in  analysis  of  a  round  robin  test  programme  on  10  Ni-fl  Co-1  Ho  steel  commented 
that  the  log  normal  diatribution  characterised  the  crack  growth  process  more  accurately  than  the  normal 
distribution. 

While  the  two  paraaeter  log  normal  distribution  is  not  consistently  the  beet  fit,  it  is  overall 
superior  to  the  normal  distribution  and  provides  a  reasonable  compromise  for  both  life  and  rate 
distributions.  In  addition  it  is  consistent  with  existing  practice  on  safe  life  distribution.  In  the 
absence  of  further  information  it  is  intended  to  use  the  log  normal  distribution. 

4.2  Standard  Deviation  or  Coefficient  of  Variation 


If  variability  is  allowed  for  in  the  usual  way  by  a  scatter  factor  applicable  to  all  conditions 
the  factor  should  be  based  upon  a  constant  value  of  either  standard  deviation  (er)  or  coefficient  of 

variation  (Cy)  .  Considering  the  usual  ^  ,  4  K  curve  a  constant  standard  deviation  implies  that 

the  confidence  liaita  are  at  a  constant  displacement  from  the  mean  value  curve.  A  constant  coefficient 
of  variation  corresponds  to  confidence  limits  which  diverge  as  the  AK  value  increases.  Reference  to 
the  literature  shows  confidence  limits,  where  drawn,  are  usually  at  (near)  constant  displacement10'  ?*”• 

Thm  data  obtained  from  re-analysis  of  Rooks' s  experiments?  have  been  used  to  derive  the  variations 
of  <r  and  Cy  with  AK  .  The  results  are  shown  on  fig  12  and  are  inconclusive.  It  will  be  seen  that 

neither  9  nor  Cy  are  constant.  There  is  an  approximate  2:1  variation  between  the  extreme  values  of 
9  and  similar  variations  in  Cy  but  with  a  particularly  high  value  at  low  AK  .  At  high  AK  the 
value  of  9  has  probably  reached  a  maximum  value  while  Cy  continues  to  decrease.  Thus  an  assumption 

of  constant  9  in  order  to  determine  a  scatter  factor  is  expedient  although  not  well  supported  by  the 
test  evidence.  Such  an  assumption  is  consistent  with  safe  life  practice. 

5.  EXPERIMENTAL  EVIDENCE  OF  VARIABILITY  IN  CRACK  GROWTH  PERFORMANCE 

Data  collected  from  the  listed  references  fall  into  four  main  groups;  those  for  2024-TJ,  for  all 
other  aluainlua  alloys,  for  steels  and  for  titaniums.  Within  these  groups  it  is  possible  to  contrast 
tests  to  obtain  life  to  a  given  crack  length  and  tests  to  obtain  crack  growth  rate  at  given  values  of 


/ 
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AK  .  Thar*  is  also  sufficient  evidence  to  consent  upon  the  differences  between  constant  amplitude  and 
randoo/programmed  amplitude  tests,  the  effects  of  environment  on  variability  and  experience  from  service 
aeroplanes . 

Some  of  the  rate  data  have  been  obtained  from  specimens  at  different  stress  levels  but  at  the  rim* 
AX  values,  corresponding  to  the  application  of  data  in  design.  Other  values  have  been  obtained  from 
striation  counting  as  well  as  measurement  of  local  slope  of  the  crack  growth  curve.  Finally  some  of  the 
standard  deviations  on  rate  have  been  derived  from  confidence  limits  presented  on  graphs,  the  ESDC’' 
results  in  particular  being  a  distillation  from  several  different  references. 

While  there  are  sufficient  results  to  demonstrate  variability  in  crack  growth  performance  the 
collected  data  relates  to  a  range  of  different  conditions.  Some  results  are  for  specimens  taken  from  a 
single  piece  of  material  while  others  are  for  specimens  from  many  pieces  and  from  more  than  one  melt. 

To  represent  design  information  the  variability  must  relate  to  the  range  of  crack  growth  performance 
which  could  be  expected  from  material  used  during  the  construction  run  of  a  number  of  aircraft.  Thus  the 
variability  should  relate  to  material  drawn  from  a  number  of  different  melts  and  positions  in  the  plat* 
or  sheet  together  with  representative  thicknesses  and  environments.  Many  of  the  reported  data  are 
related  to  investigations  where  causes  of  variability  have  been  reduced  to  a  minimum  to  meet  the  original 
purposes  of  the  test.  For  this  reason  the  data  cannot  be  considered  as  belonging  to  a  single  population 
representative  of  design  conditions  and  no  attempt  has  been  made  to  evolve  a  typical  measure  of 
variability. 

5.1  Aluminium  Alloys 


There  is  considerably  more  data  available  on  aluminium  alloys  than  on  steel  or  titanium.  In  this 
group  of  materials  2024— T 3  has  been  used  for  more  experimental  programmes  than  any  other  material. 
Sufficient  information  has  been  gathered  on  variability  of  2024-T3  specimens  for  these  results  to  be 
presented  separately. 

5.1.1  2024-T3 

The  data  on  2024-T3  is  presented  in  Figs  14a  and  14b  for  standard  deviation  on  log  crack  growth 
life  and  standard  deviation  log  crack  growth  rate  respectively.  The  reference  source,  number  of 
specimens  and  derivation  (ie  direct  quote,  measurement  of  published  data,  re-analysis)  is  shown  together 
with  any  comments.  Different  symbols  have  been  used  for  constant  amplitude  loading,  programmed  block 
loading  and  random  amplitude  loading. 

Much  of  the  data  which  show  low  variability  are  derived  from  tests  where  specimens  have  been  taken 
from  a  restricted  source  of  material  (perhaps  one  panel).  In  this  case  typical  values  of  <T  would  appear 
to  be  around  0.07.  Schijve°  tested  seven  different  batches  of  material  and  obtained  values  of  <r  on 
crack  life  of  0.07  to  0.12  at  various  loading  conditions.  Re-analysis  of  Schijve's  data  to  obtain  crack 
growth  rates  results  in  cr  values  up  to  0.15.  Kills"  tested  a  number  of  large  panels  to  obtain  crack 
growth  data.  Host  of  these  tests  were  at  different  load  levels  and  comparison  can  therefore  only  be 
made  at  constant  AK  values  to  obtain  -ates.  Furthermore  only  'spot'  values  of  AK  are  given.  Con¬ 
fining  attention  to  only  seven  of  a  possible  18  results  rates  can  be  compared  over  a  small  range  of  A  K 

(17.33  *  18.4  MN  m  ^2)  resulting  in  a  value  O’  •  0.29  •  Attention  is  also  drawn  to  the  values  obtained 
from  confidence  limits  aligned  to  the  design  data  in  the  ESIXJ  data  items^?.  Here  data  has  been  collected 
from  a  number  of  different  sources  and  design  curves  have  been  derived.  Significantly  when  design 
information  is  derived  in  this  way;  arguably  most  representative  of  material  variations  during  a  long 
production  run;  variability  is  considerably  increased  to  give  values  of  o  equal  0.2  to  0.4, 

Comparatively  little  'life'  information  is  available  compared  to  'rate'  information.  Where 
comparison  can  be  made  (ie  Schijve^)  it  will  be  seen  that  the  variability  in  rate  is  greater. 

5.1.2  Other  Aluminium  Alloys 

The  collected  information  on  all  aluminium  alloys  other  than  2024-T3  is  presented  on  Figs  15a 
and  15b  for  crack  growth  life  and  rate  respectively. 

Rather  more  information  on  crack  growth  life  is  available  for  comparison  than  was  the  case  for 
2024-T3.  O'Neill^  tested  a  number  of  specimens  under  constant  strain  amplitude,  with  between  five 
and  16  specimens  at  each  of  eight  load  levels.  Standard  deviation  values  of  between  0.06  and  0.08 
were  obtained  at  six  load  levels,  the  other  two  values  being  0.10  and  0.125.  Comparison  can  be  made 
with  tests  by  van  Di jk  and  Nederveen^O  under  11  different  flight  simulation  programmes.  Standard 
deviation  values  for  five  or  six  specimens  at  each  load  condition  range  from  0.05  to  0.11. 

The  variability  found  during  O'Neill's  tests^  is  presented  on  both  Figs  15*  and  15b  for  crack 
growth  life  and  crack  growth  rate.  As  for  the  example  for  2024-T3,  the  variability  in  rate  is  greater 
than  in  life;  in  the  case  of  O'Neill's  L73  data  by  a  factor  of  almost  two. 

5.2  Titanium  Alloys 

Data  for  titanium  alloys  are  presented  in  Figs  17a  and  17b.  There  is  ouch  less  information  than 
for  aluminium  allova.  The  variability  in  crack  growth  life  was  generally  found  to  be  small,  particularly 
for  sheet  material '.  However  the  results  for  crack  growth  rate  variability  show  both  high  and  low 
values  of  standard  deviation.  Some  of  these  values  were  obtained  from  confidence  limits.  Iopellisxeri's 
results’^  have  been  analysed  to  obtain  the  standard  deviation  for  both  rate  and  life  and  show  greater 
variability  in  rat*.  The  general  level  of  variability  is  not  subjectively  different  from  aluminium 
alloys . 


5.3  Steels 


Data  for  steels  a r«  shown  In  Pigs  18a  and  18b,  again  following  tha  praaantatlon  stylo  previously 
adopted.  As  with  titaniua  there  is  comparatively  little  information.  With  the  exception  of  the  data 
for  aild  steel  the  results  show  variability  which  does  not  exceed  that  of  alualnlua  alloys.  In  the 
absence  of  sore  experimental  results  an  assuued  variability  based  upon  the  aluainiua  alloy  data  would  be 
justified. 

5.4  Comparison  of  Variability  under  Constant  Aaplltude  and  Variable  Amplitude  Loading 
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Attention  nas  previously  been  directed  to  comparison  of  the  results  from  re-analysis  of  O'Neill's 
experiments  and  the  standard  deviations  quoted  by  van  Dljk  and  Nederveen^®.  In  numbers  of  specimens  and 
test  conditions  these  sets  of  experiments  sre  comparable,  and  it  will  be  seen  from  Pig  15a  that  the 
standard  deviations  obtained  under  constant  amplitude  and  random  amplitude  loadings  are  very  similar. 

Strictly,  comparison  should  be  made  between  sets  of  results  obtained  using  the  same  standard 
of  tschnology  for  all  loading  conditions.  This  is  extremely  difficult  to  ensure  without  a  background 
of  direct  involvement  in  the  test  programme.  Comparisons  restricted  to  results  under  both  loud  waveforms 
which  come  from  the  same  source,  preferably  in  the  same  report,  should  provide  valid  indications. 

Schijve®  included  in  his  experiments  some  programme  load  teats.  The  standard  deviations  for  his 
constant  amplitude  tests  vary  from  0.07  to  0.12.  The  single  group  of  programme  load  tests  gave  a  value 
Of  9  m  0.06. 

Salvetti11  as  a  prelude  to  crack  propagation  tests  on  stiffened  panels  tested  four  panels  of 
2024-T3.  Typical  standard  deviations  for  these  tests  are  around  0.005.  Later  tested  under  FALSTAFF 
loading  on  flat  panels  of  the  same  material  resulted  in  <T  values  of  0.02  to  0.045. 

Oberparleiter5  in  a  series  of  experiments  on  Titaniua  6  Al-4  Vn  plate  provides  data  for  a 
number  of  comparisons  of  the  effects  of  load  waveform.  Under  constant  amplitude  standard  deviations 
for  two  different  groups  of  experiments  were  0.06  and  0.075*  The  corresponding  values  under  FALSTAFF 
and  an  operational  spectrum  were  0.11  and  0.08.  Tests  were  also  made  on  a  modified  alloy  which  was 
found  to  be  sensitive  to  frequency  effects.  At  the  same  frequency  the  constant  amplitude  test 
variability  gave  &  ■  0.016  and  under  an  operational  spectrum  <r  •  0.096. 
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Oberparleiter  and  Sehutz  tested  several  different  materials  under  both  constant  amplitude 
loading  and  FALSTAFF  loading.  The  standard  deviations  derived  from  these  results  are  tabulated  below! 

STANDARD  DEVIATIONS  (Data  of  Ref  27) 


Material 

Constant  Aaplltude 

FALSTAFF 

7075-T7351 

0.0228 

0.0273  and  0.01?1 

HP  9-4-30 

0.0670 

0.0349 

Titanium  6  Al-4  Vn 

0.0608 

0.0259 

The  effects  of  environment  on  crack  propagation  data  have  been  studied  at  KLR  and  the  experimental 
results  have  been  reported*1*.  These  also  give  further  comparisons  between  constant  amplitude  and  random 
amplitude  tests  for  7075-T6  material.  The  values  of  standard  deviation  for  tests  under  constant 
amplitude  loads  in  normal  air  and  salt  water  were  0.008  and  0.011  respectively.  Corresponding  standard 
deviation  values  under  random  amplitude  loads  were  O.OS  and  0.016. 

The  results  above  give  no  support  to  the  sometimes  proposed  suggestion  that  there  is  less 
variability  in  crack  propagatior  tests  under  random  amplitude  loading  than  under  constant  amplitude 
loads.  Possibly  the  reverse  could  be  true,  but  on  the  evidence  available  at  present  it  would  be  prudent 
to  assume  that  load  waveform  has  no  substantial  influence  on  variability. 

5.5  Effect  of  Environment  on  Variability 

Studies  by  the  NLR  provide  the  only  data  on  this  topic  known  to  the  author.  The  results  of  this 
work  are  tabulated  below: 


Material 

Environment 

Load  Waveform 

Thickness 

(mm) 

— 

Standard 

Deviation 

2024-T3 

Dry  air 

Random  amplitude 

2 

0.055 

Normal  air 

c.028 

Salt  water 

0.055 

7075-T6 

Dry  air 

Random  amplitude 

2 

0.060 

Normal  air 

0.077 

Salt  water 

0.016 

7075-T6 

Normal  air 

Constant  amplitude 

2 

0.008 

Salt  water 

0.011 

7075-T6 

Normal  air 

Constant  amplitude 

10 

0.015 

Salt  water 

0.057 

There  is  no  evidence  of  any  systematic  influence  of  environment  on  variability, 


5.6  Variability  of  Structural  Components 

Host  of  the  results  discussed  are  for  simple  specimens.  A  few  are  for  component  items.  These 
include  lugs,  rotor  blades  and  stiffened  panels,  the  latter  being  both  integral  and  built  up,  with  some 
information  from  service  use. 
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The  standard  deviations  for  crack  propagation  life  testa  on  lugs  7  were  0.055  and  0.06  for  male 
and  female  lugs  tested  in  the  laboratory.  Forsyth  "'S  has  analysed  cases  of  cracking  of  an  aircraft  lug 
in  service.  Of  these  18  occurred  at  one  location  and  the  remaining  13  at  another.  The  lug  was  an 
undercarriage  operating  jack  attachment  point,  loaded  once  per  jack  operation  corresponding  to  constant 
amplitude  loading.  Measurements  of  crack  length  must  be  considered  crude.  For  18  cracks  the  standard 
deviation  on  crack  growth  life  was  0.10  and  for  13  cracks  0.15. 


11  23  14  15 

Stiffened  panels  have  been  tested  by  Salvetti  ’  and  by  the  present  author  and  Forsyth  has 
also  provided  information  from  service  aircraft.  In  his  earlier  work*"'  Salvetti  included  two  separate 
groups  of  three  specimens  tested  identically  under  constant  amplitude  loads.  These  gave  standard 
deviation  values  on  crack  growth  life  of  0.15  and  0.02.  In  his  more  recent  work  Salvetti*7  tested  six 
stiffened  panels  under  FAISTAFF  loading  and  obtained  standard  deviations  of  around  0.04.  Anstee  and 
Morrow14  reported  tests  on  integrally  stiffened  fuselage  panels  which  gave  a  standard  deviation  of  0.15. 
Experience  from  five  incidents  of  closely  monitored  wing  skin  cracking  which  occurred  on  a  jet  trainer 
aircraft  gave  a  standard  deviation  of  0.03  under  service  flying  loads. 


Crack  propagation  tests  are  regularly  made  on  helicopter  rotor  blades  by  some  sections  of  the 
Industry.  Two  manufacturers  have  reported  tests  under  block  loading  sequences^, 20 _  Eight  samples  of 
one  blade  type  were  tested.  Five  to  an  anti-submarine  spectrum  and  three  to  a  search  and  rescue  spectrum. 
The  standard  deviations  on  crack  propagation  life  were  0.12  and  0.03  respectively.  Ten  samples  of  a 
different  blade  were  tested  to  a  general  flying  spectrum  and  standard  deviations  of  0.07  to  0.12  were 
obtained,  depending  upon  final  crack  length. 


From  these  data  a  wide  range  of  standard  deviations  have  been  obtained  but  showing  no  significant 
differences  to  the  range  of  values  found  for  the  simple  specimens. 

6  DISCUSSION 

The  variability  found  from  the  referenced  papers  can  be  seen  to  be  greater  for  crack  growth  rate 
than  for  crack  growth  life.  There  is  no  evidence  of  load  waveform  or  environment  having  a  strong 
influence  on  variability.  There  is  evidence  that  overall  variability  is  influenced  by  selection  of 
specimens  from  within  a  section  of  material  and  by  the  inclusion  of  additional  melts  in  the  test 
material  stock  pile.  For  this  reason  results  which  show  small  variability  where  material  has  been 
carefully  selected  should  not  be  used  to  produce  design  guidelines. 

Much  of  the  material  presented  is  far  from  ideal  as  a  base  for  design  rules.  Even  so  the 
standard  deviations  found  for  crack  growth  life  can  be  said  to  be  quite  similar  to  those  found  in  safe 
life  testing.  This  conclusion  has  been  reached  independently  by  van  Dijk  and  Nederveen20  who  compared 
their  results  with  a  survey  of  safe  life  test  experience  by  Hooked.  The  range  of  standard  deviations 
are  reasonably  bounded  by  a  value  <T  =  0.176  as  used  for  life  prediction  in  the  UK.  It  seems  reasonable 
then  to  assume  that  the  same  variability  occurs  in  crack  growth  life  as  in  safe  life  testing.  This  may 
not  mean  use  of  the  same  scatter  factors  since,  as  discussed  previously,  the  probabilities  of  cracks 
occurring  and  of  them  being  detected  (or  not  detected)  may  need  to  be  considered. 


Development  of  crack  growth  rate  curves  for  design  purposes  poses  a  particular  problem  due  to 
the  demonstrated  greater  variability  in  rate  than  in  life.  One  solution  would  be  the  development  of 
'A'  and  'B*  design  curves  in  the  same  manner  as  used  to  define  'A*  and  'B'  static  strength  design  data. 
The  procedures  are  set  out  in  MIL  Handbook  51*®.  The  crack  growth  rate  at  a  given  stress  intensity 
factor  range  is  then  given  by: 


where  K  is  obtained  from  the  Handbook.  The  A  and  B  design  curves  have  been  developed  for  the 
Booked  data  and  are  shown  on  Fig  18.  The  factor  on  crack  growth  rate  ranges  from  2  to  4  and  is  strongly 
dependant  upon  the  standard  deviation  and  less  so  on  the  number  of  tests  at  each  level. 


7  CONCLUSIONS 

7.1  There  is  considerable  evidence  of  variability  in  crack  growth  performance. 

7 .2  Due  to  the  extra  manipulation  of  test  measurements  there  is  more  variability  in  crack  growth 
rate  data  than  in  crack  growth  life  data. 

7.3  No  single  distribution  fits  the  data.  A  three  parameter  log  normal  distribution  has  been  found  to 
provide  the  best  fit  most  often.  A  two  parameter  log  normal  has  been  used  in  this  paper  to  conform  with 
existing  practice. 

7.4  Load  waveform  and  environment  have  little  effect  upon  variability. 

7.5  Variability  can  be  minimised  by  careful  selection  of  specimens.  This  may  result  in  insufficient 
account  of  variability  in  design. 
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7.6  All  groups  of  materials  discussed  hart  much  tha  same  variability. 

7.7  Variability  in  crack  growth  lifa  la  alailar  in  magnitude  to  tha  variability  which  oecura  in  aafa 
lifa  taata. 

7.8  Crack  growth  rata  daaign  eurvaa  which  includa  faetora  for  variability  can  ba  developed  froa 
ralativaly  faw  taata  uaing  aatabliahad  procedure . 
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t.  NOTATION 


a  order  nuaber 

H  fatigue  endurance 

a  auabor  of  observations 

PU)  proportion  of  total  population  having  valuea  loot  tbaa  a  (lTaa  value  of  x 

p(z)  ralatlvo  frequency  of  occurrence  of  x 

X  ran Oca  variable 

x  variate  HX) 

i(>1  percent  lie 

1.  DEFINITIONS  OF  CENESAL  TEENS 

la  order  to  llluatrate  tbe  teraa  uaed  la  atatlatlcal  analysis.  a  typical  eet  of  fatlfue 
data  la  sboen.  The  obaareatloae  are  Hated  la  aaceadlas  order  of  aagnltude  against  the 
correapoadlat  valued  of  a  . 


Order  a 

1 

2 

3 

4 

5 

« 

7 

0 

End or anew  N  kc 

20.  0 

124  4 

168.7 

1ST.  2 

203.0 

213.4 

213.4 

215.7 

1.31 

2.09 

2.23 

2.27 

2.31 

2.33 

2.33 

2.33 

Ordtr  m 

9 

10 

H 

12 

13 

14 

15 

Endurance  M  ke 

219.2 

221.0 

254.0 

274.0 

283.6 

340.0 

391.2 

'-S,o» 

2. 34 

2.34 

2.40 

2.  44 

2.45 

2.54 

2.50 

The  random  variable  Id  tbe  property  which  Id  obeerved  to  vary  over  a  nuaber  of  repetltlona 
of  a  liven  proeeae.  aueb  aa  fatlfue  atrenitb  or  endurance.  In  tbe  eaaaple,  tbe  ran doe 
variable  la  X  z  N  . 

Tht  variatt  la  that  function  vboae  distribution  of  value'.  In  eonaldered.  In  the  eaaaple 
tbe  variate  any  be  either  N  or  log  N  ,  the  latter  tranr.ornatlun  being  aade  aa  a  reault  of 
the  convenience  of  thla  fora  for  aubaequent  anatyela. 

Tht  ordtr  i aeeber  la  the  nuaber  aacrlbvd  to  each  obaervatlon  correaponctlna  to  Ite  poaltlan 
la  the  data  arranged  In  ordor  of  aaunltuile. 

Tht  ari '.Sadie  aeon  of  the  vartate  la  the  eua  of  all  valuea  of  the  variate  divided  by  tbe 
nuaber  of  data  n  .  In  toe  exaaple,  the  arlthavtlc  Bean  of  N  la  222.4  and  of  log  N  la  2.29. 

Tht  geoartric  (or  log)  oe an  ol  tbe  variate  la  tbe  ntk  root  of  tbe  product  of  ell  n 
valuea,  that  la  tbe  antilog  of  tbe  arlthaetlc  aeon  of  log  X  ,  In  tbe  above  eiaaple,  antllog 
2.  29  =  195. 0. 

A  percentile  la  the  value  of  tbe  variate  below  which  a  given  percentage  of  tbe  data  Ilea. 
In  the  above  eiaaple,  20  per  cent  of  the  obaervatlona  He  below  JV  a  1ST. 2  or  log  N  z  2.27  . 

The  media n  value  la  the  value  correapcndlng  to  the  diddle  order  of  the  data,  l.e.  the 
fiftieth  percentile.  In  the  eiaaple  tbe  nedlan  li  I:  215.7  or  log  H  z  2.33  .  corres- 
pondlng  to  order  nuaber  9.  If  the  nuaber  of  data  la  even,  the  aedian  la  given  by  the  average 
of  the  two  central  obeervatlona. 

The  deviation  la  the  difference  between  any  alngle  value  and  tbe  aean  of  all  tbe  valuea. 
In  the  eiaaple,  at  order  nuaber  a  =  4  ,  the  deviation  of  N  la  197.2  -  222.4  0-35.2  and 
tbe  deviation  of  log  H  la  2.  27 -2.  29  r  -  0. 02. 

The  variance  of  the  data  la  the  aua  of  the  equaree  of  tbe  deviatlona  divided  by  n  .  In 
thla  caae.  the  variance  of  N  la  7103  and  of  logN  0.079. 

The  ttandard  deviation  of  the  data  la  the  square  root  of  the  variance  and  la  often  taken 
aa  a  aeeaure  o'  the  dlnperalon  (scatter)  of  the  rveulta.  In  thla  caae,  the  standard  devia¬ 
tion  of  N  la  94.  3  and  of  log  H  0.  29. 


The  coefficient  of  variation  is  ths  ratio  of  the  standard  deviation  to  the  aean,  and  Is 
usually  expressed  as  a  percentage.  In  the  exaapls,  the  coefficient  of  variation  of  N  is 
(84.3/222.4)  x  100  =  31.91  per  cent,  and  of  lot  N  (0.28/2.29)  x  100  s  12.23  per  cent. 


3.  PRESENTATION  OP  EMPIRICAL  DATA 


3.1  Hie  Histogram 

A  hlstocraa  is  a  diagram  in  which  the  number  of  observations,  or  proportion  of  the  total 
nuaber  of  observations,  falling  within  each  successive  class  Interval  is  represented  by 
blocks  erected  on  a  base  subdivided  into  those  intervals. 

Plgure  1  is  the  hlstograa  for  the  above  exaaple  representing  the 'frequency  of  occurrence 
of  failure  in  class  Intervals  of  0.2. 


3.2  The  Cumlutive  Frequency  Dlagraa 

A  cuaulative  frequency  dlagraa  Is  one  in  which  the  nuaber  of  observations,  or  proportion 
of  the  total  nuaber  of  observations,  falling  below  the  upper  lialt  of  each  successive  class 
Interval  is  represented  by  blocks  erected  on  a  base  subdivided  into  those  Intervals. 

Plgure  2  shows  the  cuaulatl-»  frequency  dlagraa  corresponding  to  the  hlstograa  for  the 
above  exaaple. 

The  ease  set  of  results  nay  be  presented  In  a  cuaulative  frequency  diagraa  showing  the 
nuaber  or  proportion  of  observations  exceeding  the  upper  Halt  of  each  successive  class 
Interval.  In  the  analysis  of  fatigue  endurance,  such  a  dlagraa  would  show  the  nuaber  of 
speclaens  whose  endurances  exceeded  a  given  nuaber  of  cyclea. 


4.  ESTIMATION  OF  POPULATION  PROPERTIES  FROM  A  SAMPLE 


4.X  Sample 'and  Population 

A  batch  of  teat  resulta  is  of  val:  e  only  In  so  far  as  inferences  nay  be  drawn  as  to  ths 
probable  behaviour  of  other  noalnslly  identical  speclaens  not  tested.  The  speclaens  tested 
are  described  collectively  as  the  saaple.  and  the  whole  body  of  speclaens  froa  which  ths 
saapls  is  drawn  is  teraed  ths  population. 


4.2  The  Assumption  of  a  Theoretical  Frequency  Distribution 

In  the  analysis  of  fatigue  test  results,  ths  staple  Is  considered  to  be  drawn  froa  an 
infinitely  large  population,  since  the  letter  will  consist  of  ell  possible  speclaens  which 
could  be  produced.  Presentation  of  the  results  In  ths  asnner  suggested  in  Section  3  will 
therefore  only  give  s  reliable  indication  of  the  characteristics  of  ths  population  if  ths 

staple  is  large. 

If  it  were  possible  to  test  an  infinitely  large  saaple.  s  hlstograa  of  infinitely  narrow 
class  intervals  could  be  constructed,  the  profile  of  which  would  be  a  continuous  function. 
Clearly  this  will  represent  exactly  the  frequency  distribution  of  ths  population,  since  ths 
coaplets  population  has  been  tested.  This  distribution  cannot,  of  course,  be  detsralnsd  in 
practice.  However,  by  sssualng  that  it  is  of  sons  standard  fora,  the  test  results  nay  be 
analysed  froa  predeteralned  data  relating  to  that  particular  fora. 

Selection  of  s  theoretical  distribution  should  be  effected  with  consideration  of  ths 
expected  boundary  conditions  of  ths  population.  The  use  of  an  inappropriate  distribution 
could  lead  to  errors  particularly*  at  its  extremities. 

The  relevance  of  two  theoretical  distributions  to  ths  analysis  of  fatigue  data  la  dlscuaaed 
In  Itea  Nos. 68014  and  68015. 

Plgure  3  shows  s  Noras 1  or  Gaussian  frequency  distribution.  The  slope  and  relative  height 
of  the  curve  depend  upon  the  dispersion  of  the  variate. 


The  ares  enclosed  by  the  curve  to  the  left  of  the  ordinate  at  x^ .  i.e.  J  p(x)dx  , 


is  the  proportion  P(x)  having  values  not  greater  than  x(p)  .  The  area  under  ths  coaplets 
curve  is  1 .  and  therefore  the  probability  of  a  result  being  greater  than  x la  1  -  P(x)  . 


<P>  * 


P(*)dx  . 


that  Is  ths  eras  to  the  right  of  x. 


i.e. 


4.3  probubl I Ity  Curves 


Figure  4  shows  the  probability  curve  1  -  Pit)  against  x  for  tb*  Roraal  distribution. 

Ay  suitably  aodlfylng  the  ucuU  of  tb*  ordinate.  th*  probability  curv*  air  b*  represented 
by  i  straight  line.  Tb*  p*r**«t*r*  of  tb*  dlitrlbutlun  *r*  then  ilv*n  by  th*  *lop*  lad 
intercept  of  tb*  tin*. 

Plotting  *  aaapl*  of  r**ulta  on  tbl*  (rid  in  tb*  Banner  propn**d  in  AppendliAlfacllltat** 
tb*  d*t*n*ln*tioa  of  point  **tlnit*t  of  th*  proptrtl**  of  th*  parent  population. 


4.4  Accuracy  *f  btiaitloa* 

Tb*  analyal*  of  only  on*  *aapl*  give*  point  **tln*t*i  of  tb*  prop*rti*s  of  tb*  population 
and  ••  such  it  1*  not  po**lbl*  to  specify  tb*  probability  tbit  tb*y  ar*  *uct.  If  all 
poitibl*  aaapl**  of  a  given  fix*  within  th*  population  w«r*  analysed  and  point  *atlaat*a 
of  tb*  population  paraa*t«ra  obtained  froa  **cb  aaapl*  in  tb*  Banner  outlined  above,  than 
tb*r*  would  b*  a  population  of  valu**  for  each  paraaeter.  That*  population*  tb*aa*lv*a 
bav*  *oa*  fora*  of  dlatrlbutlon  referred  to  a*  aaapllng  dlatrlbutlon*.  Tb***  provide  a 
naans  of  specifying  tb*  precision  of  a  particular  *atlaat*  froa  a  singl*  aaapl*  in  tsras 
of  tb*  lialt*  within  which  tb*  population  paraastsr  sill  li*  with  a  given  probability. 

4.9  T*ra*  Aaaociatad  with  tb*  8p*clflcatloo  of  Precision 

Tht  con fidanea  interval  1*  tb*  rang*  within  ableb  it  »-  forecast  that  tb*  property  of  tb* 
population  sill  li*. 

Hu  confidanca  liait*  ar*  th*  two  boundary  valu**  enclosing  tb*  confidence  Interval. 

Tht  confidanca  1***1  1*  tb*  probability  that  tb*  forecast  is  correct,  for  aiaapl*  a 
90  par  cant  confidence  l*v«l  indlcatas  that  tb*  property  baa  a  90  par  cant  chanc*  of  lying 
in  tb*  specified  Interval. 


9.  COMPARISON  OP  9AMPIU 
9. 1  Parpo**  of  ibeb  Aaalysla 

Section  4  considers  tb*  analysis  of  only  on*  aaapl*.  However  it  is  soaatla**  required  to 
dataraln*  whether  two  or  aor*  aaapl**  ar*  drawn  froa  th*  saa*  population.  Tbl*  way  aria* 
for  uaapl*  if  it  1*  required  to  d*t*min*  th*  affect  of  a  change  in  detail  design  or  nanu- 
factur*  on  th*  strength  of  a  coaponwnt.  or  to  s**  if  it  is  p*ral**lbl*  to  pool  tb*  results 
froa  various  atreaa  l*v*ls  in  a  a*t  of  fatlgu*  results  and  so  Increase  th*  aaapl*  six*. 


9.9  Taras  Aaaociatad  with  tb*  Cbapariaoa  of  Saapias 

A  statistical  hypothaais  is  an  initial  postulate  of  the  actual  situation.  For  *xaapl* 
tb*  bypotheala  Bight  b*  that  two  s«apl«s  are  froa  th*  ssa*  population. 

A  figni/icancv  twit  is  on*  by  which  th*  acceptance  or  rejection  of  ch*  hypothesis  •* 
Justified. 

Tb*  different*  between  two  values  Is  judged  sigm/icant  when  th*  chanc*  of  occurrence  of 
euch  a  difference  is,  under  the  hypothesis  of  a  coason  parent  population,  below  an  assigned 
valu*.  Th*  possibility  of  this  relationship  Is  consequently  dlealseed. 

The  ehsncw  of  the  occurrence  of  a  dlf forme*  holnw  which  It  I*  decided  that  a  cnaaon 
parent  population  nay  he  discounted  I*  tensed  the  level  of  a ipnif trance.  For  essspls.  a 
9  per  cent  level  of  significance  Invlle*  that  the  hypothesis  of  a  cosaon  parent  population 
will  be  rejected  unless  the  observed  difference  has  *  greater  than  on*  chance  in  twenty  of 
occur! lag  under  this  hypothesis. 


*(»l 

Voriatt  *  *  F  (x) 

FIGURE  5  NORMAL  FREQUENCY  DISTRIBUTION 


FIGURE  4  NORMAL  PROBABILITY  CURVE 

APPENDIX  A. 1 

PLOTT1NO  POSITION  OP  VARIATE  ON  PROBASILITT  (CALI 


A.  1  INTRODUCTION 

Table  A.  1  glvea  plotting  posltlona  of  the  eerlateon  tho  probability  eeale,  (1-P(x>)  >  100. 
(or  Maples  elzee  10  «  n  <  90  . 

The  raluee  art  obtained  (m  (ha  ralatlooahlp, 

1  -  P(x)  =  l - —  . 

n  ♦  l 

which  though  not  tract  la  equally  appropriate  to  both  Nonal  and  extreee-valoe  dlatrlbatlooa. 

DERIVATION 
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Fatigue  testing  and  the  analysis  of  resalte.  Ptrxaaoo  Praaa. 
Oxford.  1961. 
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1.  NOTATION 


APPENDIX  B 

THE  ANALYSIS  OF  NORMALLY  DISTRIBUTED  DATA 
(Item  68014) 


« 


K 


P(x) 

p(x) 

i 

*<o> 


“(A) 

“(a) 


X 

*0 

X 

X 

*<r> 

a 

M 

a 

a. 


correction  factor  for  bias  of  eat  inn  ted  nrluet  of  population 


aunbor  of  ataadard  derlatiooa  (<?t)  between  ample  aeaa  and  a  percentile  of 
population  corraapondlnf  to  a  confidence  level  a 

order  nunber 

ajnber  of  obeervetloaa 

proportion  of  total  population  havlnf  valuea  leaa  than  a  (Ivan  value  of  x 
relative  frequency  of  occurrence  of  x 
(100  +  d)/J 
(100  -  CO/2 

atandard  deviation  of  ample 

nunber  of  etandard  deviations  (<ra)  between  ample  nean  and  nean  of  population 
corraapondlnf  to  a  confidence  level  a 

nunber  of  standard  deviations  (trt)  between  percentile  and  estlaated  nean  of 
population 

factor  proportional  to  deviation  of  aaaple  percentile  fron  population  percentile 
corraapondlnf  to  a  confidence  level  a 

randan  variable 

lower  Halt  of  X 

variate  F(X) 

nean  of  aaaple 

percentile 

confidence  level 

nean  of  population 

estlaate  of  nean  of  population  fron  ample 
atandard  deviation  of  population 

unbiased  satinets  of  atandard  deviation  of  population 
atandard  deviation  of  amplinf  distribution  of  aeane  a/Vn 


2.  INThOOUCTION 

This  Data  Sheet  fives  Intonation  on  the  use  of  the  Nonal  or  Gaussian  distribution,  with 
particular  reference  to  the  analysis  of  fatifue  results.  Nethods  of  estlaatlnf  the  nean,  the 
atandard  deviation  and  percentile  valuea  of  a  population  fron  a  ample  of  that  population  ara 
-■resented  on  the  aesuaptlon  that  the  distribution  of  the  population  la  boreal. 

flaure  1  shoes  the  relative  frequency  of  occurrence  and  the  emulative  probability  of  x  , 
where  x  has  a  Norasl  distribution.  Data  which  do  not  Initially  confora  to  a  Nonal  dis¬ 
tribution  nay  reduce  to  that  character  upon  suitable  tranaforaation  e.f.  x  -  F(X)  x  lot  X 
or  x  x  F(X)  x  lof  lot  X  or  x  x  f(X>  =  X"  .  In  the  analysis  of  fatlsus  data  lofarithalc 
trace  fore at  1 oca  are  often  used  to  nonanllae  the  results. 

A  further  tranaforaation,  a  =  lof  ( X  -  X0)  ,  la  applicable  when  the  distribution  of  the 
variate  lof  X  haa  a  finite  lower  Halt.  However,  eetlastlon  of  X0  la  the  aanner  described 
In  Iten  No. <3013  for  the  felbull  distribution  does  sot  five  satisfactory  results  for  the 
Nonaal  font  and  at  present  no  alternative  nethod  Is  available.  Therefore  in  the  analysis 
of  hlfh  or  low  probabilities  when  a  finite  lower  llnlt  la  suspected,  other  dietrloutloas 
(see  Itm  No. 33013)  any  be  nore  appropriate. 


1.  (STINATE3  OP  POOPEallCS  OP  POPULATION  PUN  8MPLS 


3.1  Falat  Eotlsato* 

3.1.1  tatrlcil  aulnU  «r  dtu 
Mem 

Tbo  mu  of  to*  oboorvatlono  i  say  bo  obtained  bp  tho  ftn«r«i  nuorlcal  oat  hod  glvso  la 
Itu  (to.  00013. 

A  point  ootiaats  of  tla  mu  of  tbo  population  In  thu  |1t«  bp  tbo  ralatlooahlp; 

Standard  deviation 

Tho  varlanco  of  tbo  obunrotlonn  f 2  up  bo  obtalnsd  bp  tbo  aotbod  (Ion  In  Itu  No.  00013. 
A  point  ootlnto  of  tbo  vorlaneo  of  tbo  population  in  than  glvoa  bp  o* 

HoooTor.  tbo  square  root  of  tblo  equation  giro*  n  bluod  ootlMtooftbo  otaodard  deviation 
of  tbo  populttlon  aod  In  ordor  to  allalnato  tbit  blan.  It  la  nocouarp  to  tpplp  a  eorroctloa 
tutor  u  follow: 

a  X.  . 

Phan  ft  >  101  K  nap  bo  taku  u  unity. 


••  •  sN 


Pleura  2  (lvoa  K  for  naapla  alxoa  2  $  n  <  101  . 


Pareentilat 

An  oatlaata  of  a  parcootllo  of  a  tonally  distributed  population  la  (Itu  to: 


*<p>  =  **.  +  a(,)aa 

oMro  raluoa  of  any  bo  obtnlnod  froa  Plguro  3  for  tbo  required  poreoataco  (l-P(x))  >100. 


3. 1.2  Aulyala  or  data  ulna  probability  paper 

Noraal  probability  paper  autor  grids  (figures  S  and  7)  aro  prorldod  altb  both  linear  ud 
logarlthatc  absclaaoo.  Tho  ordlnato.  1  -  P( >)  .  roproaonto  tho  probability  of  aurrlral  la 
tho  analysis  of  fatigue  data. 

Tbo  data,  listed  In  ascendlnf  order  of  aegnitude.  aro  plotted  *ltb  co-ordtnatos  X  . 
(1  -  a/(n  ♦  1))  >  100  shore  the  plotting  positions  (1  -  a/(n  *  1))  ■  100  are  glsen  la 
Table  AI.  Itu  No.  W013.  for  staple  sizes  10  5  n  J  50 .  If  the  points  lie  In  u  approxlMtely 
straight  line,  then  they  any  hare  been  draen  froa  a  nomally  distributed  population.  If 
hoae«ar  the  points  eshlblt  sons  definite  non-linearity,  transforutloo  of  the  data  nay  bo 
tried  or  soae  other  studard' distribution  considered. 

Assume  that  tho  distribution  of  values  of  sox  function  of  X  ,  F(X)  a  %  ,  laplles  a 
Noraal  population,  then  the  properties  of  that  population  aay  be  obtained  froa  the  best  fitted 
straight  line  through  the  data  in  the  suner  described  beloe. 

1/e  an 

An  estlaute  of  the  aeon  of  the  population  is  given  by  tbs  aedlan  value  of  the  oburvatlons 
or  the  fiftieth  percentile  x(J0)  ,  l.e.  the  value  of  x  corresponding  to  (1-P(s>)  >  100-30. 

St'trvlard  Jrvuitlun 

An  unbiased  estlsate  of  the  standard  devistionof  the  population  is  given  by  tho  difference 
betveen  the  aesn  ami  the  percentile  X|ls  t)  (or  since  the  distribution  is 

syaaetrlcsl), 

l.e.  <7,  =  M,  -  • 

Percent  i  Jest 

An  estimate  of  the  percentile  of  the  population  la  tho  value  of  x  corresponding 

to  tha  desired  percentage  on  the  1  -  P(x )  axis. 

3.2  EstlmCes  with  Specified  Confidence 
Venn 

It  can  be  shorn  that  «lth  a  given  confidence  level  a  ,  the  value  of  *111  He  In  the 
Interval  bounded  by  the  llaita. 


/ 


Figure  4  njvei  polled  ap.  ’ll  M  I  fix  variout  values  of  a. 


Stantlard  deviation 

111*  Halt*  within  arltlch  the  ratio  a/of  eu  be  expected  to  lie  elth  e  liven  confidence 
level  a  ere; 


100  e  a  100  -  J 

*ii  s  — r, —  •  “d  ■'« 1  — J —  • 

Pleur#  5  (lw«  amt  plotted  «a*|n*t  n  -  1  . 

Percent iles  9 

It  is  often  of  particular  interest  in  the  analysis  of  fatigue  results  to  estimate  the  percentile  life  or  endurance 
for  extremely  low  proportions  of  specimen  failure,  that  is,  for  a  high  probability  of  survival,  with  a  given  level  of 
confidence. 

Accordingly  the  value  of  x{p) ,  above  which  there  is  a  confidence  level  a  that  [(1  -  P(x))  x  100)  percent 
of  the  population  will  survive,  is  given  by 

*(,)  s  M,  +  . 


“<P>  +  “(a) 


);  “  • 


1  -  «(0)/2(«  -  1) 


The  factors  u^p)  and  u(a)  may  be  read  directly  from  Figure  3  for  the  appropriate  values  of 
1  -  />(*)  and  a  . 


4.  DERIVATION 


The  expressions: 


1.  HALD,  A. 


2.  DIXON.  R.J. 
MASSEY,  r.J. 

3.  PEARSON,  E.S. 
HARTLEY.  H.0. 


,  .  1 _  1  f*  -  M  1  2 

pm  =  if  J.i|i^rL 

'  oVvt  J.m  2  |  a 


.Statistical  theory  with  engineering  applications.  J. Wiley. 
New  York.  1952. 

Introduction  to  statistical  analysis.  McGraw-Hill,  New  York, 
Third  edition,  1969. 

fticm>  trika  tab  let  for  statist  ic  ions.  Vol.  1.  Cantor id* e  University 
Press,  1962. 
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FIGURE  7.  NO 
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5.  ADDENDUM 


Section  2  of  this  Item  notes  that  in  some  cases  distributions  other  than  the  normal  distribution  may  be  more  appropriate. 
Item  No.  6801 S  deals  with  the  analysis  of  data  that  conform  to  an  extreme-value  distribution  and  provides  master  grids 
(Figures  2  and  3  of  that  Item)  parallel  to  the  Figures  6  and  7  of  this  Item.  If  Figure  6  or  7  of  this  Item  is  used  to 
analyse  data  that  in  reality  conform  to  an  extreme-value  distribution  t  curve  such  as  that  shown  on  the  accompanying 
Figure  A.l  will  result.  Such  a  curve  should  therefore  be  taken  to  indicate  that  the  extreme-value  distribution  is  more 
appropriate. 
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extreme  value  reaucei  vertete  y 


FIGURE  A.l 


APPENDIX  C 

THE  ANALYSIS  OF  DATA  CONFORMING 
TO  AN  EXTREME- VALUE  DISTRIBUTION 
(Itea  68015) 

1.  NOTATION 

6  ptruitir  of  distribution  defining  dispersion 

■  order  number 

n  qua  bar  of  observations 

P(x)  proportion  of  total  population  bavin!  valuaa  laaa  than  a  given  ralua  of  a 

p(x)  ralatlra  frequency  of  oecurrtne-  of  x 

X  randca  nrlabla 

X9  loaar  Halt  of  X 

x  aarlata  f(X) 

xm  characteristic  valua  of  x 

percentile 

y  raduead  aarlata 


t.  INTRODUCTION 

Tbla  Data  Sheet  ilvaa  Information  oo  tba  uaa  of  extreaa-value  dlatrlbutloaa  with  particular 
rafaranea  to  tha  analysis  of  fatlaua  anduranea.  Eatlaataa  of  t  ,  xm  .  X0  and  x(>)  of  a 
population  ara  aadc  froa  a  (raphlcal  analysis  of  a  aaapla  draan  froa  that  population  oo  tha 
aaauaptlaa  that  tha  population  haa  aa  aitraaa-aalua  dlatrlbutloa. 

Pleura  1  ahoaa  tha  ralatlaa  frequency  of  occurranca  and  tha  cuaulatlaa  probability  of  x  , 
ahara  x  haa  an  extrane-value  dlatrlbutloa.  Data  ahtch  do  not  Initially  confora  to  an 
extreaa-value  dlatrlbutlon  a ay  raduca  to  that  character  upon  aultahla  tranaforaatlon  a.|. 
x  x  HX)  x  log  X  or  xx  P(X)  x  log  log  X  or  x  x  F(X)  =  X*  .  In  tha  analyala  of  fatigue 
data,  log  tranaforaatlona  ara  often  uaed. 

Tha  felbull  dlatrlbutlon  la  a  derivative  of  tha  haalo  eitrene-veiue  dlatrlbutlon  aatlafying 
tha  condition  that  X0  )  0  .  In  tha  event  that  X9  x  0  tha  aeibull  dlatrlbutloa  fmctlon 
raaucaa  to  that  of  tha  baalc  extrena-value  function  of  log Jt  . 

It  la  auggaated  therefore  that  tha  gelbull  dlatrlbutlon  glvaa  a  eloaar  approilaatlon  to 
tha  probable  behaviour  -if  fatigue  apaclaana  than  do  other  atandard  dlatrlbutloaa,  and  tbla 
theory  adnita  the  poaalbla  eilatence  of  nlnlaun  Ilvaa  and  fatigue  Unite. 

3.  ANA1.Y8I3  OP  DATA  UMNO  PnOBARILITT  PAPC« 

Eitreoa-value  probability  paper  aaater  grlda  (Plguraa  2  and  3)  ara  provided  vlth  both 
linear  and  loaarlthalc  abscissas.  in  tha  analyala  of  fatigue  data,  theordlnete  (1-P(*»  a  100 
la  tha  probability  of  aurvlval. 

Tha  data,  tinted  In  aacendlng  order  of  aagnitudo,  ara  plotted  alth  co-ordtnataa  X  , 
(I  -  e/(n  *  1))  v  100  ahara  tha  plotting  poaltlona  (1  -  a/(n  ♦  1>)  <  100  for  aaapla  alzaa 
10  $  n  i  50  arc  given  In  Table  Al,  Itea  No. 68013.  If  the  polnte  He  In  an  approilaately 
atraight  line,  they  any  have  bean  draan  froa  a  population  having  an  eitreoa-value  dlatrlbutlon. 
Tha  loaar  Halt  of  thin  dlatrlbutlon  aill  be  either  X0  x  -u>  if  tha  variate  la  X  .  or 
,f0  x  o  If  tha  vartate  la  log  X  .  The  tao  paraaetera  <a  and  6  defining  tha  dlatrlbutlon 
nay  be  obtained  froa  the  beat  fitted  atraight  line  through  tha  data. 

A  point  eatlaate  of  b  la  given  by  tha  rata  of  change  of  tha  reduced  variate  y  (obtainable 
froa  tha  Plgure)  alth  a  . 

A  point  eatlaate  of  tha  chareoterietle  value  of  tha  population  xm  In  tha  value  of  x 
eorreepoodlng  to  tha  percentage  (1  -  P(x))  <  100  x  3d. g  . 

Tha  percentllee  of  tha  dlatrlbutlon  mx  be  read  aa  tha  valua  of  x  eorreepondlng  to  tha 
repaired  percentage  (l  -  P( x))  <  100  .  than  percentagee  greater  than  M.t  ara  ot  latereet, 
tha  one  of  Table  1  facllltmtea  tha  nacaaaary  extrapolation.  Other  valuaa  not  tabulated  aa y 
ha  obtained  by  tha  uaa  of  tha  aquation  for  1  -  P(x)  glvao  la  Seetioa  4  of  tbla  Itaa. 

If  tha  plotted  data  exhibit  a  definite  non-linearity,  tranaforaatlon  of  tha  data  ear  ha 
triad  or  aoaa  other  atandard  dlatrlbutlon  eoneldered.  In  particular,'  If  tha  variate  la 
x  x  log  X  and  tha  point!  11a  io  a  curve  concave  wards  and  aeyaptotle  to  aoaa  value  of  tha 
abecisaa  than  tha  lapllcatloo  la  that  tha  pareat  population  conforaa  to  tba  felbull  dlatrlbu¬ 
tloa  having  a  lover  Halt  of  X  equal  to  tha  valua  of  X  at  (1  -  P(x))  »  100  x  ioo  . 
A  point  eatlaate  of  T0  aay  therefore  be  aada  by  lnepectlon. 

It  *111  than  be  necessary  to  replot  tha  data  alth  a  revised  variate  log  (X  -  X£  .  If  a 
atraight  Una  la  obtained,  tha  eatlaate  of  -Is  la  approilaately  correct.  If  not,  successive 
eatlaataa  of  X0  aay  be  aada  until  a  linear  plot  la  obtained.  Tha  rsasinlng  paraaetera  of 
tha  dlatrlbutlon  and  b  aay  be  determined  In  exactly  tha  teas  aay  aa  for  tha  basic 
extraae-value  distribution. 


4.  DCtlVATION 

ftr  th.  buic  {lit  allot)  .itro«-»clu«  distribution; 

1  -  p(*>  =  b  up  (y  -  •>)  , 

lad  1  -  P(x)  *  up  (-1?)  ■ 

\ 

n«n  y  -  -H*  -  *,)  . 


nr  th«  dlball  (3rd  oil  lest  utnai-vilu.)  dlitrlbatlon; 


•ad 

ituri 


1  -  p(x)  s 


y  - 


1  -  P(x)  =  up  (-tf)  , 
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SUMMARY 

Evaluation  of  stress-corrosion  cracking  behavior  is  described  in  terms  of  stress  and 
stress  intensity  parameters.  Typical  values  are  given  for  commonly  used  airframe 
materials.  Incorporation  of  the  data  into  damage  tolerance  analysis  is  discussed. 

9.1  INTRODUCTION 

Stress-corrosion  cracking  (SCC)  denotes  a  cracking  process  caused  by  the  conjoint 
action  of  sustained  stress  and  a  corrodent.  Depending  upon  the  material,  SCC  can  occur 
in  a  variety  of  corrodents  including  such  ubiquitous  environments  as  moist  air. 

Many  airframe  components  have  fractured  as  a  result  of  SCC;  indeed,  SCC  has  been  a 
cause  of  failures  in  essentially  every  branch  of  industry.  Table  1  summarizes  the  causes 
of  failure  in  a  number  of  landing  gear  components  from  several  military  airplanes,  and 
highlights  the  fact  that  SCC  failures  are  far  from  being  an  exception.  The  purpose  of 
this  paper  is  to  describe  how  SCC  susceptibility  can  be  characterized  in  terms  of  stress 
and  stress  intensity,  and  to  show  how  these  can  be  incorporated  into  the  damage  tolerance 
t  analysis  of  airframe  structures. 

9.2  SERVICE  FAILURES 

Cracking  of  high-strength  aluminum  alloys  has  been,  by  far,  the  most  frequently 
occurring  SCC  problem  in  airframes.  The  majority  of  failures  have  been  in  7079-T6 
followed  by  7075-T6,  but  cracking  has  also  been  encountered  with  2014-T6  and  2024-T3. 
Crack  propagation  usually  occurs  in  the  short  transverse  direction  because  of  it3  much 
greater  sensitivity  to  SCC.  High-strength  steel  (tensile  strength  exceeding  200  ksi) 
components  have  also  failed  by  SCC;  approximately  50*  of  steel  landing  gear  failures  have 
been  attributed  to  this  type  of  cracking  (ref.  1).  All  types  of  low-alloy  steels  (4340, 
300M,  4340M,  4330V,  D6AC ,  and  Hll)  have  fractured  in  this  way.  Some  fractures  have  also 
been  experienced  with  maraging  steel  and  with  precipitation-hardening  stainless  steels 
(17-7PH,  PH15-7MO,  17-4PH,  and  PH13-8MO)  heat  treated  to  their  maximum  strength  levels. 
Magnesium  alloys,  principally  AZ91-T6  and  AZ80-AF,  have  fractured  by  SCC.  All  these 
failures  have  occurred  in  the  environments  normally  encountered  by  airframes.  Titanium 
alloys  have  not  cracked  under  these  conditions,  but  SCC  has  been  experienced  in  specific 
environments  such  as  methanol  and  liquid  N2O4,  and  in  contact  with  solid  cadmium  (refs. 
2-4)  . 

The  sources  of  stresses  causing  propagation  of  SCC  cracks  in  aluminum  alloys  are 
primarily  residual  tension  stresses,  from  heat  treatment  and  fabrication,  and  assembly 
stresses  (fit-up,  improper  shimming,  and  bushing  installation) .  Stresses  due  to  sus¬ 
tained  applied  loads  also  have  caused  failures,  but  to  a  lesser  extent.  In  the  case  of 
high-strength  steels,  service-induced  stresses  are  the  main  cause  of  failure  with 
residual  and  assembly  stresses  as  smaller  factors. 

Stress  risers  (holes,  sharp  radii)  and  corrosion  pits  have  been  the  main  initiation 
sites  for  SCC  in  both  aluminum  and  steel  alloys.  Improper  machining,  leading  to  the 
formation  of  untempered  martensite,  is  a  major  cause  of  SCC  in  steels,  particularly  in 
reworked  components.  Fatigue  cracks  also  have  provided  sites  for  SCC  in  both  types  of 
materials. 

A  number  of  remedies  have  been  adopted  to  minimize  the  risk  of  SCC.  They  include  the 
following: 

o  Use  of  alloys  with  greater  resistance  to  SCC— overaging  of  7075  to  the  T73 

condition  and  the  recently  developed  7049-T73,  7050-T736,  and  7175-T736  alloys 
provide  good  SCC  resistance.  Replacement  of  4340  with  300M/4340M  also  has  led  to 
improvements  in  service  behavior  (refs.  4  and  5). 

o  Careful  design  practice— limiting  the  stress  developed  by  minimizing  assembly  and 
fit-up  stresses  by  control  of  tolerances  and  shimming,  and  by  control  of  grain 
flow. 

o  Shot  peening  to  introduce  residual  surface  compressive  stresses  (SCC  does  not 
occur  under  compressive  stress) . 

o  Surface  protection  by  cadmium  plating  (of  steel)  and  painting. 

Most  of  the  above  were  reviewed  in  detail  in  previous  AGARD  publications  (refs.  6 
and  7)  . 
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9.3  SCC  TESTING 

9.3.1  Smooth  Specimen  Test* 

The  term  'saooth*  speciaens  refers  to  test  speclaens  that  do  not  contain  any  inten¬ 
tionally  Introduced  notches  or  precracks.  Test  speciaens  are  loaded  (in  tension  or 
bend'ng)  to  a  series  of  stress  levels  and  exposed  to  the  corrosive  environment  until 
failure  occurs  or  an  arbitrary  time  liait  is  reached.  Tlae  to  failure  is  plotted  as  a 
function  of  the  applied  stress,  as  illustrated  in  figure  1.  A  threshold  stress  can  be 
defined  below  which  no  SCC  failures  occur.  This  threshold  stress  depends  upon  the 
environment,  alloy,  heat  treatment,  grain  direction,  product  fora,  and  testing  time. 
Figure  1  clearly  illustrates  the  influence  of  grain  direction  on  aluminum  alloys  (ref. 

8) .  The  most  widely  used  testing  procedure  involves  immersion  in  3. St  sodium  chloride 
solution)  alternate  immersion  is  often  used  for  aluminum  alloys.  Test  times  usually 
extend  from  about  30  to  180  days  in  aggressive  environments.  In  less  severe  corrodents, 
such  as  industrial  environments,  testing  times  of  not  less  than  3  years  are  required. 

A  number  of  problems  are  associated  with  smooth  specimen  testing.  A  large  number  of 
specimens  are  required  to  establish  the  threshold  stress  with  a  high  degree  of  confidence 
because  of  the  scatter  Inherent  in  smooth  specimen  testing.  The  data  cannot  account  for 
SCS  susceptibility  in  the  presence  of  a  crack)  titanium  alloys  are  resistant  to  SCC  when 
tested  as  saooth  specimens,  but  may  be  very  susceptible  when  precracked.  In  spite  of 
these  shortcomings,  such  data  have  been  widely  used  in  the  airframe  industry  to  reduce 
the  risk  of  SCC,  the  aim  being  to  keep  the  stress  level  below  the  threshold. 

9.3.2  Fracture  Mechanics  Tests 

In  recent  years,  tests  with  smooth  specimens  have  been  supplemented  with  tests  that 
were  designed  to  measure  stress-corrosion  resistance  in  the  presence  of  a  precrack  One 
of  the  justifications  for  this  is  that  SCC  service  failures  often  originate  from  stress 
risers  or  flaws  (e.g.,  notches,  fatigue  cracks,  localized  corrosion).  A  measure  of  the 
resistance  to  SCC  of  an  alloy  (or  structure)  under  stress  with  a  crack  present  is  given 
by  the  threshold  stress  intensity  Kjscc»  below  which  SCC  does  not  occur.  This  can  be 
determined  by  sustained  loading  of  fatigue  precracked  speciaens  at  different  stress 
intensity  levels  in  the  corrodent.  Speciaens  should  be  exposed  to  the  corrodent  prior  to 
loading)  otherwise  oxidation  at  the  crack  tip  can  give  misleading  results.  In  speciaens 
loaded  above  Kiscc*  the  stress-corrosion  crack  grows  until  the  stress  intensity  reaches 
KIC  (°r  Kc>  and  the  specimen  breaks.  Below  Kiscc>  no  stress-corrosion  cracking  occurs. 

By  plotting  the  Initial  stress  intensity  level  against  time  to  failure,  the  threshold 
KISCC  can  be  established  (fig.  2). 

The  growth  rate  of  stress-corrosion  cracks  (above  Kiscc)  is  controlled  by  the  stress 
intensity  factor.  Accordingly,  the  SCC  behavior  can  be  described  by  a  curve  of  crack 
grotth  rate  versus  K,  as  illustrated  schematically  in  figure  3.  This  type  of  curve  is 
found  with  many  material/environment  combinations  (refs.  5,  8,  9,  and  10)  and  generally 
exhibits  three  regions.  In  region  I,  at  stress  intensities  close  to  KjscC'  the  crack 
growth  rate  is  strongly  K  dependent.  At  intermediate  stress  intensities,  region  II,  the 
crack  growth  rate  is  independent  of  the  applied  stress  intensity,  i.e.,  the  curve 
exhibits  a  plateau.  At  relatively  high  stress  intensities,  the  crack  growth  rate  may 
again  be  K  dependent,  region  III.  All  three  regions  have  been  observed  in  high-strength 
steels,  but  in  commercial  high-strength  aluminum  alloys,  generally  only  regions  I  and  II 
have  been  reported.  Region  1  is  essentially  absent  in  titanium  alloys.. 

0 

Typical  curves  are  shown  in  figure  4  for  two  high-strength  aluminum  alloys.  These 
data  represent  the  results  of  many  tests  with  specimens  from  several  different  plates  of 
the  alloys.  The  data  are  in  good  agreement  with  test  results  for  different  conditions  of 
loading,  net  section  stress,  crack  length,  and  specimen  shapes,  thus  indicating  that  the 
SCC  growth  rate  correlates  well  with  the  crack  tip  stress  intensity  if  the  metallurgical 
and  environmental  parameters  are  kept  constant.  The  scatter  indicated  in  figure  4  is 
reduced  if  specimens  from  only  one  plate  are  used.  The  shape  of  the  curves  is  charac¬ 
teristic  of  most  aluminum  alloys. 

A  variety  of  types  of  precracked  specimen  can  be  used  to  determine  the  growth  rate 

and/or  Kiscc-  There  are  illustrated  in  figure  S  and  are  classified  with  respect  to  the 

relationship  between  the  stress  intensity  factor  Ki  and  crack  extension  (ref.  11). 
Depending  on  the  method  of  loading  and/or  the  geometry  of  the  test  specimen,  the  stress 
intensity  factor  can  be  made  to  increase,  decrease,  or  remain  constant  as  the  crack 
length  increases.  Details  of  testing  procedures  are  given  in  refs.  11  and  12. 

Although  the  fracture  mechanics  approach  overcomes  many  of  the  disadvantages  assoc¬ 
iated  with  smooth  specimen  (threshold  stress)  teats,  it  is  not  devoid  of  problems.  In 
particular,  the  testing  time  required  to  establish  a  true  threshold  Rjgcc  can  be  very 
long  and  still  have  an  element  of  uncertainty  (i.e.,  would  longer  times  lower  the 
value?).  There  are  two  reasons  for  this.  First,  the  crack  growth  may  be  very  slow, 
particularly  in  region  I  of  the  crack  growth-K  curve  (fig.  3),  so  that  long  testing  times 
can  be  required  to  break  a  specimen  or  to  define  region  I.  This  is  observed  with  alum¬ 
inum  alloys  and  some  steels.  One  approach  is  to  define  the  threshold  at  a  selected 

growth  rate)  for  example,  1  x  10-5  in. /hour  has  been  used  for  aluminum  alloys  (ref.  8). 
Secondly,  some  steels  exhibit  an  extensive  Incubation  period  before  SCC  growth  initiates 
from  the  precrack.  The  incubation  period  increases  with  decreasing  initial  stress 
Intensity  level,  usually  with  a  reduction  in  strength  level  (refs.  13  and  14).  Titanium 


alloys  do  not  present  a  problem,  as  the  incubation  period  is  negligible  (as  with  aluainua 
alloys)  and  the  SCC  crack  grows  rapidly  or  not  at  all. 

9.3.3  Test  Environment 

Ideally,  the  test  environment  should  be  fully  representative  of  the  service  condi¬ 
tions.  Both  chemical  composition  and  temperature  should  be  accounted  for.  In  the  case 
of  pressure  vessels  containing  gases,  the  pressure  should  be  duplicated  since  this  can 
have  a  significant  effect  on  Kxscc-  furthermore,  the  possibility  of  transients  in  these 
variables  needs  to  be  considered;  the  effect  of  locally  high  concentration  buildup  due  to 
evaporation  or  other  physio-chemical  effects  should  not  be  ignored.  In  addition,  the 
effect  of  fluids  used  during  processing  (e.g.,  cutting,  degreasing)  and  NDI  should  be 
evaluated . 

Selection  of  test  environment (s)  that  adequately  simulate  all  the  conditions  exper¬ 
ienced  by  the  airframe  presents  some  difficulties  because  of  the  wide  variety  of  condi¬ 
tions  that  can  be  encountered.  Internal  environments  include  jet  fuel,  hydraulic  fluid, 
and  water  containing  various  chemicals  (chlorides,  chromates)  of  varying  concentrations. 
External  environments  include  the  whole  gamut  of  normal  atmospheres,  including  rural 
marine  and  industrial,  humidities  from  0  to  100%,  and  a  wide  regime  of  temperature 
(approximately  -50  to  100°C) . 

The  importance  of  accurately  simulating  these  environments  has  been  recognized  and 
data  are  new  being  reported  for  some  of  the  above,  including  sump  tank  water,  cleaning 
fluids,  and  JP4  fuel.  Sump  tank  water,  having  the  composition  shown  in  table  2,  is 
representative  of  the  fluids  found  in  airplane  sumps.  This  was  used  as  the  test  environ¬ 
ment  for  the  determination  of  Kiscc  values  used  in  the  damage  tolerance  analysis  of  the 
B1  and  F16  airplanes.  Available  data  (ref.  15)  indicate  that  the  Kiscc  values  measured 
in  sump  tank  water  are  generally  comparable  to  those  in  3.5%  sodium  chloride  solution  for 
aluminum  and  steel  alloys,  but  can  be  higher  in  the  case  of  titanium  alloys. 

Very  long  testing  times  are  required  to  establish  a  threshold  stress  intensity  in  air. 
Fortunately,  a  number  of  tests  have  shown  that  Xxscc  raeasured  in  3.5%  sodium  chloride 
solution,  which  can  be  determined  faster,  usually  provides  a  reasonable  correlation  with 
the  threshold  measured  in  a  marine  atmosphere  for  most  airframe  materials  (refs.  IS  and 
17) .  precipitation-hardening  stainless  steels  are  an  exception  in  that  a  20%  sodium 
chloride  solution  is  required  to  provide  the  correlation,  probably  because  of  the  corro¬ 
sion  resistance  of  these  alloys. 

This  correlation  does  not  hold  for  SCC  growth  rates.  Table  3  shows  that  the  plateau 
growth  rate  for  aluminum  alloys  in  3.5%  sodium  chloride  solution  is  5-10  times  faster 
than  in  corrosive  air  environments;  for  precipitation-hardening  steels  and  titanium 
alloys,  there  can  be  a  10-100  times  difference  in  rates  (refs.  17  and  18).  Furthermore, 
the  growth  rate  is  sensitive  to  the  type  of  air  environment  (table  3).  This  is  due,  in 
part,  to  differences  in  the  relative  humidity;  as  shown  in  figure  6,  the  growth  rate  can 
be  quite  dependent  on  RH.  The  presence  of  cnlorldes  accelerates  the  growth  rate  in 
aluminum  alloys,  the  extent  depending  upon  the  specific  alloy.  On  the  other  hand,  in 
some  high-strength  steels  the  cracking  rate  is  faster  in  the  absence  of  chlorides  (refs. 
13  and  19) . 

Based  upon  the  above  considerations  it  appears  that,  in  general,  3.5%  sodium  chloride 
solution  or  sump  tank  water  provide  a  realistic  aqueous  environment  for  the  determination 
of  Kxscc  for  airframe  materials.  For  crack  growth  rate  measurement,  sump  tank  water  is 
probably  more  representative  of  severe  service  conditions  than  the  more  aggressive  3.5% 
sodium  chloride  solution. 

9.4  SCC  DATA 

Threshold  stress  and  Ktscc  data  for  high-strength  aluminum  alloys  are  given  in  table 
4;  plateau  crack  growth  rates  are  presented  in  table  5.  The  alloys  that  have  exhibited 
SCC  in  service  (i.e.,  2014-T6,  2024-T3,  7075-T6,  and  7079-T6)  are  characterized  by  low 
threshold  stress  and  Kxscc  values.  Much  higher  values  are  recorded  by  the  highly  resis¬ 
tant  alloys,  such  as  7075-T73,  that  also  exhibit  considerably  slower  growth  rates. 

Similar  data  for  high-strength  steels  are  given  in  tables  6-8.  The  main  factor  con¬ 
trolling  Kxscc  ln  steels  is  the  strength  level.  Above  220  ksi  tensile  strength,  most 
alloys  have  low  Kxscc  values.  Even  the  recently  developed  AF1410  alloy,  which  has  par¬ 
ticularly  high  fracture  toughness,  is  little  better  with  respect  to  Kiscc»  although  the 
growth  rate  is  slower  than  in  competitive  steels.  Lowering  the  strength  level  below  200 
ksi  produces  significant  improvements  in  SCC  resistance.  It  should  be  noted  that  contact 
with  a  dissimilar  metal  (e.g.,  aluminum)  can  markedly  reduce  the  Kxscc  value, 
particularly  for  the  precipitation-hardening  stainless  steels  (ref.  4). 

Stress  corrosion  is  difficult  to  induce  in  smooth  specimens  of  titanium  alloys.  How¬ 
ever,  as  indicated  in  table  8,  some  alloys  are  quite  susceptible  to  SCC  in  the  presence 
of  a  precrack.  Table  8  illustrates  the  wide  range  of  Kxscc  values  that  can  be  obtained 
with  titanium  alloys  according  to  their  chemical  composition  and  heat  treatment.  Plateau 
crack  growth  rates  are  usually  within  the  range  of  1-10  in. /hour  (ref.  10). 

High-strength  magnesium  alloys  typically  have  Kiscc  values  of  7  ksi  in.1/2  in  sodium 
chloride  solution  (ref.  9).  The  nickel-base  alloy  INCO  718  has  high  resistance  to  SCC  in 


sump  tank  water,  Kiscc  b«ing  approximately  equal  to  Kjc  (rat.  15).  Some  other  precipi¬ 
tation-hardening  nickel-baae  alloys,  however,  have  ahown  much  greater  suaceptlbility  in 
water  (ref.  20) . 

Little  information  is  available  on  the  influence  ol  thickneaa  constraint  on  the  thresh¬ 
old  stress  intensity.  Table  8  shows  that  the  effect  can  be  considerable,  the  threshold 
for  0.05/0.06-inch  sheets  of  either  T1-6A1-4V  or  Tl-BAl-lHo-lV  being  much  greater  than  at 
0.5  inch  thickness.  However,  SCC  problems  are  usually  confined  to  heavy  section  compon¬ 
ents  (forgings,  extrusions)  and  thus  are  generally  limited  to  cases  where  plane-strain 
conditions  prevail. 

The  reader  is  cautioned  that  the  typical  data  given  in  tables  3-8  are  based  upon  very 
limited  information  for  most  materials.  For  critical  applications,  further  testing 
should  be  considered. 

9.5  DESIGN  APPLICATION 

9.5.1  Combination  of  Smooth  Specimen  and  Fracture  Mechanics  Data 

While  the  designer  would  obviously  prefer  to  use  an  alloy  that  is  fully  resistant  to 
SCC  in  the  service  environment,  other  constraints  on  material  selection  such  as  strength, 
availability,  and  cost  can  dictate  the  use  of  a  material  that  la  susceptible  to  SCC. 
Therefore,  we  need  to  consider  how  the  SCC  data  given  in  section  9.4  can  be  used  to 
avoid  failure. 

A  prime  requirement  is  to  check  that  the  sustained  stress  (applied  stress  +  residual 
and  assembly  stress)  does  not  exceed  the  smooth  threshold  stress  for  the  relevant  environ¬ 
ment^)  .  The  magnitude  of  the  residual  stresses  present  can  be  experimentally  determined 
by  X-ray  or  strain-gage  techniques,  or  based  upon  judgment  with  respect  to  the  component 
configuration,  and  heat  treatment.  Assembly  stresses  can  be  estimated  from  the  build-up 
of  tolerances,  or  the  interference  fit,  in  a  joint. 

The  parameter  Kxgcc  defines  the  minimum  conditions  of  stress  (o)  and  crack  slxe  (a) 
that  will  cause  SCC  according  to  the  following  relationship! 

Kiscc  -  °  Or*)1/2  y  (l) 

where  Y  depends  upon  the  crack  geometry  and  boundary  conditions.  A  typical  relationship, 
for  a  long,  thin  surface  flaw  in  7079-T6  plate,  is  shown  in  figure  7.  This  indicates, 
for  example,  that  lnthe  presence  of  a  0.001- inch-deep  crack,  a  tension  stress  of  20  ksi 
can  be  sustained  indefinitely.  However,  smooth  specimens  loaded  to  this  stress  level 
fail  within  a  short  time,  the  threshold  stress  being  8  ksi.  This  is  because  the  fracture 
mechanics  analysis  does  not  take  into  account  the  fact  that  cracks  can  initiate  in  the 
absence  of  defects,  for  example,  at  metallurgical  discontinuities.  Thus,  it  is  desirable 
to  combine  the  threshold  stress  and  Kxscc  data  into  a  single  diagram  that  describes  the 
SCC  resistance  in  the  presence  or  absence  of  a  precrack.  Figure  8  Illustrates  a  compos¬ 
ite  diagram  that  combines  these  data  for  7079-T6  and  defines  a  ‘safe*  region  for  the 
prevention  of  SCC.  Composite  diagrams  can  be  constructed  for  any  material  provided  Kiscc 
and  the  threshold  stress  are  known,  and  for  the  desired  crack  configuration  using  the 
appropriate  Y  factor. 

Composite  diagrams  for  several  aluminum  alloys  were  developed  in  reference  17  and  are 
given  in  figure  9.  These  point  out  the  superiority  of  the  highly  SCC  resistant  alloys 
that  have  become  available  in  recent  years.  Moreover,  figure  9  shows  that  the  transition 
from  stress-controlled  SCC  to  stress-intensity-controlled  SCC  occurs  at  quite  large  flaw 
sixes  for  these  resistant  alloys.  In  other  words,  for  small  flaw  sixes  the  SCC  resis¬ 
tance  is  determined  by  the  threshold  stress  and  not  Kxscci  the  use  of  Kxscc  alone  could 
lead  to  an  unrealistic  expectation  of  SCC  resistance. 

Steel  and  titanium  alloys  have  somewhat  different  characteristics.  These  alloys  have, 
in  general,  quite  high  threshold  stresses,  but  can  have  low  Kxscc  values.  Consequently, 
except  at  very  small  flaw  sixes,  the  SCC  behavior  is  controlled  by  Kxscc  rather  than  the 
threshold  stress  (fig.  10) . 

This  approach  was  used  to  assess  the  structural  integrity  of  a  primary  component  of 
the  Saturn  IB  space  vehicle  (ref.  21).  This  was  an  E-beam,  forged  from  7178-T6,  located 
in  the  thrust  support  structure.  Stress-corrosion  cracking  had  been  encountered  in  some 
forgings  due  to  residual  stresses,  and  it  was  necessary  to  determine  the  possible  extent 
of  cracking  and  resulting  structural  behavior  in  the  members  intended  for  service. 

The  method  for  predicting  the  potential  crack  sixe  is  shown  schematically  in  figure 
11.  The  solid  line  was  constructed  from  threshold  stress  and  Kxscc  data  for  7178-T6,  as 
described  above,  and  defines  the  stre3S-crack  length  conditions  for  SCC.  The  dotted  line 
depicts  a  typical  sustained  stress  profile  (assembly  and  residual  stresses  plotted 
against  E  beam  location) .  The  Intersection  of  the  two  lines  defines  the  maximum  possible 
extent  of  crack  growth,  since  at  longer  crack  lengths  the  sustained  stress  is  insuffi¬ 
cient  to  maintain  crack  growth  (i.e.,  the  stress  intensity  is  less  than  Kxscc)-  This- 
crack  length  was  then  compared  to  the  critical  crack  length  that  would  cause  failure  at 
the  design  stress  level.  Each  potential  crdcklng  site  was  analysed  in  this  way  and  an 
assessment  made  of  the  resulting  load-carrying  capability.  Based  upon  this,  certain 
restrictions  were  placed  on  the  conditions  for  vehicle  la>i.ich,  and  the  parts  were  used 
successfully. 


9.S.2 


Relevance  to  Specification  MIL-A-83444 


■  The  0SAF  specification  MIL-A-83444  (ref.  22)  recognizes  that  due  to  the  limitations  of 
HDI  procedures,  components  entering  service  can  contain  defects  or  crack-like  flaws. 

This  specification  defines  the  sizes  of  the  initial  flaws  to  be  considered  in  the  damage 
tolerance  analysis  according  to  the  method  of  qualification  (i.e.,  fail-safe  or  slow 
crack  growth — for  definitions  see  MIL-A-83444) ,  and  assumes  10G%  inspection  of  the  com¬ 
ponent  using  conventional  NDI  procedures.  These  initial  flaw  sizes  are  shown  in  figure 
12. 


To  avoid  SCC  crack  growth  from  these  flaws,  the  components  must  be  designed  to  operate 
at  a  sustained  stress  level  (applied  stress  +  residual  stress  and  assembly  stresses) 
lower  than  0SCC>  which  is  given  by: 


0 

SCC 


^  X  SCg__ 
Y(na()  1/2 


(2) 


where  aj,  is  defined  in  figure  12,  and  provided  of  course  that  gCC  i*  less  than  the 
smooth  specimen  threshold  stress.  A  composite  diagram  (sec.  9.S.1,  constructed  for 
the  appropriate  flaw  configuration  and  material,  can  be  conveniently  used  for  this 
purpose.  An  example  is  shown  in  figure  10  for  titanium  6A1-4V  (STA)  and  indicates  that 
the  sustained  stress  level  should  not  exceed  90  ksi  for  safe  life  structure  containing 
a  0.05-inch-deep  surface  flaw.  The  minimum  level  of  Kiscc  that  would  be  required  at  a 
given  stress  level  also  can  be  established  from  equation  (2). 


In  principle,  one  could  allow  the  stress  level  to  exceed  gec  for  inspectable  struc¬ 
ture,  provided  that  integration  of  the  crack  growth-K  curve  demonstrates  that  the  time  to 
grew  from  the  initial  flaw  size  to  the  critical  flaw  size  sufficiently  exceeds  the  inspec¬ 
tion  interval.  However,  this  approach  cannot  be  recommended  because  of  the  uncertainties 
involved.  These  include  the  limited  amount  of  growth  rate  data  available,  and  accurate 
definition  of  the  service  environment  and  the  residual  stresses  present.  Furthermore, 
tables  5  and  8  show  that  the  growth  rate  in  many  high-strength  materials  exceeds  10“3 
in. /hour  in  sodium  chloride  solution.  This  corresponds  to  1  inch  of  growth  in  about  6 
weeks  and  would  require  an  impractically  high  frequency  of  inspection. 

As  noted  in  section  9.2  ,  stress-corrosion  crack  growth  initiated  from  fatigue  cracks 
has  been  found  in  service.  In  other  words,  crack  extension  to  the  critical  crack  length 
is  accelerated  by  SCC.  Consequently,  a  damage  tolerance  analysis  based  solely  upon 
fatigue  crack  growth  may  significantly  overestimate  the  component  life.  To  avoid  such  an 
event,  it  is  necessary  to  recognize  in  the  damage  tolerance  analysis  that  SCC  occurs 
under  a  steady  stress  and  that  for  in-flight  conditions  this  corresponds  to  the  lg  stress 
level  together  with  any  residual'/assembly  stresses.  While  the  rate  of  fatigue  crack 
growth,  da/dN,  can  be  accelerated  by  the  environment,  this  should  be  separately  accounted 
for  as  part  of  the  fatigue  crack  growth  analysis  (sec.  9.6  )  .  The  maximum  size  of  crack 
ac  that  cannot  be  exceeded  during  the  required  life  (or  inspection  interval)  is  given  by: 

*IC  ■  °xx  <i,ac)V2  y  (3) 

where  ®xx  is  the  maximum  stress  the  structure  must  be  capable  of  tolerating  and  depends 
upon  the  inspectability  level.  This  is  a  basic  requirement  of  damage  tolerance  analysis 
to  avoid  failure.  Thus,  to  prevent  SCC  at  any  crack  size  below  ac,  the  lg  stress  (<*ig) , 
including  the  residual  and  assembly  stresses,  should  be  less  than: 

&TSCC  ■  aly  <"«c>1/2  *  (4) 

It  follows  from  equations  (3)  and  (4)  that  SCC  can  be  prevented  when  the  following 
requirement  is  met: 

KlSCC  °lg 

-  >  —  (5) 

*IC  axx 

For  non  inspectable  safe  life  structure,  <*xx  is  equal  to  the  limit  load  (ctll)  so 
that  equation  (5)  can  be  written  ae: 

KlSCC  aig 

-  >  — ?  (6) 

*IC  °LL 

Such  an  analysis  was  conducted  as  part  of  the  damage  tolerance  analysis  for  the 
Fill  recovery  program  (ref.  23).  For  the  wing  pivot  fitting  lower  plate  fitting, 
fabricated  from  D6AC  steel  (220-240  ksi),  the  following  was  shown: 

Kiscc  *  i®  **1  in. 1/2  (in  water)  max.  °ig  »  23  ksi 

*IC  ”  82.5  ksi  in. 1/2  (at  +10°F)  max.  °n,  »  96.1  ksi 


i.e.,  0.276  >  0.239 


Hence,  SCC  was  not  expected  to  be  an  in-service  problem  with  this  component. 
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It  is  important  to  emphasize  that  tha  magnitude  of  <JXx  (••  defined  In  MIL-A-83444) 
depends  upon  tha  inspectabllity  laval.  For  example,  for  damage  that  can  ba  datactad  by 
walkaround  vlaual  Inspection,  tha  atructura  la  required  to  ba  abla  to  withstand  tha  aaxi- 
aua  atraaa  that  occure  onca  in  1000  flights,  or  in  tha  caaa  of  flight-evident  daaaga, 
this  is  raducad  to  onca  in  100  flights.  Thasa  Oxx  strass  levels  are  considerably  lass 
than  tha  liait  load  stress  (Ojj,).  Consequently,  for  thasa  strass  levels  the  dig/°xx 
ratio  will  ba  greater  than  alg/0T.L/  and  to  avoid  SCC,  tha  Eiscc/*lc  t#tio  will  have  to  ba 
correspondingly  larger  than  for  liait  load  capability.  w 

Tha  MXL-A-03444  specification  also  requires  that  whan  tha  priaary  crack  tarainatas  due 
to  structural  discontinuities,  or  alaaant  failure  in  fail-safe  atructura,  daaaga  aust  ba 
asauaed  to  exist  in  the  raaaining  structure.  Tha  degree  of  daaaga  to  ba  assuaed  depends 
upon  tha  design  concept  that  is  being  qualified.  Equation  (5)  can  ba  used  to  assure  that 
SCC  does  not  occur  during  crack  growth  froa  this  damage  in  the  reaaining  structure.  An 
iaportant  consideration  here  is  that  the  ig  strass  nay  ba  considerably  increaaed  whan 
tha  priaary  crack  terminates,  because  of  the  reduced  load-carrying  area.  Accordingly, 
the  required  laval  of  Kiscc/*IC  will  be  higher  than  prior  to  priaary  crack  teralnatlon. 

While  tha  military  specification  has  bean  used  above  to  illustrate  tha  use  of  fracture 
mechanics  in  preventing  SCC,  tha  general  approach  should  ba  applicable  to  other  daaaga 
tolerance  criteria.  For  axaapla,  in  coaaercial  airplanes,  tha  Halt  load  condition  can 
usually  ba  expressed  as  2.5g.  Therefore,  tha  ainiaua  Kiscc/*IC  ratio  required  to  ba  mat 
in  tha  daaaga  tolerance  analysis  is  given  byt 


i.e.,  1  ■  0.4 
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However,  in  tha  event  of  element  failure  in  tha  fail-safe  structure,  a  higher 
*ISCC/*IC  could  be  required  to  prevent  SCC  froa  continuing  daaaga  in  tha  reaaining 
structure. 

9.3.3  Proof  Tasting 

Proof  tasting  can  ba  used  to  establish  tha  aaxlaua  slxa  of  flaw  that  aay  exist  in  tha 
structure.  At  the  completion  of  a  successful  proof  test,  tha  aaxlaua  flaw  slxe  ap  that 
can  ba  present  is  given  byi 


where  ®p  is  tha  proof  stress  level. 

The  environment  in  which  the  proof  test  is  conducted  may  be  conducive  to  SCC  of  the 
structural  material.  Crack  growth  aay  then  occur  during  the  proof  teat  and  can  result  in 
failure  during  tha  proof  teat.  This  actually  occurred  when  aethanol  was  used  for  the 
proof  tasting  of  T1-6A1-4V  vessels  (ref.  2).  If  SCC  can  occur,  then  two  additional  possi¬ 
bilities  aust  be  considered.  First,  a  crack  that  was  not  of  critical  sixe  at  the  proof 
stress  level  aight  continue  to  grow  to  a  size  larger  than  a  during  the  unloading  period. 
The  magnitude  of  the  growth  that  could  occur  can  be  estimated  froa  the  relevant  crack 
growth-K  curve,  or  experimentally  determined  froa  precracked  specimens  that  are  loaded  in 
the  test  environment  to  simulate  the  proof  load  cycle.  A  second  consideration  is  that 
reanants  of  the  test  fluid  aay  cause  SCC  in  service.  This  was  a  factor  in  the  failure  of 
a  large  pressure  vessel  fabricated  froa  a  low-alloy  steel  (100  ksi  yield  strength). 
Cracking  initially  occurred  during  processing  in  a  weld  of  high  hardness,  probably  as  a 
result  of  the  stress  relief  heat  treatment.  This  crack  subsequently  extended  to  critical 
size  by  SCC  as  a  result  of  residual  stresses  (the  stress  relief  was  only  partially 
effective)  and  the  aolsture  that  remained  frow  hydrotesting  (ref.  24) .  This  failure 
illustrates  the  iaportance  of  considering  all  tha  aetallurglcal  variables  and 
environments  that  can  be  encountered  during  fabrication  and  service. 

One  further  ltea  to  be  considered  is  the  possibility  of  SCC  occurring  prior  to  the 
proof  test,  due  to  the  combined  action  of  residual  stresses  and  the  presence  of  proces¬ 
sing  fluids  or  water.  If  the  proof  test  is  conducted  immediately  after  fabrication,  such 
flaws  aay  not  have  grown  to  sufficient  size  to  be  detected,  but  could  extend  to  a  size 
greater  than  ap  subsequent  to  tha  proof  test. 

This  problea  was  encountered  during  the  Fill  recovery  prograa,  which  Included  proof 
testing  of  the  wing  structure  (ref.  23).  Interference  fit  bolts  were  used  in  certain 
areas  of  the  06 AC  steel  (220-240  ksi)  structure  for  fatigue  life  improvement.  Tensile 
residual  stresses  were  developed  by  these  bolts,  and  the  introduction  of  aggressive  envi- 
ronaents  such  as  water,  drilling  coolants,  and  cleaning  agents  was  possible  during  instal¬ 
lation.  Stress  corrosion  could  occur  if  these  environments  were  present.  Calculations 
were  made  to  deteraine  the  aaxlaua  tiae  required  for  a  stress-corrosion  crack  to  grow  to 
a  size  that  would  be  detected  during  proof  test.  Plateau  crack  growth  rates  (lower  bound 
of  the  scatter  band)  and  aaxlaua  Incubation  tiaes  for  the  initiation  of  cracking  for  all 


environments  were  used  for  the  analysis.  A  tine  delay  of  115  days  was  established  and 
incorporated  into  the  proof  test  program. 

There  is  evidence  to  show  that  proof  loading  nay  increase  the  Kiscc  for  cracks  present 
during  the  test  (ref. 25).  However,  this  crack  blunting  effect  would  be  destroyed  by 
subsequent  fatigue  growth. 

9.5.4  SCC  in  Service 

It  is  conceivable  that  in  spite  of  all  the  precautions  taken,  SCC  nay  be  experienced 
in  service.  Unexpected  residual  or  assenbly  stresses  are  a  possible  cause.  Under  these 
circunstances,  it  nay  be  necessary  to  institute  periodic  inspection,  rather  than  to 
insMdiately  replace  the  component. 

ftr  determine  the  required  inspection  interval,  the  nost  straightforward  method  is  to 
assume  that  the  SCC  growth  rate  corresponds  to  the  plateau  value  (da/dt)  for  the  material 
in  the  most  severe  environment  anticipated.  The  inspection  interval  ti,  which  will  be  in 
real  tine,  then  is  given  by: 

ti  -  (aer  -  at)  4  da  (9) 

n  ‘  dt 

where  aj.  is  the  naximum  size  of  crack  likely  to  be  nissed  by  the  NDI  method  used  and  acr 
is  the  critical  flaw  size  that  would  cause  unstable  fracture  at  the  maximum  stress  level 
that  could  occur  between  inspections.  The  factor  n  (>2)  is  used  to  ensure  that  the  crack 
is  found  prior  to  reaching  acc  and  to  account  for  variability  in  da/dt. 

This  method  was  used  to  estimate  the  extent  of  SCC  that  could  occur  in  a  7079-T6 
component  used  in  the  Saturn  IB  space  vehicle  (ref.  21).  Fracture  mechanics  analysis 
showed  that  the  stress  intensity  level  in  service  could  significantly  exceed  Kiscc* 
Although  the  part  was  fully  loaded  for  only  a  few  hours,  the  potential  SCC  growth  (at  the 
plateau  growth  rate)  was  such  that  structural  modifications  were  required. 

9.6  INFLUENCE  OF  ENVIRONMENT  ON  FATIGUE  CRACK  GROWTH 

The  rate  of  fatigue  crack  growth  can  be  related  to  stress  intensity  by  the  expression: 

da/dN  -  CAKn  (10) 

where  C  and  n  are  parameters  that  depend  upon  the  material  and  the  environment.  The 
values  of  C  and  n  do  not  vary  markedly  for  a  given  alloy  family  (e.g.,  high-strength 
steels,  7XXX  aluminum  alloys)  when  tested  in  a  nonaggressive  environment.  In  a  corrosive 
environment,  there  can  be  significant  differences  between  individual  alloys,  or  even  heat 
treatment  conditions  for  a  single  alloy.  The  influence  of  environment  on  fatigue  crack 
growth  was  discussed  at  a  recent  AGARD  conference,  where  much  of  the  available  data  was 
reviewed  (ref.  26).  While  it  is  redundant  to  reiterate  this  information,  it  is  impor¬ 
tant  to  emphasize  that  the  influence  of  several  variables  on  fatigue  growth  rate  in  the 
corrodent  can  be  considerably  different  from  their  effect  in  air.  These  include  the 
following: 

o  cyclic  frequency 

o  wave  form  (e.g.,  hold  period  at  Knax) 

o  stress  ratio 

o  material  thickness 

o  spectrum  loading 

o  metallurgical  variables  (e.g.,  heat  treatment  condition,  composition,  grain 
direction,  galvanic  contact) 

Furthermore,  altering  one  variable  can  modify  the  response  to  changes  in  another. 
Unless  these  factors  are  adequately  accounted  for,  the  damage  tolerance  analysis  may  lead 
to  an  overly  optimistic  estimate  of. service  life. 

If  the  maximum  cyclic  stress  intensity  exceeds  KiscC'  the  crack  growth  in  each  cycle 
can  occur  by  a  combination  of  fatigue  and  SCC.  The  contribution  from  SCC  increases  with 
decreasing  cyclic  frequency  since  a  longer  time  is  available  for  SCC  growth.  Figure  13 
illustrates  this  effect  in  4340M  steel  exposed  to  water.  The  marked  effect  of  frequency 
at  stress  intensity  levels  exceeding  13  ksi  in.1/2,  which  is  approximately  equal  to 
KISCC>  is  due  to  the  dominance  of  SCC  in  the  cracking  process.  For  materials  that 
exhibit  much  slower  rates  of  SCC  growth  than  4340M,  significant  acceleration  in  fatigue 
crack  growth  rates  only  occur  at  low  cyclic  frequencies. 

Thus,  calculation  of  the  fatigue  crack  propagation  life,  using  the  da/dN-dK  curve 
appropriate  to  the  service  condition,  such  as  figure  13,  adequately  accounts  for  envi¬ 
ronmental  damage  during  fatigue  cycling.  Crack  growth  by  SCC  at  the  sustained  lg  stress 
level  can  be  avoided  by  the  procedures  outlined  in  section  9.5.2. 


MO 


It  should  b«  notsd  that  substantial  accalacatlons  In  fatigue  crack  growth  rata  say  ba 

producad  by  tha  aggrasslva  environment  whan  Kjscc  !•  not  exceeded  by  tha  cyclic  stress 

Intensity.  Further  inforaation  is  given  in  reference  26. 
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TABLE  1 

SUMMARY  OF  LAMOING  GEAR  COMPONENT  FAILURES  REPORTED  IN  REFERENCE  1 


VP 

Model 

Material 

No.  of 
Failures 

Type  of  Failure 

Failure  Origin 

Influencing  Factors 

A 

4340 

6 

Fatigue 

Hole 

Corrosion 

B 

7075-T6 

4 

Fatigue 

Tool  scratch 

—  m  m 

988V40 

SO 

Fatigue 

Wear  scratches 

Corrosion 

C 

7075-T6 

7 

Fatigue 

Hole 

Residual  stress 

7075- 

1 

Stress  corrosion 

Forging  parting  plane 

Corrosion 

2014-76 

1 

Fatigue 

Sharp  corner 

Corrosion 

4340 

2 

Stress  corrosion 

Hole 

... 

4340 

4 

Stress  corrosion 

Corrosion  pit 

Residual  stress 

4340 

4 

Overstress 

Sharp  corner 

Corrosion 

4340 

4 

Stress  corrosion 

Surface  flaw 

Residual  stress 

0 

4340 

2 

Fatigue 

Surface  flaw 

Corrosion 

4340 

3 

Stress  corrosion 

Surface  flaw 

Surface  Imperfections 

4340 

2 

Fatigue 

Surface  flaw 

— 

4340 

1 

Fatigue 

Corrosion  pit 

Corrosion 

4340 

2 

Stress  corrosion 

Tool  scratch 

... 

4340 

1 

Stress  corrosion 

Unknown 

Corrosion 

4340 

2 

Fatigue 

Sharp  corner 

Corrosion 

E 

4340 

IS 

Impact  load 

Sharp  corner 

Corrosion 

4340 

1 

Fatigue 

Corrosion  pit 

Corrosion 

4340 

1 

Unknown 

Unknown 

Surface  Imperfections 

4340 

1 

Fatigue 

Forging  flaw 

— 

F 

7075-T6 

27 

Stress  corrosion 

Unknown 

Residual  stress 

7075- T6 

5 

Stress  corrosion 

Hole 

Fltup  stress 

4340 

2 

Stress  corrosion 

Hole 

Untempered  martensite 

4340 

2 

Stress  corrosion 

Hole 

Fltup  stress 

S 

7075-TS 

(extrusion) 

1 

Stress  corrosion 

Sharp  comer 

Fltup  stress 

H 

7079-T6 

39 

Fatigue 

Wear  scratches 

7079-T6 

3 

Stress  corrosion 

Forging  parting  p’ane 

Fltup  stress 

7079-T6 

15 

Stress  corrosion 

Forging  parting  plane 

7079-T6 

1 

Stress  corrosion 

Hole 

Corrosion 

NOTES: 

1.  Each  line  entry  represents  a  specific  component. 

Z.  All  parts  fabricated  from  forgings  except  where  Indicated, 


TABLE  2 

CHEMICAL  CONTENT  OF  SIMULATED  SUMP  TANK  RESIDUE  WATER 


Constituent 

Concentration  (ppm) 

CaCl2 

SO 

CdCl2 

1000 

MgC12 

50 

NaCI 

100 

ZnCl2 

10 

PbCl2 

1 

CUCI3  2H20 

1 

CrCl3  6H20 

1 

FeCl3 

5 

MnC12  4H20 

5 

N1C12  6H20 

1 

Distilled  water 

balance 

TABLE  3 


COMPARISON  OF  SCC  PROPAGATION  RATES  IN  THE  3.5*  NaCI 
ACCELERATED  TEST  AND  IN  OUTDOOR  ATMOSPHERES  (REF.  18) 


Alloy 

Average  Plateau  Velocity,  In. /hr  x  10'5 

and 

Temper 

3.5*  NaCI 

Seacoast 

Industrial 

7079-T651 

320 

35 

25 

7079-T6351 

220 

30 

25 

5456-Sens. 

210 

40 

2 

2219-T37 

210 

35 

20. 

2014-T65: 

120 

15 

10 

2024-T351 

100 

20 

10 

7075-T651 

100 

20 

10 

TA8LE  4 


SHORT  TRANSVERSE  STRESS-CORROSION  ANO  FRACTURE  TOUGHNESS 
PROPERTIES  OF  HIGH-STRENGTH  ALUMINUM  ALLOYS  (REF.  8) 


Alloy 

Smooth  Specimen 
Stress  Corrosion 
Threshold  Stress 
ksi 

Threshold 

Stress  Intensity 

ks?°in.l/2 

Fracture 

Toughness 

ks^  In.M* 

2014-T451 

7 

5 

21 

2014-T651 

6 

6 

18 

2024-T351 

6 

7 

22 

2048-T851 

• 

17 

38 

2124-T851 

>30 

11 

22 

2219-T37 

<10 

6 

33 

2219-T87 

38 

>22 

28 

6061-T651 

>36 

<20 

34 

7049-T73 

>25 

<  8 

21 

7050-T736 

>25 

9 

23 

7050-T73651 

>45 

9 

25 

7075-T651 

7 

5 

18 

7075-T7651 

25 

<14 

19 

7075-T7351 

40 

15 

20 

7079-T651 

7 

4 

20 

7175-T66 

7 

5 

21 

7178-T651 

_ 

7 

6 

17 

TABLE  5 

PLATEAU  CRACK  GROWTH  RATES  IN  THE  SHORT  TRANSVERSE 
DIRECTION  FOR  HIGH-STRENGTH  ALUMINUM  ALLOYS  (REF.  8) 


Alloy 

Plateau  Crack 

Growth  Rate  In 

3.5*  NaCl  Solution 
(In. /hr) 

Plateau  Crack 
Growth  Rate  In 
Distilled  Water 
(In. /hr) 

2014-T451 

3  x  10*3 

... 

2014-T651 

8  x  10'4 

... 

2024-T351 

9  x  10*4 

3  x  lO*4 

2048-T851 

6  x  lO*4 

2  x  10-5 

2124- T851 

6  x  lO'4 

2219-T37 

2  x  10-3 

... 

7049-T73 

9  x  lO*5 

9  x  10-5 

7050-T736 

8  x  10*5 

8  x  10*5 

7050-T 73651 

2  x  lO*4 

... 

7075-T651 

2  x  10-3 

5  x  lO*4 

7075-T7651 

3  x  10-5 

3  x  10-5 

7075-T7351 

5  x  10-6 

... 

7079-T651 

2 

6  x  10-3 

7175-T66 

2  x  10-3 

5  x  lO*4 

7175-T736 

1  x  10*4 

... 

7178-T651 

2  x  10*3 

5  x  lO'4 

7475-T651 

2  x  10*3 

6  x  lO*4 

Hififartli' 


Alloy  and  Tensile  Strength  or  Heat  Treatment 


Threshold  Stress,  ksl 


300M  (280-300  ksl) 

4330H  (220-240  ksl) 

150  (L) 

115  (T) 

100  (ST) 

9H1-4CO-0.3C  (220-240  ksl) 

Jy  ■ 

17-4PH  (H900) 

>75*  YS* 

17-4PH  (H1000) 

■Bi 

15-5PH  (H900) 

>  100*  YS* 

15-5PH  (H1000) 

>100*  YS 

PH13-8HO  (H950) 

>100*  YS* 

PH13-8HO  (H1050) 

>  75*  YS 

17-7PH  (RH950) 

<Z5*  YS 

17-7PH  (TH1050) 

<27*  YS 

PH15-7MO  (RH9E0) 

<25*  YS 

•Threshold  stress  Is  < 75*  YS  In  a  marine  environment. 


TABLE  7 


TYPICAL  STRESS-CORROSION  AND  FRACTURE  TOUGHNESS 
PROPERTIES  FOR  HIGH-STREN6TH  STEELS  (REF.  4) 


Alloy  and 

Threshold  Stress 

Fracture  Toughness 

Tensile  Strength 
or  Heat  Treatment 

Intensity.  Kjjcc 
ksl  In.1'2 

IH  SL0? 

DOOM  (280-300  ksl) 

IS 

ss 

4340  (260-280  ksl 

10 

53 

4340  (200-220  ksl) 

10 

80 

4340  (180-200  ksl) 

27 

10S 

4330M  (220-240  ksl) 

20 

80 

HU  (280-300  ksl) 

8 

25 

HU  (220-240  ksl) 

23 

50 

06 AC  (220-240  ksl) 

16 

80 

9N1-4CO-0.2C 

80 

140 

9N1-4CO-0.3C 

27 

90 

AF1410 

<30 

140 

Maraglng  300 

10 

65 

Maraglng  250 

IS 

80 

Maraglng  200  (220  ksl  yield) 

25 

120 

Maraglng  200  (200  ksl  yield) 
17-4PH  (H900) 

SO 

37* 

110 

50 

17-4PH  (H1000) 

120 

120 

15-5PH  (H900) 

33* 

70 

15-5PH  (H1000) 

120 

120 

PH13-8MO  (H950) 

<31** 

62 

PH13-8MO  (H1050) 

<44** 

87 

17-7PH  (RH950) 

17-7PH  (TH1050) 

<20 

14 

32 

47 

PH15-7MO  (RH950) 

<10* 

30 

PH15-7MO  (TH1050) 

16 

33 

All  test  data  In  3.5J  NaCl  solution  except  as  noted. 

"Tested  In  20*  Ni>C1;  comparable  values  were  obtained  at  a  Marine  coast. 
""Narine  coast. 


TABLE  8 

PLATEAU  CRACK  GROWTH  RATES  FOR  HIGH-STRENGTH  STEELS  (REF.  4) 


Alloy  and 

Tensile  Strength 
or  Heat  Treatment 

Plateau  Crack 
Growth  Rate, 

In. /hr 

300M  (280-300  ksl) 

8  x  10-1  (1) 

4340  (260-280  ksl) 

6.0  (1) 

4340  (220-240  ksl) 

5  x  10-1 

1) 

4340  (200-220  ksl) 

9  x  10-3 

1) 

4130  (220-240  ksl) 

7  x  10-1 

i: 

4130  (180-200  ksl) 

4  x  10-2 

i) 

06 AC  (220-240  ksl) 

8  x  10-3 

i) 

HU  (220-240  ksl) 

2  x  10-2 

i) 

AF1410  (235  ksl  Min.) 

3  x  10-4 

2)* 

Maraglng  300 

3  x  10-2 

2) 

Maraglng  250 

3  x  10-3 

2) 

15-5PH  (H900) 

2  x  10-3 

3) 

PH13-8NO  (H950) 

2  x  10-2 

3) 

PH13-8MO  (H1050) 

3  x  10-2 

3) 

17-7PH  (RH1050) 

4  x  10-1 

3) 

PH15-7MO  (RH1050) 

4  x  10-2 

3) 

(1)  Distilled  water 

(2)  3.5*  NaCl  solution 

(3)  20X  NaCl  solution 


"Estlaated  from  data  in  reference  27 


TABLE  9 


TYPICAL  STRESS  CORROSION  AND  FRACTURE  TOUGHNESS  PROPERTIES 
OF  COMMERCIAL  TITANIUM  ALLOYS  (REF.  10) 


Alloy 

Thickness, 

Inch 

Heat 

Treatment 

KlC 

or  KC* 
ksl  In.1/2 

KISCC 

S/IRi/* 

a  Alloys 

T1-70A 

0.50 

A-AC 

123 

33 

Ti-5A!-2.5Sn 

0.50 

A- AC 

88 

30 

a+fl  Alloys 

TI-8AI-IM0-IV 

0.05 

MA 

75 

30 

0.05 

DA 

160 

50 

0.5 

MA 

48 

20 

0.5 

DA 

100 

32 

T1-6A1-4V 

0.06 

MA 

150 

110 

0.06 

DA 

150 

110 

0.06 

STA 

95 

65 

0.06 

fl- STA 

95 

65 

0.5 

MA 

60 

35 

0.5 

DA 

70 

52 

0.5 

STA 

47 

25 

0.5 

fl-STA 

70 

45 

T1-6Al-6V-2Sn 

0.50 

MA 

60 

20 

0.50 

STA 

45 

30 

0.50 

fl-STA 

70 

45 

T i -6A1 -2Sn-4Zr-6Mo 

0.50 

MA 

55 

20 

0.50 

DA 

80 

45 

fl  +  a  A1 loys 

Ti-13V-llCr-3Al 

0.50 

fl-STA 

70 

30 

T1-ll.5Mo-6Zr-4.5Sn 

0.50 

fl-3TA 

65 

25 

Ti-8Mo-8V-3Al-2Fe 

0.50 

fl  -STA 

50 

31 

T1-3Al-8Y-6Cr-4Mo-4Zr 

0.50 

fl-STA 

50 

37 

100 


Alternate  loners  Ion 


Sustained  tension 
stress,  ksl 


80  h 


60 


Long  transverse, 

,25  In  to  1.0  In  thick, 
(34  tests) 


Longitudinal  (129  tests) 


Long  transverse,  1.2  In  to  2.0  In  thick,  (61  tests) 


v7//>^  SEE  °,2»  *«*/// 777. 


_L 


_L 


30  60  90  120 

Days  to  failure 


150 


180 


Figure  1  -  Smooth- specimen  stress  corrosion  test  results  for  707S-T6 
extruded  sections  In  3.5X  Sodium  Chloride  solution  (Ref  8) 
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No  failure 


Figure  2  -  Schematic  representation  of  Initial  stress  Intensity- time  to  failure  plot 
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Log 

stress-corrosion 
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Klscc 


Figure  3  -  Schematic  representation  of  the  effect  of  stress  Intensity 
on  the  growth  rate  of  stress  corrosion  cracks 
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Figure  4-  Typical  effect  of  stress  Intensity  on  stress  corrosion  crack 
velocity  In  two  high  strength  aluitlnum  alloys  In  NaCl  solution 
(Ref  8) 
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Figure  5  -  Precracked  specimens  used  for  stress  corrosion  testing  (Ref  11) 


Relative  humidity  (X) 


Figure  6  -  Effect  of  humidity  of  air  on  stress-independent  stress-corrosion  crack 
velocity  of  707S  -  T651  (Ref  8) 


Figure  7  -  Relationship  between  applied  stress  and  crack  length  for  SCO  In  7079-T6  plate 
short  transverse  dl-ectlon  (Ref  17) 
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Figure  8  -  Composite  threshold  stress-K^dlagraa  for  7079-T651  plate.  short  transverse 
direction  (Ref  17) 
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Figure  9  -  Composite  threshold  stress  -  K,,,.  characterization  of  alualnu*  alloy  plate  - 
short  transverse  stress  (Ref  17) 
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Figure  10  -  Composite  diagram  for  titanium  6A1-4V  alloy,  STA  condition,  containing  s 
semi  circular  crack 
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Figure  11  -  Crack  Initiation  and  growth-sustained  stress  conditions  (Ref  21) 
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Figure  12  -  Initial  flaw  sizes  defined  In  MIL-A-83444 


Figure  13  -  Effect  of  cyclic  frequency  on  fatigue  crack  growth  rate  of 
4340M  steel  In  distilled  water  (Ref  4) 


w 


10.  SIMPLE  METHODS  OP  DETERMINING  STRESS  INTENSITY  FACTORS 

D.  P.  ROOKE 

Royal  Aircraft  Establishment 
Farnborough,  Hampshire 
United  Kingdom 

FRANCIS  L.  BARATTA 
Department  of  the  Army 
Army  Materials  and  Research  Center 
Watertown,  Massachusetts  02172 

D.  J.  CARTWRIGHT 

Department  of  Mechanical  Engineering 
The  University  of  Southampton 
Southampton,  United  Kingdom 


CONTENTS 

SUMMARY . 10-1 

SYMBOLS . 10-2 

10.1  INTRODUCTION . 10-3 

10.2  REVIEW  OP  METHODS . 10-3 

10.2.1  Superposition  . . . . 10-5 

10.2.2  Stress  Concentrations  .  10-8 

10.2.3  Stress  Distributions . 10-8 

10.2.4  Green's  Functions  .  ...  10-9 

10.2.5  Weight  Functions . 10-12 

10.3  METHODS  FOR  SIMPLE  GEOMETRIES  .  10-13 

10.3.1  Stress  Concentration  Factors . 10-13 

10.3.2  Stress  Distributions . 10-16 

10.4  STRESS  INTENSITY  FACTORS  FOR  COMPLEX  GEOMETRIES  .  .  10-19 

10.4.1  Compounding  Technique  ....  .  10-19 

10.4.2  Load  Relief  Factors  .  10-25 

10^5  DISCUSSION  AND  CONCLUSIONS . 10-27 

REFERENCES . 10-27 

SUMMARY 

A  prerequisite  for  any  fracture  mechanics  analysis  of  a 
cracked  structure,  is  a  knowledge  of  the  stress  intensity  factor 
at  the  tip  of  the  crack.  Many  methods  are  available  for  evalu¬ 
ating  stress  intensity  factors,  but  if  the  structural  configu¬ 
ration  is  complex,  they  are  usually  costly  in  time  and  money. 

This  chapter  describes  some  simpler  approximate  methods  which 
are  both  quick  and  cheap.  Their  use  is  illustrated  by  examples 
typical  of  aerospace  applications,  eg  cracks  at  holes  and  cracks 
in  stiffened  sheets.  The  errors  introduced  into  calculations 
of  residual  static  strength  and  fatigue  lifetimes  by  the  use 
of  such  approximations  are  acceptable  for  many  practical  casesi 
they  are  usually  no  greater  and  often  smaller  than  those  due  to 
uncertainties  in  other  parameters  such  as  service  loads,  material 
toughness,  etc. 
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crack  lengths 

crosa-sectional  area  of  atiffener 

distance  between  boundaries 

notch  depth 

width  of  pressure  band 

Young's  modulus  of  sheet 

Young's  modulus  of  stiffener 

load  relief  factor 

Oreen's  function 

shear  modulus 

weight  function 

stress  intensity  factors  (sif) 

sif  in  the  absence  of  boundaries 

sif  in  the  presence  of  nth  boundary 

sif  due  to  boundary  interaction 

sif  in  periodically  stiffened  sheet 

resultant  stress  intensity  factor 

sif  for  multiple  cracks  in  a  finite  body 

sif  for  a  single  crack  in  a  finite  body 

sif  for  multiple  cracks  in  an  infinite  body 

sif  for  a  single  crack  in  an  infinite  body 

stress  aonotntration  factor 

crack  length  from  edge 

total  crack  length  (*  2a) 

constants  -  equation  (48) 

free  surface  correction 

pressure  or  stress 

internal  pressure  in  crack 

localized  force 

constant  -  equation  (48) 

normalized  stress  intensity  factors 

radius;  inner  and  outer  radius 

stiffness  parameter,  E_A./(Ebt) 

sheet  thickness 

displacement  of  crack  surfaces 
cartesian  coordinates 
3 -Jtv  or  (3  ■  v)(l  ♦  v) 

Poisson's  ratio 
notch  root-radius 
applied  stress 
mean  stress  over  crack-site 
maximum  stress  on  crack-site 
stress  at  tip  of  crack-site 
cartesian  components  of  stress 
maximum  shear  stress 


10.1  INTRODUCTION 


Highly  stressed  aircraft  structures  may  contain  crack-like  flaws,  or  they  may 
develop  cracks  during  their  service  life.  The  existence  of  such  cracks  and  their  sub¬ 
sequent  growth  can  cause  a  loss  of  strength  and  a  reduction  in  the  service  life  of  a 
structure.  Fracture  mechanics  provides  a  means  of  quantitatively  assessing  the  behaviour 
of  cracks.  A  knowledge  of  this  behaviour  means  that  the  safety  of  a  structure  during  its 
service  life  can  be  assured  and  that  the  most  economic  inspection  and  maintenance  sched¬ 
ules  can  be  adopted.  The  application  of  the  principles  of  fracture  mechanics  to  a 
practical  problem  requires  a  knowledge  of  the  crack  size,  the  service  stresses,  the  stress 
intensity  factor  and  the  appropriate  properties  of  the  material.  This  chapter  illustrates 
some  of  the  methods  available  for  evaluating  stress  intensity  factors,  with  particular 
emphasis  on  simple  methods  which  do  not  require  a  large  investment  in  either  computing  or 
experimental  equipment . 

Stress  intensity  factor  solutions  are  now  available  for  a  wide  range  of  geometrical 
configurations,  both  two  and  three  dimensional;  many  solutions  have  been  collected 
together  [1-3].  Many  other  solutions  are  available,  for  instance,  in  the  series  of 
Special  Technical  Publications  published  by  the  American  Society  for  Testing  Materials 
(ASTM),  in  the  series  entitled  'Fracture'  edited  by  H.  Liebowitz  [h J  and  in  the  series 
entitled  'Mechanics  of  Fracture'  edited  by  G.C.  Sih  [5].  The  methods,  both  theoretical 
and  experimental,  of  obtaining  these  solutions  have  been  reviewed  by  Cartwright  and 
Rooke  [6],  Liebowitz  (Vol  II  of  Ref[4J),  Sih  (Vol  I  of  Ref  [5])  and  Kobayashi  [7].  Numerical 
methods  have  also  been  reported  recently  [8]. 

In  practical  problems,  structural  geometries  and  loadings  are  often  so  complex  that 
the  available  stress  intensity  factor  solutions  are  inadequate.  Evaluation  of  the  stress 
intensity  factor  for  the  actual  problem  using  standard  methods  may  be  prohibitively 
expensive  in  both  time  and  money.  Thus  there  is  a  need  to  develop  simpler  methods  which 
will  be  cheap  and  easy-to-use  even  if  les3  accurate  than  most  standard  methods.  Many 
simple  methods  have  been  suggested  and  their  relative  merits  are  discussed  in  section  10.2. 

Some  of  the  simple  methods  are  more  generally  applicable  than  others,  and  these  are 
dealt  with  in  detail  in  sections  10.3  and  10.4.  In  section  10.3,  methods  are  described  by 
which  the  stress  intensity  factor  is  derived  from  the  stress  concentration  factor.  These 
methods  are  important  since  cracks  frequently  occur  at  the  site  of  stress  concentrations 
and  the  appropriate  3tress  concentration  factors  are  often  already  known  [9] .  Also  in 
section  10.3  there  is  a  method  of  evaluating  the  stress  intensity  factor  from  a  knowledge 
of  the  stress  distribution  in  the  uncracked  configuration;  such  a  stress  distribution  may 
already  be  known  or,  if  not,  will  be  easier  to  obtain  than  the  solution  to  the  crack 
problem.  The  compounding  technique  [10],  with  the  special  case  of  'load  relief  factors' 
[11] »  is  widely  applicable  and  is  described  in  section  10.4.  This  technique  makes  U3e  of 
the  solutions  for  simple  configurations  which  are  already  available  [1-3]. 

The  accuracy  of  these  simple  methods  of  evaluating  the  stre33  intensity  factor  and 
the  consequent  accuracy  of  fracture  mechanics  calculations  is  di3cu3sed  in  section  10.5. 

A  comparison  is  made  of  the  likely  errors  due  to  inaccurate  3tress  intensity  factors  with 
the  likely  errors  due  to  other  uncertainties  in  the  parameters  used  in  a  fracture 
mechanics  calculation.  This  information  is  required  so  that  a  sound  decision  can  be  made 
between  a  cheap  and  simple  method  or  a  costly  and  probably  lengthy  method  for  a  given 
fracture  mechanics  application.  Some  guidelines  on  the  use  of  these  methods  in  practical 
applications  is  given  in  the  final  section. 

10.2  REVIEW  OF  METHODS 

The  usefulness  of  stress  intensity  factors  (K-solutions)  is  now  well  established. 

They  are  used  to  calculate  the  static  strength  of  a  cracked  structural  component  (the 
'residual*  strength),  the  lengths  of  critical  cracks  and  the  rates  of  crack  growth  in 
fatigue  (see  for  example  Ref  p2] )  •  The  basis  of  the  stress  intensity  factor  approach  lies- 
in  the  assumption  that  the  growth  of  a  sharp  crack  is  determined  by  the  stress  field  at 
the  crack  tip.  This  greatly  reduces  the  necessary  stress  analysis,  particularly  when  the 
cracked  configuration  is  complex,  since  it  is  necessary  to  determine  only  the  stress  near 
the  crack  tip  rather  than  the  whole  stress  field. 

Over  the  last  thirty  years  many  methods  of  obtaining  K-solutions  have  been  developed. 
Several  hundred  solutions,  mostly  for  two-dimensional  configurations,  are  now  available. 

The  common  methods  are  set  out  in  Fig  1;  the  methods  are  divided  into  three  groups  depend¬ 
ing  on  the  time  required  to  obtain  a  solution.  The  choice  of  a  method  to  determine  an 
unknown  stress  intensity  factor  will  depend  on  the  following; 

(i)  the  time  available; 

(ii)  the  required  accuracy; 

(iil)  the  cost; 

(iv)  the  use  (once  or  many  times); 

(v)  how  simply  the  real  structure  can  be  modelled. 

For  simple  geometrical  situations,  or  where  a  complex  structure  can  be  simply 
modelled,  it  may  be  possible  to  use  one  of  the  reference  books  [1-3].  This  should 
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always  be  attempted  first,  since  if  the  stress  intensity  factor  can  be  found,  it  will 
usually  involve  no  more  than  a  few  man-minutes  (see  Fig  1).  Where  a  solution  canr.ot  be 
obtained  directly  from  a  reference  book  then  one  of  the  relatively  simple  methods  in 
stage  2  may  often  be  adequate  [l 3] and  will  seldom  require  more  than  a  few  man-hours. 

In  applications  where  a  particular  stress  intensity  factor  is  required  repeatedly  - 
that  for  a  standard  test-piece,  say,  -  it  would  probably  be  worth  obtaining  a  more 
accurate  solution  by  using  a  numerical  technique  from  stage  3.  Such  methods  will  also  be 
needed  wnen  the  structure  cannot  be  modelled  simply,  and  in  these  cases  the  methods  based 
on  finite  element  techniques  are  often  appropriate.  The  type  of  application  will  have  an 
influence  on  the  choice  of  method;  for  instance,  estimates  of  the  rate  of  growth  of 
fatigue  cracks  are  more  sensitive  to  errors  in  the  stress  intensity  factor  than  estimates 
of  the  residual  strength.  Methods  of  solving  crack  problems  in  three  dimensions  are 
limited  if  no  adequate  two-dimensional  analogue  is  available.  Methods  which  use  finite 
elements  or  boundary  integral  equations  or  distributions  of  point  forces  are  usually 
required.  In  addition  to  these  there  are  experimental  methods  based  on  photoela3ticity 
and  on  the  growth  rates  of  fatigue  cracks.  They  have  the  advantage  that  components 
closely  resembling  the  actual  structure  can  bo  tested. 

The  numerical  methods  in  stage  3  usually  have  an  accuracy  of  about  2*.  However 
alternating  methods  and  those  based  on  finite  elements  often  have  errors  as  large  as  6*. 
In  general  the  experimental  methods  are  less  accurate;  but  errors  can  be  kept  within  2-5* 
using  the  compliance  method  provided  that  sufficient  care  is  exercised.  Photoelastic 
methods  may  result  in  errors  of  about  10*. 

Unless  computer  programs  or  suitable  experimental  facilities  are  readily  available 
then  these  stage  3  methods  can  involve  substantial  effort  (tens  of  man-days).  It  is  for 
this  reason  that  many  of  the  simple  methods  have  been  proposed  and  developed.  Several  of 
the  methods  are  concerned  with  the  calculation  of  stress  intensity  factors  for  the 


important  problem  of  a  crack  at  or  near  stress  concentrations.  The  usual  approach  is  to 
construct  an  approximate  solution  which  fits  known  constraints  and  then  test  it  against  a 
solution  of  known  accuracy.  Any  application  to  general  problems  must  be  carried  out  with 
care  in  order  to  ensure  that  restrictions  inherent  in  the  original  approximation  are  not 
violated.  Methods  of  more  general  application,  such  as  the  compounding  method  and  its 
special  cases,  are  described  in  section  10.4  together  with  illustrations  of  their  use  in 
aerospace  applications. 

Other  methods  have  been  developed  to  solve  three-dimensional  problems  approximately 
Cl1*— 16 J by  making  use  of  the  known  solutions  for  two-dimensional  configurations.  At  pres¬ 
ent,  these  methods  are  not  sufficiently  well  developed  to  be  simple  to  apply  but  they  can 
be  extremely  useful  in  solving  problems  involving  corner  cracks  and  surface  cracks  which 
occur  frequently  in  aerospace  structures  [17] . 

Some  of  the  more  common  methods  and  their  uses  are  outlined  below. 

10.2.1  Superposition 

Superposition  is  probably  the  most  common  and  simplest  technique  in  use  for  obtain¬ 
ing  stress  intensity  factors.  Complex  configurations  are  considered  to  be  a  combination 
of  a  number  of  separate  simpler  configurations  with  separate  boundary  conditions  and  which 
have  known  stress  intensity  factors.  The  stress  intensity  factors  for  the  simple  con¬ 
figurations  are  then  added  together  to  obtain  the  required  solution.  Errors  from  using 
superposition  can  arise  when  the  complex  configuration  being  analysed  cannot  be  precisely 
built  up  from  configurations  with  known  stress  intensity  factors. 

An  illustration  of  the  use  of  this  technique  is  shown  in  Pig  2.  The  stress 
intensity  factor  for  the  configuration  shown  in  Pig  2a  is  the  sum  of  the  stress  intensity 
factors  for  the  two  simpler  configurations  shown  in  Pig  2b&c.  Another  important  applica¬ 
tion  of  superposition,  the  analysis  of  pin-loaded  lugs  in  aerospace  applications,  is  shown 
Fig  3.  By  using  the  procedure  shown,  opening  mode  stress  intensity  factors  for  non- 
symmetrical  loadings  can  be  found  by  adding  the  more  easily  obtainable  results  for  simpler 
symmetrical  loadings.  Application  of  the  principle  of  superposition  leads  to  an  important 
result  about  the  equivalence  of  stress  intensity  factors  resulting  from  external  loading 
on  a  body  and  those  resulting  from  internal  tractions  on  the  crack  surface.  The  stress 
intensity  factor  for  a  crack  in  a  loaded  body  may  be  determined  by  considering  the  crack 
to  be  in  an  unloaded  body  with  applied  tractions  on  the  crack  surface  only  (see  Pig  4). 
These  surface  tractions  are  equal  in  magnitude  but  opposite  in  sign  to  those  evaluated 
along  the  line  of  the  crack  site  in  the  uncracked  configuration.  Thi3  method  of  deter¬ 
mining  stress  intensity  factors  is  important  in  the  use  of  the  Green' 3  function  and  the 
weight  function  methods  discussed  in  sections  10.2.4  and  10.2.5. 

The  superposition  of  stress  intensity  factors  is  subject  to  the  3ame  restrictions  as 
the  more  usual  superposition  of  stresses  and  displacements.  In  addition,  the  crack  sur¬ 
faces  in  the  final  configuration  must  always  be  separated  along  their  entire  length 
although  there  may  be  some  overlap  of  the  crack  surfaces,  or  Kt  (the  opening  mode  stress 
intensity  factor)  may  be  negative  in  some  of  the  ancillary  configurations.  If  over)ap 
does  occur  in  an  ancillary  configuration  it  must  be  ignored  in  evaluating  the  ancillary 
stress  intensity  factors,  otherwise  the  results  of  the  superposition  will  be  invalid. 
Superposition  of  the  stress  intensity  factors  with  particular  reference  to  the  limitations 
in  solving  crack  problems,  has  been  considered  by  Aamodt  and  Bergan[l8]. 

Certain  solutions  for  partially  loaded  cracks  may  he  superimposed  to  obtain  approxi¬ 
mate  solutions  for  cracks  in  arbitrary  stress  fields.  Consider  the  determ' nation  of  the 
stress  intensity  factor  for  an  edge-cracked  strip  subjected  to  in-plane  bending  stresses, 
as  shown  in  Fig  5a,  with  a  crack  length  of  one  half  of  the  strip  width  b.  As  previously 
stated  the  problem  can  be  reduced  to  determining  the  stress  intensity  factor  for  the  crack 
subjected  to  a  linear  distribution  of  pressure  over  the  crack  surfaces  as  shown  in  Fig  5, 
that  is 


(Kl)5(a>  =  (Kl)5(b)- 

An  approximate  solution  to  the  linear  distribution  of  pressure  can  be  obtained  by 
superimposing  results  given  by  Emery[l9,2f  J,  for  a  band  of  pressure  of  vrriable  width  act¬ 
ing  over  part  of  the  crack  surface.  The  solution  is  shown,  for  a/b  -  0.5  ,  -in  Fig  6a. 

The  linear  distribution  of  pressure  is  represented  by  a  finite  number  of  incremental  steps 
(in  this  case  three)  as  shown  in  Fig  6b  w.iich  in  turn  can  be  represented  as  the  summation 
of  bands  of  pressure  over  the  crack  surface  as  shown  in  Fig  6c. 


The  stress  intensity  factor  of  the  crack  subjected  to  the  stepped  pressure  distribu¬ 
tion,  for  a/b  -  0.5  ,  is  given  by  the  superposition  of  three  terms  which  are  a  consequence 
of  the  three  stress  bands  shown  ir.  Fig  6c;  thus 


(iVtotal 


which  using  Fig  6a  becomes 
(KI*total 


K j i  +  +  ^1 1  9 

1 1 d/a=l . 0  1 'd/a=2/3  A|d/a=l/3 

p=o/6  p=o/3  p=o/3 

/?aj£  *  2.74  +  j  *  1.86  +  |  *  0.94^, 


(2) 


(3) 


| 


W  »- 

v, ;:v‘"  'A-  /',■ 

t 


wmurewi 


/  V 


//’  7  7 


'/ ; 


•  V’-V 


T 


Fig  2  Superposition  of  stress  Intensity  factors 
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which  is  It  less  than  the  accurate  result  for  this  linear  distribution  of  stress.  It  is 
possible  to  improve  the  accuracy  by  increasing  the  number  of  steps  used  in  approximating 
the  actual  distribution.  This  method  can  be  used  for  any  arbitrary  distribution  of  stress 
(see  for  example  Ref  20),  providing  that  the  stress  intensity  factor  for  the  band  of 
pressure  in  the  configuration  is  known.  The  method  is  a  special  form  of  the  Green’s 
function  technique  outlined  in  section  10.2.4.  Lachenbruch[2l]  has  obtained  a  step 
function  loading  on  the  crack  surface  for  a/b  =0.0  which  has  been  expressed  in- 
algebraic  form  by  Emery  [22] and  applied  to  the  solution  of  crack  problems  in  thermally 
stressed  cylinders.  Similar  results  can  be  obtained  by  the  approach  described  in  section 
10.2.4  using  the  Green's  function  of  Hartrauft  and  Sih[23]. 

10.2.2  Stress  concentrations 

Irwin  [24] proposed  that  Neuber’s  [25]stress  concentration  results  for  notches  of  very 
small  flank  angle  and  very  small  root  radius  may  be  used  to  obtain  theoretical  expressions 
for  stress  intensity  factors. 

Consider  a  notch  which,  in  the  limit  of  zero  root  radius  (#),  tends  to  a  crack  along 
the  jr  *  0  axis:  if  a^x  the  maximum  value  of  cy  at  the  tip  we  have 

KI  *  "T  lim0{°max/?}1  (5) 

p  ■*  u 


if  t _  is  the  maximum  value  of  t  near  the  tip  along  the  line  y  *  0  (the  position 

max  xy 

of  the  maximum  tends  to  the  tip  as  p  ■*  0  )  we  have 

KII  R  A  ^“ohax^};  (6) 

and  similarly  if  f_„_  is  the  maximum  value  of  t„„  at  the  tip  we  have 
max  zy 

KIII  *  ^  ^"p^max*^}*  (7) 

Although  the  relationship  between  K  and  emax  (or  fmax)  is  exact,  the  actual  expression 

for  the  maximum  stresses  may  be  known  only  approximately.  Harris [26]haa  made  considerable 
use  of  equations  (5)  to  (7)  and  Neuber's  work  on  stress  oonotntration  factors  (ratio 

of  maximum  stress  to  applied  stress)  in  deriving  expressions  for  Kj,  Kjj  and  Kjj.  in 

circumferentially  cracked  round  bars  subjected  to  bending,  transverse  shear,  torsion  and 
longitudinal  tension.  Pook  and  Dixon  [27] have  analysed  a  finite  rectangular  sheet  with  an 
edge  crack  loaded  such  that  there  is  combined  tension  and  bending  at  the  crack  tip. 

Hasebe  and  Katanda [28] have  suggested  a  systematic  method  of  determining  stress 
intensity  factors  which  involves  expressing  the  stress  oonotntration  factor  in  series  form. 
The  unknown  coefficients  in  the  series  are  determined  by  fitting  the  expression  to  avail¬ 
able  data  for  the  stress  oonotntration  factor  at  various  values  of  the  root  radius  p  . 

In  this  way  it  is  possible  to  make  better  use  of  stress  oonotntration  factors  determined 
for  values  of  p  too  large  for  equations  (5)  to  (7)  to  be  applied  directly.  The  stress 
oonotntration  factor  used  can  be  determined  analytically,  numerically  or  experimentally. 
More  detailed  consideration  of  the  method  together  with  some  examples  is  given  in 
section  10.3, 


10.2.3  Stress  distributions 

Some  simple  methods  have  been  proposed  for  determining  stress  intensity  factors  from 
stress  distributions.  The  methods  are  all  based  on  using  the  stress  intensity  factor  for 
an  edge  crack,  subjected  to  a  uniform  internal  pressure  p  ,  in  a  semi-infinite  plane. 

Thie  is  given,  for  a  crack  of  length  I  ,  by 

Kj  »  1.12p/Ti  ;  (8) 

the  factor  1.12  Is  often  called  the  'free  surface  correction'. 

Equation  (8)  can  be  used  to  provide  approximate  stress  intensity  factors  for  cracks 
at  a  hole  providing  that  the  crack  length  I  it  snail  compared  to  the  radius  of  the  hole 
R  .  In  the  application  to  short  cracks  at  holes  or  notches  the  pressure  p  is  replaced 
by  a  stress  characteristic  of  that  over  the  crack  site  in  the  uncracked  solid  o(x)  .  In 
the  maximum  stress  method 

P  *  "max  *  9<0)  '  <9> 

in  the  mean  stress  method 

( 

p  ‘  9 mean  *  I  J9(x)d*  '  <*°> 


T 


10-9 


and  in  the  tip  stress  method 


p  =  “tip  *  o(t)  •  (11) 

Results  using  the  maximum  stress  method  equation  (9)  are  shown  in  Fig  7  for  a  crack  at 
both  a  circular  and  an  elliptical  cut-out  in  a  uniform  stress  field.  It  can  be  seen  that 
for  short  crack  lengths^  equation  (9)  gives  a  reasonable  approximation  to  the  accurate 
(dotted  line)  solution  [29j.  The  crack  length  over  which  equation  (9)  remains  a  reasonable 
estimate  of  depends  on  the  tip  radius  of  the  notch,  the  blunter  the  notch  the  better 

the  approximation.  At  long  crack  lengths,  ie  I  >  R  ,  the  stress  intensity  factor  for  two 
equal  length  cracks  approaches  that  for  an  isolated  crack  of  length  2(R  ♦  i)  in  a 
uniform  stress  field  as  given  by 


Kj  =  o/TTrTTJ.  (12) 

For  a  single  crack  of  length  t  it  approaches  the  stress  intensity  factor  for  an  isolated 
crack  of  length  2R  +  i  given  by 


Kx  =  c/*  ( 2R  +TT72  (13) 

Hence  an  approximation  can  be  obtained  over  the  whole  range  of  crack  lengths  and  is  shown 
by  the  solid  line  in  Fig  7. 

The  short  crack  approximation  in  Fig  7  can  be  replaced  by  equations  (10)  or  (11). 
This  will  involve  more  calculations  since  the  distribution  of  stress  over  the  whole  crack 
site  in  the  uncracked  solid  must  be  known  rather  than  just  the  maximum  stress  (ie  Xy  for 

the  notch  or  hole).  The  maximum  stress  method  has  been  compared  to  other  simple  approxi¬ 
mations  [30]  for  an  edge  crack  in  a  thermally  stressed  plate.  Williams  and  Isherwood  [31] 
have  proposed  a  method  based  on  the  mean  stress  and  have  suggested  an  empirical  way  of 
making  corrections  for  finite  width  effects.  This  method  has  been  used  for  determining 
stress  intensity  factors  for  a  central  radial  crack  in  a  rotating  disc  [32]  and  an  edge 
crack  in  a  circular  bar  subjected  to  pure  oending[33].  Smith  [3^]  has  stated  that  for  an 
edge  with  a  length  t  in  a  monotonically  decreasing  stress  field  the  stress  intensity 
factor  Kj  will  lie  between  the  bounds  given  by 


[0.29o(t)c0.83cmean]/rt  <  Kj  <  l.lSo^/Tl  .  (14) 

This  result  applies  strictly  to  an  edge  crack  in  a  half-plane,  but  should  be  applic¬ 
able  to  short  cracks  (i  •<  R)  at  holes  providing  that  o(x)  is  monotonically  decreasing. 
This  will  be  so  for  many  stress  distributions  near  holes  unless  there  are  significant 
residual  compressive  stresses  such  as  occur  near  holes  which  have  been  subjected  to  cold¬ 
working.  The  mean  stress  method  and  the  tip  stress  method  are  considered  in  section  10.3 
where  some  particular  applications  are  described  in  detail. 

10.2.4  Green's  functions 

The  Green's  function  method  of  determining  stress  intensity  factors  is  applicable  to 
a  wide  variety  of  aerospace  problems,  for  example  cracks  at  pin-loaded  holes  and  at 
fastener  holes,  and  cracks  in  the  residual  stress  fields  at  the  edge  of  cold-worked  holes. 
In  order  to  apply  the  method  it  is  necessary  to  kr.ow 

(i)  the  appropriate  Green's  function,  and 

(ii)  the  distribution  of  stress  along  the  crack  site  in  the  uncracked  solid. 

Once  these  are  known,  obtaining  a  stress  intensity  factor  is  reduced  to  a  simple  summation 
procedure  which  can  be  dona  numerically  or  graphically  or  analytically  depending  on  the 
form  of  tiie  Green's  function.  The  technique  will  give  exact  results  providing  that  the 
exact  Green’s  function  is  used.  Often  this  may  not  be  available  and  it  is  then  necessary 
to  make  approximations.  For  cracks  in  residual  stress  fields  care  must  be  taken  to  ensure 
that  the  crack  surfaces  are  separated  alon,;  their  entire  length.  If  they  are  not,  crack 
surface  contact  conditions  must  be  included  in  the  Green's  function. 

The  opening  mode  stress  intensity  factor  for  a  crack  which  lies  along  the  x 

axis  between  x  *  *n  and  x  ^  -a  ,  can  be  written  in  terms  of  the  Green' 3  function  g(x) 
and  ®y(x)  ,  the  stress  along  the  crack  site  in  the  uncracked  body,  as 

a 

Kj  *  "  J  cry(x)g(x)dx  .  (15) 

-a 


The  stress  Cy(x)  may  be  measured  experimentally  in  the  uncracked  solid  or  determined 
theoretically  and  then  used  in  equation  (15)  to  give  the  stress  intensity  factor.  Equiv¬ 


alent  forma  can  be  written  for 
intensity  factors. 


'II 


and  K 


III 


the  sliding  and  tearing  mode  stress 


Fig  7  Comparison  of  strtss  Intensity  factors  for  cracks 
at  tlllptlcal  and  circular  cut-outs 


Green's  functions  which  give  the  stress  intensity  factor  for  an  isolated  force  on 
the  crack  surface  have  been  determined  for  embedded  cracks [35-37]  and  for  edge  cracks 
[23,38J.  Other  sources  of  Green's  functions  are  given  in  Refs  [1-3] . 

Shah [3 9,^0] has  used  the  Green's  function  g^(x)  for  a  crack  of  length  2a  subjected 

to  a  pair  of  symmetrical  point  forces  in  an  infinite  sheet  under  plane  stress  conditions. 
This  is  given  by 


«i<«>  ■  • 

The  substitution  of  equation  (16)  into  equation  (15)  gives 


■k  I 


dx 


(16) 


(17) 


where  oy(x)  is  the  stress  over  the  crack  site  in  the  uncracked  solid.  Shah  has  modified 

equation  (17)  to  determine  approximate  stress  intensity  factors  for  crack3  at  holes  sub¬ 
jected  to  a  variety  of  loadings.  The  approximation  involves  interpreting  equation  (17)  a3 
giving  the  st-ess  intensity  factor  for  two  equal  length  (t),  diametrically  opposed  cracks 
at  a  hole  of  radius  R  where  x  is  measured  from  the  hole  boundary  along  the  crack  line. 
Shah  modifies  equation  (17)  to  give  the  stress  intensity  factor  for  both  tip3  as 


II 

H 

(18) 

-1 

where  Mf  is 

a  free  surface  correction 

given  by 

Mf  =  1.0 

+  0. 12(^3*'*)  , 

for 

0  <  |  <  0.3 

(19) 

and 

Mf 

=  1.0  , 

for 

R  >  °-3  * 

(20) 

The  stress  intensity  factor  for  one  crack  i3  given  by 

Shah  as 

(K  ) 

I  one  crack 

■^2R  +  21  lKl'two 

cracks 

(21) 

which  has  the 

correct  limiting  values,  that  is 

for  t  >  R 

( K  ) 

I  one  crack 

I  two  cracks 

» 

(22) 

and  for  t  •+  0 

/  K  ) 

I 'one  crack 

^KI^two  cracks 

(23) 

Equations  (18)  to  (23)  are  based  on  the  solution  for  an  arbitrarily  loaded  through  thick¬ 
ness  crack  remote  from  other  boundaries.  The  effect  of  the  hole  i3  only  allowed  for  by 
using  oy(x)  appropriate  to  the  distribution  at  the  hole.  The  approximate  Green'3 

functions  used  by  Shah  will  be  least  accurate  at  short  crack  lengths.  In  order  to  improve 
the  accuracy  at  short  crack  lengths  (t/R  <0.3),  he  introduces  a  free  surface  correction 
Mf  to  account  for'  the  stress  free  edge  of  the  hole.  This  approach  of  interpolating 

between  known  solutions  for  short  and  long  cracks  is  discussed  in  more  detail  in  section 
10.3.  The  approximate  stress  intensity  factor  obtained  by  using  Shah's  method  will  be 
more  inaccurate  for  cracks  at  holes  near  other  boundaries  as  these  cause  changes  in  both 
oy(x)  and  the  Green's  function.  In-Shah's  method  the  Green's  function  always  remains 

the  same  and  other  finite  boundaries  are  only  allowed  for  in  so  far  as  oy(x)  is 

affected.  The  method  has  been  extended  [4l]  to  consider  part-circular  cracks  at  holes. 
Shah[39]has  shewn  that  using  equations  (18)  to  (23),  stress  intensity  factors  can  be 
determined  to  an  accuracy  of  a  few  per  cent  for  several  configurations. 

Hsu  and  Rudd  [*t 2]  have  constructed  a  Green's  function  for  two  equal  length 
diametrically-opposed  radial  cracks  at  a  circular  hole  in  a  strip  of  finite  width.  Each 
crack  is  subjected  to  a  symmetrical  pair  of  concentrated  forces  and  the  Green's  function 
is  determined  by  finite  element  methods.  The  Green's  function  is  not  given  explicitly, 
but  is  used  to  solve  several  problems  with  different  ratios  of  hole  diameter  to  strip 
width.  Problems  involving  residual  stress  fields  or  the  stress  fields  which  result  from 
the  use  of  InterferenoA-fTt  fasteners  -Iso  analysed.  Recent-  work  [M]  indicates  that 
results  using  the  Green's  functions  fj9,42]are  in  agreement  for  cracked  holes  remote  from 
other  boundaries.  Tada  and  Paris  [4i|Jhave  used  the  Green's  function  technique  to  provide 
upper  and  lower  bounds  on  the  stress  intensity  factor  for  an  edge  crack  in  a  residual 
3tress  field.  Chell  [<45-^8] has  produced  a  series  of  results  for  cracks  in  arbitrary  stress 
fields;  they  are  directly  applicable  to  edge  and  centre  cracks  under  arbitrary  loadings. 
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10.2.5  Weight  functions 

The  method  of  determining  stress  intensity  factors  using  weight  functions  was 
proposed  by  Bueckner  [49]  and  considered  further  by  Rice[50j.  More  recently  these  results 
have  been  given  a  rather  more  direct  derivation  by  Paris,  McMeeking  and  Tada[5l].  Two- 
dimensional  plane  stress  or  plane  strain  problems  of  a  crack  of  length  L  in  an 
infinite  body  subjected  to  an  arbitrary  symmetrical  loading  can  be  solved  provided  that 
certain  results  are  Known  for  one  symmetrical  loading.  The  results  required  are 

v-1^(L,x),  the  displacement  of  the  crack  faces,  and  ,  the  stress  intensity  factor. 

The  stress  intensity  factor  for  any  other  symmetrical  loading  Ki  ,  at  the  crack  tip 
x  *  L  ,  is  given  by  A 


o(x)h(L,x)dx  , 


where  h(L,x)  is  the  weight  function  and  is  independent  of  e(x)  ,  the  stress  over  the 
crack  site  in  the  uncracked  solid.  The  weight  function  is  defined  as 


h(L.x) 


for  plane  strain. 


80 _ i  »v' 

♦  k  rm  >l 

Ki 


1  rrr 


for  plane  stress 


and  0  is  the  shear  modulus. 

The  weight  function  method  is  exact  providing  that  the  correct  weight  function  is 
used.  However  it  is  often  possible  to  construct  approximate  weight  functions  so  avoiding 
the  need  to  use  more  time-consuming  and  costly  stage  3  methods  (see  Pig  1). 

As  an  example  of  the  method,  consider  the  problem  of  determining  the  stress 
intensity  factor  for  a  crack  subjected  to  a  distribution  of  internal  pressure  p(x)  .  The 

crack  face  displacement  v^(L,x)  is  taken  to  be  that  for  a  crack  subjected  to  a  uniform 
pressure  p_  ,  it 


v(1)(L,x) 


where  the  crack  tips  are  at  x  *  0  and  x  =  L  .  The  stress  intensity  factor 
given  by 

(1)  P0»^L 


The  weight  function  given  in  equation  (25)  becomes 


Ba’,)  ■  M  TI 

■  &  [rM‘  • 


With  a(x)  *  p(x)  ,  equation  (2<t)  becomes 


c!2)  8  ( h )  J  p(x)[r-^"x] d 


By  moving  the  origin  of  coordinates  to  the  centre  of  the  crack  and  by  putting 

L  -  2a  and  X  =  x  -  a 
where  a  is  the  semi-crack  length,  equation  (30)  becomes 


Ki  ■  *  • 


This  result  is  identical  to  the  known  expression  [35]given  in  equation  (17). 


Equations  (24)  and  (25)  have  been  used  extensively,  see  for  example [52,54] ,  to 
determine  stress  intensity  factors  for  cracks  at  regions  of  stress  concentration  in  two- 
dimensional  solids.  Grandt  [52]  has  determined  the  weight  function  for  two  symmetrical 
radial  cracks  at  a  hole  in  a  sheet  subjected  to  a  uniform  tensile  stress.  He  used  finite 

element  results  for  v^(L,x)  and  Bowie's  results  [53]  for  .  Using  this  weight 

function  Grandt  determined  stress  intensity  factors  for  a  variety  of  loadings.  These 
included  the  important  cases  of  cracks  in  a  residual  stress  field  either  due  to  cola  work 
at  the  hole  boundary  or  due  to  interference  fit  fasteners.  Impellizzeri  and  Rich  [54]  have 
analysed  similar  problems  in  pin-loaded  lugs.  They  used  an  approximate  weight  function 
which  Bueckner [55j obtained  for  a  strip  with  an  edge  crack.  They  corrected  for  the  effects 
of  having  either  single  or  double  cracks  at  the  hole  and  for  the  finite  dimensions  of  the 
lug.  These  corrections  give  an  advantage  over  the  weigi.t  function  used  by  Grandt, 
particularly  since  holes  in  lugs  are  usually  close  to  boundaries  whereas  fastener  holes 
are  not.  Impellizzeri  and  Rich  have  used  their  weight  function  to  predict  crack  growth 
rates  for  cracks  in  lugs  which  have  residual  compressive  stresses  around  the  hole.  A 
comparative  study  [43]  indicates  that  results  of  Grandt  [52]  and  Impellizzeri  and  Rich  [54]  are 
in  agreement  for  several  configurations.  They  also  agree  with  those  of  Shah  [3 9] and  Hsu 
and  Rudd  [42] which  were  based  on  Green's  function  techniques  (see  section  !0.2.4». ) 

A  useful  contribution  has  been  made  by  Petroski  and  Achenbach  [56]who  have  proposed 
a  versatile  method  for  determining  approximate  weight  functions.  The  method  involves 

choosing  a  configuration  for  which  is  known  and  specifying  the  crack  surface  dis¬ 
til  1 

placement  v  (L,x)  in  an  approximate  form  which  satisfies  certain  conditions.  The 
particular  form  of  v^(L,x)  includes  a  single  arbitrary  constant  which  i3  determined 
from  equations  (24)  and  (25)  with  .  Hence  the  now  known  displacement 

v'  ;(L,x)  can  be  used  to  evaluate  the  weight  function  h(L,x)  from  equation  (25).  This 
method  makes  it  unnecessary  to  determine  the  actual  displacements  v^(L,x)  of  the  crack 
surfaces;  thus  only  the  stress  intensity  factor  is  required.  Since  the  displace¬ 

ments  of  the  crack  surface  are  often  not  available  or  are  difficult  to  obtain,  this  method 
provides  a  simple  means  of  obtaining  approximate  stress  intensity  factors. 

Other  configurations  that  have  been  analysed  using  weight  fuiction  techniques 
include  cracks  with  narrow  plastic  zones  at  the  tip;  these  were  s.udied  by  Bowie  and 
Tracy  [57]. 

10.3  METHODS  FOR  SIMPLE  CONFIGURATIONS 


In  section  10.2  many  simple  methods  of  obtaining  stress  intensity  factors  were 
reviewed.  In  this  section  two  of  the  simplest  methods  based  on  stress  eonoantration 
factors  (section  10.2.2  )  and  stress  distributions  (section  10.2.3)  are  applied  to  simple 
configurations  (few  boundaries  interacting  with  the  crack).  The  approximations,  inherent 
in  these  two  methods,  are  shown  to  be  acceptable  for  engineering  purposes  by  comparison 
with  known  accurate  solutions. 


10.3.1  Stress  concentration  factors 


The  expressions  given  in  equations  (5)  to  (7)  provide  powerful,  but  simple,  tools 
to  obtain  stress  intensity  factors  from  stress  coneantrction  factors,  many  of  which  are 
readily  available.  Peterson  [9],  Neuber  [25]  ,  Heywood  [58]and  others  provide  experimental 
X t  data  and  theoretical  expressions  for  many  configurations.  As  an  example  of  this 

approach  consider  a  semi-elliptical  edge  notch  of  depth  c  in  a  semi-infinite  sheet  sub¬ 
jected  to  a  remote  uniaxial  tensile  stress  Oq  (see  Fig  8).  Equation  (5)  can  be  written 

in  terms  of  K t  ,  the  stress  eonoantration  factor,  as  follows: 

where  1  is  the  crack  length  (c  =  1  at  p  =  9).  The  stress  eonoantration  factor  has  been 
been  obtained  for  this  configuracion  as  a  function  of  p/c  by  Bowie  [59]and  is  given  in 
Table  1,  together  with  the  values  of  the  expression  in  parenthesis  in  equation  (33).  By 
plotting  the  final  column  in  Taole  1  as  a  function  of  p/c  ,  as  shown  in  Fig  8,  we  can 
determine  the  limit  for  p  •*  0  and  c  +  a  ,  as 


=  1.13  . 


o0/ 


(34) 


The  most  accurate  value  for  this  function,  obtained  by  Koiter[6o],  is  1.1215;  thus  the 
error  is  less  than  +1*.  If  the  stress  eonoantration  factor  is  known  for  extremely  sharp 
notches,  the  methods  of  Ref {28] can  be  used  and  extrapolation  eliminated;  this  procedure 
would  reduce  the  errors  to  much  less  than  1*. 


Experimental  data  can  be  used  in  a  similar  way.  Consider  the  data  of  Frocht[6l] 
shown  in  Fig  9  for  two  symmetrical  U-notches  in  an  infinite  strip  subjected  to  a  uniform 
uniaxial  tensile  stress  oQ  remote  from  the  notches.  The  depth  of  each  notch  L  is 


Fig  8  Stress  concentration  factor  as  a  function  of 
notch  radius:  single  edge  notches 


Fig  9  Stress  concentration  factor  as  a  function  of 
notch  radius:  double  edge  notches 
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Table  1 

Stress  concentration  factor  as  a  function  of  notch  radius 


£ 

C 

*t 

iKt$ 

1.0 

3.065 

1.53 

0.50 

3.96 

1.40 

0.333 

4.63 

1.34 

0.2  50 

5.20 

1.30 

0.167 

6.16 

1.26 

0.111 

7.41 

1.23 

0.063 

9.62 

1.20 

0.031 

13.32 

1.18 

0.012 

20.77 

1.16 

0.0028 

43.2 

1.14 

b/2  where  2b  is  the  width  of  the  strip.  The  data  are  pr.-sented  in  Pig  9  as  a  plot  of 
/e7t*t/2  vs  p/L  on  a  semi-log  scale.  The  data  point  at  p/L  =  0.03  may  not  be 

reliable  since  the  notch  radius  is  small,  and  this  can  result  in  large  experimental  errors 
in  the  stress  concentration  factor  obtained  using  photoelastic  methods.  Therefore,  this 
data  point  was  ignored.  By  extrapolating  the  curve  drawn  through  the  remaining  data  and 
by  using  equation  (33)  we  obtain 


where  L  •»  A  as  p  -►  0  .  A  more  accurate  value  obtained  by  Bowie  [62]  is  1.15,  so  the 
error  is  approximately  +3.5*.  If  all  the  data  in  Pig  9  had  been  used  to  determine  KT 
by  extrapolation  then  a  larger  error  would  have  resulted;  thus  it  is  seen  that  care  1 
must  be  taken  to  eliminate  unreliable  data  if  a  reasonable  approximation  to  KT  is  to  be 
obtained.  1 


Finally,  as  an  illustration  of  how  equation  (33)  can  be  applied  to  a  closed-form 
expression,  consider  the  formula  derived  by  Baratta  and  Neal  [63]  for  the  configuration 
shown  in  Fig  9,  nar.ely 

*t  -  [o.780  +  2. 243  ^][°- 993  ♦  0.180^  -  1.060^  ♦  1.710^ J  (36) 

for  1.0  <  L/p  <  361  and  0  <  L/b  <  0.723  .  Substitution  of  equation  (36)  into  equation 
(33)  gives 


*  1.122^0.993  +  0.180^-  1.060^J  +1.710^jfj.  (37) 

A  comparison  of  the  results  given  by  equation  (37)  with  the  more  accurate  data  given  in 
Ref [62] is  shown  in  Table  2;  it  is  seen  that  the  differences  are  less  than  1$. 

Table  2 

Stress  intensity  factors  for  a  strip  with  two  collinear  edge  cracks 


a 

b 

Ref  [62] 

Equation  (37)  t  Difference 

O.Ij? 

1.12 

1.12  0 

0.1667 

1.12 

1.12  0 

0.2222' 

1.13 

1.12  -  1 

0.3333 

1.13 

1.12  -1 

0.3889 

1.14 

1.13  -1 

0.5001 

1.15 

1.16  +1 

0.7230 

1.37 

1.36  -1 

i _ 

It  is  concluded  that  the  method  of  obtaining  3tress  intensity  factors  from  stress 
concentration  data  is  simple  to  use,  but  the  accuracy  depends  upon  the  accurate  deter¬ 
mination  of  the  stress  concentration  factor  as  a  function  of  the  notch  radiu3  (see  also 
section  2.2,  Ref 3  [26]and  [28] ) . 
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10.3.2  Stress  distributions 


The  methods  of  obtaining  stress  Intensity  factors  from  stress  distributions  which 
were  described  In  section  2  are  demonstrated  in  this  section  by  solving  several  problems 
and  comparing  these  results  to  more  exact  analysis. 

The  approach  of  Williams  and  Iaherwood[3l]is  illustrated  by  considering  two  radial 
cracks  of  length  t  at  the  boundary  of  a  circular  hole  in  an  infinite  plate  subjected 
to  a  uniaxial  tensile  stress  aQ  remote  from  the  hole  (see  Pig  10a).  The  mean  stress 

for  this  configuration  is  given  by  equation  (10)  with  o(x)  given  [64]  by 

o(x)  =  °0[i  ♦  ]  *  (38) 


Rewriting  equations  (8)  and  (10)  it  follows  that  for  an  edge  crack 


1.12 


(39) 


where  o  replaces  a  ,  After  performing  the  integration  in  equation  (10)  with 
id  moan 

o(x)  given  by  equation  (38)  and  substituting  into  equation  (39)  we  have 


1.12 


(40) 


Williams  and  Iaherwood[3l]  also  examined  the  biaxially-streased  infinite  plate  with 
two  cracks  located  at  the  hole  boundary  (see  Pig  10b).  In  this  case  o(x)  is  given [64] 
by 


■  •„[*  *  (lTT-Tjf] 

and  as  before,  using  equation  (10)  and  (39),  we  have 


(41) 


(42) 


In  order  to  determine  the  errors  in  the  approximate  stress  intensity  factors  for 
short  cracks  (i/R  <  1)  calculated  from  equations  (40)  and  (42)  the  results  are  compared, 
in  Table  3,  with  the  accurate  calculations  of  Tweed  and  Rooke[65j. 

Table  3 

Stress  intensity  factors  for  two  cracks  at  the  edge  of  a  hole  (t/R  <  1) 


Uniaxial  stress 

Biaxial  stress 

t/R 

Ref  [65] 

Equation  (40) 

*  Difference 

Ref  [65] 

Equation  (42) 

*  Difference 

0.00 

3.36 

3.36 

0 

2.24 

2.24 

■n| 

0.01 

3.29 

3.32 

♦  1 

2.21 

2.23 

0.05 

3.04 

3.18 

♦  5 

2.11 

2.19 

0.10 

2.79 

3.02 

♦  8 

2.00 

2.14 

0.15 

2.58 

2.88 

♦  12 

1.91 

2.09 

0.20 

2.41 

2.77 

♦  15 

1.84 

2.05 

0.30 

2.16 

2.56 

+  18 

1.72 

1.98 

0.50 

1.83 

2.28 

+  24 

1.56 

1.87 

1.00 

_ _ 

1.47 

1.89 

♦  27 

1.37 

1.68 

HHESH 

It  can  be  seen  from  Table  3  that  the  mean  stress  method  gives  a  reasonable  approximation 
for  very  short  cracks;  for  uniaxial  stresses  the  errors  are  less  than  8*  for  t/R  <0.1 
and  less  than  15*  for  t/R  <  0.2  ;  the  errors  for  biaxial  stresses  are  slightly  smaller. 
However  for  longer  cracks  the  errors  exceed  20*.  This  method  will  always  over-estimate 
the  stress  intensity  factor  when  the  stress  field  decreases  monotonically  away  from  the 
stress  concentration,  and  hence  will  lead  to  conservative  estimates  of  residual  s  rength 
and  fatigue  lifetime. 

There  is  a  very  simple  approximation  available  [l 3] for  long  cracks  which  assumes 
that  the  effect  of  the  hole  on  the  stress  field  is  negligible  and  that  the  crack  behaves 
as  if  it  were  of  length  2(1  ♦  R)  ,  it  the  tip-to-tip  distance,  in  a  uniform  stress  field 
of  oQ  .  The  stress  intensity  factor  would  therefore  be  aQ  /»(R  +  1)  ,  thua 


)  t  t 


;  t  i 

a  Unixial  stress  b  Biaxial  stress 

Fig  10  Radially  cracked  hole  In  an  infinite  sheet 


a  Cracked  circular  hole  b  Equivalent  edge  crack 


Fig  11  Circular  hole  with  a  single  radial  crack 
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This  approximation  is  suitable  for  both  uniaxial  and  biaxial  applied  stresses  because  the 
stress  intensity  factor  tends  to  the  same  limit  for  long  cracks.  Results  using  the 
approximation  given  in  equation  (43)  are  compared  with  the  accurate  results  in  Table  4. 

Table  4 

Stress  intensity  factors  for  two  cracks  at  the  edge  of  a  hole  (l/R  >  0.15) 


Uniaxial  stress 


Biaxial  stress 


t/R 

Ref  [65] 

Equation  (43) 

X  Difference 

Ref  [6b] 

Equation  (43) 

X  Diffe: 

0.15 

2.58 

2.77 

♦  7 

1.91 

2.77 

♦  45 

0.2 

2.41 

2.45 

♦  2 

1.84 

?.45 

♦  3) 

0.3 

2.16 

2.08 

-  4 

1.72 

2.08 

♦  21 

0.5 

1.83 

1.73 

-  5 

1.56 

1.73 

♦  11 

1.0 

1.47 

1.41 

-  4 

1.37 

1.41 

+  3 

2.0 

1.24 

1.22 

-  2 

1.22 

1.22 

A 

4.0 

1.12 

1.12 

0 

1.1? 

1.12 

0 

9.0 

1.05 

1.05 

0 

1.05 

1.05 

0 

Prom  Tables  3  and  4  it  can  je  seen  that  the  errors  can  be  minimised  by  a  suitable 
combination  of  the  'menn  stress'  and  the  'uniform  stress'  approximation.  For  example, 
under  uniaxial  stresses  the  maximum  error  is  of  the  order  of  10*  if  the  changeover  f i om 
the  'mean  stress'  to  the  'uniform  stress'  approximation  occurs  between  t/R  =  0.10  and 
0.15  and  under  biaxial  st-esses  the  maximum  error  is  of  the  order  of  15X  if  the  change¬ 
over  occurs  between  t/R  =0.3  and  0.5  .  These  approximations  will  thus  be  adequate  for 
many  engineering  applications.  The  combination  of  the  'maximum  stress’  and  'uniform 
stress'  approximations  has  been  studied [13],  and  is  briefly  discussed  in  section  11.2. 

The  'tip  stress'  approach  suggested  by  Cartwright [66] for  short  cracks  at  holes  and 
notches  (see  equation  (11)  of  section  11.2.3)  has  been  extended  to  long  cracks  by 
Baratta[67]by  using  an  interpolation  procedure  for  linking  the  two  known  limits 
(t  =  0  and  -)  for  the  stress  intensity  factor.  In  order  to  demonstrate  the  procedure  and 
to  evaluate  the  accuracy  of  the  approximation,  it  will  be  applied  to  a  crack  configuration 
for  which  an  accurate  solution  exists.  The  configuration  consists  of  a  single  radial 
crack  at  the  edge  of  a  circular  hole  in  an  infinite  plate  subjected  to  a  uniform  uniaxial 
tensile  stress  <jQ  remote  from  the  hole  (see  Pig  11).  When  the  crack  length  is  small 

(t/R  <  1)  the  stress  intensity  factor  is  given  by  equations  (8)  and  (11)  therefore 


For  very  long  cracks  (t/R  >  1)  we  have 


since  as  t/R  ■*  •  the  crack-tip  stress  field  will  approach  that  of  a  crack  of  total 
length  t  in  a  uniformly  stressed  sheet.  Since  e(t)  ■»  o«  as  t  ■»  »  we  can  combine 
equations  (44)  and  (45)  to  give 


f  ( t/R ) 


for  all  t/R  , 


where  f(t/R)  is  an  unknown  function  with  the  limiting  values  *'(0)  =  1.12  and 
f(»)  =  0.707  .  The  approximation  consists  of  choosing  a  suitable  well-behaved  function, 
which  lies  between  these  limits.  The  function  arbitrarily  chosen [67] for  this  problem, 
as  well  as  for  others,  is 


f ( t/R )  =  Q  -  M  ^tan'1  , 


where  Q,  M  and  m  are  constants  to  be  determir.eu.  By  combining  equations  (46)  and  (47) 
with  the  expression  for  o(t)  ,  given  in  equation  (*8)  with  t  replacing  x  ,  we  obtain 


■  [« - » (Cl 
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The  constants  ft,  M  and  m  were  obtained  [67] by  fitting  the  expression  at  the  two 
values  and  at  an  intermediate  value  chosen  to  minimise  the  errors;  they  are  Q  - 
M  =  0.119  and  m  *  2.748  .  Hesults  obtained  from  equation  (48)  are  compared  with 
accurate  results  of  Tweed  and  Rooke[68]in  Table  5,  where  it  can  be  seen  that  for 
two-dimensional  configuration  the  errors  are  3mall. 


limiting 

1.12, 

the 

the  above 


Table  5 


Stress  intensity  factors  for  a  single  crack  at  the  edge  of  a  hole 


t/R 

Ref  [68] 

Equation  (48) 

t  Difference 

0.0 

3.36 

3.36 

0 

0.1 

2.77 

2.73 

-  1 

0.2 

2.37 

2.32 

-  2 

0.5 

1.73 

1.69 

-  2 

1.0 

1.31 

1.29 

-  2 

1.5 

1.13 

1.13 

0 

2.0 

1.03 

I.03 

0 

J.O 

0.93 

0.94 

t  1 

5.0 

0.88 

0.86 

-  2 

10.0 

0.78 

0.78 

0 

This  method  has  been  applied  to  two  three-dimensional  problems  (3ee  Ref [67])  where 
it  was  assumed  that  the  errors  would  still  be  within  acceptable  engineering  accuracies. 

The  problems  studied  were  (i)  a  spherical  void  with  a  circumferential  crack  in  a  uniformly 
stressed  body  and  (ii)  a  hemispherical  pit  with  a  circumferential  crack  at  the  surface  of 
a  semi-infinite  body  subjected  to  uniaxial  tenaile  str  sses.  In  both  cases  only  the  two 
limiting  values  of  the  function  f(l/R)  are  known  and  it  was  therefore  assumed  that 
m  *  2.748  ,  as  in  the  two-dimensional  problem,  and  Q  and  M  were  calculated  to  ratisfy 
the  limits.  A  knowledge  of  these  constants  enables  the  stress  intensity  factor  to  be 
calculated  from  equations  (46)  and  (4’).  Since  there  are  no  alternative  solutions 
available  for  these  three-dimensional  problems  the  accuracy  of  the  approximation  cannot  be 
ascertained;  however  the  author [67] claimed  that  the  errors  would  be  wi'hin  no  lal 
engineering  11, .its. 

10,4  STRESS  INTENSITY  FACTORS  FOR  COKFLEX  CONFTOir  VTIONS 

Stress  intensity  factors  for  many  simple  cor  'igurations  are  available  [l-5]  but  they 
are  net  directly  applicable  to  the  more  complex  c>  ^figurations  of  typical  engineering 
components.  The  compounding  method  described  here  is  a  versatile  and  quick  way  of  extend¬ 
ing  these  solutions  to  other,  more  complex,  configurations  for  which  the  stress  intensity 
factors  are  not  '  nown.  Empirical  methods  which  were  used  by  Pigge  ana  Newman  [69]  , 
Smith[70],  Liu[7l]and  Tsratta  [l l]  can  be  shown  to  be  special  cases  of  compounding. 

In  this  chapter  only  two-dimensional  configurator  r  are  considered  but  solutions  for 
three-dimensional  configurations  may  also  be  obtained.  The  compounding  method  is 
described  and  shown,  by  comparison  with  some  known  results,  to  give  approximate  stress 
intensity  factors  which  contain  errors  of  only  a  f- w  per  rent..  The  method  la  applied  to 
two  common  aircraft  problems  -  cracks  in  stiffener  s.iests  and  a  cracked  hole  in  a  row  of 
holes. 


10.4.1  Compounding  technique 

A  cracked  structural  component  haa  several  boundaries,  *g  holes,  other  cracks  or 
sheet  edges;  all  these  will  influencs  the  stress  'ntensity  .'"actor  at  the  tip  of  t  le  crack. 
The  main  principle  of  the  compounding  method  is  to  obtain  a  solution  by  separating  the 
complex  configuration  ir.to  a  number  of  simpler  ancillary  configurations  which  hove  known 
solutions.  Each  ancillary  configuration  will,  usually,  contain  only  one  boundary  whicn 
interacts  with  the  crack.  The  contr.’butiors  frot,:  each  arciilary  configuration  are  com¬ 
pounded  [id] according  to  the  following  formula: 


*r  ■  *  '  I  (Kn  *  *>  *  *e  • 

all  n 


(49) 


where  Kp  la  the  resultant  atresa  Intensity  factor  with  all  the  boundaries  present,  Kn 

is  the  stress  intensity  factor  with  only  the  nth  boundirv  present,  K  is  the  stress 
intensity  factor  in  the  absence  of  all  boundaries  and  is  the  contribut ion  which  may 

be  present  due  to  boundary-boundary  interaction.  It  i.»  convenient  t  j  express  the  compound¬ 
ing  formula  in  terms  of  normalized  stress  intensity  factors  }(*  K/K )  since  mai  y  of  the 
known  ancillary  solutions  (in  particular  Ref[l])  are  given  in  this  form.  Equation  (40) 

becomes 


1  ♦ 


f«n  ’ 


1)  ♦  ft. 


all  n 


(60) 
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whsrs  Qj,  «  Ky./lf  .0,,  *  *n/K  •  K#/K  .  The  compounding  procedure  ia  applicable  to 

all  three  modes  of  cracking  (Kj,  Kj?  and  Kjjj). 

The  resultant  stress  intensity  factor  calculated  fro*  soae  of  the  empirical  aethoda 
[11,  69-71J  which  have  been  used  in  the  past,  can  be  coapared  with  that  obtained  by  coo- 
pounding.  In  the  case  of  two  boundaries,  the  empirical  methods  give 

«  Q&  .  (51) 

while  the  compounding  method  reduces  to 

Qr  •  «1  ♦  Q2  -  1  ♦  Qe-  (52) 

If  Q1  *  1  ♦  a  and  Q2  *  1  ♦  a  ,  then  equations  (51)  and  (52)  become 

Qr  «  1  ♦  •  H  ♦  il  j 

and  |  (53) 

Qj,  «  1  ♦  a  ♦  |  ♦  Q#  J  . 

If  a, a  <  1  the  twc  expressions  for  are  the  same  except  for  the  very  small  correction 

terms  at  or  .  However  if  a  and  a  are  not  small  compared  to  unity  then  boundary- 

boundary  Interactions  must  be  considered,  .'"'.h  effects  are  not  included  in  the  empirical 
methods,  but  are  the  source  of  the  term  in  the  compounding  method.  Thus  tne  empirical 

methods  are  a  special  case  of  compounding  when  boundary-boundary  interaction  effects  are 
negligible. 

The  evaluation  of  will  ofte;i  be  difficult;  it  can  be  formally  expressed [10] in 

teres  of  the  residual  stress  f.(.  ‘as  at  the  boundaries  by  using  the  Schwar*  alternating 
technique.  The  residual  stresses  were  originally  ignored  in  the  derivation  of  equation 
( U 9 )  which  is  based  on  the  principle  of  superposition.  For  m*,.y  plane-sheet  problems  Q 
is  email  (a  f»w  per  cent)  and  can  be  ignored;  for  problems  v  ?re  it  ia  important 
approximate  methods  have  been  developed  [72] for  evaluating  it. 

The  magr itude  of  the  boundary-boundary  interactions  have  been  estimated  by  calcula¬ 
ting  stress  in  enalty  factors  from  equation  (50)  without  Q#  ,  for  crack  problems  for 

which  alternative  solutions  wore  available  [lO] .  Th-  magnitude  of  was  found  to  depend 

on  the  number  and  type  of  boundary;  it  increased  is  the  number  of  boundariej  increased  and 
as  the  crack  approached  a  boundary.  Straight  boui.jaries  had  more  effect  than  curved 
boundaries  such  as  holes,  and  othur  cracks  had  a  smaller  effect  than  holes.  The  Magnitude 
of  Q#  was  less  than  101  for  the  range  of  crack  lengths  considered. 

The  simple  compounding  procedure  of  adding  together  the  effects  of  the  individual 
boundaries  needs  to  be  modified  if  the  crack  ert »»es  one  of  the  boundaries,  *9  a  crack  at 
the  edge  of  a  hole,  or  a  crack  beneath  a  stiffener  (which  is  treated  aa  a  boundary). 

Before  the  effect  of  the  other  boundaries  can  be  considered,  the  crack  plus  the  boundary 
it  crosses  must  be  replaced  by  an  equivalent  crack  [7?  ,7  JJ  which  then  interacts  with  the 
other  boundaries.  If  the  stress  intensity  factor  is  KQ  when  only  the  boundary  the  crack 

cresses  is  present,  then  the  equivalent  crack  length  a’  is  given  [72, 73]by 

a'  •  (!(0/K)2a  .  o£a  .  (5*) 

The  effect*  of  the  other  boundaries  on  the  original  crack  plus  boundary  ia  now  considered 
to  be  the  oame  as  the  effects  on  the  equivalent  crack.  In  order  to  calculate  these 
effects  the  distances  of  the  ether  boundaries  from  tne  equivalent  crack  must  be  determined. 
These  distances  are  determin'd  subject  to  the  condition  that  each  boundary  must  be  the 
tame  distance  from  the  nearer  tip  of  the  equivalent  crack  in  each  ancillary  cor'igurat ion 
as  it  was  in  the  original  configuration.  The  compounding  formula  (<19)  la  then  mod, '"led  to 


Kr  '  *0  *  i,  (Kn  '  V  *  Ke  (56) 

n<*o 

where  la  the  stress  intensity  factor  for  the  equivalent  crick  in  the  presence  of  the 

nth  boundary  only.  Equation  (65)  can  be  written  in  terms  of  tha  normalized  stress 
intensity  factors,  and  becomes 

,r  ■  *[.  -  I 

where  *  KVXg  •  *M*h  these  modified  formulae  the  stress  Intensity  factor  has  been 

calculated  fer  a  crack  In  a  sheet  with  a  periodic  array  of  stiffeners  and  compared  with 
the  work  of  Poe[7|i,75);  the  compounded  results  were  within  51  of  the  numerical  calcula¬ 
tions  of  Poe  Indicating  that  bourdary-bouodary  interactions  were  small. 
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In  some  .configurations  boundary-boundary  interactions  cannot  be  neglected,  for 
instance  a  crack  at  the  edge  of  a  hole  that  is  near  another  boundary.  A  measure  of  the 
interaction  may  be  obtained  from  the  difference  in  the  stress  aonaentration  factor  K. 
at  the  edge  of  the  hole  in  the  uncracked  configuration,  with  and  without  other  *' 

boundaries.  If  the  change  in  is  significant  then  the  boundary-boundary  interaction 

in  the  cracked  configuration  will  also  be  significant  particularly  for  short  cracks 

when  the  limiting  value  of  the  stress  intensity  factor  is  proportional  to  K¥  (see 

section  10.2  and  Ref  [72]).  5 

In  the  original  derivat .on  [l0]of  the  compounding  method  was  shown  to  arise 

because  the  stresses  induced  on  any  one  boundary  site  by  the  presence  of  the  other 
boundaries,  were  not  allowed  for.  An  approximate  technique  for  allowing  for  these 
stresses  has  been  developed  [72] and  used  in  the  evaluation  of  the  stress  intensity  factor 
for  a  hole  with  two  equal-length  cracks  located  symmetrically  in  a  finite-width  strip. 
The  distribution  of  stresses  around  the  hole  boundary  is  replaced  by  two  equal  and 
opposite  localized  forces  P  acting,  on  the  hole  perimeter,  perpendicular  to  the  crack 

line.  The  magnitude  of  P  is  chosen  so  that  the  maximum  tensile  stress  (o  )  at  the 

m&x 

e  !ge  of  the  uncracked  hole  due  both  to  the  remote  loading  and  to  the  forces  P  ,  in  the 
a.sence  cf  other  boundaries,  is  equal  to  that  in  the  real  configuration.  For  example, 
for  a  circular  hole  of  radius  R  ,n  a  fini;e-width  strip  with  a  uniform  stress  o  ,  the 
force  P  would  be  obtained  from 


°max  a  30  *  fs  s  V  »  (57) 

where  ’  i  is  the  maximum  stress  at  the  edge  of  a  circular  hole  in- a  uniformly  stressed 
shuet,  cP/(*R)  is  the  stress,  at  the  same  position,  due  to  the  forces  P  acting  on  a 
hole  in  an  infinite  sheet  [o1)] and  K ^  is  the  stress  oonotntration  factor  for  a  hole  in  a 

strip.  -ess  oonoent nation  factors  for  this  configuration,  and  many  others,  have  been 
collected  by  Peterson ^  J.  Qe  is  thus  obtained  from  the  solution  of  Tweed  and  Rooke [65] 

for  cracks  at  the  edge  of  a  ).;!•  subjected  to  localized  loads  and  added  to  the  other 
terms  in  equation  (50).  The  resultant  stress  Intensity  factor  will  thus  be  a  good 
approximation  since,  for  a  crack  of  length  t  ,  the  limiting  value  will  be 


lim 

t/R  -  0 


lKrf 


1  1.12o  /5Tt  *  1.12*,o  /7T 

max  t 


(58) 


"he  compounded  results  for  a  central  hole  with  two  equal-length  cracks  in  a  uni¬ 
formly  stressed  strip  have  been  compared  [72] with  the  stress  intensity  factors  calculated 
by  Newt  a’l  [76]using  the  boundary  collocation  technique.  For  a  hole-radius  equal  to  one 
quarter  of  the  strip-width  the  maximum  difference  was  4*,  for  a  hole-radius  of  one  half 
of  the  ;trip-wldth  the  maximum  difference  is  9*i  in  both  cases  the  differences  were  less 
than  It  for  short  cracks.  The  interaction  term  Q„  contributed  as  much  as  JO*  to  Q  - 

v  J, 

the  maximum  being  for  the  largest  hole  with  the  shortest  crack. 

In  the  following  the  principles  of  compounding  are  applied  to  calculate  the  stress 
Intensity  ract  r  in  two  configurations  which  typify  structural  components  of  an  airframe. 
The  first  configuration  is  a  periodically  spaced  row  of  holes  in  a  loaded  sheet  with 
either  one  or  two  cracks  at  the  edge  of  one  of  the  holes;  this  configuration  plus  the 
required  ancillary  configurations  are  shown  in  Fig  12.  The  second  configuration  is  a 
periodically  stiffened,  loaded  sheet  with  a  series  of  collinear.  equal-length  cracks 
centred  on  each  of  the  stiffenerj;  this  plus  the  ancillary  configurations  are  shown  in 
Pig  13. 

In  the  first  configuration  the  crack(s)  is  along  the  line  joining  the  hole  centres, 
a  distance  b  apart,  and  is  perpendicular  to  the  applied  tensile  stress  o  .  The 
ancillary  configurations  required  for  this  problem  are  (i)  a  cracked  hole  in  an  infinite 
sheet  (case  1.3.3.  in  Ref[l])  and  (ii)  a  crack  near  a  circular  hole  (case  1.3.5  in  Ref[l]) 
If  tip  A  in  Fig  12  is  the  tip  under  consideration  and  holes  to  the  right  of  A  are 
labelled  with  positive  integers  and  holes  to  the  left  with  negative  integers,  then 
equation  (56)  becomes 


(Qn  • 


l)! 
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n  *  0  .  (59) 


For  the  configurations  considered  (b/R  >  3)  contributions  to  were  negligible  for 

holes  with  |n|  »  2  .  To  ensure  that  the  distances  from  crack  tip  A  to  the  various 
boundaries  remain  the  same  as  in  the  original  configuration  it  follows  that  vsee  Fig  12) 
for  n  >  0 
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for  both  one  and  two  cracks;  for  n  <  0*  it  follows  that 


and 


bn-R  = 
bn  -  a  = 


fn|b  -  R  , 
I  n  |  b  -  a  , 


for  one  crack 
for  two  cracks 


:6l) 


The  boundary-boundary  interaction  term  is  small,  less  than  3?  of  ,  the  biggest 

values  were  obtained  for  very  short  cracks  for  b/R  =  3  . 

The  results  are  plotted  as  Kp/ (a  /w(a  -  R)}  vs  a/R  ,  for  both  one  and  two  crack3, 
in  Pig  1*1.  Values  of  for  b/R  =  10  differ  by  less  than  IX  from  ti.ose  for  b/R  =  ■ 

(an  isolated  cracked  hole).  For  values  of  a/R  greater  than  those  shown,  a  good 
approximation  may  be  obtained  by  replacing  the  cracked  hole  by  a  crack  of  length  2a  and 
compounding  the  solution  from  that  of  a  crack  located  centrally  between  two  holes  (case 
1.3.7  in  Ref[l]). 


The  second  configuration  considered  contains  an  infinite  series  of  cracks,  of  length 
2a  ,  centred  on  and  perpendicular  to  stiffeners  that  are  a  distance  b  apart.  The  3heet 
is  subjected  to  a  uniform  stress  a  remote  from  the  crack;  the  stress  in  the  stiffeners, 
in  order  to  maintain  strain  compatibility,  is  (Eg/E)o  where  E  and  Eg  are  the  Young' 3 

modulus  of  the  sheet  and  stiffener  respectively.  The  ancillary  configurations  required, 
in  general,  are  (i)  a  crack  centred  about  a  stiffener  which  may  be  broken  or  unbroken 
(case  2.2.1  !:■.  Ref[l]),  (ii)  a  crack  near  to  an  unbroken  stiffener  (case  2.2.2  in  Ref[l]), 
and  (iii)  three  colllnear  cracks  in  a  uniformly  stressed  sheet  (case  1.2.7  in  Ref[lj). 

If  tip  A  of  the  crack  at  stiffener  SQ  ,  ir.  Pig  13,  is  the  tip  under  consideration  and 

stiffeners  to  the  right  of  A  are  labelled  with  positive  integers  and  stiffeners  to  the 
left  with  negative  integers,  then  equation  (55)  has  been  shown  [77]  to  become 

Kr  ’  K0  +  Z  (Ki,n  *  V  +  Z  '  *0>  *  (62) 

n*0  n>0 


The  stress  intensity  factors  K„,  K'  _  and  K'  .  are  defined  as  follows:  K~  is  for  a 

0  a ,n  c ,*n  u 

crack  of  length  2a  in  ancillary  configuration  (i);  K'  is  for  a  crack  of  length 

o  3 }  n 

2a^(s  PQ^a)  whose  centre  is  a  distance  b^  n  from  the  nth  stiffener  as  in  ancillary 
configuration  (ii);  and  ±n  is  for  a  crack  of  length  2a^  located  symmetrically 
between  two  cracks  of  length  2a^(=  2Q^a)  as  in  ancillary  configuration  (iii).  The 
equivalent  cracks  of  length  2a^  are  obtained  by  replacing  each  crack/stiffener  pair  by 
a  crack  with  the  same  stress  intensity  factor;  the  length  a^  is  given  in  terms  of  an 

by  equation  (5*0  with  replacing  Qn  and  the  distance  between  crack  centres  d.. 

is  given  by  n  0  °*n 
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Qn  is  the  normalized  stress  intensity  factor  for  a  crack  of  length  2an  centred  on 
stiffener  Sn  in  a  sheet  with  no  other  stiffeners  or  cracks  present  (case  2.2.1  in 
Ref[l]).  In  this  periodic  configuration  afi  *  a  for  all  n  .  If  all  the  stiffeners  are 
unbroken  then  Qn  *  for  all  n  ,  but  if  SQ  is  broken  then  all  the  Qn  s  are  equal 
for  n  *  0  and  Qq  >  Qn  . 

Because  of  the  periodicity  of  the  stiffeners  equation  (62)  can  be  simplified  since 


*0  *  Z  <*;,n  -  V  *  KP  *  <61” 

n*Q 

where  ,  the  stress  intensity  factor  for  a  crack  centred  about  one  of  the  stiffenere 

in  a  periodic  set,  has  been  calculated  by  Results  for  a  periodic  set  of 

riveted  stiffeners  are  shown  in  Fig  15;  the  particular  configuration  is  defined  by 

h/b  *  jiy  where  h  is  the  rivet  pitch  and  a  *  1  where  s  is  the  ratio  of  the  stiffness 
of  the  stiffener  to  that  of  a  sheet  of  width  b  and  thickness  t  ,  Ye  s  *  Eg  Ag/(Ebt)  , 
where  Ag  is  the  cross-sectional  area  of  a  stiffener.  Results  for  the  stress  intensity 
factor  for  '  SQ  both  broken  and  unbroken  are  shown  and  compared  with  those  for  a  single 
crack  in  a  periodic  array  of  stiffeners  (Ye  Kp). 


This  is  a  modified  form  of  equations  (19)  and  (20)  in  Ref[72]which  enables  a  consist¬ 
ent  extension  of  the  method  to  be  made  for  cracks  near  oroken  stiffeners:  results  for 
the  present  problem  are  virtually  unaffected. 


10.4.2 


Load  relief  factors 


There  arc.  a  number  of  situations  where  multiple  cracks  occur,  they  include  cracks 
arising  at  fastener  holes  in  stiffened  structures  or  cracks  caused  by  surface  finishing 
processes  etc.  Only  a  few  solutions  are  available  for  stress  intensity  factors  for 
multiply-cracked  finite  bodies.  Accurate  mathematical  analyses  are  complex  and  time- 
consuming  to  apply  to  such  cases.  However,  if  high  accuracy  is  not  required  for  a  given 
application,  a  simple  approach  based  on  the  concept  of  'load  relief*  may  be  adequate. 


It  is  known  that  under  certain  loading  conditions  the  stress  concentration  effect 
of  multiple  parallel  notches  is  less  than  that  of  a  single  notch.  In  fact,  a  design 
procedure [78J in  which  additional  notches  are  provided  primarily  to  effect  a  redistribution 
of  the  stresses  is  called  'load-relieving  notches'.  Neuber  [25] investigated  this  effect 
and  suggested  a  concept  that  he  referred  to  as  the  'coefficient  of  load  relief  for 
notches.  A  similar  concept  to  be  called  the  'load  relief  factor'  may  be  appropriate  to 
opening  mode  stress  intensity  factors  for  multiple  cracks  in  stressed  bodies  [ll] . 

The  load  relief  factor  F  can  generally  be  defined  as  the  stress  intensity  factor 
of  a  multiply-cracked,  infinite  body  (K^^  _  divided  by  the  stress  intensity  factor  of 

a  single  cracked  body  (KT)  of  the  same  geometry  and  loading  conditions.  Hence  for 

is,* 

the  mode  I  stress  intensity  factors  the  load  relief  factor  is  given  by 
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(KT) 
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(65) 


When  P 
value  of 

ia 


is  known  for  an  infinite  (or  semi-infinite)  body  it  is  then  assumed  that  the  same 
P  applies  to  a  finite  cracked  body  with  similar  geometry  and  leading  conditions. 
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where  (Kj)s  p  is  ttie  stress  intensity  factor  for  a  single-cracked  finite  body  of  the  same 

loading  conditions  as  that  included  in  the  determination  of  F  ,  and  (KT)_  ,  is  the 

X  01|i 

required  solution  for  the  same  finite  body  with  multiple  cracks. 


The  first  configuration  to  be  considered  is  that  of  an  infinite  row  of  parallel 
cracks  of  length  2a  and  separated  by  a  distance  2h  ;  the  cracks,  which  are  internally 
pressurized  with  a  uniform  pressure  p  ,  are  located  centrally  in  an  infinitely  long  strip 
of  width  2b  (3ee  Pig  16).  Watanabe  and  Atsumi  [79]have  obtained  the  stress  int  .nsity 
factor  for  this  configuration  and  the  results  from  this  method  will  be  compared  with  their 
more  accurate  ones.  The  load  relief  factor  for  this  particular  case  can  be  obtained  from 
the  stress  intensity  factor  for  an  infinitely  wide  strip  of  height  2h  containing  a 
central  crack  of  length  2a  midway  between  and  parallel  to  the  edges  (see  case  1.1.6  in 
Ref[l]).  The  crack  is  opened  by  uniform  pressure  p  ,  and  the  particular  boundary 
conditions  on  the  two  edges  of  zero  normal  displacement  and  zero  shear  3tress  are  identical 
with  those  that  occur  midway  between  parallel  cracks,  in  an  infinite  periodic  array.  The 
resulting  load  relief  factor  which  is  a  function  of  a/h  is  given  in  Fig  8  of  Ref[l}. 

The  second  solution  needed  is  that  of  a  pressurized  central  crack  .in  a  finite-width  strip. 
The  solution  to  this  is  identical  to  that  of  a  central  crack  in  a  uniformly  stressed 
strip  and  is  known  (see  case  1.1.1  in  Ref  M>. 

The  substitution  of  equation  (65)  into  equation  (66)  gives 
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This  relationship  is  illustrated  schematically  in  Pig  16  and  demonstrates  the  way  in  which 
Watanabe  and  Atsumi 's  results  can  be  approximated  from  two  other  known  solutions.  The  two 
sets  of  results  are  giver  in  Fig  17,  where  it  can  be  seen  that  for  values  of  a/b  <0.5 
and  h/a  >  0.5  the  differences  20X;  the  approximate  results  are  always  conservative 
for  this  configuration. 

Another  oroblem  that  ha3  been  solved  [ll] is  the  determination  of  the  stress  intensity 
factors  for  multiple  cracks,  each  of  length  i  ,  in  a  thick-walled  cylinder  subjected  to 
internal  pressure  p  (see  Fig  18).  The  procedure  is  similar  to  that  used  before,  namely 
it  is  assumed  that  the  load  relief  factor  for  an  infinitely  thick  cylinder,  which  can  be 
derived  from  the  work  of  Tweed  and  Rooke [8o]is  the  same  as  that  for  a  finite  thickness 
cylinder.  The  solution  for  two  cracks  of  length  t  in  a  finite  thickness  cylinder,  which 
is  also  required,  i3  available  (see  case  3. 2. it  of  Ref[l]).  Results  are  given  in  Table  6 
for  a  cylinder  with  a  ratio  of  outer  radius  R  to  inner  radius  R.  of  1.5;  the  results 

are  given  for  different  values  of  the  ratio  of  the  crack  length  t  to  the  wall  thickness 
<R  -  R^)  and  for  different  numbers  of  cracks  n  .  Also  shown,  for  comparison  are  the 

more  accurate  finite  element  results  of  Pu  and  Hussain [8l] and  the  percentage  differences 
between  the  two. 


It  can  be  seen  from  Table  6  that  for  t/(R„  -  R, )  4»  0.2  the  differences  are 

0  1 

acceptable  for  many  engineering  applications;  similar  results  were  obtained  for  Rq/R^  1  2- 
The  fact  that  the  differences  increase  a3  t/(RQ  -  R^)  increases  reflects  the  fact  that 


Table  6 


Values  of  (Kj)^  ^j{ p  v'iTt)  for  a  multiply-cracked  cylinder  with  RQ/R^  =  1.5 


0.1 

0.2 

0.3 

0.4 

Eq. 

Ref 

% 

Eq. 

Ref 

% 

Eq. 

Ref 

t 

Eq . 

Ref 

(67) 

[81] 

Diff. 

(67) 

[81] 

Diff. 

(67) 

L81J 

Diff. 

(67) 

[81] 

3 

3.99 

3.99 

0 

4.36 

4.33 

+  1 

4.96 

4.72 

+5 

5.73 

5.33 

+8 

4 

3.98 

3.95 

+  1 

4.36 

4.23 

+  3 

4.94 

4.50 

+10 

5.68 

4.96 

+  14 

5 

3.98 

3.93 

+  1 

4.32 

4.12 

+5 

4.86 

4.32 

+12 

5.65 

4.64 

+22 

6 

3.98 

3.93 

+  1 

4.28 

4.02 

+6 

4.78 

4.07 

+17 

5-38 

4.33 

+  24 

8 

3.94 

3.82 

+3 

4.16 

3.78 

+10 

4.53 

3.66 

+24 

4.98 

3.79 

+31 

10 

3.90 

3.77 

+3 

4.00 

3.63 

+10 

4.24 

3.42 

+  24 

4.57 

3.47 

+  32 

15 

3.73 

3.63 

+3 

3.56 

3.27 

+  9 

3.58 

2.96 

+  21 

3.78 

2.91 

+29 

20 

3.53 

3.46 

+2 

3.15 

2.93 

+7 

3.11 

2.61 

+19 

3.31 

2.57 

+29 

30 

3.08 

3.05 

+1 

2.57 

2.42 

+  6 

2.57 

2.18 

+18 

2.74 

2.17 

+26 

40 

2.75 

2.71 

+1 

2.30 

2.13 

+8 

2.29 

1.93 

+19 

2.44 

1.94 

+26 

boundary-boundary  interactions  are  becoming  important.  The  assumption  that  the  load 
relief  factor  for  a  finite  body  is  the  same  as  for  an  infinite  body  explicitly  excludes 
such  interactions.  This  problem  of  boundary-boundary  interactions  has  been  previously 
discussed  in  section  10.4.1  where  the  more  general  method  of  compounding  contains  a 
procedure  for  incorporating  the  effects  of  such  interactions  into  the  calculation  of 
stress  intensity  factors. 

10.5  DISCUSSION  AND  CONCLUSIONS 

The  various  simple  methods  of  calculating  stress  intensity  factors  described  in 
thi3  chapter  all  involve  approximations  and  hence  their  U3e  in  a  fracture  mechanics 
analysis  will  introd  ;ce  errors.  It  has  been  shown  that  for  many  cases  the  magnitude  of 
the  errors  is  within  acceptable  engineering  limits.  The  errors  due  to  the  approximations 
in  determining  K  are  not  the  only  source  of  uncertainty.  There  will  be  uncertainties 
in  the  crack  length  measurements,  in  the  applied  loads  and  in  the  material  properties. 

All  of  these  need  to  be  considered  in  forming  a  judgement  on  the  use,  or  otherwise,  of 
approximations  for  the  stress  intensity  factor.  A  comparison  of  these  sources  of 
uncertainty  and  the  consequences  for  the  residual  strength  and  fatigue  crack  growth-rate 
have  been  examined  in  detail  for  one  simple  approximation  [13] .  The  approximation  was  a 
combination  of  the  'maximum  stress'  method  for  short  cracks  and  the  'uniform  stress' 
method  for  long  cracks  (see  sections  10.2  and  10.3  ).  Since  the  maximum  stress  approxi¬ 
mation  overestimates  the  stress  intensity  factor,  conservative  values  were  obtained  for 
the  residual  strength  and  the  lifetime  of  fatigue  cracks;  the  errors  were  no  more  and 
often  less  than  those  due  to  uncertainties  in  crack  length,  stress  level  and  material 
properties  and  would  therefore  be  acceptable  for  many  engineering  applications. 

The  use  of  simple  methods  may  often  be  dictated  by  economic  considerations.  The  use 
of  alternative  methods  can  be  very  costly  in  both  time  and  money  (see  section  10.2,  Pig  1) 
if  such  methods  are  available  at  all. 

Since  safety  i3  always  of  paramount  importance  in  aerospace  applications  care  must 
be  exercised  in  choosing  a  simple  method  which  will  result  in  conservative  estimates  of 
strength  and  lifetime.  As  much  of  the  lifetime  of  a  fatigue  crack  is  spent  while  the 
crack  is  short,  this  usually  means  ensuring  that  the  chosen  method  overestimates  the 
stress  intensity  factor  for  short  cracks.  It  is  however  important  to  choose  a  method 
which  minimizes  the  overestimate  at  short  crack  lengths;  over-conservative  estimations  can 
result  in  designs  which  would  have  a  severe  weight  penalty. 

Methods  suitable  for  simple  configurations  and  methods  suitable  for  complex 
configurations  with  multiple  boundaries  have  been  described.  In  many  applications  it  will 
be  necessary  to  combine  these  methods.  For  instance  the  ancillary  configurations  which 
result  from  the  use  of  the  compounding  technique  may  not  have  known  solutions;  but  some  of 
the  simpler  techniques  may  be  used  to  obtain  the  ancillary  solutions. 
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Fail-safe  approach,  4-28 

Fail-safe  design,  5-5 

Fail-safe  strength,  4-18 

Fail-safe  stress,  3-18 

Fail-safe  structure,  6-12 

Failure  load,  6-12 

Failure  stress,  4-20,  4-23,  4-26 

“Falstaff”  load  sequence,  6-1 1 

Falstaff  methods,  7-29 
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Fastener.  4-9 

Fastener  connection  flexibility,  3-97 

Fastener  holes,  4-9 
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Fracture  mechanics  principles,  4-9 
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Free -surface  correction  factors,  4-9 
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Friction  forces,  3-97 
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Geometric  (or  log)  mean.  8-34 

Grain  flow,  614 

Grain  flow  patterns,  64,  612 
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Green's  function  technique,  10-8 

Griffith's  criterion,  J-20 

Growth  rate  of  it  res*  corrosion  cracks,  9-4 


11-6 


H 

Helicopter  rotor  heads,  6-3 
Histogram,  8-3S 
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Identical  forgings,  6-15 
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Influence  of  initial  crack  length  on  retardation,  7-13 
Initial  flaw  sizes  defined  in  MIL-A -83444, 9-24 
Initial  flaw  shapes,  4-t  5 
Inspection  crack  size,  4-20 
Interference,  4-17 
Interference  fastener,  4-9 
Interference  fit,  4-9 
Integral  stiffener,  3-70 
Integral  structures,  5-1 

Integrally  stiffened  panels,  3-70,  54,  5-5,  5-7 
Integrally  stiffened  structures,  5-3 
Internal  cracks,  2-2 
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J-integral  values,  3-24 
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Kinetic  energy,  4-18 
K-solution,  4-13 
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Landing  gear  spectrum,  6-9,  6-10 
Lateral  stiffening,  3-33 
Life  prediction  calculation,  2-5 
Life  endurance  tests,  444 
Limit  load  stress,  9-8 
Linear  analysis,  446 

Linear  elastic  fracture  mechanics  (L.E.F.M.),  2-3,  5-1, 5-5 
Linear  integration,  446,  4-52 
Load  bearing  splices,  4-1 1 
Load  carrying  elements,  3-3 
Load  concentration  factors,  3-58 
Load  interaction,  4-15,  4-29 
Load  interaction  (retardation),  442 
Load  path,  6-3 

Load-relieving  notches’,  10-25 
Load  relief  factors,  10-3 
Loading  spectrum,  3-82 
Load  spectrum,  4-20,  4-36 
Load  sequence  at  different  mean  stress,  7-24 
Load  transfer,  3-3,  4-3,  41 1 , 4-1 7,  4-52 
Log  normal  distribution,  84,  8-16 
Longitudinal  cracks,  3-24 
Low  cycle  fatigue,  2-6 
Low  fracture  toughness  Kc,  6-7 
Low  oxygen  content,  6-14 

M 

Magnesium  alloys,  9-5 
Mandrelizing,  49 
Maraging  steel,  6-10,  9-3 
Material  sources  of  variability,  8-15 
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Maximum  size  of  flaw,  9-8 
Mean  fracture  toughness,  8-4,  8-5,  8-6 
Measured  variability,  8-15 
Mechanics  of  linear  elastic  fracture,  7-4 
Metallurgical  dissipation  processes.  2-2 

Methods  of  calculating  the  crack  propagation  under  variable  load  sequence,  7-14 

Methods  of  determining  stress  intensity  factors,  10-4 

Method  for  predicting  the  potential  crack  size,  9-6 

Microcrack  initiation,  2-4 

MIL-A-83444  Specification,  9-8 

MIL-83444  of  the  U.S.A.F.,  7-3 

MIL-standard  1587  of  the  U.S.A.F.,  6-3 

Mill  annealing,  5-14 

Mission  analysis,  2-5 

Modelling  of  the  rivet  connection,  3-7 

Monte  Carlo  simulation  techniques,  2-3 

Multiple  colinear  cracks,  4-1 7 

Multiple  cracks,  4-17,  4-52 

Multiple  parallel  cracks,  4-1 
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Normal  distribution,  8-3,  8-4.  8-5 
NDI,  9-5,  9-7 

NDI  method,  2-3,  6-3,  7-3,  7-31 . 9-9 
NDI  techniques,  6-1 1 
Newman  method,  7-21 
Newman’s  solution,  4-42, 4-46 
Nickel-base  alloy,  9-6 
Nondestructive  inspection,  4-42 
Nonlinear  crack  growth  equation,  2-3 
Nonlinear  shear  displacement,  3-83 
Notch  strength  analysis,  3-47 
Numerical  analysis  techniques,  3-1 1 
Naturai  metallurgical  crack  initiation,  2-4 
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Opening  mode  stress  intensity  factor,  10-5,  10-9 
Order  number,  8-34 
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Paris’s  calculation  formula,  7-5 

Parametric  analysis,  437,  4-43,  4-49 

Parametric  studies,  3-7,  3-9 

Peak  stress  intensity,  49 

Plane  strain,  6-3,  10-12 

Plane  strain  conditions,  6-4,  6-5 

Plane  stress,  41 1, 445,  10-12 

Plane  stress  conditions,  3-18,  64 

Plane  stress  fracture  toughness,  3-17,  3-26 

Plastic  deformation,  3-9 

Plastic  zot.e  correction  factors,  3-5  f 

Plateau  crack  growth  rates,  9-8 

Plateau  crack  growth  rates  fot  high-strength  steels,  9-16 
Precision  forgings,  6-3 

Precracked  specimen  configurations  .'or  stress-corrosion  testing,  9-20 

Predicted  failing  load,  6-7 

Premature  fatigue  cracks,  6-7 

Pressurized  elliptical  crack,  4-5 

Probabilistic  approcch,  8-3 

Probabilistic  fracture  mechanics,  8-6 

Production  process,  7-10 

Programmed  block  ioading.  8-17 

Proof  load  cycle,  9-8 

Proof  stress  ievel,  9-8 

Proof  testing,  9-8 
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Propagation  curves,  4-36 
Propagation  and  failure  of  the  crack,  4-36 
Propagation  of  macrocracks,  2-2 
Propagation  predictions,  3-82 

Q 

Quarter  circular  comer  crack,  4-26 
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Radial  stiffener,  3-85 
Random  loading,  4-29,  8-17 
Random  variable,  8-34 
Rapid  fatigue  crack  propagation,  6-7 
Rate  of  crack  propagation,  7-5 
Rate  of  fatigue  crack  growth,  9-9 
Rate  of  growth  of  fatigue  crack,  10-4 
R-curve  approach,  3-48 
R-curve  determination,  3-22,  3-24 
Recrystallisation  annealing,  6-14 

Relationship  between  applied  stress  and  displacement,  7-19 

Remote  loading,  4-35 

Residual/ assembly  stresses,  9-7 

Residual  compressive  stresses,  4-1 7 

Residual  static  strength,  6-3,  6-4,  6-7,  6-8.  6-9.  6-1 1 
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Residual-strength  calculation,  3-58,  3-85,4-1 1 
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Residual  strength  diagram,  3-17,  3-39,  3-43 

Residual  strength  predictions,  3-24,  3-45,  3-58,  3-82, 4-26 

Residual  strergth  requirements,  3-82 

Residual  strength  of  a  riveted  structure,  3-38 

Residual  strength  specimens,  4-26 

Residual  strength  for  stiffened  panels,  3-28 

Residual  strength  tests,  3-13,  3-51,5-1, 5-5,  5-6 

Residual  stresses,  4-15,  4-17,  8-16,  9-6 

Residual  tension  stress,  9-3 

Resistance  curve  approach,  3-24,  3-45 

Retardation,  3-62,4-15,4-36, 4-46,  4-49,  7-18 

Retardation  effect,  4-45,  5-6,  6-6,  7-13,  7-15 

Retardation  effects  of  different  materials  as  a  function  of  the  relative  load,  7-13 

Retardation  effects  of  various  materials,  7-1 2 

Retardation  factors,  7-13 

Retardation  model,  4-29,  4-30 

Retardation  modeling,  4-1 1 

Retardation  relative  to  the  crack  propagation,  7-1 1 

Retardation  relative  to  the  load  cycle  number,  7-1 1 

Retarded  in'  gration,  4-52 

Richards  a  no  Lindley’s  calculation  formula,  7-5 

Rivet  flexibility,  5-4 

Rivet  forces,  3-7 

Riveted  stiffener,  5-3 

Rotating  disk  structure,  2-2 
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Safe-life  philosor'ny,  4-29,  63,  6-6,  8-19 

Safe  life  of  rotating  engine  structures,  2-7 

Safe  life  structures,  8-1 5 

Safety  coefficients,  61 1 

Safety  factor,  8-3 

Scatter,  612,9-4 

Scatter  band,  3-99 

Scatter  of  the  fatigue  life  to  failure,  613 
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Scatter  of  fracture  toughness,  6-10 
SCC  DATA,  9-5 

Semielliptical  surface  notch,  6-7 
Service-induced  stresses,  9-3 
Service  life,  8-15 
Service  loading,  4-36 
Service  loads,  6-3 
Shear  coupling,  4-9 
Shear  loads,  4-1 1 
Shear  modulus,  10-12 
Shear  stresses,  4-5 

Sheet-stiffened  interaction,  3-5,  3-7,  3-17,  3-51 

Skin  fracture  toughness,  3-33,  3-38 

Skin  material  fracture  toughness,  3-38 

Skin-stringer  combinations,  3-62 

Simultaneous  crack  growth,  3-7 

Slow  crack  growth,  6-3 

Slow  stable  crack  growth,  3-1 1,  3-20,  3-22 

Smooth  specimen  tests,  9-4 

Smooth  threshold  stress,  9-6 

Spectrum  of  fatigue  loading,  5-7 

Spectrum  loading,  5-6 

Spectrum  of  plane  stress,  7- 1 7 

Stable  crack  growth,  3-18,  3-52 
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Standard  oxygen  content,  6-14 

Static  loading,  3-27,  3-33 

Static  notch  strength  factor,  3-47 

Static  structures  in  engines,  2-7 

Statistical  hypothesis,  8-36 
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Steel,  9-6 
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Stiffened  panels,  3-28,  3-70, 4-1 1 

Stiffened-sheet  curve,  3-52,  3-58 

Stiffener  effectiveness,  3-i  7 

Stiffener  failure  curve,  3-1 8,  3-58 
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Stiffener  strength,  3-18 

Stiffener  strength  curve,  3-27 
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Stiffening  ratio,  3-68 

Strain  energy,  5-6 

Strain  gauge  measuring,  3-98 

Strength  of  materials,  8-3 
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Stress  analysis,  3-9, 4-1 1 
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Stress  field,  7-4 
Stress  history,  4-1 1 

Stress  intensity,  3-5,  3-22,  3-62,  3-68,  3-77,  4-5,  4-9,  4-1 1,4-13,  4-15,  4-17, 4-24,  4-28,  4-45, 4-52,  7-4,  7-10, 9-3,  9-4, 9 
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Stress-intensity  analysis,  3-62, 4-3 
Stress  intensity  correction  factor,  3-5, 3-17 
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Stress  risers,  9-3 
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Stringer  critical  stress,  3-43 
Stringer  failure,  3-9,  3-17 
Stringer  plasticity,  3-62 
Structural  life  prediction,  2-5 
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Superposition,  10-5 

Superposition  for  an  edge-cracked  strip  in  bending,  10-5, 10-10 

Superposition  for  a  pin-load  hole  with  radial  cracks,  10-5 

Superposition  of  stress  intensity  factors,  10-5 

Surface  crack  growth,  2-4 

Surface  crack  initiation,  2-4 

Surface  cracks,  2-2 

Surface  flaws,  4-15, 4-26 

Surface  residual  stress  and  hardness,  2-4 

Surface  retardation,  2-2 

Surface  stress  initiated  cracks,  2-2 

Sustained  loading  of  fatigue  precracked  specimens,  9-4 

Sustained  stress,  9-6 

Sustained  stress  profile.  9-6 

Symmetrical  grain  flow  pattern,  6-1 5 
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Temperature  increases  and  crack  propagation,  7-8 

Tensile  residual  stresses,  9-8 

Tension  stress,  3-1 1,9-6 

Thermal  stresses,  2-6 

Threshold  jtress,  9-4 

Threshold  stress  intensity,  9-5 

Threshold  stresses  for  high-strength  steel,  9-1 5 

Threshold  value,  7-6 

Through  crack  at  a  hole,  6-6 

Through  crack  at  a  pin  loaded  hole,  6-6 

Through-the-thickness  crack,  4-26, 4-28 

Titanium  alloys,  9-4,  9-5,  9-6 

Titanium  crack  stopper  straps,  3-33,  3-34 

Titanium  forging,  6-8 

Tornado  meth  ds,  7-29 

Torsional  eigenfrequency,  6-5 

Total  fracture,  3-11 

Toughness  tests,  4-28 

Turbine  airfoil,  2-2 

Turbine  airfoil  durability,  2-4 

Turbine  disks,  6-3 

Typical  crack  in  a  forging,  6-4  . 
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Uniaxial,  5-6,  10-18 
Uniaxial  cyclic  loading,  3-27 
Uniaxial  loading.  5-7 
Uniaxial  loads,  3-27,  3-33 


Uniaxial  stress,  3-5,  6-7 

Uniaxial  tensile,  5-3 

Uniaxial  tension,  3-1 1,  3-44 

Unstable  crack  growth,  3-17, 3-18,  3-22, 3-58,  3-62 

Unstable  fracture,  9-9 

Unstiffened  pressure  vessels,  3-24 

USAF  retardation  model,  6-9 

USAF  specification  MIL-A-83444,  9-7 

V 

Variable  stress  field,  2-4 
Variability,  8-15 
Variate,  8-34 
Vibration  stresses,  2-2 

W 

Walker’s  calculation,  7-5 

Walker’s  formula,  7-6 

Wanhill  and  Lofs  solution,  4-42 

Weibull  distribution,  8-4,  8-41 , 8-52 

Weight  function  method,  2-4 

Weight  functions,  10-12 
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